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Preface 


This  report  presents  the  findings  of  a  study  performed  by  AGARD  Working  Group  17  into  the  current  understanding  of  the 
aerodynamics  of  complex  3-D  aircraft  afterbodies  and  the  status  of  the  methods  now  available  to  aid  in  their  design 
optimisation.  Assembled  by  a  group  of  computational,  experimental  and  application  specialists  selected  from  industry, 
government  agencies  and  universities  and  bringing  together  material  gathered  over  the  two  years  between  the  autumns  of 
1992  and  1994,  the  work  fulfils  one  of  the  main  recommendations  of  the  preceding  working  Group,  WG08  (1986),  namely  — 
to  provide  an  update  on  the  state-of-the-art  with  particular  consideration  of  the  progress  made  on  the  computational 
simulation  of  three-dimensional  viscous  flow. 

The  major  part  of  the  report  is  given  over  to  the  results  obtained  and  lessons  learned  from  the  application  of  current  CFD 
procedures  to  a  selection  of  test  cases  ranging  in  complexity  from  a  simple  axisymmetric  body  with  jet  to  a  twin-jet  body 
complete  with  wings  and  empennage.  Comprehensive  descriptions  of  the  selected  test  cases  with  their  experimental  data 
bases  are  appended  to  the  report  in  the  hope  that  these  will  continue  to  serve  other  researchers  in  the  field.  Other  sections  of 
the  report  review  the  developments  made  in  empirical/semi-empirical  procedures  and  in  the  experimental  techniques 
applicable  to  support  both  future  computational  developments  and  aid  directly  in  the  task  of  aircraft  design  optimisation. 

Comparing  the  current  scene  with  that  in  1986  the  group  found: 

—  Major  advances  have  been  made  in  the  capabilities  of  CFD  which,  provided  great  care  is  taken,  can  now  be  usefully 
applied  to  some  of  the  most  highly  complex  geometries  and  flow  situations  with  growing  confidence  in  the  quality  of 
the  prediction  of  the  general  flowfield  and  incremental  performance  trends.  Reliable  prediction  of  absolute 
performance  remains  elusive,  however.  Ease,  consistency  and  quality  of  mesh  generation,  accurate  representation  of 
geometric  detail  and  turbulence  modelling  rank  high  amongst  the  issues  seen  as  setting  the  pace  of  further 
improvements. 

—  Semi-empirical  procedures  retain  an  important  position  in  the  design  development  process  offering  a  highly  cost 
effective  means  of  using  available  experimental  data  to  yield  performance  predictions  to  an  accuracy  that  is  still  hard  to 
match  using  CFD.  Further  expansion  of  the  experimental  data  base  to  support  these  methods  continues  to  be  justified. 

_  Among  the  most  influential  developments  in  the  experimental  field  are  those  laser  and  paint  based  techniques  that 

enable  non-intrusive  global  flow-field  sampling  and  near  complete  mapping  of  the  model  surface  pressures  and  viscous 
forces.  As  well  as  greatly  extending  the  scope  for  understanding  general  flow  field  behaviour  these  techniques  now 
allow  measurement  of  the  detailed  information  needed  for  the  validation  of  developing  computational  techniques,  and 
notably  turbulence  models.  Wider  and  more  practised  use  of  these  new  techniques,  more  careful  experimental 
conditioning  to  minimise  model  support  interference  on  balance  force  measurements  and  further  exploration  of  the 
effects  of  hot  jets  are  highlighted  as  areas  deserving  future  research  attention. 


IX 


Preface 

Ce  rapport  presente  les  conclusions  d’une  etude  realisee  par  le  groupe  de  travail  No.  17  de  I’AGARD,  sur  I’etat  actuel  des 
connaissances  dans  le  domaine  de  I’aerodynamique  des  arriere-corps  complexes  Mdimensionnels,  ainsi  que  sur  les  methodes 
actuellement  disponibles  pour  1’ optimisation  de  leur  conception.  Un  groupe  de  specialistes  en  informatique,  en 
experimentation  et  en  applications  venant  de  I’industrie,  des  agences  gouvemementales  et  des  universites  a  rassemble  des 
elements  d’information  collectes  entre  I’automne  1992  et  I’automne  1994.  L’ouvrage  repond  a  I’une  des  principales 
recommandations  du  groupe  de  travail  precedent  (WG08)  (1986),  c’est-a-dire:  presenter  une  mise  a  jour  de  I’etat  de  Tart,  en 
apportant  une  attention  particuliere  aux  progres  realises  dans  le  domaine  de  la  simulation  par  ordinateur  des  ecoulements 
visqueux  tridimensionnels. 

La  majeure  partie  du  rapport  est  consacree  aux  resultats  obtenus  et  aux  enseignements  tires  des  procedures  courantes  en 
aerodynamique  numerique  appliquees  a  une  serie  de  cas  d  essais  allant  du  simple  module  axisymetrique  simple  avec  reacteur 
jusqu  a  1  ensemble  complet  bireacteur  avec  voilure  et  empennage.  Des  descriptions  tres  completes  des  cas  d’ essais  retenus, 
avec  leurs  bases  de  donnees  experimentales,  sont  annexees  au  rapport,  a  I’intention  d’autres  chercheurs  travaillant  dans  le 
meme  domaine.  D’autres  sections  du  rapport  examinent  les  developpements  intervenus  dans  les  procedures  empiriques/semi- 
empiriques,  ainsi  que  dans  les  techniques  experimentales  applicables  au  soutien  des  futurs  developpements  informatiques  et  a 
I’optimisation  de  la  conception  des  aeronefs. 

Le  groupe  a  compare  la  situation  actuelle  a  celle  existant  en  1986  et  ses  conclusions  ont  etc  les  suivantes: 

des  progres  considerables  ont  ete  realises  en  ce  qui  conceme  les  possibilites  de  1’ aerodynamique  numerique,  lesquels, 
sous  reserve  des  precautions  qui  s’imposent,  peuvent  desormais  etre  appliques  profitablement  a  certaines  des 
geometries  et  aux  cas  d’ecoulement  les  plus  complexes  en  faisant  de  plus  en  plus  de  confiance  a  la  qualite  de  la 
modelisation  du  champ  d  ecoulement  global  et  aux  tendances  d’accroissement  des  performances.  La  prevision  absolue 
des  performances  reste,  cependant,  encore  intangible. 

La  faalite,  la  coherence  et  la  qualite  de  la  generation  des  maillages,  ainsi  que  la  representation  fidele  du  detail 
geometrique  et  de  la  modelisation  de  la  turbulence  figurent  parmi  les  questions  les  plus  importantes  pour  ce  qui 
conceme  les  ameliorations  futures. 

—  les  procedures  semi-empiriques  occupent  une  position  importante  dans  le  processus  d’evolution  de  la  conception 
puisqu  elles  offrent  un  moyen  extremement  rentable  d’utiliser  des  donnees  experimentales  existantes,  et  sont 
susceptibles  de  donner  des  previsions  d’une  precision  qui  serait  encore  difficile  a  atteindre  par  les  methodes  CFD.  Un 
accroissement  permanent  de  la  base  de  donnees  experimentales,  demande  pour  le  soutien  de  ces  methodes,  continue  a 
etre  justifie. 


parmi  les  developpements  qui  ont  eu  le  plus  d’ impact  dans  le  domaine  experimental  figurent  les  techniques  a  base  de 
lasers  et  de  peintures  permettant  1  echantillonnage  non  perturbateur  du  champ  d’ecoulement  global  et  la  cartographic 
quasi-coraplete  des  pressions  superficielles  et  des  forces  visqueuses  du  modele.  Ces  techniques  permettent  a  la  fois  de 
mieux  comprendre  le  comportement  general  du  champ  d’ecoulement  et  d’etablir  les  parametres  des  informations 
detainees  demandees  pour  la  validation  des  techniques  de  calcul  en  cours  de  developpement  et  notamment  les  modeles 
de  la  turbulence.  La  mise  en  oeuvre  plus  generalisee  et  plus  experte  des  ces  nouvelles  techniques,  le  conditionnement 
experimental  plus  soigne  afin  de  reduire  au  minimum  la  perturbation  induite  par  le  support  du  modele  lors  des  mesures 
des  forces  par  balance,  ainsi  que  d  autres  explorations  des  effets  des  gaz  chauds,  sont  les  domaines  qui  meriteraient  une 
attention  particuliere  lors  des  futurs  travaux  de  recherche. 
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General  Nomenclature 

Unless  otherwise  noted  in  the  text  the  following 
nomenclature  applies  throughout  this  report.  Many  of  the 
terms  used  for  the  more  specialised  discussions  are  left  to  be 
introduced  where  used.  The  aim  of  this  list  is  to  cover  the 
more  general  terms  which  are  used  often  or  within  more  than 
one  section. 

A  cross-sectional  area 

AmaX  maximum  cross-sectional  area  of  body 

AmB  of  afterbody  at  metric  break 

AR^  wing  aspect  ratio, 

Awing  wing  area 

AR„  nozzle  aspect  ratio,  width/height 

b  wing  span 

b{  tail  span 

c  local  airofoil  chord 

Cm  Specific  heat 

C  mean  aerodynamic  chord 

afterbody  axial  force  coeficient, 
axial  force 


drag  build  up - Cp  (A  a)  dx 

Auiv  J 


Naming  convention  for  body  forces 


afterbody  axial  force  coeficient, 

_  axial  force 
- 

^ra^^wing 


lift  coeficient,  Cr 


lift  force 

^<x)A^’ing 


pitching  moment  coeficient, 

^  pitching  moment 

skin  friction 

coeficientC y  =  {local  wall  shear  stress)  / 
drag  coeficient,  Cq  =  — ■ 


drag  coeficient,  ' 


friction  drag  coeficient,  C^j/r  = 


pressure  drag  coeficient,  C^p  - 


friction  drag 
pressure  drag 


^xAfMX 


total  drag  coefieient, 

pressure  drag  -  friction  drag 
Cor  - - ;; - 

Ix^MAX 


Aftbody  rear  fuseage  region  from  start  of  closure  to  the 
begining  of  the  nozzle 

Nozzle  outer  surface  from  end  of  aftbody  to  the  nozzle 
exit  (excludes  nozzle  base) 

Nozzle  base  vertical  rearward  facing  area  generated  by 
missmatch  in  nozzle  external  and  internal 
dimentions  at  nozzle  exit. 

Aftend  aft  fuselage  region  extending  from  start  of 
closure  to  nozzle  exit 

=  aftbody  +  nozzle+  base 

Afterbody  aft  fuselage  region  including  empenage 


=  aftend  +  tails 


Subscripts  used 


aftbody 


HT  horizontal  tail 

VT  vertical  tail 


total(Afterbody)  =  A  +  N  -  HT  +  VT  +  B 


Cdpb  base  pressure  drag  coefficient 

CjjpT  pressure  drag  coefficient  for  afterbody 

=  Cdpb  +  Cdpa  +  Cdpn  +  CDpht  +  CDpvt 
Cdta  Total  Drag  Coefficient  (pressure+skin  friction) 
for  aftbody  =  Cdpb  +  Cdpa  +  CDpN 


Cv 

D 

^th 

•^max 

Deq 

0 

F 

Fi 

Fn 

Fr 

h 


pressure  coeficient,  Cp  =  — — —  =  — — 

velocity  coefficient 
drag 

nozzle  throat  diameter 
maximum  diameter  of  afterbody 
equivalent  diameter 


Oswald  factor,  0  = 


CL^ 


nAR^  (C^-Cj 


gross  thrust 

isentropic  fully  expanded  gross  thrust 

net  thrust  ( F  or  Fj  minus  free  stream  inlet 
momentum) 

resultant  gross  thrust 

2-D  nozzle  height 

turbulent  kinetic  energy, 

/c  =  +(« 


,2  U’^  +  W'^ 

v'  = - 


)  approximation 
is  used  in  the  calculation  of 


K 

L 

M 

M 


L,D,or  M 


this  quantity 

empirically  derived  correlation  constants 

length,  reference  length,  model  length 
Mach  number 
free-stream  Mach  number 


M. 

J 


jet  exit  Mach  number 
Mj^j^  drag  divergence  Mach  number 

NPR  nozzle  presure  ratio,  P^j  /poo 

P  &  Ps  loc  local  static  pressure 
Poo  &  Rg  ^  free-stream  static  pressure 

f  Y  ~  1  7  Iy"! 

Pj  local  total  pressure,  Pj  =  pi  1  +  - - M  ' 

P*  free  stream  total  pressure 


Pj  jet  static  pressure 

Ptj  jet  total  pressure 

q  dynamic  pressure,  for  perfect  gas  q  =  —Px> 

q  ^  free-stream  dynamic  pressure 

r  radius 

rmax  maximum  radius 

Re  Reynolds  number.  Re  = 

P 

where  L  =  body  length  unless  otherwise  stated 

S/D  nozzle  spacing  ratio  of  distance  between  nozzle 
centrelines  to  the  nozzle  diameter  at  junction 
with  afterbody 

T  local  temperature  (absolute) 

free-stream  static  temperature  (absolute) 

Tj  local  total  temperature  (absolute) 

Tj  ^  free-stream  total  temperature  (absolute) 

T  j  j  jet  total  temperature  (absolute) 

M,v,w  velocity  components  in  x-,y-,z-  direction 

free-stream  velocity 

-u’w'  Reynolds  shear  stress  correlation  (t  = -p  u'w') 

w , ,  2-D  nozzle  width 

dh 

x, y,z  cartesian  coordinates 

X  streamwise  coodinate  +  in  flow  direction 

ve 

y  spanwise  coordinate 

z  normal  coordinate 

X{  Cartesian  coordinate  with  origin  at  tail  leading 

edge  (measured  along  local  chord) 

y^  Zf  Cartesian  coordinate  with  origin  at  tail  root 
leading  edge 

Xsep  Zsep  separation  location  on  boattail  surface 

y+  non  dimensional  distance  from  wall 

_  rPtI'^wIpi 
P/ 

where  :  y  normal  distance  from  wall 
T  wall  shear  stress 
PI  PI  local  density  and  viscosity 
a  angle  of  attack 

B  boattail  angle 
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XIV 


8v 

nozzle  vector  angle 

DRA 

(UK)  Defence  Research  Agency 

H 

dynamic  viscosity 

Fs,  Sta 

fuselage  station  measured  from  model  nose 

P 

density 

HAI 

Hellenic  Aerospace  Ind. 

Poo 

free-stream  density 

IMS 

Integral  Mean  Slope 

^w 

wall  skin  friction 

IMS.J, 

Integral  Mean  Slope  Truncated 

T 

thrust  vector  induced  aerodynamic  force  or 

ISL 

Institute  of  Saint  Louis 

moment  increments  referred  to  unvectored,  jet- 

ITU 

Intanbul  Technical  University 

on  conditions 

J-L 

Jones-Launder 

meridian  angle  about  nozzle/model  axis,  origin  at 
model  top.  positive  counterclockwise  looking 

LaRC 

Langley  Research  Center 

upstream 

LDV 

Laser  Doppler  Velocimetry 

f 

roll  angle  of  survey  rake  -  0  deg.  when  rake  is 

MDC 

Me  Donnel  Douglas  Corporation 

horizontal  in  +y  direction,  positive  in 

NACA 

National  Advisory  Committee  for  Aeronautics 

counterclockwise  direction 

NASA 

National  Aeronautics  and  Space  Administration 

k 

leading  edge  sweep  angle  else  wavelength 

N-R 

Noris-Reynolds 

o(u) 

rms  of  fluctuating  velocity  component  u 

ONERA 

Office  National  d'Etudes  et  de  Recherches 

CT(W) 

rms  of  fluctuation  velocity  component  w 

Aerospatiales. 

5 

boundary  layer  thickness 

PDA 

Partial  Differential  Equations 

5* 

boundary  layer  displacement  thickness 

R-R 

Rolls-Royce 

9 

boundary  layer  momentum  thickness 

RSTM 

Reynolds  Stress  Transport  Model 

Abbreviations 

S-A 

Spalding-Allmaras 

AIAA 

American  Institute  of  Aeronautics  and 

Astronautics 

STOVL 

Short-Take-Off  and  Vertical  Landing 

STPA 

Service  Technique  Des  Programmes 

AEDC 

Arnold  Engineering  Development  Centre 

Adronautiqes 

AEM 

Aermacchi  SpA 

2-D 

two  dimensional 

AFWL 

Airforce  Wright  Laboratory 

3-D 

three-dimensional 

ARA 

Aircraft  Research  Association 

Units  of  variables  are  in  SI  units  m,  kg,  sec,kPa,  K  unlesss 

AS&M 

Analytical  Services  &  Materials  Inc. 

otherwise  specified. 

ASME 

American  Society  of  Mechanical  Eningineers 

AVA 

Aerodynamische  Versuchsanstalt 

B-B 

Baldwin-Barth 

BMVg 

Bunderminster  der  Vertieidigung, 

BL 

Model  Butline 

B-L 

Baldwin-Lomax 

CAD 

Computer-Aided  Design 

CFD 

Computational  Fluid  Dynamics 

C-D 

Convergent-Divergent 

CPU 

Central  Processing  Unit 

c-s 

Cebeci-Smith 

DASA 

Daimler-Benz  Aerospace. 

DEI 

Dynamic  Engineering  Incorporated. 
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1. INTRODUCTION 

1.1  BACKGROUND,  OBJECTIVES  AND  SCOPE  OF 
WORK 

AGARD's  support  in  furthering  the  subject  of  aftbody/nozzle 
integration  and,  specifieally,  the  computational  and 
experimental  tools  used  to  design  and  test  new  installation 
concepts,  has  prompted  the  activities  of  two  earlier  working 
groups  who  reported  their  work  in  1974  and  1982. 

The  first  of  these,  AGARD  Working  Group  04,  "Improved 
Nozzle  Testing  Techniques  in  Transonic  Flow"  (reference 
1.5.1),  experimented  on  a  series  of  three  reference  aftbody 
boattails  in  an  investigation  of  the  influence  of  test  facilities 
and  model  support  systems  on  the  resultant  data.  When 
boattail  pressure  distributions  were  compared  alternative 
model  installation  techniques  applied  in  a  variety  of  tunnel 
types  were  found  to  produce  varying  results.  Early  analytical 
procedures  were  then  used  to  help  interpretation  of  the 
experimental  data  and  found  to  be  valuable  only  for  the 
restricted  case  of  flow  fields  where  there  were  no  extensive 
flow  separations.  Recommendations  followed  for  continued 
efforts  to  be  directed  towards  refining  the  analytical 
approaches  and  extend  them  to  flow  situations  which 
included  strong  shock-boundary  layer  interactions. 

AGARD  Working  Group  08,  "Aerodynamics  of  Aircraft 
Afterbody"  (references  1.5.2,  1.5.3),  was  formed  eight  years 
later  with  the  brief  to  critically  review  the  State-Of-the-Art 
(SOA)  in  computational  and  experimental  tools  for 
afterbody/nozzle  aerodynamics,  nozzle  integration  and 
jet/airframe  interference.  The  assessment  that  followed 
included  an  examination  of  the  applicability  and  accuracy  of 
the  range  of  inviscid  and  viscous  computational  codes  then 
available  for  afterbody  drag  prediction.  WG  08's  earlier 
interest  in  experimental  techniques  was  followed-up  by  an 
extensive  review  of  new  developments,  with  particular 
emphasis  on  the  requirements  for  force  measurement 
accuracy.  Attention  was  also  paid  to  the  growing  use  of 
afterbody  nozzle  testing  techniques  to  investigate  nozzle 
extemal/intemal  flow  instabilities  and  unsteadiness,  boundary 
layer  separation  effects  and  buffeting.  The  final  report  ( 
reference  1.5.4)  included  a  substantial  section  on  wind  tunnel 
correction  methods  and  made  many  recommendations  on  the 
future  direction  of  experimental  developments  and  the  role  of 
CFD  within  the  vehicle  performance  definition  process. 
These  selections  from  the  concluding  remarks  of  the  study 
report  are  an  indication  of  the  foresight  gained  through  the 
project. 

"In  the  ten  years  since  the  publication  of  AGARDograph 
208,  much  progress  has  been  made  on  both  experimental 
and  numerical  methods.  Because  of  the  tremendous 
progress  which  can  be  expected  from  the  use  of  Vector- 
Computers  within  the  next  years,  the  report  may  be 
considered  to  be  only  a  "snapshot" from  'Status  1984. '  the 
present  WG08  report  should  be  revised  in  time, 
considering  especially  the  progress  of  computational 
methods  for  three-dimensional  viscous  flow.  Experimental 
techniques  have  reached  a  very  high  level  of  reliability  if 
proper  correction  procedures  are  applied  and  error 
analysis  is  performed  as  recommended. " 

"It  can  be  definitely  stated  that  numerical  analysis  will 
not  replace  the  wind  tunnel  test,  but  as  an  outcome  of  the 


Working  Group,  it  may  be  stated  that  numerical  analysis 
will  play  a  more  and  more  important  role  as  a  supplement 
to  the  experiment  in  the  future. " 

The  WG08  final  report,  which  is  further  reviewed  in  section 
1.4,  thus  stood  as  a  good  point  of  departure  for  a  new 
assessment  of  the  state-of-the-art  in  exhaust  nozzle 
integration.  As  we  shall  see,  while  many  of  the  areas 
identified  for  future  work  have  now  been  addressed,  many  are 
still  wanting.  Meanwhile,  exhaust  nozzles  and  their 
installations  have  evolved  into  even  more  complex  shapes 
making  both  the  CFD  and  experimental  analysis  tasks  all  the 
more  necessary  and  difficult. 

The  third  and  latest  working  group  was  organised  by  the 
AGARD  Fluid  Dynamics  Panel  in  the  autumn  of  1991.  Its 
main  goal,  like  its  predecessor,  was  to  critically  review 
advances  made  since  1984  on  the  understanding  of  complex 
3D  aircraft  afterbodies,  and  in  particular  the  developments 
made  in  computational  and  experimental  techniques  available 
to  both  understand  the  flow  phenomenon  and  to  design 
optimum  aircraft  installations.  Specific  Working  Group  aims 
were  to : 

•  study  3D  aspects  of  aircraft  afterbody  integration,  that  is, 
at  angle  of  attack,  and  non-axisymmetric  afterbodies,  and 
twin  jets. 

•  evaluate  present  experimental  methods  and  recommend 
additional  techniques  as  appropriate. 

•  collect  data  cases: 

-  to  understand  the  flowfield 

-  to  validate  the  computational  tools 

•  calculate  3-D  afterbody  flows  : 

-  to  establish  the  SOA 

-  to  recommend  needed  advancements 

In  a  departure  from  WG08  practice,  the  latest  group  met  as  a 
whole,  computational,  experimental  and  application 
specialists  together.  The  differing  perspectives  of  those 
involved  in  method  development  and  method  application 
were  accommodated  by  dividing  the  attentions  of  the  group, 
like  its  report,  into  two  parts  -  the  first  focused  on  the 
fundamental  flow  phenomena  the  latter  addressing  wider 
application  and  design  centred  issues.  The  developments  in 
CFD  and  test  techniques  were  reviewed  in  relation  to  both. 

1.2  CONTRIBUTORS 

1.2.1  GROUP  MEMBERS  AND  MEETINGS 
To  complete  the  assignment,  a  number  of  highly  qualified 
specialists  were  nominated  by  the  national  delegates  of 
AGARD.  Representing  both  panel  and  non-panel  members, 
industry,  government  agencies,  and  universities  these 
individuals  were: 


Jean-Denis  Marion 

Dassault 

France 

Jean  Delery 

ONERA 

France 

Christian  Thery 

ONERA 

France 

Gilles  Rollin 

SNECMA 

France 

Remi  Jouty 

STPA 

France 

Norbert  Bissinger 

DASA 

Germany 

George  Sideridis 

HAI 

Greece 

Emanuele  Merlo 

AERMACCHI 

Italy 

Veysel  Atli 

ITU 

Turkey 

Chris  Lee 

BAe 

United  Kingdom 

Peter  Martin 

DRA 

United  Kingdom 
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Andy  Wood 
Richard  Kern 
Bobby  Berrier 
Ray  Cosner 

Doug  Bowers 


RR 

Boeing 

NASA 

McDonnell- 

Douglas 

USAF 


United  Kingdom 
United  States 
United  States 
United  States 

United  States 


On  formation  the  group  was  chaired  by  Christian  Thery 
assisted  by  Doug  Bowers.  After  Mr  Thery’s  retirement  from 
the  Fluid  Dynamics  Panel  at  the  end  of  1994  Remi  Jouty 
assumed  Mr  Thery's  role. 


1.2.2  CFD  CONTRIBUTORS 


Livio  Visintini 

Srefaus  Sibilla 

Georgia  Travostino 

Aermaechi 

B.1.1,B.1.2 

B.2.1,B.2.2, 

B.2.3 

Emauuele  Merlo  * 

Aermaechi 

B.1.1,B.1.2, 
B.2.1,B.2.2, 
B.2.3,  B.3.1, 
B.3.2,  B.3.3, 

Mark  Pocock 

Andrew  Peaee 

ARA 

B4.1,B4.2 

Five  meetings  were  arranged  to  co-ordinate  the  work  of  the 
group  : 


CFD  contributions  were  provided  by  the  most  of  the 
organisations  represented  by  group  members.  Other 
organisations  who  also  contributed  solutions,  either  on  their 
own  behalf  or  in  support  of  others,  were  : 

Rockwell 

Lockheed 

Dynamic  Engineering  Inc.(DEl) 

Analytical  Services  &  Materials  Inc.  (AS&M) 
Aircraft  Research  Association.  (ARA) 

The  individuals  within  the  participating  organisations  who  are 
acknowledged  for  their  part  in  the  generation  of  the  solutions 
evaluated  by  the  group  are  : 


1-2  October  1992,  Banff,  Alberta,  Canada  to: 

-  organise,  review,  clarify  objectives 

-  summarise  results  of  WG-08 

-  review  SOA  in  participating  countries 

-  establish  experimental  test  cases 

-  structure  final  report 

15-16  April  1993,  Winchester,  UK  to: 

-  assess  availability/distribution  of  test  cases 

-  establish  data  format 

-  review/approve  nomenclature 

-  assign  responsibility  for  final  report  sections 

-  develop  schedule  for  remainder  of  effort 


CFD  CONTRIBUTORS 


Individual 

Organisation 

Test  Case 

John  R  Carlson 

NASA  LaRC 

A.2.I,A2.2 

William  B  Compton  III 

NASA  LaRC 

B.4.1,B.4.2 

William  T  Jones 

Khalid  S  Abdol-Hamid 

DEI 

AS&M 

B.I.1,B.1.2, 
B.2.1,B.2.2, 
B.2.3,  B  3.1, 
B.3.3 

James  A  Rhodes 

Philip  Wang 

Paul  G  Willhite 

Me  Donnell 
Douglas 

A.2.1,A  2.2, 
A.3.1, 

A. 3.2,B1.1, 

B. 1.1,B.1.2, 
B.2.1,B3.1, 
B.3.3  ,B.4.1, 
B.4.2 

Miehell  Crose 

Richard  Semmes 

Lockheed 

B.4.1 

Skip  Gridley 

Maiy  K  Lockwood 

Wright  AFWL 

B.1.I,B.1.2, 
B.2.1,B.2.2, 
B.2.3,  B.4.1, 
B.4.2 

John  Kingsley 

Rolls-Royce  Inc. 

A. 2.1,A.2.2, 

B. 4.1,  B.4.2 

Amrik  S  Bahamra 

Rolls-Royce  pic 

A.3.1 

YKHo 

Richard  Bailey 

Rolls-Royce  pic 

A.3.1 

R  Behan 

Rolls-Royce  pic 

B.4.1,  B.4.2 

Frederic  Schenher 

SNECMA 

A.2.1 

Gilles  Rollin 

SNECMA 

A.2.2 

Piere-Yves  Bourquin 

SNECMA 

B.4.1, B.4.2 

Jean-Denis  Marion 

Dassault 

A.2.1,  A.2.2, 

A. 2.3, 

B. 4.1, .B.4.2 

Richard  Benay 

ONERA 

A.2.1,  A.2.2 

Xavier  Bousquet 

Aerospatiale 

A.2.1,  A.2.2 

1 1-12  October  1993,  Paris,  France  to: 

-  status  of  test  case  computations 

-  review/status  of  final  report  sections 

-  update  schedule  for  remainder  of  efforts 

14-15  April  1994,  Crete,  Greece  to: 

-  review  all  CFD  contributions 

-  review  1st  draft  of  final  report 

10-11  October  1994,  Berlin,  Germany  to: 

-  agree  recommendations/  conclusions 

-  review/approve  final  report 

1.3  REPORT  ORGANISATION 

In  reviewing  progress  since  WG  08  the  group  consensus  at 
the  outset  was  that  the  most  significant  developments  since 
1986  had  been  in  the  increased  capability  and  widespread 
applieation  of  computational  methods.  In  support  of  this  it 
was  claimed  that  Navier  Stokes  eodes,  as  now  used  in 
industry,  had  reached  the  standard  where  they  could  be 
applied,  almost  routinely,  to  complex  3-D  aftbody  geometries 
establishing  trends  and  substantially  aiding  the  design 
optimisation  process.  Furthermore,  such  codes  and  the 
computational  machines  to  run  them  on  were  developing  so 
fast  that  the  point  was  near  where  usable  predictions  of 
absolute  performance  would  also  be  possible. 

On  the  basis  that  the  greatest  scope  for  effecting  future 
changes  in  the  vehicle  design  process  lay  in  this  direction  and 
less-so  on  improvements  in  experimental  teehniques,  whieh 
by  comparison  are  more  mature,  it  was  accepted  that  WG17 
would  concentrate  its  efforts  on  gauging  the  eapabilities  of 
the  eurrent  generation  of  computational  tools.  Recognising 
the  nonetheless  undiminished  importance  of  the  experimental 
process,  both  for  the  acquisition  of  data  to  support  further 
improvement  in  the  computational  techniques  and  as  the 


*  Responsible  for  application  of  a  semi-empirical  method 
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current  ultimate  arbitrator  within  the  design  definition 
process,  'State  of  the  art’  SOA  test  techniques  updates 
covering  both  roles  would  also  be  performed.  These  are  to  be 
found  in  report  sub-sections  2.2  and  3.3,  respectively. 

As  previously  stated  the  activities  of  the  group  were  devided 
into  two  parts  the  first  concentrating  on  the  understanding 
and  numerical  simulation  of  the  detailed  flow  physics,  termed 
“the  fundamental  flow  phenomena”  and  the  second 
addressing  the  wider  practicalities  of  applying  such 
simulations  to  the  highly  complex  real  geometries  typical  of 
advanced  fighter  aircraft  and,  moreover,  doing  so  within  real- 
world  cost,  time  scale  and  human  resource  constraints,  termed 
the  “design"  or  "engineering”  aspects. 

The  report  has  been  arranged  accordingly  into  two  sections 
which  are  introduced  below. 

1.3.1  FUNDAMENTAL  FLOW  PHENOMENA 

This  section  concentrates  on  the  fundamental  understanding 
of  the  flow  phenomena  that  occur  within  the  complex  flow 
fields  that  surround  the  afterbody\nozzle  installations  of 
modem  military  fighter  aircraft.  The  initial  discussions 
within  sub-sections  2. 1  and  2.3  concern  the  description  of  the 
micro-physics  involved  and  the  experimental  techniques 
available  to  measure  the  pertinent  dynamic  flow  quantities. 
Subsequent  sub-sections  discuss  the  issues  involved  in  the 
quest  to  computationally  simulate  these  phenomena  and  then 
go  on  to  review  the  CFD  methods  employed. 

There  then  follows  an  account  of  efforts  to  apply  existing 
computational  tools  to  the  simulation  of  the  detailed  flow 
field  measured  around  one  test  cases  from  a  selection 
introduced  in  section  2.5.  BCnown  as  "Group  A"  these  test 
cases  were  picked-out  for  the  quality  and  detail  of  the 
available  flowfield  measurements  but,  as  a  consequence  of 
difficulty  of  obtaining  such  data  are  restricted  to 
comparatively  simple  geometries.  Computational  results 
obtained  for  test  case  A.2,  a  single  isolated  axisymmetric 
body  with  cold  and  hot  jet  exhaust  ,  are  reported  and 
discussed  in  section  2.6.  The  experimental  data  for  the 
remaining  test  cases,  for  which  no  computations  were 
submitted,  are  provided  in  Appendix  A.  These  include  an  un¬ 
blown  axisymmetric  body  at  angle-of-attack  (Al)  and  a 
closely  spaced  axisymmetric  twin  jet  installation  without 
empennage  (A.3). 

Recommendations  for  future  experimental  and  computational 
work  arising  from  the  evaluation  of  test  case  A.2  are  recorded 
within  sub-section  2.7 

1.3.2  DESIGN 

Beyond  an  understanding  of  the  fundamental  processes  and 
the  means  to  reproduce  basic  flowfield  phenomena  on  simple 
geometries,  the  aircraft  designer  must  have  at  his  or  her 
disposal  practical  tools  that  can  instruct  on  changes  in  the 
important  measures  of  drag,  thrust  and  steady  or  unsteady 
structural  loads  that  result  from  the  myriad  of  complex  flow 
interactions  generated  around  three-dimensional  afterbody 
geometries  of  the  highest  complexity.  Moreover,  these  tools 
must  be  robust,  reliable  and  capable  of  being  applied  in 
reasonable  time  and  cost.  Whilst  progress  on  the 
computational  algorithms  and  the  machines  available  to  run 
them  is  rapid,  it  is  increasingly  appreciated  that  it  will  be  a 
long  time,  if  ever,  before  CFD  can,  meet  these  demands 


alone. 

In  the  meantime  the  inventory  of  tools  that  must  be 
maintained  to  support  the  design  process  remains  wide.  The 
second  half  of  this  report  begins  with  an  overview  of  the 
wider  practicalities  of  the  design  process.  This  is  then 
followed  by  a  review  of  semi-empircal  drag  prediction 
methods  and  a  "State  of  The  Art"  update  on  developments  in 
supporting  experimental  techniques. 

Sub-section  3.4  then  introduces  a  second  set  of  test  cases, 
"Group  B",  chosen  this  time  to  more  closely  represent  the  true 
complexity  of  modem  military  fighter  nozzle/afterbody 
installations.  Included  are  single  and  twin  axisymmetric 
nozzle  aftbodies  tested  with  and  without  tails  (B1  B2  and  B3), 
a  twin-jet  configuration  (B3)  and  a  two-dimensional  nozzle 
installation  (B4).  All  cases  feature  blown  jet  simulation. 
Other  variables  represented  are  nozzle  pressure  ratio,  tail 
position  and  Mach  number. 

Results  from  the  application  of  a  range  of  CFD  methods  and 
where  possible  one  empirical  technique  to  these  test  cases  are 
presented  and  discussed  in  section  3.5.  Recommendations  for 
future  work  which  stem  from  the  evaluations  are  presented  in 
section  3.6 

Recommendation  and  conclusions  formed  from  both  the 
"fundamental"  and  "design"  focused  group  activities  are 
brought  together  in  section  4 

Finally,  following  the  example  of  WG  08,  appendices  A  and 
B  supply  the  experimental  data  for  all  test  cases  assembled  by 
the  group.  The  purpose  is  to  make  this  information  available 
to  others  involved  in  this  field  for  assessing  current  or  future 
CFD  developments  against  the  benchmarks  established  by 
this  review.  Appendix  C  is  used  to  collect  together  statistics 
and  observations  collected  from  the  organisations  who 
contributed  predictions  for  both  sets  of  test  cases. 

1.4  REVIEW  OF  WG-08  (1986) 

In  1982,  the  Fluid  Dynamics  Panel  of  AGARD  formed  a 
working  group  to  critically  review  recent  activities  on 
afterbody/nozzle  aerodynamics,  nozzle  integration,  and 
jet/airframe  interference  effects.  The  working  group  was  to 
address  both  theoretical  and  experimental  developments. 

In  its  assessment  of  theoretical  capabilities,  the  working 
group  was  to  (1)  review  the  status  of  inviscid  flow  methods; 
(2)  assess  the  status  of  inviscid/viscous  interaction  methods 
for  predicting  the  flow  over  nozzle  afterbodies  with  jet 
exhaust;  (3)  assess  the  status  of  Navier-Stokes  solutions  of 
such  flows;  and  (4)  evaluate  the  critical  range  and  accuracy  of 
the  available  methods  with  respect  to  afterbody  drag 
prediction.  The  working  group  chose  to  limit  its  assessment 
to  axisymmetric  nozzle  configurations  at  zero  angle-of-attack 
with  jet  exhaust  flow.  Thirteen  test  cases  were  identified. 
The  prime  criteria  for  selection  was  the  availability  of 
extensive  experimental  measurements  of  surface  pressure  and 
flow  field  characteristics.  Eight  of  the  test  cases  were  typical 
aeroplane-type  nozzle  configurations  and  the  remaining  five 
were  typical  missile  afterbody  configurations.  In  all  cases,  the 
jet  exhaust  was  simulated  with  high-pressure  air.  Cases  were 
selected  to  show  the  effects  of  nozzle  geometry,  nozzle 
pressure  ratio,  freestream  Mach  number,  jet  exhaust 
temperature,  and  tunnel  blockage. 
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The  WG  08  test  cases  used  for  the  CFD  comparisons  were 
limited  to  axisymmetric  configurations  at  zero  degrees  angle- 
of-attack.  The  thirteen  test  cases  included  external  pressure 
distributions,  and  some  boundary  layer  and  flowfield 
measurements.  Eighteen  contributors  submitted  solutions  to 
one  or  more  test  cases.  At  that  time,  the  solutions  consisted 
of  a  few  full  Navier-Stokes  methods,  many  mixed  or  patched 
methods  with  inviscid  solvers  and  a  viscous  displacement, 
and  a  few  Euler  solvers.  The  problem  of  turbulence  models 
for  Navier-Stokes  solvers  and  artificial  viscosity  in  the 
numerical  scheme  of  Euler  solvers  was  identified.  For 
subsonic  cases,  some  of  the  coupled  inviscid-plus  boundary 
layer  approaches  predicted  the  surface  pressure  distributions, 
the  boundary  layer  separation  point  and  the  drag  coefficients 
very  well.  The  Navier  Stokes  solutions  were  found  in  good 
agreement  with  the  experimental  surface  pressure 
distributions  up  to  the  point  of  flow  separation.  Quoting  the 
final  report. 

"Today's  Navier  Stokes  calculations  generally  cost  5  to  20 
times  as  much  as  an  inviscid/viscous  interaction 
calculation  on  the  same  super  computer.  The  rapid 
increases  in  hardware  technology  and  improvements  in 
numerical  techniques  may  soon  make  Navier  Stokes  codes 
inexpensive  enough  for  production  calculations. " 

The  conclusions  and  recommendations  of  the  CFD  subgroup 
were  as  follows: 

—  "Computational  research  should  improve  two- 
dimensional  modelling  of  the  separation  region  for 
inviscid/viscous  interaction  methods. " 

-"Navier  Stokes  code  development  should  continue  with 
concentration  on  grid  generation,  solution  algorithms, 
turbulence  modelling  and  user  friendliness.  " 

"Detailed  studies  of  the  effect  of  turbulence  modelling 
should  be  undertaken  ”. 

—  “Three-D  methods  should  be  developed.  " 

—  "Zonal  approaches  plus  full  3-D  Navier  Stokes  solutions 
should  be  pursued.  ” 

—  "Careful  'test  case'  experiments  should  be  undertaken  to 
provide  flow  field  details  for  the  development  of 
turbulence  models  ". 

—  "Results  indicate  the  potential  of  Navier  Stokes  analysis 
to  predict  many  features  of  the  flow  correctly  " 

-"The  rapid  growth  and  improvements  of  computers  and  in 
theoretical  methods  should  in  the  future  provide 
significantly  better  methods  for  predicting  the  effects  of 
engine  installations  on  the  aeroplane  aerodynamics.  " 

Please  note  that  the  WG  included  this  comment  in  their 
report: 

"Because  of  the  rapid  changes  occurring  in  the 
computational  fluid  dynamics,  the  assessment  conducted 
by  the  working  group  provides  only  a  "snapshot"  of  the 
capabilities  of  theoretical  methods  at  about  the  middle  of 
1984.  The  rapid  growth  and  improvements  of  computers 
and  in  theoretical  procedures  should,  in  the  future, 
provide  significantly  better  methods  for  predicting  the 
effects  of  engine  installation  on  aeroplane  and  missile 
aerodynamics. " 


The  experimental  techniques  subcommittee  reviewed  and 
evaluated  experimental  testing  procedures  and  investigations 
to  improve  these  procedures.  The  group  concentrated  on  jet 
simulation,  wind  tunnel  testing  techniques,  afterbody  nozzle 
flow  instability,  and  sources  of  error  in  wind  tunnel  and  flight 
measurements.  These  elements  were  further  broken  down  into 
hot  versus  cold  exhaust  gas  simulation,  turbine  and  ejector 
powered  simulators,  and  annular  blowing  stings.  Force 
balances,  surface  pressures  and  integration,  wind  tunnel 
model  support  systems,  testing  uncertainties,  and 
recommended  testing  practices  were  also  considered.  Specific 
flight  examples  of  afterbody/nozzle  flow  instabilities,  their 
impact  on  aircraft  performance,  and  the  resolution  of  the 
problem  were  discussed  as  were  errors  in  measurement  of 
forces  and  pressures,  and  the  influence  of  blockage  and  wall 
effects  on  these  errors. 

The  conclusions  as  a  result  of  this  study  were  as  follows:- 

—  "The  choice  of  wind  tunnel  testing  techniques  for  aircraft 
aftbodies  must  include  consideration  of  many  factors  with 
the  test  objective,  available  facilities  and  model  hardware 
the  most  important. " 

—  “Force  balances  must  be  used  with  great  care  to 
minimise  and  account  for  all  tares  and  corrections,  and 
an  assessment  should  be  made  of  the  predicted  levels  of 
accuracy  and  repeatability  versus  levels  required  to  meet 
the  test  objectives. " 

—  "Wind  tunnel  model  support  must  be  chosen  with  great 
care" 

—  "The  key  to  utilisation  of  both  computations  and 
experiments  is  understanding  the  flow  physics  involved  in 
the  aftbody  area. " 

—  "Special  advanced  and  more  complex  testing  techniques 
should  be  emphasised  for  future  development.  " 

And  finally : 

—  "Experiment  techniques  have  reached  a  very  high  level  of 
reliability  if  proper  corrections  are  applied  and  error 
analysis  is  performed  as  recommended. " 

The  complete  WG  08  report  is  reference  1.5.4. 
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2.1.  Fundamental  Flow  Phenomena  Related  to  3D  Afterbodies 
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2.1.1.  Description  of  the  flow  fundamentals: 

A  good  understanding  of  the  flow  physics  involved  at  the 
back  end  of  a  fighter  aircraft  is  necessary  to  develop  sui¬ 
table  computational  models  and  to  provide  a  proper  inter¬ 
pretation  of  both  computational  and  experimental  results. 
New  afterbody  geometries  are  being  developped,  in  res¬ 
ponse  to  new  requirements  such  as  thrust  vectoring,  steal¬ 
thiness  and  acoustics.  This  may  increase  the  need  of  a 
better  understanding  and  modelling  of  some  flow  features 
such  as  :  mixing  shear  layers,  vortical  flows... 

A  description  of  some  of  the  most  important  flow  phe¬ 
nomena  occurring  on  typical  aircraft  afterbodies  is  presen¬ 
ted  in  this  section.  The  qualitative  effect  of  some  flow  pa¬ 
rameters  is  briefly  discussed. 

The  following  figure  provides  a  schematic  description  of 
the  complex  physics  of  the  flowfield  surrounding  an  axi- 
symmetric  subsonic  or  transonic  single  flux  nozzle  : 

Inviscid 


This  relatively  simple  geometry  exhibits  already  many 
complex  flow  features : 

-  expansion/shocks 

-  turbulent  boundary  layer  separation 

-  recirculation 

-  mixing  layers 

-  shock/mixing  layer  interaction 

-  shock/boundary  layer  interaction 

The  prediction  of  the  performance  of  this  afterbody  relies 
crucially  on  a  correct  prediction  of  the  external  boundary 
layer  separation  on  the  boat-tail  and  its  associated  recircu¬ 
lation  region. 

This  separation  is  induced  by  the  adverse  pressure  gradient 
created  by  the  boat-tail  and  the  jet  plume.  The  extent  of 
the  separation  region  is  dependent  on  the  boat-tail  and  jet 
plume  geometry  (seen  as  a  solid  body)  -displacement  ef¬ 
fect-,  and  on  the  entrainment  of  the  outer  flow  by  the  jet 
flow  -entrainment  effect- . 

In  the  case  the  nozzle  is  not  adapted,  expansion  fans  and 
shocks  can  be  observed.  The  boundary  layer  may  be 
separated  either  inside  the  nozzle  (over-expanded  jet)  ot 


outside  on  the  fuselage  (under-expanded  jet).  The  external 
and  internal  boundary  layers  join  in  the  confluence 
region,  forming  a  mixing  layer  with  vortical  structures 
surrounding  a  separated  recirculation  region.  From  a 
design  point  of  view  this  separated  region  where  the 
dynamic  pressure  is  weak  increases  the  drag  and  can  lower 
the  control  surface  efficiency. 

In  addition  to  that,  important  thermal  phenomena  take 
place  around  afterbodies.  Actually  confluent  flows  not 
only  have  different  velocities,  Mach  numbers  and  tempe¬ 
ratures  but  also  different  chemical  composition.  So  a  lot 
of  transfer  processes  exist  like  dynamic  and  energetic 
transfers  and  diffusion  with  high  turbulence  rate. 

All  these  phenomena  are  observed  experimentally  (Ph. 
Reijasse  and  J.  Delery  [2.1-lJ),  and  numerically  (S.  M. 
Dash  and  D.  E.  Wolf  [2.1-2]). 

Thus  it  is  also  necessary  to  predict  accurately  the  jet  ex¬ 
pansion,  and  its  boundary  with  the  outer  flow  (free  shear 
layer)  in  order  to  achieve  a  good  prediction  of  the  separa¬ 
ted  recirculation  region  and  the  associated  pressure  distri¬ 
bution. 


2. 1.1.1  Boundary  layer  separation 

Simpson  [2.1-3]  made  a  review  of  many  different  flow 
cases  with  two  dimensional  separation.  The  intermittent 
behaviour  of  separation  (induced  by  adverse  pressure  gra¬ 
dient)  and  reattachment  is  described.  This  unsteadiness  can 
be  linked  to  the  passage  of  large  scale  turbulent  structures 
in  the  boundary  layer. 

Experimental  data  show  that  the  velocity  fluctuations  in 
the  recirculation  region  can  be  comparable  to  the  maxi¬ 
mum  mean  back  flow  velocities. 

In  our  case  of  an  afterbody  with  jet,  the  intermittent  be¬ 
haviour  of  the  separation  may  be  expected  to  interact  with 
the  jet  and  mixing  layer.  This  should  be  taken  into  ac¬ 
count  for  the  prediction  of  acoustic  effects  (see  screech 
phenomenon  described  below). 

In  the  transonic  flight  regime,  the  flow  often  accelerates 
to  supersonic  speeds  before  the  nozzle,  and  part  of  the 
subsequent  recompression  occurs  through  a  shock  wave. 
Different  kinds  of  shock  wave  /  boundary  layer 
interactions  can  exist  (Delery  [2.1-4]) : 

In  the  case  no  separation  occurs,  two  different  configura¬ 
tions  can  exist : 

-  if  the  shock  wave  is  weak,  it  penetrates  deeply 
inside  the  boundary  layer 

-  when  the  shock  wave  is  stronger,  compression 
waves  form  inside  the  boundary  layer,  originating  from  a 
region  close  to  the  wall  and  converging  to  a  point  from 
which  a  quasi-normal  shock  seems  to  emanate. 

The  rise  in  pressure  produced  by  the  shock  propagates 
upstream  through  the  subsonic  part  of  the  boundary  layer. 
The  subsequent  decelaration  entails  a  thickening  in  this 
subsonic  layer. 

On  the  other  side,  a  transonic  interaction  strong  enough 
to  cause  a  sizeable  separation  (when  the  Mach  number 
immediately  upstream  of  the  shock  exceeds  1.3)  is 
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characterized  by  the  existence  in  the  outer  flow  of  a 
lambda  shock  pattern  (there  are  no  compression  waves). 

It  is  very  important  to  take  into  consideration  this 
interaction  phenomena  since  it  influences  the  boundary 
layer  characteristics  downstream  and  thus  may  introduce 
changes  in  the  whole  flow  picture. 


2.1.12  Effect  of  wall  temperature  on  boundary  layer 
separation 

One  important  characteristic  of  the  problem  of  predicting 
afterbody  flows,  lies  in  the  fact  that  the  surface 
temperatures  in  these  areas  are  high  due  to  the  proximity 
of  hot  gazes  from  the  nozzle  (Cousteix  [2.1-5J).  So  it  is 
necessary  to  determine  the  importance  of  the  fluid-heated 
wall  interaction  on  the  formation  aixi  extension  of 
separated  areas  around  an  afterbody. 

Delery  [2.1-6J  and  Benay  [2.1-7J  have  investigated  a 
shock/boundary  layer  interaction  on  a  heated  flat  plate. 
The  experimental  results  show  that,  although  the  turbu¬ 
lent  boundary  layer  mean  and  fluctuating  velocity  profiles 
ahead  of  the  interaction  region  are  not  affected  by  the 
temperature  except  in  the  immediate  vicinity  of  the  sur¬ 
face,  the  wall  heating  strongly  influences  the  shock¬ 
boundary  layer  interaction,  by  causing  a  strong  dilatation 
of  the  interaction  area  especi^ly  in  the  presence  of  separa¬ 
tion.  However,  the  limit  for  shock  induced  separation  did 
not  seem  affected  by  wall  heating. 


2. 1.1. 3  Effect  of  jet  temperature 

The  effect  of  jet  temperature  on  the  afterbody  flow 
(assuming  the  geometry  and  NPR  are  kept  constant)  is 
twofold : 

1  -  Inviscid  flow  -  displacement  effect : 

For  typical  aircraft  jet  temperature,  that  can  reach 
1(XX)°K  in  dry  conditions  and  17(X)°K  during  afterbur¬ 
ning  at  the  nozzle  exit,  the  specific  heat  ratio  y 
usually  can  not  be  assumed  to  be  constant  and  equal 
to  1,4  (  7#  1,35-1,25).  This  may  influence  the  jet 
structure  (plume  expansion  angle,  shock  cells,  etc...), 
especially  at  high  NPR. 

2-  Viscous  flow  -  entrainment  effect : 

Increasing  the  jet  temperature  increases  the  jet  velo¬ 
city  (for  the  same  Mach  number)  and  thus  increases 
the  shear  stresses  and  the  entrainment  effect. 

This  may  be  significant  in  case  of  incipient  separa¬ 
tion. 

The  structure  of  the  turbulence  in  the  mixing  layer 
may  also  be  affected  by  the  temperature. 

In  addition  to  that,  an  increase  in  the  jet  temperature 
induces  an  increase  of  the  temperature  of  the  nozzle’s 
external  surfaces  and  of  the  interaction  domain  (see  § 
above  on  wall  temperature). 


A  numerical  study  of  the  effect  of  jet  temperature  on 
the  afterbody  flow  can  be  found  in  reference  [2. 1-8]. 


2. 1.1. 4  Jet  structure 

It  is  necessary  to  accurately  predict  the  initial  plume 
shape,  since  this  shape  will  influence  the  pressure  distri¬ 
bution  on  the  boat  tail  and,  consequently,  all  the  viscous 
effects  on  the  afterbody  flow  (and  particularly  the  boun¬ 
dary  layer  separation  ^  the  extent  of  the  recirculation 
region). 

Under-expanded  supersonic  jets  have  a  shock  cell  structure 
formed  by  oblique  shocks  and  expansion  fans  generated  at 
the  nozzle  lip  region  where  there  is  a  mismatch  of  the 
static  pressure  inside  and  outside  the  jet. 

These  shock  cells  are  quasi-periodic  because  when  the 
oblique  shocks  and  expansion  fans  impinge  on  the  jet 
boundary,  they  are  reflected  into  the  jet  ;  they  are  trajped 
inside  the  plume  bouncing  from  one  side  to  the  other 
forming  a  standing  wave  pattern.  Embedded  zones  of  sub¬ 
sonic  flow  can  occur  behind  Mach  disks,  while  a  signifi¬ 
cant  portion  of  the  plume  mixing  layer  will  be  subsonic 
for  jets  exhausting  into  subsonic  external  stream. 

A  transitional  region  joins  the  predominantly  inviscid 
near  field  with  the  fully  viscous,  pressure-equilibrated  fer 
field.  Here,  the  mixing  layers  come  to  engulf  the  entire 
jet  and  shock  cells  formation  occurs  in  a  strongly  turbu¬ 
lent  environment.  In  this  region,  wave  fronts  are  curved 
by  the  flow  rotationality  aixi  wave  intensity  are  dimini¬ 
shed  by  turbulent  dissipative  effects.  In  the  jet  far  field, 
wave  processes  have  been  totally  dissipated  and  constant 
pressure  mixing  prevails. 

Since  the  working  group  decided  to  concentrate  their  ef¬ 
forts  on  afterbody  performance  prediction  and  not  on 
plume  characteristics,  we  wUl  not  discuss  here  the  transi¬ 
tional  region  and  far  field  of  the  jet. 


2.1.15  Waves  /  shear  layers  interactions 

There  are  interactive  phenomena  between  the  wave  struc¬ 
tures  of  a  supersonic  jet  and  the  shear  layers  :  expansion 
fans  and  shock  waves  are  reflected  by  the  shear  layers,  and 
the  mean  flow  and  turbulent  variables  in  the  shear  layer 
are  altered  by  the  waves. 

Dash  and  al.  [2.1-9J  have  studied  numerically  the  interac¬ 
tions  existing  between  an  under-expanded  jet  and  the  ex¬ 
ternal  stream,  and  their  dependence  on  Mach  numbers  of 
both  flows.  They  found  for  example  that  in  a  supersonic 
jet/supersonic  stream  mixing  region  interactive  effects  are 
fairly  weak  in  the  first  cell,  and  thus  that  the  inviscid  so¬ 
lution  is  close  to  the  viscous  flow.  These  interactive  ef¬ 
fects  then  increase  as  the  width  of  the  mixing  region  be¬ 
comes  substantial.  They  also  studied  the  interaction  bet¬ 
ween  a  supersonic  jet  and  a  subsonic  stream  and  success¬ 
fully  compared  their  analysis  results  with  experimental 
results  of  Seiner  and  al.  [2.1-lOJ. 


9 


2.1. 1.6  Compressibility  effect  on  shear  layer  expansion 

It  has  been  shown  that  a  turbulent  mixing  layer  can  be  af¬ 
fected  by  compressibility  (Bogdanoff  [2.1-11],  Samimy 
and  Elliot  [2.1-12],  Papamoschou  and  Roshko,  [2.1-13]). 
The  convective  Mach  number  Me,  a  Mach  number  based 
on  a  Same  of  reference  travelling  with  the  large  scale 
structures  in  the  mixing  layers,  seems  to  be  the  most 
significant  parameter.  A  simplified  definition  of  Me, 
valid  when  y  is  the  same  on  both  sides  of  the  mixing 
layer,  is : 


Mc= 


V1-V2 

ai+a2 


where  Vi  and  V2  are  the  mean  flow  velocities  on  both 
sides  of  the  mixing  layer,  and  ai  and  a2  the  respective 
sound  velocities. 

Compressibility  effects  appear  for  Me  greater  than  about 
0.6,  and  thus  may  be  encountered  on  real  aircraft  applica¬ 
tions.  Experimental  results  on  plane  mixing  layers  show 
that,  as  Me  is  increased,  the  mixing  layer  growth  rate,  the 
spatial  correlation  levels,  the  Reynolds  stress  and  the  ex¬ 
tent  of  the  turbulent  mixing  region  are  drastically  reduced, 
and  the  turbulent  structures  become  spanwise-oblique. 
Recent  experimental  results  [2.1-14]  show  an  asymetry 
between  the  subsonic  and  supersonic  side  of  the  mixing 
layer. 


2.1.1.7  Aeroacoustic  -  screech  : 


Acoustic  waves 


Powell’s  screech  feddback  mechanism 
Fig.  2.1-2 


Sonic  fatigue  on  nozzle  flaps  (for  exemple  on  F-15  and 
B-1  aircraft)  has  been  observed  on  many  occasions  and 
has  motivated  increased  research  in  aeroacoustics  (cf. 
Walker  S.H.  [2.1-15]).  This  fatigue  is  due  to  acoustic 
wave  instabilities  originating  in  the  supersonic  plume;  as 
a  matter  of  fact,  the  shock  wave  structure  inside  the  ex¬ 
haust  jet  generate  narrowband  and  broadband  shock-asso¬ 
ciated  noise  (Davis  [2.1-16]).  Powell  [2.1-17]  investiga¬ 
ted  this  noise  and  isolated  tones  of  discrete  fiequencies  re¬ 
ferred  to  as  screech  tones.  According  to  him  some  flow 
disturbances  initiated  at  the  nozzle  lip  region  propagate 
downstream,  in  the  shear  layer,  and  strongly  interact 
with  the  shock  cells.  As  it  can  be  seen  on  fig  2.1-2, 
acoustic  waves  (called  screech)  are  thus  created  and  a  part 
of  them  propagate  upstream  in  the  subsonic  region  out¬ 
side  the  jet  flow.  Then  these  waves  reach  the  nozzle  lip 
and  generate  dowstream  propagating  flow  disturbances 
that  close  a  cycle  or  feedback-loop. 

Under  certain  conditions  in  underexpanded  jet  flow,  the 
concomitant  sound  production  accelerates  the  spreading  of 
the  jet  and  enhances  mixing  (Krothapalli  and  al.[2.1-18]). 
A  list  of  references  on  the  sound  field  of  an  underexpanded 
jet  can  be  found  in  a  paper  by  Yu  and  Seiner  [2. 1-19]. 


2.1.2.  Complex  geometries  and  3D  phenomena 

After  these  general  considerations  on  phenomena  that 
may  occur  around  a  2D  or  3D  afterbodies  we  have  to  look 
at  some  specific  flow  field  features  around  complex  three- 
dimensional  configurations. 

We  should,  first  of  all,  remember  that  the  flow  arriving 
on  the  afterbody  has  been  affected  by  the  full  length  of 
the  fuselage.  This  implies  that  it  usually  can  not  be 
assumed  to  be  axisymetric  even  for  a  single  engine 
configuration,  and  that  the  boundary  layers  are  very  thick 
and  strongly  three-dimensionnal.  Obstacles  like  antennas 
and  lifting  surfaces  leave  the  marks  of  low  total  pressure 
areas,  and  longitudinal  vortices. 

In  addition  to  that,  the  nozzles  we  have  to  deal  with  in 
real  aircraft  applications  have  complex  and  various 
geometries ; 

Convergent-divergent  axisymmetric  exhaust  nozzles  may 
present  considerable  loss  of  thrust  if  they  operate  in  over¬ 
expansion  (Carrifere  P.  [2.1-20]).  Thus  different  nozzle 
shapes  like  double-flux  nozzles  or  blow-in  doors  have 
been  studied  in  order  to  avoid  this  drawback. 

Increasing  interest  in  V/STOL  or  highly  maneuvrable  air¬ 
craft  has  caused  a  great  deal  of  attention  to  be  focused  on 
jet  flows  exiting  from  rectangular  vectoring  nozzles.  The 
mixing  characteristics  of  an  undeiexpanded  jet  coming 
from  a  converging  rectangular  nozzle  is  of  great  interest, 
and  has  been  studied  by  Krothapalli  and  al.[2.1-18]. 
Specific  aircraft  like  tactical  military  aircraft  designed  for 
high  performance  in  all  mission  segments  may  require  in¬ 
tegration  of  highly  three-dimensional  advanced  exhaust 


10 


nozzles,  featuring  thrust  vectoring  (TV)  and/or  thrust  re¬ 
versing  (TR)  capabilities. 

In  addition  to  that,  while  considering  problems  of  weight 
and  bulk,  it  is  interesting  to  examine  unsymmetrical 
nozzles  (shorter  walls  on  the  lower  surface  )  for  hyperso¬ 
nic  applications. 


2.12.1  Double-flux  nozzles 

The  flow  complexity  is  increased  in  the  case  of  the 
double  flux  ventilated  nozzle  below  : 


All  the  flow  features  discussed  above  are  present  on  this 
configuration.  The  increased  complexity  comes  from  the 
interactions  of  the  primary,  secondary,  and  external  flows. 
Problems  of  confluence  and  mixing  may  then  appear  in 
the  divergent  part  of  the  nozzle.  Iso-Mach  numto  lines 
from  a  calculation  made  at  the  SNECMA  company  are 
represented  to  help  to  visualize  the  flow  behaviour.  The 
stagnation  pressure  of  the  secondary  flow  is  here  a  critical 
parameter  as  it  affects  the  primary  flow  expansion  -and 
the  nozzle  thrust  efficiency-,  and  the  base  drag.  The  base 
pressure  is  dependent  on  the  secondary  mass  flow  and 
NPR. 

Here  again,  an  accurate  modeling  of  the  entrainment  effect 
of  the  mixing  layer  between  the  primary  and  secondary 
flows  is  necessary  to  predict  the  whole  flow  field. 

Two  main  flow  regimes  may  be  encountered  : 

1  -  Low  secondary  mass  flow  : 

The  secondary  flow  is  weak  enough  so  that  its  velocity 
can  be  neglected  except  in  the  region  where  it  mixes  with 
the  primary  flow.  A  reattachment  of  this  primary  flow  on 
the  second^  divergent  wall  can  be  observed  and  induce  a 
shock.  Along  the  primary  jet  frontier,  and  separating  the 
jet  from  a  "dead  water"  region,  a  mixing  region  is  develo¬ 
ping,  where  diffusion  and  energetic  exchanges  exist.  A 
certain  amount  of  secondary  airflow  is  extracted  by  an  en¬ 
trainment  process. 


Weak  secondary  flow 
Fig.  2.1-4 

2  -  Higher  secondary  mass  flow 

In  that  case  the  velocity  of  the  secondary  flow  being  more 
important,  the  entrainment  process  can  be  neglected,  as  a 
first  approximation,  and  the  two  flows  keep  their  indivi¬ 
duality  on  each  side  of  the  fluid  frontier.  Along  this  fron¬ 
tier  a  non-isobaric  mixing  region  is  developing.  Then  the 
following  phenomenon  appears  :  the  secondary  flow  is 
accelerated  in  the  convergent  formed  by  the  secondary 
flow  and  the  fluid  frontier,  and  uncfcr  certain  conditions 
may  become  sonic  and  even  supersonic  (as  in  the  super¬ 
sonic  transport  aircraft  Concorde). 


Fig.  2.1-5 

It  is  also  interesting  to  note  that  the  secondary  air  jet  ge¬ 
nerally  decreases  the  noise  waves,  with  the  greatest  noise 
reduction  occurring  for  the  highest  secondary  air  jet  pres¬ 
sure. 
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In  order  to  improve  the  performance  of  a  convergent-di¬ 
vergent  exhaust  nozzle  by  avoiding  the  overexpansion  in 
the  divergent  part,  another  solution  may  be  chosen  :  the 
blow-in  doors. 

Closed  door 


Fig.  2.1-6 


region  exists  where  is  negative.  Thus,  the  velocity 

distribution  along  a  normal  to  the  body  surface  includes, 
near  the  wall,  a  portion  where  the  longitudinal 
component  is  opposite  to  the  main  flow  direction.  The 
flow  frequently  reattaches  at  some  distance  downstream  of 
S  at  a  point  R,  where  the  skin  friction  passes  through 
zero  to  become  positive  again.  As  shown  in  Fig.  2.1-8, 
the  only  way  the  flow  can  be  organized  is  a  recirculation 
bubble,  often  called  a  vortex.  Further  features  are  that  the 
boundary  layer  thickness  grows  rapidly  at  and  downstream 
of  the  separation  point  and  that  the  interaction  between 
the  viscous  and  inviscid  flow  becomes  large  (there  is  a 
change  from  a  weak  interaction  to  a  strong  interaction 
process). 

centre  C 


a  -  Two-dimensional  flow 


Opened  door 

ZZ2ZZCto>J^  ^ — - 

-  ^ _ 


Low  speed  conditions 
Fig.  2.1-7 

This  ventilation  system  shown  on  the  figures  above 
consists  in  articulated  doors  opening  on  the  external 
stream,  and  placed  around  the  nozzle  throat.  The  interac¬ 
tions  of  primary,  secondary  and  external  flows  are  then 
very  complex  since  four  different  flows  and  several 
mixing  regions  are  at  stake. 


focus  F 
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b  -  Three-dimensional  flow 

Simple  conceptions  of  separation 


2.1.22  Two-dimensional  versus  three-dimensional 
separation  and  vortical  flows 

The  considerations  which  follow  are  applied  to  steady 
flows,  which  means  that  the  flow  in  the  boundary  layers, 
mixing  zones  and  wakes  being  turbulent,  we  consider  a 
mean  flow  according  to  Reynolds  or  Favre  averaging. 
This  is  a  strong  simplification,  since  real  flows  are 
fluctuating,  especially  when  separation  occurs.  However, 
this  description  is  consistent  with  flow  modelling  based 
on  the  time  averaged  Navier-Stokes  equations. 
Furthermore,  it  correponds  to  measurements  performed  by 
classical  devices  which  always  perform  an  averaging  of 
the  flow  quantities. 

In  two-dimensional  flows,  it  is  usual  to  consider  that 
separation  occurs  when  the  skin  friction  x^  goes  to  zero 

at  a  separation  point  S.  Downstream  of  this  point,  a 


Fig.  2.1-8 

In  three-dimensional  flows,  separation  entails  the 
formation  of  vortical  structures,  or  vortices,  formed  by 
the  rolling  up  of  the  viscous  flow  "sheet",  previously 
confined  in  a  thin  layer  attached  to  the  wall,  which 
suddenly  springs  into  the  outer  non  disssipative  flow 
(Delery  [2.1-21],  Van  den  Berg  [2.1-22]). 

In  three-dimensional  flows,  the  definition  of  separation  as 
the  zero-crossing  of  the  skin  friction  (now,  the  skin 
friction  acts  as  a  vector)  is  inadequate  and  two- 
dimensional  concepts  are  no  longer  appropriate  to 
describe  separated  three-dimensional  flows.  A  rational 
definition  of  three-dimensional  separation  can  be  made  by 
resorting  to  the  Critical  Point  Theory  of  Poincare  [2.1- 
23],  applied  to  fluid  mechanics  problems  by  Legaidre 
[2.1-24].  Here,  we  will  restrict  ourselves  to  a  r^id 
presentation  of  this  theory  which  provides  a  very 
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powerful  tool  to  interpret  the  structure  of  three- 
dimensional  separated  flows. 


The  most  important  concepts  are  introduced  by 
considering  the  vector  field  made  of  the  skin  friction 
vectors  on  the  body.  In  general,  it  is  possible  to 
determine  the  lines  of  force  of  this  vector  field,  the  skin 
friction  lines,  except  at  point  (most  often  isolated)  where 
the  skin  friction  vector  vanishes.  Such  points  are  called 
critical  points.  The  behaviour  of  the  skin  friction  line 
pattern  in  the  vicinity  of  a  critical  point  is  studied  by 
performing  a  Taylor  series  expansion  of  the  skin  friction 
vector  components  of  the  form: 

^wx  =  •  X  +  a^y  .  y 

"'^wy  =  ^x  *  ^  +  ayy  .  y 

where  x  and  y  designate  coordinates  on  the  body  (for  sake 
of  simplicity,  metric  coefficients  are  omitted,  which  does 
not  change  the  conclusions),  T^x  ^  "^wy 

corresponding  skin  friction  vector  components. 


obtained:  nodal  points  (nodes  and  foci)  and  saddle  points. 
The  behaviour  of  the  skin  friction  lines  in  the  vicinity  of 
these  critical  points  are  illustrated  in  Fig.  2.1-9.  In  some 
circumstances,  a  node  can  degenerate  into  an  isotropic 
node  (see  Fig.  2.  l-9.b)  and  a  focus  into  a  centre  as  shown 
in  Fig.  2.1-9.e  (case  of  the  two-dimensional  vortex,  see 
above).  A  focus  is  associated  with  a  vortex  springing  out 
from  the  surface.  A  special  situation  corresponding  to  a 
succession  of  saddle  points  and  nodes,  infinitely  close  to 
each  other,  is  sketched  in  Fig.  2.1-9.f. 

Thus,  the  skin  friction  is  everywhere  non  zero  in  three- 
dimensional  flows,  except  at  isolated  critical  points.  As  a 
matter  of  fact,  in  such  flows,  there  are  no  privileged 
directions  along  which  the  sign  of  the  skin  friction  has  a 
well  defined  physical  meaning.  Furthermore,  contrary  to  a 
two-dimensional  flow  in  which  the  motion  is  confined 
within  a  plane,  a  three-dimensional  flow  has  the 
capability  to  develop  transverse  components,  allowing 
the  fluid  to  escape  laterally.  This  capability  gives  three- 
dimensional  separated  flows  their  essential  features. 

The  above  analysis,  generalized  to  three  dimensions,  can 
be  extended  to  the  outer  flow  velocity  field,  since  it 
applies  to  any  vector  field.  Then,  skin  friction  lines  are 
streamlines.  Thus,  critical  points,  and  their  associated 
patterns,  can  also  be  found  in  the  flow  field. 


e  -  Centre  f  *  Saddle-node  combination 

Skin  friction  line  pattern  in  the  vicinity  of  the  critical 
points 


Flow  structure  during  a  separation  process 
Fig.  2.1-10 


Fig.  2.1-9  Through  a  saddle  point  pass  two  special  skin  firiction 

lines  (or  streamlines)  which  are  called  separatrices,  in  the 
Depending  of  the  sigii  and  magnitude  of  the  coefficients  sense  that  they  separate  the  above  lines  into  well  distinct 
®xx’  ^y’  ^yx>  ^yy’  different  types  of  critical  points  are  families.  Depending  of  the  skin  friction  line  behaviour  on 
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approaching  the  saddle  point  and  the  associated 
separatrices,  the  physical  situation  corresponds  either  to 
effective  separation,  or  to  attachment.  The  flow 
organization  during  a  separation  process  is  shown  in  Fig. 
2.1-10.  Then,  the  skin  friction  lines  are  flowing  towards 
the  saddle  point  S  and  are  diverted,  on  approaching  S , 
into  two  families  streaming  along  the  separation  line  (S) 
going  through  S.  The  line  (S)  sustains  a  separation 
surface  which  is  constituted  of  the  streamlines  emanating 
from  the  node  N  (in  fact  a  half-node)  coincident  with  S  on 
the  body.  The  attachment  process  is  sketched  in  Fig.  2.1- 
11. 


Flow  structure  during  an  attachment  process 
Fig.  2.1-11 

One  also  finds  the  saddle  point  and  the  associated 
separatrices,  but  now  the  skin  friction  lines  stream  away 
from  S  and  move  off  the  separatrix  (S)  which  is  an 
attachment  line.  In  a  similar  way,  (S)  sustains  an 
attachment  surface  made  of  streamlines  ending  at  the 
attachment  node  N  coincident  with  S. 

In  most  situations,  the  separation  line  (S)  ends  at  a  focus 
around  which  it  spirals.  This  focus  is  the  trace  on  the 
body  of  the  vortical  structure  ("vortex")  which  results 
from  the  rolling  up  of  the  separation  surface.  Such  a 
situation  with  two  foci  is  depicted  in  Fig.  2.1-12.a.  This 
type  of  structure  is  called  a  tornado  like  vortex.  The  focus 
sustaining  the  vortex  can  also  be  in  a  plane  of  symmetry, 
leading  to  the  formation  of  a  horseshoe  vortex,  as  the  one 
forming  in  front  of  a  blunt  obstacle  (see  Fig.  2.1-12.b). 


a  -  Tornado-like  vortex 


b  -  Horseshoe  vortex 

Vortex  formation 

Fig.  2.1-12 

Such  a  topological  analysis  is  usual  to  help  achieving  a 
good  understanding  of  three-dimensional  separated  flows. 
It  is  clear  that  the  Critical  Point  Theory  can  be  applied  to 
viscous  as  well  as  to  inviscid  flows  (in  fact,  it  deals  only 
with  a  vector  field).  The  concept  of  vortex  sheet  pertains 
to  perfect  fluid  model  of  the  separated  flow  where  it  is 
defined  as  a  surface  bearing  velocity  tangential 
discontinuities,  represented  by  a  concentrated  distribution 
of  vorticity.  Such  a  sheet  has  no  physical  existence  and 
has  not  to  be  confused  with  the  separation  surface.  If  the 
flow  effective  vorticity  is  initially  confined  within  thin 
boundary  layers  then,  during  the  separation  process,  this 
vorticity  tends  to  migrate  in  regions  of  small  thickness 
close  to  the  separation  surface.  In  this  case,  there  is  a  fair 
similarity  between  the  vortex  sheet  model  and  reality. 
However,  in  the  case  of  aircraft  afterbodies,  the  incoming 
boundary  layers  are  usually  very  thick  and  it  migh  be 
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difficult  to  define  without  ambiguity  such  vortex  sheets 
in  a  separated  three-dimensional  afterbody  flow. 

Application  to  the  description  of  some  typical  afterbody 
flows 

In  the  discussion  which  follows,  the  topology  -  or  more 
simply  the  organization  -  of  the  flow  will  be  commented 
by  considering  an  assembling  of  the  skin  friction  line 
pattern  on  the  afterbody,  the  streamlines  in  planes  of 
symmetry  (most  of  the  flow  analyzed  have  only  one 
plane  of  symmetry)  and  on  the  surface  constituting  the 
boundary  of  the  jet,  if  any.  The  picture  will  be  completed 
by  the  drawing  of  some  streamsurfaces  playing  a  special 
role  in  the  flow  field  (namely,  separation  and  attachment 
surfaces).  This  assembling  is  necessary  to  arrive  at  a 
consistent  representation  of  the  three-dimensional  field.  It 
is  clear  that  the  proposed  organizations  are  not  unique 
(and  some  of  them  hypothetical),  since  other  flow 
structures  can  be  conceived  with  a  similar  degree  of 
topological  consistency.  Only  experiment,  or  calculation, 
can  give  information  on  the  effective  organization  which 
establishes  itself  for  given  geometrical  and  flow 
conditions.  However,  the  following  flow  descriptions  arc 
very  likely  to  occur  in  reality  since  they  correspond  to  the 
simplest  topologies.  In  the  presentation  which  follows, 
flows  of  increasing  complexity  will  be  examined,  some 
of  them  corresponding  to  Test  Cases  A  or  B  for  which 
measurements  are  available  to  substantiate  the  proposed 
organizations. 


2.1.22.1  Unpowered  axisymmetric  cfterbody  at  incidence 

The  present  flow  description  is  made  by  considering  the 
axisymmetric  boattailed  afterbody  constituting  Test  Case 
A.  1.1  (see  Section  2.5).  In  this  case,  detailed  flow  field 
measurements  have  been  executed,  so  that  we  have  a 
rather  firm  basis  to  describe  the  outer  flow  structure. 
However,  no  surface  flow  visualizations  having  been 
made,  the  given  skin  fiiction  line  pattern  is  partly 
speculative,  although  probably  not  far  from  the  reality 
since  it  is  compatible  with  the  outer  flow  structure. 

If  we  consider  first  this  pattern,  represented  in  Fig.  2.1- 
13,  a  half-node  Nj  must  exist  at  the  base  edge  A  located 

on  the  lee  side.  Diametrically  opposite  to  A,  one  must 
have  at  point  B  on  the  windward  side,  a  half-saddle  point 
Sj.  A  separatiix  (Sj),  passing  through  Sj,  runs  along 

the  base  edge  and  terminates  at  Nj.  The  skin  fiiction 

lines  coming  from  upstream  "infinity"  all  stream  from 
the  windward  side  towards  the  lee  side  on  approaching  the 
base  edge.  Then,  they  end  into  the  separation  node  (cr 
half-node)  N^.  Another  attachment  node  N3  must  exist 

on  the  base  (see  Fig.  2.1-13.d).  The  skin  friction  lines 
originating  at  N3  first  stream  in  the  direction  of  the  base 

egde  which  is,  as  we  already  know,  a  separatrix  (Sj). 
Then,  they  are  diverted  towards  the  half-node  N2,  the 


combination  N^-^N2  forming  a  node.  Diametrically 
opposite  to  N2,  is  the  half-saddle  point  S2  forming  with 
Sj  a  complete  saddle  point.  The  line  (S2)  passing 
through  S2,  N3  and  N2  plays  the  role  of  a  separatrix. 


b  -  Top  view 


c  -  Bottom  view 


Unpowered  afterbody  at  incidence.  Skin  friction  line 
pattern. 

Fig.2.1-13 

Let  us  now  consider  the  flow  in  the  vertical  symmetry 
plane  containing  points  A  and  B  (see  Fig.  2.1-14).  At  the 
base  comer  A,  is  located  a  half-saddle  point  S3  which  is 

the  origin  of  a  separatrix  (S3)  spiralling  around  the  focus 
Fj.  A  second  half-saddle  point  S4  is  located  on  the  base, 
coincident  with  the  node  N3  belonging  to  the  skin 
friction  line  pattern.  The  separatrix  (S4)  ending  at  S4 

separates  the  streamlines  coming  from  uspstream 
"infinity"  to  downstrean  "infinity",  fi'om  those  spiralling 
around  the  focus  Fj.  A  third  half-saddle  point  S^  is 

present  at  the  base  edge  B.  It  is  the  origin  of  the 


separatrix  (S5)  which  separates  the  lee  side  flow  from  the 
windward  flow. 
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Unpowered  afterbody  at  incidence.  Flow  organization  in 
the  symmetry  plane 


Fig.  2.1-14 

As  shown  in  Fig.  2.1-15,  the  separation  line  (Sj) 

sustains  a  separation  surface  (Z)  which,  in  a  rather 
complex  motion,  rolls  up  to  form  a  hem  distorted  into 
two  branches  bending  in  the  downstream  direction.  The 
trace  of  (Z)  in  the  vertical  plane  of  symmetry  is  the  focus 
Fj.  Cutting  (Z)  by  a  vertical  plane  gives  two  foci  which 

are  clearly  visible  in  the  measured  velocity  field  (see 
Appendix  A.l).  The  streamlines  constituting  the 
separation  surface  (Z)  emanate  from  a  node  located  on  its 
windward  side  and  coincident  with  the  half-saddle  point 
S2  of  the  skin  friction  line  pattern.  These  streamlines  run 

from  the  windward  side  towards  the  lee  side  where  they 
ate  separated  into  two  families  by  a  separatrix  emanating 
from  a  half-saddle  point  coincident  with  the  node  Nj.  The 

combination  saddle  point  on  the  body/node  on  the 
separation  surface  -  and  vice  versa  -  is  a  common  feature 
of  the  topology  of  separating  three-dimensional  flows. 
The  rolling  up  of  the  separation  surface  (Z)  forms  a 
horseshoe-like  vortex,  similar  to  the  vortex  forming 
ahead  of  a  blunt  body.  Similar  vortical  structures  will  be 
found  in  the  flow  field  analyzed  hereunder. 


Unpowered  afterbody  at  incidence.  Main  separation 
surface 

Fig.  2.1-15 


2. 1.2. 2. 2  Powered  axisymmetric  afterbody  without  base 
Unseparated  outer  flow 

Let-us  first  consider  the  case  of  an  axisymmetric 
afterbody  with  jet  and  no  base  placed  at  a  small  incidence. 
We  assume  that  the  thickness  of  the  afterbody  trailing 
edge  is  zero  (or  sufficiently  thin  to  have  no  effect  on  the 
flow  structure,  except  at  a  microscopic  scale  at  the 
trailing  edge  itselQ.  If  the  nozzle  expansion  ratio  is  not 
too  high,  jet  pluming  at  the  nozzle  exit  is  moderate  so 
that  the  jet  does  not  induce  separation  on  the  afterbody. 
This  configuration  could  correspond  to  Test  Case  A.2.1 
(see  Section  2.5). 

The  corresponding  flow  topology  is  shown  in  Fig.  2.1- 
16.  Because  of  the  driving  pressure  forces  due  to  the 
incidence  effect,  the  afterbody  skin  friction  fines  tend  to 
converge  towards  a  separation  node  Nj  located  in  the 

afterbody  plane  of  symmetry,  on  its  lee  side  (in  fact  Nj  is 
a  half-node).  On  the  windward  side,  a  saddle  point 
forms  (in  facta  half-saddle),  opposite  to  Nj,  a  separatrix 
contained  in  the  plane  of  symmetry  passing  through  S^. 

This  fine  separates  the  skin  friction  fines  into  two 
families  which  are  flowing,  on  each  side  of  the  afterbody, 
towards  the  separation  node  Nj. 
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Powered  afterbody  without  base.  Low  jet  expansion  ratio. 
Skin  friction  line  pattern  and  flow  organization  in  the 
symmetry  plane  and  on  jet  boundary 


Fig.  2.1-16 


The  second  separatrix  going  through  S  ^  coincides  with 

the  afterbody  extremity.  It  constitutes  a  separation  line 
(Sj).  The  sMn  friction  lines  coming  from  the  upstream 

part  of  the  flow,  without  being  much  affected  befwehand, 
are  rapidly  bent  on  approaching  (Sj).  Then,  they  follow 

closely  this  line  before  ending  into  the  separation  node 
Nl- 

The  figure  also  represents  the  separation  surface,  the  trace 
of  which  on  the  afterbody,  is  the  separation  line  (Sj). 

This  surface,  which  is  the  boundary  of  the  jet,  is 
constituted  by  the  streamlines  coming  from  a  h^-node 
N2  coincident  with  the  half-saddle  S  ^ ,  but  located  in  the 

flow,  whereas  is  on  the  body  and  belongs  to  the  skin 
friction  line  pattern.  On  the  lee  side,  a  half-saddle  $2 

exists  on  the  separation  surface.  It  coincides  with  the 
separation  node  Nj  of  the  skin  friction  line  pattern. 

In  the  immediate  vicinity  of  the  afterbody  trailing  edge, 
the  streamlines  coming  from  N2  follow  the  separation 

line  (S2),  coincident  with  (Sj).  A  separatrix  passing 
through  N2  is  located  in  the  flow  plane  of  symmetry.  It 

plays  a  role  similar  to  the  separatrix  of  the  skin  friction 
line  pattern  going  through  Sj.  All  the  streamlines 

emanating  from  N2  flow  towards  another  separatrix,  of 

the  separation  type,  contained  in  the  plane  of  symmetry 
and  coming  from  the  half-saddle  82-  Thus,  the 

streamlines  of  the  jet  boundary  tend  to  flow  from  the 
windward  side  to  the  lee  side.  This  flow  organization  is 
rather  simple  and  corresponds  the  normal  afterbody  flow 
situation,  even  at  the  so-called  zero  incidence  case,  since  a 


purely  axisymmetric  flow  is  extremely  unlikely. 
However,  it  is  clear  that  the  unavoidable  three- 
dimensional  situation  associated  with  nominally  zero 
incidence  does  not  entail  noticeable  differences  with  the 
purely  axisymmetric  case,  as  far  as  pressure  distributions 
and  drag  are  concerned.  This  is  the  case  of  Test  Case 
A.  1.2  (see  Section  2.5).  Hence,  an  axisymmetric 
mathematical  model  gives  a  precise  prediction  of  the 
flow,  even  if  its  intimate  structure  is  not  respected. 

Separated  outer  flow 

Let  us  now  consider  the  more  complex  situation  which 
would  result  from  a  stronger  expansion  of  the  under¬ 
expanded  jet  at  the  nozzle  exit  Beyond  a  certain  limit,  the 
jet  expansion  causes  an  obstacle  effect  which  separates 
the  outer  flow  upstream  of  the  aftabody  trailing  edge.  If 
at  the  same  time  the  afterbody  is  at  incidence,  a  possible 
flow  organization  is  the  one  represented  in  Fig.  2.1-17. 


Powered  cfterbody  without  base.  High  jet  expansion 
ratio.  Skin  friction  line  pattern  and  flow  organization  in 
the  symmetry  plane  and  on  jet  boundary 


Fig.  2.1-17 


Considering  first  the  skin  friction  line  pattern,  there 
exists  a  saddle-point  Sj  located  upstream  of  the  afterbody 

trailing  edge,  in  the  plane  of  symmetry,  on  the  windward 
side.  From  Sj  emanates  a  separation  line  (Sp  going 

fiom  the  windward  side  to  the  lee  side  where  it  terminates 
in  the  separation  node  Nj.  The  separation  line  (Sp 

separates  the  skin  friction  line  into  two  families:  one 
made  of  the  skin  friction  lines  coming  from  the  upstream 
part  of  the  afterbody  (upstream  "infinity"),  the  other  of 
the  skin  friction  lines  emanating  from  the  node  N2 

located  at  the  trailing  edge.  These  two  families  terminate 
into  the  node  Nj. 
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The  flow  in  the  plane  of  symmetry  contains  now  a  focus 
Fj,  around  which  spirals  the  separatrix  (S2)  coming  from 

the  half-saddle  S2,  coincident  with  Sj  on  the  surface.  A 
second  separatrix  of  the  outer  flow  -  (Sj)  -  terminates  at 
the  attachment  node  N2  located  at  the  trailing  edge.  The 
streamlines  streaming  between  the  surface  and  (Sg),  and 
then  between  (S2)  and  (S3),  all  spiral  into  the  focus  Fj. 

On  the  lee  side  of  the  flow,  there  are  a  half  saddle  point 
S4,  coincident  with  Nj  on  the  surface,  and  a  node  N4 

located  at  the  trailing  edge. 

As  sketched  in  Fig.  2.1-18,  the  outer  flow  structure 
contains  two  main  separation  surfaces.  The  first  one  - 
(Zj)  -  emanates  from  the  separation  line  (Sj)  located  on 

the  afterbody,  upstream  of  the  trailing  edge.  It  is  made  of 
the  streamlines  originating  at  a  node  coincident  with  S2. 

These  streamlines  stream  from  the  lee  side  to  the 
windward  side  where  a  saddle  point  S3,  coincident  with 

Nj,  is  the  origin  of  a  separatrix  separating  the 

streamlines  flowing  on  each  side  of  the  plane  of 
symmetry.  This  separation  surface  rolls  up  to  constitute  a 
vortex,  the  trace  of  which  in  the  symmetry  plane  is  the 
focus  Fj.  As  the  flow  is  streaming  in  the  downstream 

direction,  this  vortex  is  bent  and  constitute  the  familiar 
horseshoe  vortex.  The  second  separation  surface  -  - 

is  the  jet  boundary,  its  origin  on  the  afterbody  being  the 
separation  line  coinciding  with  the  trailing  edge. 


Powered  afterbody  without  base.  High  jet  expansion 
ratio.  Main  separation  surfaces 


Fig.  2.1-18 


2. 1.2. 2. 3  Powered  axisymmetric  afterbody  with  base 
The  purely  axisymmetric  case 

We  consider  now  the  case  of  an  afterbody  with  a  base  at 
zero  incidence,  the  configuration  being  assumed  perfectly 
axisymmetric.  As  shown  in  Fig.  2.1-19,  the  skin  friction 


line  pattern  is  made  of  parallel  lines  ending  at  the 
afterlwdy  extremity.  In  the  outer  flow  plane  of  symmetry, 
a  separatrix  (S  j)  emanates  from  the  the  half-saddle  S  j,  at 

the  base  shoulder,  and  terminates  at  a  second  half-saddle 
$2.  located  on  the  base.  The  separatrix  (Sj)  isolates  the 

recirculation  flow,  swirling  around  the  centre  Cj,  from 

the  flow  streaming  from  upstream  to  downstream 
"infinity".  A  third  half-saddle  -  S3  -  coincides  with  the 

nozzle  exit.  It  is  the  origin  of  a  second  separatrix  which 
is  in  fact  the  jet  boundary.  The  same  description  can  be 
made  for  the  lower  half  part  of  the  figure.  Thus,  the  main 
feature  of  the  flow  is  the  existence  of  a  toroidal  vortex 
whose  trace  in  any  meridian  plane  is  a  centre. 


Powered  afterbody  with  base.  Purely  axisymmetric  case. 
Skin  friction  line  pattern  and  flow  organization  in  the 
symmetry  plane  and  on  jet  boundary 

Fig.2.1-19 


The  above  topology  is  very  unlikely  to  occur  in  the  real 
world  since  it  contains  highly  singular  features.  For 
example,  in  this  case  the  base  shoulder,  where  all  the 
afterbody  skin  friction  lines  terminate,  must  be  the  locus 
of  an  infinite  number  of  node  -  saddle  point 
combinations,  as  shown  in  Fig.  2.1-9.f.  In  the  reality, 
in  a  nominally  axisymmetric  configuration,  the  flow 
adopts  a  three-dimensional  pattern  by  avoiding  these 
singular  situations.  Based  on  experimental  results 
obtained  in  an  axisymmetric  reattachment,  we  can 
propose  the  effective  axisymmetric  topology  shown  in 
Fig.  2.1-20. 
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Powered  cfterbody  with  base.  Purely  axisymmetric  case. 
Main  separation  surfaces 

Fig.  2.1-20 


Now,  the  base  shoulder  bears  a  finite  number  of  critical 
points,  which  are  in  succession  half-nodes  and  half-saddle 
points.  To  this  pattern  corresponds,  in  the  flow  field,  a 
similar  succession  of  critical  points,  with  nodes 
corresponding  to  saddle  points  and  saddle  points  to  nodes. 
The  skin  fiiction  line  pattern  on  the  base  must  have  the 
structure  shown  in  Fig.  2.1-21  with  three  separatrices: 
one  coinciding  with  the  base  shoulder,  another  with  the 
nozzle  exit  and  the  third  one  located  somewhere  on  the 
base.  This  last  line  bears  a  succession  of  complete  nodes 
and  saddle  points. 


Powered  afterbody  with  base.  Purely  axisymmetric  case. 
Skin  friction  line  pattern  on  the  base 

Fig.  2.1-21 


It  is  clear  that  the  topological  organization  of  such  a  flow 
is  extremely  complex  so  that  we  have  not  tried  to 
represent  it  in  more  detail.  However,  in  spite  of  this 
complexity,  this  organization  is  more  likely  to  occur 
than  the  fully  axisymmetric  case  since  it  does  not  contain 
highly  singular  features. 

Non-axisymmetric  case 

Now,  a  true  -  or  macroscopic  -  three-dimensional  effect  is 
introduced  by  setting  the  afterbody  at  incidence.  The  flow 
organization  which  may  result  is  represented  in  Fig.  2.1- 
22. 


Powered  afterbody  with  base.  Non  axisymmetric  case. 
Skin  friction  line  pattern  and  flow  organization  in  the 
symmetry  plane  and  on  jet  boundary 

Fig.  2.1-22 

All  the  skin  fiiction  lines  coming  from  upstream 
"infinity"  terminate  into  the  node  Nj,  the  situation  on 

the  afterbody  being  similar  to  that  of  Fig.  2.1-13.  In  the 
present  case,  the  separatrix  (Sj)  emanating  from  the  base 

shoulder  spirals  into  the  foci  Fj.  A  second  separatrix  (S2) 
terminates  on  the  base  at  the  saddle  point  S2,  the 
streamlines  flowing  between  (Sj)  and  ($2)  spiralling  into 
the  focus  Fj.  On  the  windward  side,  the  situation  is 
different,  with  the  existence  of  a  node  N2  on  the  base  and 
a  half-saddle  point  on  the  base  shoulder.  The  skin 

friction  line  pattern  on  the  base  itself  is  shown  in  Fig. 
2.1-23.  To  the  half-saddle  point  S2  corresponds  the 

attachment  node  N^  and  to  the  node  N2,  the  saddle  point 
S4.  The  pattern  includes  three  separatrices:  (S3) 
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coinciding  with  the  base  shoulder,  (S4)  with  the  nozzle 
lip  and  (S^)  between  these  two  lines.  The  separatrix  (S^) 

separates  the  skin  friction  lines  coming  from  the 
attachment  node  N3  into  one  family  terminating  into  the 

separation  node  N5  and  one  family  ending  in  the  nocte 

N4. 


Powered  afterbody  with  base.  Non  axisyrrmetric  case. 
Skin  friction  line  pattern  on  the  base 

Fig.  2.1-23 


The  main  streamsurfaces  are  drawn  in  Fig.  2.1-24. 


Powered  afterbody  with  base.  Non  axisyrrmetric  case. 
Main  separation  surfaces 

Fig.  2.1-24 


The  separation  surface  emanating  from  the 

separation  line  (S3)  at  the  base  shoulder,  rolls  up  to 

form  a  horseshoe  vortex,  as  in  the  case  of  Fig.  2. 1-18.  A 
second  separation  surface  -  (^2)  ’  the  jet  boundary.  The 

third  surface  represented  -  (Z3)  -  is  an  attachment  surface 
which  hits  the  base  along  the  separatrix  (S4).  The  leada 

will  interpret  by  himself  the  other  features  represented  in 
the  figure. 

2. 1.2. 2. 4  Powered  non-axisymmetric  afterbody 
Single-jet  rectangular  afterbody 

The  following  case  corresponds  to  Test  Case  B.4  (Single 
jet,  2-D,  C-D  nozzle,  see  Section  3.4)  for  which, 
computed  skin  friction  lines  are  available.  The  afterbody 
has  a  rectangular  cross  section,  with  rounded  comers,  and 
presents  a  boattail.  It  is  equipped  with  a  converging- 
diverging  nozzle  whose  exit  section  is  equal  to  the 
terminal  cross  section  of  the  afterbody  (no  base).  Here, 
we  consider  only  Test  Case  B.4.2,  for  which  the  outer 
flow  is  transonic  and  who  leads  to  the  most  interesting 
topological  features.  In  the  drawings  presented  below,  the 
proportions  of  the  tested  model  have  not  been  respected, 
for  reasons  of  convenience.  However,  the  proposed  flow 
organization  is  topologically  equivalent  to  what  it  would 
be  for  the  real  model. 

Let  us  first  examine  the  skin  friction  line  pattern 
represented  in  Fig.  2.1-25.  We  examine  only  the  pattern 
on  the  lee  side  since  it  shows  the  most  interesting 
features.  Two  saddle  points  Sj  and  $2,  and  two  foci  Fj 

and  F2,  are  clearly  identified  on  this  part  of  the  model.  To 
S|^  is  associated  the  separatrix  (S  j)  which  is  made  of  two 
branches  winding,  respectively,  around  the  foci  Fj  and 
F2.  This  line  constitutes  a  barrier  for  the  skin  fiiction 

lines  coming  from  upstream  "infinity",  which  are  first 
deflected  on  approaching  the  saddle  point  and  then 

turned  in  the  upstream  direction,  before  disappearing  into 
the  foci  Fj  and  F2.  The  second  separatrix  ($2),  going 

through  S2,  separates  the  skin  friction  lines  into  one 
family  which  is  spiralling  around  F|  and  F2  and  one 

family  which  continues  in  the  downstream  direction  to 
reach,  in  this  case,  the  separation  node  Nj  located  on  the 

afterbody  trailing  edge,  slightly  downstream  of  the  saddle 
point  S2.  This  pattern  is  classically  associated  with 

shock  induced  separation  in  three-dimensional  transonic 
flow,  as  it  occurs  in  the  present  experiment.  Some 
authors  object  that  a  pattern  in  which  two  saddle  points 
are  located  on  the  same  separatrix  -  here  (S3)  -  would  be 

unstable.  It  is  an  easy  matter  to  slightly  modify  the 
picture  in  Fig.  2.1-25  to  get  a  stable  situation. 
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Powered  non  axisymmetric  afterbody.  Skin  friction  line 
pattern  and  flow  on  the  jet  boundary 

Fig.  2.1-25 


The  pattern  on  the  windward  side  (not  repesented)  must 
present  a  saddle  point,  opposite  to  the  node  N|,  through 

which  passes  a  separatrix  of  the  attachment  type.  This 
line  separates  the  skin  friction  lines  which  stream  towards 
the  left  hand  part  of  the  model,  from  those  which  flow 
towards  the  right  hand  part.  All  the  skin  friction  lines 
(except  those  reaching  the  foci  Fj  and  F2)  are  bent  in  the 

vicinity  of  the  afterbody  trailing  edge  where  they  follow 
the  separatrix  (S4)  coinciding  with  the  trailing  ^ge.  We 

have  also  represented  in  Fig.  2.1-25  a  part  of  the  jet 
boundary  where  the  lines  drawn  are  streamlines 
constituting  a  separation  surface.  According  to  a  classical 
result,  the  half-saddle  point  in  the  separation  surface 

coincides  with  the  node  (in  fact  a  half-node)  Nj  of  the 

surface  pattern.  A  representation  of  the  flow  in  the 
vertical  plane  of  symmetry  is  given  in  Fig.  2.1-26.  The 
pattern  includes  a  focus  F3  which  is  the  trace  of  a  vortex 

which,  in  other  circumstances,  would  form  a  horseshoe 
vortex  escaping  downstream.  However,  in  the  present 
situation,  is  it  probable  that  the  core  of  this  vortex  - 
which  is  made  of  a  left  and  a  right  legs  -  rolls  up  around 
the  cores  of  the  vortices  emanating  fix)m  the  foci  Fj  and 

F2,  to  be  evacuated  downstream.  This  point  will  not  be 
discussed  here. 


Powered  non  axisymmetric  afterbody.  Flow  in  the 
symmetry  plane  and  on  the  Jet  boundary 

Fig.  2.1-26 

The  present  flow  contains  -  at  least  -  three  separation 
surfaces.  The  trace  on  the  afterbody  of  one  of  these 
surfaces  is  the  separatrix  (Sj)  which  spirals  around  the 

foci  Fj  and  F2.  The  rolling  up  of  the  corresponding 
separation  surface  (Xj)  forms  a  pair  of  tornado  like 

vortices  springing  up  fi'om  the  surface,  as  shown  in  Fig. 
2.1-27.a.  The  second  separatrix  (S2)  is  the  trace  of  the 

attachment  surface  (I^),  represented  in  Fig.  2. 1-27 .b.  The 
crossing  of  (X2)  by  (Xj)  leads  to  the  pattern  shown  in 
Fig.  2.1-27.C. 


a  -  First  separation  surface  (Sj) 

Powered  non  axisymmetric  afterbody.  Formation  of  the 
separation  surfaces 


Fig.  2.1-27 
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c  -  Interference  of  separation  surfaces  (Sj)  and 

(S2) 

Powered  non  axisymmetric  afterbody.  Formation  of  the 
separation  surfaces 

Fig.  2.1-27 

This  pattern,  which  is  made  of  two  foci,  with  associated 
separatrices,  is  the  trace  on  (Z2)  of  the  vortices  springing 

up  from  Fj  and  F2.  This  crossing  gives  the  streamline 

organization  shown  in  Figs.  2.1-27 .b  and  2.1-27.C  with 
the  existenxe  on  (Lj)  of  a  half-saddle  point/half-node 

combination.  The  third  separation  surface  -  (S3)  -  is  the 

jet  boundary.  The  whole  flowfield  organization  is  shown 
in  Fig.  2.1-28.  We  shall  not  comment  any  more  the 
above  pictures  whose  main  features  have  already  been 
found  in  previous  flows. 


Powered  non  axisymmetric  body.  Main  separation 
surfaces 


Fig.  2.1-28 


Twin-jet  afterbody 

The  last  field  analyzed  is  the  flow  produced  by  a  twin-jet 
afterbody,  as  the  one  constituting  Test  Case  A.  1.3  (see 
Section  A.2.5).  A  precise  definition  of  the  afterbody  is 
given  in  Appendix  A.l.  Here,  we  will  consider  that  the 
afterbody  geometry  has  two  symmetry  planes,  one 
(horizontal)  containing  the  nozzle  axes,  the  other 
(vertical)  perpendicular  to  the  first  symmetry  plane  (in 
reality,  the  tested  afterbody  has  only  one  symmetry  plane, 
but  the  asymmetry  is  weak  so  that  it  does  not  affect 
much  the  general  flow  structure).  The  angle  of  incidence 
is  assumed  equal  to  zero. 

For  this  case,  surface  flow  visualizations  and  velocity 
measurements  have  been  performed,  so  that  the  flow 
description  is  founded  on  experimental  evidences.  An 
interpretation  of  the  observed  surface  flow  pattern  is 
given  in  Fig.  2.1-29.  The  skin  friction  lines  coming 
from  upstream  "infinity"  are  separated  into  two  families 
by  the  separatrLx  (Sj)  passing  through  the  saddle  point 

Sj  located  at  the  extremity  of  the  afterbody,  in  the 

vertical  symmetry  plane.  On  approaching  the  afterbody 
base,  one  family  is  turned  towards  one  of  the  nozzle 
while  the  other  family  streams  towards  the  other  nozzle. 
The  second  separatrix  ($2)  passing  through  is  first 

running  along  the  base  shoulder  and  then  it  must  be  bent 
to  continue  its  path  on  the  nozzles.  An  attachment  node 
Nj^  is  clearly  identified  at  the  center  of  the  base.  The  skin 

fnction  lines  originating  from  Nj  all  stream  towards  the 
extremity  of  the  nozzles.  The  separatrix  (S2)  separates  the 

skin  friction  lines  coming  ft-om  uspstream  from  those 
having  their  origin  at  Nj.  The  nozzle  extremities  must 

bear  at  least  two  separatrices  on  which  are  located  critical 
points  (most  probably  separation  nodes)  into  which  the 
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skin  friction  lines  coming,  either  from  upstream 
"infinity",  or  from  the  node  Nj,  terminate.  However,  the 

surface  flow  visualization  was  not  fine  enough  to  allow 
an  identification  of  these  points. 


Twin  jet  ctfterbody.  Skin  friction  line  pattern 
Fig.  2.1-29 


The  outer  flow  streamlines  in  the  vertical  plane  of 
symmetry  are  represented  in  Fig.  2.1-30.  Considering 
only  one  half  of  the  figure,  it  is  possible  to  identify  a 
half-saddle  point  located  at  the  base  shoulder.  From 

$3  starts  the  separatrix  (S3)  which  spirals  into  the  focus 
Fj^.  A  complete  saddle  point  S4  is  present  on  the  axis  of 
the  configuration.  Through  S4  passes  a  second  separatrix 
(S4)  which  separates  the  streamlines  streaming  from 

upstream  "infinity"  to  downstream  "infinity"  from  those 
spiralling  into  the  focus  Fj^.  A  third  half-saddle  point  - 

S5  -  exists  on  the  base,  in  the  symmetry  plane,  which 
contains  the  separatrix  (S5). 


Twin  Jet  afterbody.  Flow  organization  in  the  vertical 
symmetry  plane 

Fig.  2.1-30 


The  streamlines  in  the  symmetry  plane  containing  the 
nozzle  axes  are  represented  in  Fig.  2.1-31  (on  this  tracing 
we  have  superimposed  the  shock  system  shown  by  the 
schlieren  pictures).  A  first  half-saddle  point  Sg  is  present 

at  the  nozzle  extremity.  This  point  is  the  origin  of  the 
separatrix  (Sg)  which  separates  the  outer  flow  from  the 

jet  issuing  from  the  nozzle  (the  second  skin  friction  line 
which  must  meet  at  Sg  is  coming  from  inside  the 

nozzle).  A  second  half-saddle  point  S-j  exists 
diametrically  opposite  to  Sg.  It  is  the  origin  of  the 
separatrix  (S-y)  which  spirals  into  the  focus  F2.  The  axis 
of  symmetry  bears  the  saddle  point  Sg  through  which 
passes  the  separatrix  (Sg)  coming  from  inside  the  nozzle. 

Thus,  a  part  of  the  jet  flow  is  diverted  to  constitute  the 
"recirculation"  flow  which  disappears  into  the  focus  F2. 

Another  half-saddle  point  must  be  present  on  the  base. 

The  present  flow  organization  is  very  similar  to  the  one 
existing  in  the  other  symmetry  plane. 


Twin  jet  afterbody.  Flow  organization  in  the  horizontal 
symmetry  plane 

Fig.  2.1-31 


The  separation  surfaces  will  not  be  represented  for  this 
configuration,  their  shapes  being  very  complex  and 
difficult  to  establish  on  firm  basis.  A  double  pair  of 
horseshoe  vortices  must  probably  exist,  their  traces  in  the 
two  planes  of  symmetry  being  the  four  foci  which  can  be 
identified.  A  drawing  of  such  a  structure  has  been 
attempted,  the  result  being  too  speculative  to  be  given 
here. 
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2.1.23  Jet  structures  and  shear  layersin  3D 

Rectangular  jets  also  have  a  shock  cell  structure,  and  Tam 
[2.1-25]  found  that  for  rectangular  jets  with  aspect  ratio 
greater  than  four  the  jets  are  essentially  two  dimensional 
as  far  as  shock  cell  spacing  is  concerned 

Most  of  the  work  reported  in  the  literature  has  been  asso¬ 
ciated  with  the  flow  field  of  an  axisymmetric  jet;  al¬ 
though  the  structure  of  a  rectangular  jet  exhibits  some 
features  similar  to  those  of  an  axisymmetric  jet,  there  are 
some  important  differences  between  the  two  flows. 

The  large  scale  structures  existing  in  the  mixing  layers  of 
the  turbulent  flow  are  visible  in  both  planes  of  the  jet, 
but  they  appear  at  different  locations  on  each  plane. 
According  to  Krothapalli  and  al.  [2.1-18],  such  structures 
appear  just  downstream  from  the  acoustic  sources  in  the 
small  dimension's  plane  of  the  nozzle,  but  more  than  six 
times  further  in  the  long  dimension's  one. 

Experimental  studies  on  shear  layers  are  usually 
performed  on  nominally  two  dimensional  configurations 
(axisymetric  or  2D  plane  shear  layers),  and  turbulence 
models  used  in  CFD  codes  are  calibrated  on  such 
configurations.  There  is  a  lack  of  experimental  data  to 
validate  the  use  of  such  modelisation  in  more  complex 
tridimensional  viscous  layers. 


2. 1.2. 4  Twin  supersonic  plume  resonance  -  screech 

Seiner  and  al.  [2.1-26]  defined  and  studied  the  phenome¬ 
non  of  twin  supersonic  plume  resonance.  The  results  of 
this  study  revealed  that,  when  two  adjacent  supersonic 
nozzles  have  a  centerline  spacing  within  two  nozzles 
diameters,  the  axial  evolution  of  each  nozzle  plume's  jxe- 
ferred  shear  layer  instability  wave  is  coupled  together. 
This  coupling  results  in  a  large  increase  in  the  dynamic 
pressure  level  (screech)  in  the  nozzle  exhaust  plane.  It 
may  even  be  a  possible  mechanism  for  engine  nozzle  flap 
failure.  Among  the  conclusions  of  this  study,  it  can  te 
noted  that  rectangular  twin  nozzle  geometry  produces  hi¬ 
gher  resonance  amplitude  levels  than  the  axisymmetric 
geometry,  and  that  higher  plume  temperatures  can  also 
produce  higher  amplitude  levels. 

Walker  [2.1-15]  also  studied  the  effect  of  the  lateral  spa¬ 
cing  of  the  two  nozzles  on  the  noise  level,  and  realized 
that  the  highest  amplitude  levels  occurred  at  the  closest 
nozzle  spacing  ratio. 

For  twin  two-dimensional  vectoring  nozzles,  it  has  been 
observed  experimentally  that  screech  amplitude  increases 
for  a  10°  pitch  setting,  and  considerably  decreases  for  a 
20°  pitch  setting  (Walker  [2.1-15]). 


2.1.3.  Conclusions  >  Recommendations 

Most  of  the  articles  that  can  be  found  in  the  literature 
about  aircraft  afterbody  flow  structure  are  dealing  with  the 
developement  of  computational  methods  determining  the 


flow  characteristics  in  this  region.  These  calculations  arc 
compared  to  experimental  results  which  are  unfortunately 
in  a  restricted  number,  particularly  for  3D  complex 
configurations.  It  seems  thus  necessary  to  conduct 
detailed  experimental  studies  on  realistic  3D 
configurations,  in  order  not  only  to  validate  the  calculated 
results,  but  also  to  describe  the  exact  topology  of  this 
kind  of  flow.  A  lot  of  configurations  like  twin  nozzle 
flows  or  rectangular  and/or  vectoring  nozzle  flow 
structure  are  not  well  known  and  a  topological  knowledge 
of  these  flows  appears  to  be  a  first-order  priority. 
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2.2.  Experimental  Techniques  for  the  Study 
of  Complex  Flows 
2.2.1.  Introduction 

Formerly,  validation  of  predictive  methods,  in  par¬ 
ticular  those  applied  to  afterbody  flows,  was  made 
by  comparison  of  computed  results  with  some  mea¬ 
sured  wall  properties,  essentially  the  pressure.  In 
many  situations,  this  kind  of  comparison  was  suf¬ 
ficient  since  ’’old”  predictive  methods,  which  were 
either  fully  empirical  or  based  on  a  multi-component 
type  approach,  allowed  only  the  prediction  of  the 
wall  pressure  and  more  rarely  the  temperature  (in 
the  dead  air  region  of  a  base  flow).  They  could  also 
give  a  gross  idea  of  the  flow  organization  by  predict¬ 
ing  the  size  of  a  separated  region  and  the  location  of 
a  separation  point,  but  this  information  was  more 
or  less  considered  as  qualitative.  Methods  based 
on  viscous-inviscid  coupling  were  more  involved  and 
ambitious;  however  they  were  basically  restricted  to 
the  prediction  of  surface  pressure,  and  in  some  cases 
skin-friction  and  heat  transfer  [2.2.1]. 

The  flow  prediction  landscape  has  completely  chang¬ 
ed  with  the  advent  of  advanced  theoretical  models 
based  on  the  solution  of  the  full  time  averaged  Navier- 
Stokes  equations.  It  is  clear  that  this  approach  is  the 
only  method  suitable  to  compute  complex  flows  con¬ 
taining  shock  waves,  centered  expansion  waves,  sep¬ 
arated  regions  etc,  the  dissipative  zones  being  tur¬ 
bulent  in  all  practical  applications.  Then,  not  only 
wall  properties  are  computed,  but  also  field  quanti¬ 
ties,  including  the  mean  velocity  and  the  turbulent 
fields.  However,  in  its  present  state,  the  full  Navier- 
Stokes  approach  is  still  far  from  being  free  of  critics, 
since  many  difficulties  persist  both  on  the  numerical 
side  and  in  the  modelling  of  turbulence.  There  is 
thus  a  strong  need  to  validate  Navier-Stokes  codes 
before  their  routine  use  for  design  purposes. 

Though  the  prediction  of  wall  properties  remains  a 
key  target  for  most  predictive  methods,  since  Hie  af¬ 
terbody  drag/thrust  and  in  some  cases  its  thermal 
loading  are  the  quantities  of  most  practical  and  di¬ 
rect  interest,  it  rapidly  became  obvious  that  a  com¬ 
parison  restricted  to  wall  properties  was  insufficient 
to  properly  validate  the  most  advanced  predictive 
methods.  In  general,  Navier-Stokes  codes  give  a  faith¬ 
ful  and  sometimes  impressive  picture  of  the  flowfield 
structure.  The  complex  organization  of  the  jet,  with 
its  pseudo  periodic  pattern  of  shocks  and  expansion 
waves,  the  separated  zone  forming  on  the  afterbody 
with,  at  transonic  speed,  a  possible  induced  lambda 
shock  system,  are  most  often  well  reproduced.  How¬ 
ever,  a  more  careful  analysis  of  the  data  shows  that 
the  situation  is  far  from  being  entirely  satisfactory. 

Firstly,  it  is  observed  that  a  fairly  good  prediction 
of  the  wall  pressure  (the  base  pressure  in  the  case  of 
a  missile  type  afterbody)  can  coexist  with  a  poor 
quantitative  prediction  of  the  velocity  field.  Fre¬ 
quently,  the  extent  of  the  separated  regions  is  under¬ 


estimated,  sometimes  considerably.  In  addition,  the 
turbulent  quantities  are  most  often  poorly  predicted, 
especially  if  the  flow  is  largely  separated.  Such  dis¬ 
crepancies  render  suspect  the  validity  of  the  code 
since  they  are  indicative  of  some  basic  deficiency  ei¬ 
ther  in  its  numerical  scheme  or  its  turbulence  model, 
or  both. 

On  the  other  hand,  a  rather  fair  prediction  of  the 
flowfield  can  be  accompanied  by  large  errors  in  the 
calculation  of  surface  properties,  affecting  mainly 
transfer  coefficients,  skin-friction  and  heat  flux.  In 
base  flow  prediction,  it  is  common  for  codes  to  give 
unrealistic  variations  of  the  pressure  along  the  base 
of  the  afterbody. 

Lastly,  in  certain  applications,  the  knowledge  of  the 
outer  field  itself  is  of  prime  interest.  This  is  the  case 
for  problems  dealing  with  infra  red  signature  where 
a  detailed  description  of  the  hot  propulsive  jet,  with 
an  exact  localization  of  the  Mach  discs,  is  essential. 
Pollution  studies  necessitate  a  good  prediction  of  the 
jet  properties  to  allow  accurate  evaluation  of  chemi¬ 
cal  processes  and  species  concentration.  A  good  rep¬ 
resentation  of  the  flow  resulting  from  interferences 
between  the  external  flow  and  the  propulsive  jet(s) 
also  requires  a  faithful  prediction  of  the  flowfield. 

The  problem  of  code  validation  is  still  more  strin¬ 
gent  in  three-dimensional  applications  where  Navier- 
Stokes  analysis  is  the  only  credible  approach.  Due  to 
the  complexity  of  such  flows,  it  is  clear  that  the  con¬ 
sideration  of  the  surface  pressure  alone  is  completely 
inadequate,  partly  because  this  information  gives  a 
very  partial  view  of  the  flow  (in  three-dimensional 
flow,  it  is  no  longer  possible  to  infer  separation  from 
an  inspection  of  the  wall  pressure  distributions),  and 
partly  because  pressure  measurements  are  nearly  al¬ 
ways  too  sparse  due  to  the  difficulty  of  properly  in¬ 
strumenting  small  scale  models. 

In  these  conditions,  the  validation  of  advanced  com¬ 
puter  codes  requires  well  documented  experiments 
providing  detailed  and  reliable  flow  field  measure¬ 
ments.  In  these  experiments,  the  description  of  the 
flow  must  be  as  complete  as  possible,  including  -  ide¬ 
ally  -  the  determination  of  all  the  flow  variables,  in¬ 
cluding  mean  velocity,  stagnation  pressure  and  tem¬ 
perature,  static  pressure  and  temperature,  density, 
species  concentration,  turbulence  properties  (includ¬ 
ing  the  components  of  the  Reynolds  tensor),  power 
spectra  ...  the  present  list  being  not  exhaustive.  Of 
course,  wall  properties  must  not  be  forgotten  such 
as  pressure,  skin  friction  and  heat  transfer,  since,  as 
already  stated,  they  are  quantities  of  prime  inter¬ 
est  in  most  applications.  Also,  surface  flow  visual¬ 
izations  are  extremely  valuable,  especially  in  three- 
dimensional  flows,  where  inspection  of  the  surface 
flow  pattern  is  the  only  way  to  detect  separation. 
The  experimental  means  to  perform  the  above  mea¬ 
surements  already  exist;  however,  their  degree  of  re¬ 
liability,  ease  of  use  and  accuracy  are  extremely  vari- 


26 


able.  In  practice,  it  is  impossible  to  perform  all  the 
measurements  on  the  same  model  and  in  the  same 
facility  or  laboratory.  Indeed,  the  use  of  the  so¬ 
phisticated  techniques  needed  to  make  some  of  the 
above  measurements  is  so  complex  that  it  necessi¬ 
tates  teams  of  highly  specialized  experimentalists 
working  in  specific  facilities.  Thus,  for  validation 
purposes,  one  has  frequently  to  rely  on  fragmentary 
experiments  in  which  a  limited  number  of  flow  phe¬ 
nomena  has  been  investigated,  where  the  pressure 
and  temperature  fields  may  be  from  one  source,  mean 
velocity  and  turbulence  fields  from  another  source 
and  density  from  a  third  source... 

Nevertheless,  progress  accomplished  in  the  measure¬ 
ment  techniques  in  the  past  30  years,  mainly  with 
the  advent  of  laser  based  optical  methods,  has  op¬ 
erated  a  true  break  through  in  our  capacity  to  in¬ 
vestigate  complex  turbulent  flows,  containing  shock 
waves,  strong  expansions,  thin  shear  layers  and  re¬ 
circulation  regions. 

The  purpose  of  this  chapter  is  to  give  a  presenta¬ 
tion  of  methods  now  available  to  perform  detailed 
investigations  of  afterbody  flows  with  a  view  to  char¬ 
acterizing  the  field  properties.  This  knowledge  is 
indispensable  not  only  to  validate  computer  codes, 
but  also  to  improve  our  physical  understanding  of 
flows  which  can  be  extremely  complex,  especially 
past  three-dimensional  configurations.  For  the  sake 
of  completeness,  classical  probing  techniques  will  be 
briefly  considered  as  well  as  visualization  methods 
which  are  of  great  help  to  comprehend  the  struc¬ 
ture  of  the  flow.  Surface  measurements  will  also  be 
presented,  since  they  are  of  prime  practical  interest 
and  essential  to  fully  understand  the  flow  physics. 
However,  more  emphasis  will  be  placed  on  non  in¬ 
trusive  techniques,  especially  those  based  on  laser 
instrumentation,  even  if  some  of  these  techniques  are 
still  difficult  to  implement  in  wind  tunnels  and,  for 
this  reason,  not  yet  routinely  employed  in  flow  inves¬ 
tigation. 

There  is  a  huge  number  of  publications  on  measure¬ 
ment  techniques,  so  that  we  had  to  make  a  rather 
arbitrary  selection  of  the  cited  references.  The  inter¬ 
ested  reader  will  find  in  them  other  references  pro¬ 
viding  more  ample  information  on  the  subject. 

2.2.2.  Surface  Properties  Characterization 
2.2.2. 1.  General  Remarks 

The  main  surface  properties  of  interest  are  the  pres¬ 
sure,  the  skin-friction  and  the  heat-transfer.  The 
knowledge  of  pressure  -  and  to  a  lesser  extent  of  skin- 
friction  -  is  of  obvious  importance  to  determine  the 
afterbody  drag,  if  no  direct  force  measurements  are 
performed.  The  wall  pressure  distribution  also  gives 
an  indication  of  the  general  flow  structure  reveal¬ 
ing,  by  special  features,  the  presence  of  a  pressure 
plateau  for  example,  or  the  existence  of  separated 
zones.  This  is  less  true  in  three-dimensional  flows 
where  separation  is  a  more  complex  process  which 


cannot  generally  be  inferred  from  the  sole  in.spection 
of  surface  pressure  distributions. 

The  knowledge  of  skin-friction  is  valuable,  not  only 
for  drag  determination,  but  also  to  validate  computer 
codes.  This  quantity  is  difficult  to  predict  accurately 
since  its  calculation  depends  both  on  the  accuracy 
of  the  numerical  schemes  and  on  the  quality  of  the 
physical  models.  Furthermore,  in  two-dimensional 
and/or  axisymmetric  flows,  the  change  from  positive 
to  negative  or  negative  to  positive  is  the  best  indica¬ 
tion  of  separation  and  the  capabibily  of  codes  to  pre¬ 
dict  the  location  of  this  point,  as  well  as  that  of  the 
reattachment  point  if  it  exists,  is  a  key  factor  of  their 
validity.  In  three-dimensional  flows,  the  definition  of 
separation  is  more  subtle,  since  the  skin-friction  vec¬ 
tor  does  not  vanish  at  the  crossing  of  a  separation 
line,  except  in  very  special  situations. 

As  far  as  afterbodies  are  concerned,  heat  transfer  is 
of  prime  importance  for  missiles  and  space  launch¬ 
ers  whose  base  is  submitted  to  intense  thermal  loads 
at  some  flight  conditions.  The  problem  is  appar¬ 
ently  less  severe  for  the  aircraft  aferbodies,  although 
some  part  of  a  supersonic  aircraft  can  be  subjected 
to  significant  heat  loads  when  the  Mach  number  is 
above  2.5  (leading  edges  of  wings  or  tails,  external 
cowl  of  an  air-intake,  for  example).  Because  it  also 
involves  transfer  phenomena,  heat  transfer  is  a  quan¬ 
tity  difficult  to  predict  accurately  and  thus  is  a  good 
candidate  for  code  validation. 

2.2. 2. 2.  Surface  Pressure  Measurements 

The  measurement  of  the  pressure  at  the  surface  of 
a  model  is  classically  made  through  orifices  of  small 
size  connected  to  a  transducer  via  a  tubing  system. 
This  technique  is  well  known  and  there  exists  a  great 
variety  of  transducers,  whose  choice  is  dictated  by 
the  level  of  pressure  to  be  measured,  the  response 
time  (case  of  unsteady  measurements),  the  size  and 
cost.  Due  to  the  large  number  of  orifices  which  must 
equip  a  model  to  have  a  precise  and  complete  in¬ 
formation  on  the  distribution  of  the  pressure  on  its 
surface,  several  orifices  are  most  often  connected  to 
a  common  transducer  via  a  scanning  device.  In  the 
classical  method,  the  pressure  transducer  is  installed 
in  a  mechanically  driven  scanner,  each  of  the  pressure 
ports  of  the  scanner  being  successively  connected  to 
the  transducer.  These  scanners  offer  good  accuracy 
at  relatively  low  cost,  but  they  are  limited  to  low 
scanning  rates  (a  few  readings  per  second). 

The  advent  of  electronic  pressure  scanners  has  per¬ 
mitted  a  considerable  increase  in  scanning  rate  (up 
to  20,000  ports  per  second).  The  electronic  pressure 
scanner  consists  of  an  array  of  transducers,  each  in 
contact  with  its  own  pressure  port.  The  transducer 
is  a  Wheatstone  bridge  diffused  into  a  single  silicon 
crystal  using  semiconductor  processing.  The  voltage 
outputs  from  the  transducers  are  input  to  a  digi¬ 
tally  addressed  multiplexer  so  that  transducer’s  out¬ 
put  can  be  selectively  scanned  or  measured.  The 
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scanner  most  often  includes  a  calibration  valve  plac¬ 
ing  the  transducers  in  contact  with  a  known  pressure 
before  performing  the  test.  The  electronic  scanners 
are  small  enough  to  be  installed  in  the  models,  close 
to  the  orifices  to  minimize  the  response  time.  The 
number  of  transducers  per  scanner  is  generally  in  the 
range  20  to  50. 

Recently  a  completely  new  technique  has  been  pro¬ 
posed  to  determine  the  entire  pressure  distribution 
over  a  model.  It  calls  upon  the  use  of  pressure  sen¬ 
sitive  paints  [2.2.2].  This  method  is  based  on  the 
fact  that  some  compounds  emit  light  when  excited 
by  a  suitable  source,  the  emitted  light  having  a  longer 
wave-length  than  the  excitation  light.  The  quantity 
of  light  emitted  depends  strongly  on  the  oxygen  dif¬ 
fused  into  the  paint  because  oxygen  quenches  and 
deactivates  the  excited  molecules.  Since  the  internal 
concentration  of  oxygen  is  a  linear  function  of  the  ex¬ 
ternal  pressure  of  the  same  gas,  one  can  measure  the 
pressure  acting  on  the  paint  by  detecting  some  of  its 
luminescent  parameters  (for  details  on  this  technique 
see  Section  3.3.5). 

2.2. 2. 3.  Skin  Friction  Measurements 
Accurate  measurement  of  skin-friction  is  a  delicate 
task,  especially  in  regions  of  strong  pressure  gradient. 
The  most  direct  method  is  to  use  a  Seating  element 
made  of  a  small  independent  insert,  mounted  flush 
with  the  model  surface  and  isolated  from  it  [2.2. 3,4]. 
The  element  is  fixed  to  a  balance  which  measures 
the  force  exerted  by  the  flow  on  it.  This  is  the  most 
straightforward  method  to  obtain  the  skin-friction 
since  it  does  not  rely  on  any  theoretical  consider¬ 
ations  about  boundary  layer  properties.  However, 
in  practice  the  floating  element  technique  is  difficult 
to  implement  on  real  models  because  of  the  curva¬ 
ture  of  their  surface.  Also,  a  major  source  of  error 
comes  from  misalignment  of  the  sensing  part  with 
the  surface  and  from  the  influence  of  pressure  gra¬ 
dients.  The  floating  element  technique  can  be  used 
to  calibrate  other  techniques  by  considering  a  sim¬ 
ple  flat  plate  situation  in  which  this  method  can  be 
made  very  accurate. 

A  more  practical  technique  is  to  use  surface  gages 
made  of  a  thin  heated  Sim  or  wire  installed  on  the 
model  surface,  the  film  being  mounted  to  an  insulat¬ 
ing  part  [2. 2. 5, 6].  The  measure  of  the  film  resistance 
gives  its  temperature  change  due  to  the  cooling  or 
heating  action  of  the  flow.  The  skin-friction  deter¬ 
mination  is  based  on  the  Reynolds  analogy  between 
heat  transfer  rate  and  skin  friction.  In  fact,  the  de¬ 
vice  must  be  calibrated  and  its  output  can  be  difficult 
to  interpret  in  supersonic  flows  [2.2.7].  Nevertheless, 
hot  film  gages  have  been  -  and  are  still  -  used  with 
success,  even  in  hypersonic  flows,  their  essential  ad¬ 
vantages  being  their  small  size,  which  allows  a  local 
measurement,  and  their  short  response  time  (hence 
their  general  use  in  hypersonic  facilites  [2.2.8]).  In 
principle,  it  is  possible  to  determine  the  skin-friction 
in  three-dimensional  flows,  when  the  shear  stress  at 


the  wall  is  a  two-component  vector,  by  placing  two 
gages  making  an  angle  between  them  on  the  model 
surface  [2.2.9].  Other  techniques  have  been  proposed 
to  measure  the  skin-friction  in  two-  and  three-dimen¬ 
sional  flows  (buried  wire,  surface  fences,  etc)  that  will 
not  be  described  here  [2.2.10,11]. 

Another  popular  method  is  the  so-called  Preston 
tube  which  consists  of  measuring  the  pressure  given 
by  a  Pitot  type  tube,  flattened  at  its  extremity,  placed 
in  contact  with  the  surface  (the  sensing  part  is  some¬ 
times  made  of  a  razor  blade  attached  to  the  surface 
with  a  static  pressure  orifice  underneath)  [2.2.12-14]. 
The  skin-friction  is  then  indirectly  deduced  from  the 
measured  pressure  by  relying  on  an  assumed  law  for 
the  velocity  distribution  in  the  wall  region  of  the 
boundary  layer.  This  device  also  requires  calibra¬ 
tion. 

More  recently,  it  has  been  proposed  to  determine  the 
skin-friction  by  measuring  the  rate  of  deformation  of 
a  thin  oil  Sim  deposited  on  the  model  surface.  The 
shear  stress  at  the  wall  is  then  deduced  from  the 
lubrication  theory  [2.2.15-18].  If  the  film  of  oil  is  thin 
compared  to  its  length,  its  surface  takes  the  shape  of 
a  small  wedge  which  practically  does  not  affect  the 
flow.  If  p  designates  the  oil  viscosity,  r  the  wall  shear 
stress,  t  the  time,  y  the  film  thickness  at  the  distance 
X  from  the  wedge  apex,  then  one  has: 


The  thickness  y  at  any  time  t  can  be  accurately  mea¬ 
sured  by  a  classical  interferometric  technique.  Thus, 
knowing  the  location  x  of  the  measurement  point  and 
the  time  t,  the  determination  of  r  is  theoretically 
straightforward.  In  fact,  the  time  origin  of  the  oil 
film  is  not  well  known  since  it  depends  on  the  tun¬ 
nel  starting  transients.  Also,  the  wedge  origin  can 
be  difficult  to  find.  A  way  to  avoid  these  difficul¬ 
ties  to  measure  the  oil  thickness  at  two  distinct,  but 
close,  points.  Then,  one  can  determine  in  a  sim¬ 
ple  manner  the  effective  ’’time”  and  ’’origin”  of  the 
oil  film  and  deduce  the  skin-friction  (for  details,  see 
Ref.  [2.2.18]).  The  method  can  be  extended  to  three- 
dimensional  flows  but  in  this  case  a  knowledge  of  the 
direction  of  the  skin-friction  vector  is  most  often  re¬ 
quired  [2.2.19,20]. 

It  is  also  possible  to  consider  the  use  of  liquid  crys¬ 
tals  to  determine  the  skin  friction  distribution  on  a 
model  [2.2.21].  As  their  name  implies,  liquid  crystals 
are  substances  which  exhibit  crystalline  type  prop¬ 
erties  while  still  remaining  in  a  liquid  state.  Liquid 
crystals  are  optically  active  mixtures  of  organic  com¬ 
pounds  which  have  the  ability  to  reflect  light  of  a 
particular  wave-  length  changing  in  response  to  cer¬ 
tain  physical  stimuli:  temperature,  pressure,  shear 
stress,  magnetic  and  electrical  fields,  etc.  Consider¬ 
ing  wind  tunnel  applications  in  which  temperature, 
pressure  and  shear  stress  are  of  interest,  it  is  possi- 
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ble  to  retain  only  one  stimulus  by  suppressing  the 
response  to  the  other  stimuli.  Thus,  one  can  find 
compounds  which  only  respond  to  shear  stress  un¬ 
der  certain  circumstances  (or  to  temperature  for  heat 
transfer  measurements,  see  below).  In  practice,  the 
model  is  covered  by  a  thin  film  of  the  substance  and 
illuminated  by  an  appropriate  source  of  white  light. 
The  liquid  crystal  film  produces  a  picture  in  the  vis¬ 
ible  wave-length  range  which  is  recorded  either  on  a 
photographic  plate  or  by  a  video  camera 

The  liquid  crystals  technique  presents  several  advan¬ 
tages:  its  very  high  sensitivity,  reversible  nature  and 
capacity  to  provide  information  on  a  whole  surface 
at  once.  Thus,  liquid  crystals  are  frequently  used 
to  locate  the  boundary  layer  transition  from  lami¬ 
nar  to  turbulent  on  a  model,  the  transition  process 
being  well  visualized  by  a  change  in  colour.  Quan¬ 
titative  measurement  of  shear  stress  by  liquid  crys¬ 
tals  are,  in  principle,  possible  by  determining  their 
colour  change  under  the  action  of  the  shear  stress. 
An  analysis  of  the  picture  by  means  of  video  digitiz¬ 
ing  techniques  and  the  use  of  a  suitable  processing  of 
the  signal  allow  the  determination  of  the  wave-length 
A  of  the  reflected  light.  Then  the  local  value  of  the 
shear  stress  r  can  be  found  by  a  calibration  giving  r 
with  A.  However,  such  measurements  seem  be  very 
delicate  and,  to  our  knowledge,  applications  of  this 
method  to  afterbody  flow  studies  have  not  yet  been 
published. 

2.2.2. 4.  Surface  Heat  Transfer  Measurements 
The  local  convective  heat  transfer  between  the  flow 
and  the  model  surface  is  frequently  determined  by  us¬ 
ing  calorimetric  techniques  which  consist  of  measur¬ 
ing  the  time  variation  T(t)  of  the  local  temperature 
of  the  surface  or  of  a  sensing  element  (transducer) 
inserted  into  the  surface.  Then,  an  inverse  solution 
of  the  equation  governing  heat  conduction  through 
the  model  wall  or  transducer  gives  the  heat  supplied 
by  the  flow  to  the  surface.  In  practice,  simplified 
forms  of  the  heat  conduction  equation  are  used  by 
considering  extreme  situations  leading  to  simple  an¬ 
alytical  solutions  [2.2.22,23].  For  example,  if  heat 
conduction  in  the  material  constituting  the  model  is 
assumed  one-dimensional  and  if  the  wall  can  be  con¬ 
sidered  as  semi-infinite  in  depth  -  the  so-called  thick 
wall  technique  -  then  one  has  the  solution: 

(1)  = 

in  which  q(t)  is  the  heat  transfer  rate  (energy/unit 
time/unit  surface),  pm  the  density  of  the  material 
constituting  the  wall,  Cm  its  specific  heat,  A  the  ther¬ 
mal  conductivity.  If  the  heat  transfer  rate  can  be  as¬ 
sumed  constant  over  the  time  of  measurement,  one 
obtains  the  still  simpler  form: 

(2)  g(t)  = 

Another  extreme  situation  -  the  so-called  thin  film 
technique  -  is  obtained  if  the  wall  can  be  considered 
as  infinitely  thin;  then  the  heat  transfer  rate  is  given 


by: 

(3)  q{t)=Pn.c^e^^ 

where  e  is  the  wall  thickness.  In  the  thin  wall  method, 
the  model  wall  must  be  a  metallic  skin  whose  thick¬ 
ness  is  of  the  order  of  a  few  tenths  of  a  millimeter, 
which  makes  the  use  of  this  technique  dilficult  for 
models  having  a  complex  shape.  Thus,  knowing  the 
material  properties  -  its  effusivity  V/^mCmA  -  the  heat 
transfer  rate  is  computed  by  formula  (1),  (2)  or  (3) 
from  a  recording  of  the  time  history  T(t)  of  the  wall 
temperature.  The  above  methods  most  often  require 
a  rapid  establishment  of  the  flow  past  the  model  in 
order  that  the  heat  flux  be  nearly  instantaneously 
applied.  This  condition  is  achieved  either  by  work¬ 
ing  in  a  quick  starting  wind  tunnel  or  by  injecting 
the  model  into  the  flow  field  after  establishment  of 
the  nominal  flow  conditions. 

The  simplifying  assumptions  underlying  the  above 
formulae  are  not  always  satisfied;  the  local  curvature 
of  the  wall  can  be  large,  the  heat  transfer  is  not  con¬ 
stant  with  time,  conduction  is  not  one-dimensional 
(lateral  conduction  can  be  important),  the  material 
properties  vary  with  temperature  and  the  wall  is  nei¬ 
ther  ’’thick”,  nor  ’’thin”...  In  these  cases,  correction 
terms  must  be  introduced.  A  more  rigorous  process¬ 
ing  technique  is  to  solve  the  complete  heat  conduc¬ 
tion  equation  by  a  numerical  method,  which  now 
becomes  possible  with  the  advent  of  computerized 
processing  methods. 

There  exists  a  variety  of  techniques  to  measure  the 
wall  temperature,  the  most  commonly  used  in  wind 
tunnel  applications  being  thermocouples,  inserted  in 
the  model  wall  and  in  contact  with  the  surface,  and 
surface  films  (frequently  platinum  films)  similar  to 
those  used  to  determine  the  skin  friction.  The  films 
are  most  often  deposited  on  an  insert  made  of  ther¬ 
mally  insulating  material  to  minimize  losses  by  lat¬ 
eral  conduction. 

The  above  techniques  cannot  be  used  if  the  flow  is 
adiabatic;  i.  e.,  if  the  stream  and  the  model  are 
in  thermal  equilibrium  which  is  frequently  the  case 
in  transonic  and  supersonic  continuous  wind  tun¬ 
nels.  Then,  the  calorimetric  method  must  be  modi¬ 
fied  by  inserting  a  heat  source  -  an  electrical  resistor 
-  in  the  model  wall,  near  the  thermocouple  or  hot 
film.  The  convective  heat  transfer  due  to  the  flow  is 
then  deduced  from  the  energy  which  must  be  sup¬ 
plied  to  maintain  the  surface  at  a  certain  tempera¬ 
ture  [2.2.24]. 

Classical  calorimetric  techniques  have  reached  a  high 
degree  of  sophistication  and  they  are  widely  used  to 
perform  heat  transfer  measurements,  even  in  extreme 
conditions.  They  are  generally  considered  as  the 
most  reliable  techniques.  Their  main  disadvantage 
is  that  they  perform  local  measurements,  which  is  a 
guarantee  of  good  spatial  resolution,  but  which  ne¬ 
cessitates  the  installation  of  a  large  number  of  gages 
or  thermocouples  if  the  heat  transfer  distribution 


29 


over  a  complex  shape  is  to  be  determined  (on  some 
models  of  hypersonic  vehicles,  several  hundred  ther¬ 
mocouples  are  installed). 

Methods  like  the  use  of  thermosensitive  paint  or  in¬ 
frared  thermography  do  not  have  this  disadvantage 
since  they  can  provide  the  heat  transfer  distribution 
over  the  entire  model,  at  the  price  of  an  accuracy 
which  is  not  always  well  assessed. 

In  the  thermosensitive  painting  technique  the  model, 
made  of  a  thermally  insulating  material,  is  covered 
by  a  special  paint  whose  colour  depends  on  the  sur¬ 
face  temperature,  changing  from  green-blue,  to  yel¬ 
low,  brown  and  black  as  its  temperature  rises;  the 
colour  changes  take  place  at  well  defined  tempera¬ 
ture  levels  [2.2.25].  To  determine  the  heat  transfer, 
the  variation  in  colour  during  the  wind  tunnel  run 
is  filmed.  Then,  an  analysis  of  the  film  frame  by 
frame  allows  the  determination  of  the  temperature 
history  of  the  model  surface  by  noting  times  where 
changes  in  colour  occur.  This  procedure  is  most  of¬ 
ten  calibrated  by  comparison  with  colour  changes  on 
a  shape  for  which  temperature  distributions  are  well 
known  (a  sphere,  for  example).  Then  application  of 
appropriate  heat  conduction  formulae  gives  the  lo¬ 
cal  heating  at  any  point  where  colour  changes  have 
been  analyzed.  Also,  direct  calibration  can  be  used 
by  comparing  the  colour  changes  with  those  occur¬ 
ring  on  a  sphere  on  which  the  heat  transfer  distri¬ 
bution  is  known.  This  technique  is  very  powerful 
since  it  can  give  the  entire  heat  transfer  distribution 
over  a  complex  model  from  a  single  run  and  without 
having  to  build  costly  equipment.  The  main  short¬ 
coming  of  the  method  is  its  irreversible  character,  in 
the  sense  that  the  colour  changes  are  not  reversible, 
which  renders  impossible  the  immediate  re-use  of  the 
model.  Also,  the  processing,  which  is  frequently  done 
”by  hand”,  is  time-consuming  and  somewhat  sub¬ 
jective  (more  objective  and  rapid  methods  are  now 
developed  based  on  processing  of  digitized  video  pic¬ 
tures).  In  addition,  measurements  on  parts  of  the 
model  having  a  small  radius  of  curvature,  where  the 
heat  tranfer  rates  tend  to  be  very  high,  are  inaccu¬ 
rate. 

As  mentioned  above,  liquid  crystals  also  respond  to 
temperature  by  changing  their  colour,  giving  the  pos¬ 
sibility  to  determine  the  heat  transfer  by  recording 
the  temperature  history  of  the  model.  Thus,  the  non 
reversible  character  of  classical  thermosensitive  paint 
can  be  overcome.  However,  this  promising  technique 
seems  more  delicate  to  apply  [2.2.26]. 

Over  the  past  15  years  quantitative  infrared  ther¬ 
mography  has  experienced  a  strong  development  in  a 
large  number  of  laboratories  [2.2.27-29].  As  it  is  well 
known  from  basic  physics,  a  body  emits  a  radiative 
signal  whose  intensity  is  a  strong  function  of  its  tem¬ 
perature  T.  One  generally  distinguishes  between  the 
total  intensity  radiated  over  the  whole  spectrnm  and 
the  intensity  radiated  on  a  particular  wave-length  A. 
For  the  so-called  black  body,  the  radiated  energy  is 


given  by  the  Planck  law.  Thus,  the  energy  per  unit 
of  time  (power)  radiated  in  a  certain  direction  OX 
by  a  unit  surface  of  the  black  body  -  the  radiative 
flux  -  is  given  by: 

^■-p(^)-l 

where  h  is  the  Planck  constant,  k  the  Boltzmann 
constant  and  C  the  speed  of  light. 

The  radiative  property  of  a  real  body  is  character¬ 
ized  by  a  factor  called  its  emissivity  eox  which  is 
defined  as  the  ratio  between  the  intensity  Lqx  of  the 
light  radiated  by  this  body  to  the  intensity  of  light 
radiated  by  the  black  body  at  the  same  temperature. 
Hence: 

Lqx  =  (ox  Lx 

In  infra-red  thermography,  the  model  is  observed 
by  an  infrared  camera,  containing  a  detector  ele¬ 
ment,  sensitive  to  infrared  radiations  at  a  certain 
wave-length.  A  sweeping  mechanism,  made  of  prisms 
or  mirrors,  operates  a  line  by  line  analysis  of  the 
model  optical  image,  the  system  delivering  an  elec¬ 
trical  signal  which  is  recorded  for  appropriate  pro¬ 
cessing.  Since  the  signal  delivered  by  the  camera  is 
proportional  to  the  radiative  flux  Lqx  >  it  is  necessary 
to  convert  this  information  into  temperature  in  or¬ 
der  to  construct  the  temperature  map  of  the  model. 
This  can  be  done  by  calibrating  the  system  by  ob¬ 
serving  a  black  body  whose  emissivity  and  temper¬ 
ature  are  known.  One  can  also  calibrate  by  placing 
thermocouples  on  the  model  to  provide  the  temper¬ 
ature  at  well  chosen  points.  Then,  a  thermal  picture 
of  the  model  is  obtained  in  which  regions  at  differ¬ 
ent  temperatures  are  portrayed  by  different  levels  of 
grey  or  with  different  (false)  colours.  This  qualita¬ 
tive  aspect  of  thermography  is  very  useful  to  detect 
laminar-turbulent  transition,  for  example  [2,2.30]. 

By  processing  a  series  of  pictures  taken  at  known 
time  intervals,  it  is  possible  to  construct  the  time 
history  of  the  model  temperature  and  to  deduce  the 
surface  heat  transfer  distribution  by  means  of  the 
heat  equation. 

The  method  is  very  powerful,  in  the  sense  that  it 
gives  a  complete  picture  of  the  heat  transfer  distri¬ 
bution  over  the  entire  model,  it  is  very  sensitive  and 
reversible  (the  model  does  not  have  to  be  changed ' 
between  each  test).  On  the  other  hand,  it  requires  a 
test  section  window  made  of  a  material  transparent 
to  infra-red  radiations  (except  if  the  camera  can  be 
installed  inside  the  test  section).  Accuracy  can  de¬ 
teriorate  unless  the  surface  viewed  by  the  camera  is 
within  a  small  angle  or  perpendicular  to  the  surface 
and  parasitic  radiations  due  to  external  heat  sources 
can  perturb  the  mecisurements. 
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2.2.2.5.  Surface  Flow  Visualizations 
The  aim  of  surface  flow  visualization  is  to  reveal  what 
are  called  the  limit,  or  wall,  streamlines  which  are 
deflned  as  the  limit  of  the  flow  streamlines  when  the 
distance  y  to  the  wall  goes  to  zero.  For  a  Newto¬ 
nian  fluid,  it  can  be  demonstrated  that  the  limit  of 
the  velocity  vector  direction,  when  y  0,  is  colinear 
with  the  shear-stress  vector  at  the  wall  (or  skin  fric¬ 
tion  vector);  hence  the  concept  of  skin-friction  line, 
defined  as  a  line  of  force  of  the  skin-friction  vector 
field.  Wall  streamlines  and  skin-friction  lines  are  in 
principle  identical.  However  from  a  sounder  physi¬ 
cal  point  of  view,  it  seems  preferable  to  adopt  the 
skin-friction  line  concept  which  is  clearly  and  unam¬ 
biguously  defined  from  a  physical  and  measurable 
quantity,  rather  than  the  concept  of  limit  streamline 
which  results  from  a  passage  to  the  limit  sometimes 
questionable.  The  set  of  the  skin-friction  lines  cov¬ 
ering  an  obstacle  is  called  the  surface  flow  pattern. 
To  realize  a  surface  flow  visualization,  the  model 
-  or  part  of  it  -  is  coated  by  a  more  or  less  vis¬ 
cous  product  before  the  establishment  of  the  flow. 
The  postulate  of  such  visualization  techniques  is  that 
the  traces  or  streaklines  resulting  from  the  shear¬ 
ing  action  of  the  flow  on  the  product  can  be  iden¬ 
tified  with  skin-friction  lines.  This  supposes  that 
the  coating  is  thin  enough  not  to  influence  the  flow 
in  the  near  wall  region  and  has  the  right  viscosity 
to  be  entrained,  without  being  swept  out,  by  the 
flow.  Visualization  products  are  frequently  made  of 
an  oil  (machine  or  silicone  oil)  or  carrier  liquid  (wa¬ 
ter,  kerosene)  intimately  mixed  with  a  dying  agent. 
Different  colours  may  be  used  to  visualize  complex 
surface  flows.  There  is  not  a  general  ’’recipe”  to  make 
a  good  product.  The  quality  of  the  flow  visualization 
produced  depends  on  the  nature  and  viscosity  of  the 
oil,  the  dye  and  the  recording  technique  as  well  as  on 
the  velocity,  pressure  and  temperature  of  the  flow  to 
be  investigated.  Wind  tunnel  operation  (blow-down, 
continuous,  etc)  mode  can  also  affect  the  results. 

In  two-dimensional  or  axisymmetric  flows,  surface 
visualizations  are  valuable,  first  to  check  the  two- 
dimensional  or  axisymmetric  character  of  the  flow 
and  secondly  to  detect  possible  separation  or  reat¬ 
tachment  phenomena.  For  three-dimensional  config¬ 
urations,  surface  flow  visualizations  are  more  impor¬ 
tant  since  then  the  surface  pattern  is  the  imprint  on 
the  body  of  the  outer  flow  structure  which  can  be 
far  more  complex  than  in  two-dimensional  flows.  In 
most  circumstances  of  practical  interest,  the  surface 
pattern  of  a  three-dimensional  field  exhibits  special 
and  typical  features  revealing  the  existence  of  criti¬ 
cal  points  and  separator  lines  in  the  set  of  the  skin- 
friction  lines  surrounding  the  model.  The  rational 
interpretation  of  these  features  call  upon  the  Crit¬ 
ical  Point  Theory  whose  presentation,  even  briefly, 
would  be  far  beyond  the  scope  of  the  present  doc¬ 
ument  [2.2.31,32].  Let  us  simply  recall  that  among 


the  critical  points,  one  distinguishes  nodes,  foci  and 
saddle  points,  a  separator  line  being  a  skin-friction 
line  passing  through  a  saddle  point.  Separators  can 
be  of  the  separation  or  attachment  type  depending 
on  the  flow  behaviour  in  its  vicinity.  It  is  the  care¬ 
ful  inspection  of  the  surface  flow  pattern,  with  de¬ 
tection  and  identification  of  its  critical  points  and 
separation/attachment  lines,  which  provides  a  first 
firm  idea  about  the  structure  of  the  whole  flowfield. 
Separation  lines  are  the  trace  on  the  body  of  sepa¬ 
ration  surfaces  whose  rolling-up  will  constitute  the 
vortical  structures  of  prime  importance  in  separated 
three-dimensional  flows.  Thus,  a  good  surface  flow 
visualization  is  a  prerequisite  to  any  further  investi¬ 
gation  of  the  flowfield  by  probing  techniques. 

2.2.3.  Classical  Intrusive  Techniques  for  Field 
Measurement  s 

2. 2. 3.1.  General  Remarks 

To  a  large  extent,  flowfields  are  still  explored  by 
means  of  physical  probes,  like  Pitot  tubes,  thermo¬ 
couples  and  hot  wires  which  give  extremely  instruc¬ 
tive  information  about  the  flow  structure  and  which 
are  easy  to  handle.  In  spite  of  the  existence  of  more 
sophisticated  methods,  their  use  must  not  be  dis¬ 
counted  and  in  many  cases  they  provide  reliable  and 
accurate  measurements  at  a  relatively  low  cost.  The 
main  disadvantage  of  intrusive  probes  is  their  per¬ 
turb  ating  effect  which  renders  their  use  impossible 
in  separated  flows  or  extremely  delicate  at  transonic 
speed.  Furthermore,  the  probes  must  be  firmly  held 
and  displaced  in  the  flow  to  execute  traverses,  which 
requires  displacement  systems  whose  size  can  be  pro¬ 
hibitive  in  some  circumstances.  In  addition,  if  a  hot 
jet  is  simulated,  the  probe  must  be  able  to  withstand 
high  temperatures  without  melting  or  distorting  it¬ 
self.  A  stagnation  temperature  of  1200K  is  an  upper 
limit  for  the  use  of  simple  probes;  above  this  limit 
the  probes  must  be  cooled  which  complicate  their 
fabrication  and  handling.  In  small  scale  facilities, 
the  deformation  and  vibration  of  probes  is  a  major 
problem  since  this  may  introduce  a  large  uncertainty 
on  the  exact  location  of  the  measurement  point. 

2.2. 3.2.  Pressure  Probes 

The  stagnation  pressure  in  a  flow  is  classically  mea¬ 
sured  by  using  a  Pitot  tube.  Frequently  the  sens¬ 
ing  part  of  the  Pitot  tube  is  flattened  to  allow  a 
closer  approach  to  the  model  surface  which  is  essen¬ 
tial  to  probe  boundary  layers  (a  minimum  thickness 
of  0.2mm  can  be  achieved).  Also,  flattened  probes 
are  used  in  thin  mixing  zones,  like  those  developing 
at  the  edge  of  a  jet.  Measurement  of  the  static  pres¬ 
sure  within  a  flowfield  is  more  difficult  since  pressure 
is  an  intrinsic  and  local  property  of  the  fluid  which 
cannot  be  directly  determined.  The  only  way  to  de¬ 
termine  the  static  pressure  -  by  probes  -  is  in  fact  to 
measure  a  surface  pressure  given  by  an  orifice.  Two 
types  of  static  pressure  probes  are  commonly  used; 
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-  Conical  type  probes  consist  of  a  long  cylindrical 
tube,  with  a  conical  and  elongated  tip.  Pressure  ori¬ 
fices  are  placed  on  the  cylindrical  part  at  some  dis¬ 
tance  downstream  of  the  tip  (at  least  10  diameters). 
It  is  then  assumed  that  the  pressure  given  by  these 
orifices  is  equal  to  the  static  pressure  of  the  flow  up¬ 
stream  of  the  probe. 

-  Wedge  type  probes  are  made  of  a  cylindrical  tube 
equipped  with  a  tip  made  of  a  small  angle  wedge 
with  pressure  orifices  on  each  face,  the  pressure  at 
the  level  of  these  orifices  being  assumed  equal  to  the 
upstream  static  pressure. 

In  gently  varying  flows  (low  pressure  gradients),  the¬ 
se  probes  (which  can  be  calibrated)  give  accurate 
results.  However,  their  use  in  regions  of  rapid  pres¬ 
sure  variation  becomes  questionable  as  the  pressure 
at  the  level  of  the  orifices  can  be  very  different  from 
the  effective  flow  pressure.  In  such  situations,  the 
results  given  by  the  wedge  type  probe  seem  of  better 
quality. 

Pressure  probes  are  also  routinely  used  to  determine 
the  mean  velocity  vector  in  three-dimensional  flows. 
For  this  purpose,  multi-hole  probes  are  constructed, 
the  simplest  arrangement  being  the  three-hole  pres¬ 
sure  probe.  This  kind  of  probe  is  made  of  three  ori¬ 
fices  disposed  as  shown  in  Fig.  2.2.1  [2.2.33].  The 
central  orifice  acts  as  a  Pitot  tube;  the  two  lateral 
orifices  are  symmetrically  placed  and  made  of  slanted 
holes.  Frequently,  the  probe  is  made  of  three  tubes, 
welded  together  and  flattened  to  reduce  the  thick¬ 
ness  of  the  sensing  part.  The  probe  is  sometimes 
curved  in  shape  to  allow  the  sensing  element  to  come 
in  contact  with  the  surface,  hence  its  name:  ’’cobra 
probe”.  This  kind  of  probe  is  mainly  used  to  in¬ 
vestigate  boundary  layer  flows,  in  which  the  velocity 
vector  is  contained  in  a  plane  parallel  to  the  surface 
of  the  model.  The  thickness  of  the  flattened  part 
can  be  as  small  as  0.2mm,  the  width  being  close  to 
1.5mm.  The  sensing  extremity  being  set  in  such  a 
way  that  the  three  orifices  are  in  the  plane  contain¬ 
ing  the  velocity  vector,  the  magnitude  of  the  velocity 
is  deduced  from  the  indication  ps  of  the  central  ori¬ 
fice  and  the  local  pressure  measured  at  the  surface. 

The  direction  /?  of  the  velocity  vector  results  from 
the  pressure  difference  Ap  =  p2  -  pi  between  the 
two  lateral  holes.  The  most  accurate  procedure  is  a 
zeroing  method  in  which  the  probe  is  rotated  until 
the  pressure  difference  Ap  cancels  out.  Then  the  di¬ 
rection  of  the  probe  axis  can  be  identified  with  the 
velocity  direction  j3.  In  fact,  since  this  procedure  is 
very  much  time  consuming,  Ap  is  measured  and 
as  well  as  the  true  stagnation  pressure  are  deduced 
from  calibration  curves.  It  is  usual  to  introduce  the 
following  coefficients: 

^  _  P2- Pi  ^  P3  -  Pit 
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with:  Q  =  iP3-Po)-Pm  and 

Calibration  curves  are  of  the  form:  C,,  =  m  and 

Cr>,.=9{0)- 

Having  measured  pi,  p2,  pa  and  the  upstream  refer¬ 
ence  pressure  po,  the  first  calibration  curve  gives  the 
flow  direction  j3\  the  second  curve  allows  the  determi¬ 
nation  of  the  stagnation  pressure  p^j.  The  local  static 
pressure  being  identified  with  the  pressure  measured 
at  the  wall  (boundary  layer  basic  assumption),  the 
Mach  number  can  be  computed  from  the  isentropic 
or  Pitot  formula  according  to  the  subsonic  or  super¬ 
sonic  nature  of  the  local  flow.  The  readings  from  this 
kind  of  probe  can  be  sensitive  to  Reynolds  number 
effects,  proximity  of  the  wall  can  also  influence  the 
measurements  for  distances  less  than  0.3mm. 


Fig.  2.2.1  -  Sensing  part  of  a  three-hole 
pressure  probe  (thickness  =  0.1mm) 


Three-hole  pressure  probes  give  correct  results  as 
long  as  the  velocity  vector  remains  in  the  same  plane 
and  provided  that  the  angle  between  the  probe  axis 
and  the  velocity  vector  is  not  too  large,  a  maxi¬ 
mum  being  40“ .  If  the  third  component  of  the  ve¬ 
locity  is  comparable  to  the  two  other  components, 
a  truly  three-dimensional  probe  must  be  used.  The 
most  common  three-dimensional  probe  is  the  hve- 
hole  pressure  probe  whose  arrangement  is  sketched 
in  Fig.  2.2.2  [2.2.34,35].  The  sensing  extremity  is 
most  often  made  of  a  cone  on  which  four  indepen¬ 
dent  orifices  are  machined,  a  fifth  hole  being  placed 
at  the  cone  apex.  The  conical  part  is  mounted  on 
a  cylindrical  tube  through  which  pass  the  five  pres¬ 
sure  tubes  to  the  transducers.  The  diameter  of  this 
probe  can  be  as  small  as  1.5mm.  Smaller  diameters 
can  be  realized,  but  then  the  response  time  may  be- 
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come  prohibitive.  Numbering  the  orifices  as  shown 
in  Fig.  2.2.2,  the  pressures  pi,  P2,  Pa,  P4  and  ps 
are  measured.  Orientation  of  the  velocity  with  re¬ 
spect  to  the  probe  axis  is  defined  by  angles  a  and 
/?  shown  in  Fig.  2.2.2  and  the  probe  axis  is  defined 
by  angles  9  and  (p,  with  respect  to  the  ’’absolute” 
or  ’’laboratory”  system.  The  calibration  is  made  by 
determining  the  following  coefficients  as  function  of 
the  Mach  number  and  angles  9  axid  <p: 


p>0 


Fig.  2.2.2  -  Sensing  part  of  a  five-hole 
pressure  probe  (diameter  =  1.5mm) 


r  - 

Pst 

where  p,t  is  the  stagnation  pressure  in  subsonic  flows 
and  the  Pitot  pressure  in  supersonic  flows. 


Pi  +  P2  +  P3  +  P4 


_  P3  -  Pi 
)  — 

P5  -  Pm 

In  the  probing  of  an  unknown  flowfield,  the  five  pres¬ 
sure  Pit,  are  measured  and  the  above  coefficients  are 
computed,  from  which  the  magnitude  and  direction 
of  the  velocity  vector,  the  local  Mach  number  and 
static  pressure  are  determined  from  calibration  ma¬ 
trices.  This  kind  of  probe  can  be  used  in  a  velocity 
domain  ranging  from  low  subsonic  to  high  supersonic 
Mach  numbers  and  provide  accurate  and  reliable  re¬ 
sults.  The  primary  limitation  comes  from  the  maxi¬ 
mum  allowable  angle  between  the  probe  axis  and  the 
velocity  vector.  It  this  case,  40°  is  an  upper  practical 
limit. 

Probes  having  more  than  5  holes  have  been  devel¬ 
oped  to  introduce  redundancy  in  the  measurements 
and  to  extend  their  domain  of  application,  however 
their  use  seems  less  common  than  that  of  the  five- 
hole  probes. 

2.2. 3. 3.  Temperature  Probes 

The  stagnation  temperature  of  a  stream  is  classically 
measured  by  means  of  a  probe  made  of  a  thermocou¬ 
ple  whose  junction  is  chosen  according  to  the  tem¬ 
perature  range  to  be  measured.  The  simplest  ar¬ 
rangement  is  made  of  a  bare  junction  placed  in  the 
flowfield.  This  type  of  probe,  whose  size  can  be  ex¬ 
tremely  small,  has  a  short  response  time  and  gives 
very  good  results.  However,  its  response  is  affected 
by  a  coefficient  depending  on  the  Mach  number  of 
the  flow,  which  necessitates  a  careful  calibration  of 
the  probe. 

The  response  of  the  probe  can  be  improved  by  using 
an  arrangement  where  the  thermocouple  junction  is 
placed  inside  a  tube  through  which  a  low  velocity  air¬ 
flow  is  established  by  means  of  holes  located  in  the 
downstream  part  of  the  tubing.  This  kind  of  venti¬ 
lated  probe  has  better  operation  conditions  than  the 
previous  one,  its  disadvantage  being  its  larger  size. 

Stagnation  temperature  meeisurements  are  delicate, 
and  for  this  recison  often  inaccurate: 

-  The  response  of  the  thermocouple  junction  is  a 
function  of  its  shape  and  size.  Short  response  times 
require  extremely  small  junctions  so  that  one  must 
be  cautious  when  making  measurements  in  a  blow¬ 
down  facility. 


Pm 

P5 


with 


Ka  = 


P4  -  P'2 
P5  -  Pm 


K,  =  +  Kj 
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-  The  indication  of  the  sensing  element  can  be  af¬ 
fected  by  thermal  losses  due  to  convection  in  the 
stream,  conduction  through  the  thermocouple  holder 
and  radiation.  These  effects  can  differ  in  proportion 
according  to  the  flow  region  which  is  probe,  hence, 
their  representation  by  means  of  a  calibration  curve 
may  be  incomplete. 

2. 2. 3. 4.  Anemometric  Measurements 

Conventional  anemometric  measurements  are  made 
by  hot  wires,  and  to  a  lesser  extent  by  hot  films.  The 
principle  of  hot  wire  anemometry  is  well  known  and 
needs  not  to  be  repeated  here  in  detail  [2.2.36].  In 
practice,  hot  wires  are  mainly  used  to  perform  de¬ 
tailed  turbulence  studies  at  subsonic  velocities. Their 
use  has  been  extended  to  transonic  and  sup^-sonic 
flows,  at  the  price  of  more  complex  calibration  and 
data  processing  procedures  [2.2.37,38].  Typical  di¬ 
mensions  of  a  hot  wire  are  a  diameter  of  5  to  lO^m 
and  a  length  of  1  to  2  mm.  In  high  speed  flows,  wires 
of  diameter  as  small  as  2.5//m  are  used.  The  main 
advantage  of  a  hot  wire  is  its  very  short  response 
time  which  allows  its  use  to  make  high  frequency  un¬ 
steady  measurements  (the  maximum  band  pass  can 
be  in  excess  of  several  lOOkHz). 

Two  different  modes  of  operation  are  adopted,  de¬ 
pending  on  the  kind  of  measurements  to  be  per¬ 
formed: 

-  In  the  constant  current  mode,  the  intensity  of  the 
electrical  current  traversing  the  wire  is  maintained 
constant  and  one  measures  the  variation  of  voltage 
at  its  extremity  resulting  from  the  change  in  its  re¬ 
sistance  due  the  cooling  effect  of  the  flow. 

-  In  the  constant  temperature  mode,  the  resistance 
of  the  wire  is  kept  constant  by  varying  -  through  an 
appropriate  electonic  circuit  -  the  intensity  traversing 
the  wire. 

A  hot  wire  produces  a  signal  whose  processing  allows 
the  determination  not  only  of  the  mean  flow  veloc¬ 
ity  but  also  of  its  fluctuating  component.  Analog 
or  numerical  treatment  then  permits  the  calculation 
of  the  various  statistical  moments  of  the  fluctuating 

variable:  RMS  values.  Skewness,  Flatness  factors, 
etc.  Because  of  the  fast  response  time,  power  spec¬ 
tra  can  be  constructed  and  a  vast  amount  of  informa¬ 
tion  in  the  temporal  domain  can  be  gathered,  which 
gives  indication  on  the  turbulence  scales.  Single  and 
multi  wire  probes  exist:  the  classical  X-wire  probe  is 
made  of  two  slanted  wires  giving  two  velocity  compo¬ 
nent  U  and  V,  their  RMS  values  and  the  correlation 

(or  Reynolds  shear  stress)  u'v' .  Three-dimensional 
measurements  can  be  made  by  means  of  four-wire 
probes  which  give  the  complete  velocity  vector  and 
the  full  Reynolds  tensor.  However,  because  of  their 
fragility  in  high  speed  flows  hot-wire  probes  are  es¬ 
sentially  used  for  basic  turbulence  studies  and,  to 
our  knowledge,  have  been  rarely  employed  to  probe 


the  flow  induced  by  an  afterbody  with  jet  (although 
they  are  intensively  used  to  investigate  turbulence 
in  jets  and  mixing  layers).  Four-wire  probes  lead  to 
complex  calibration  and  data  processing  procedures. 
In  addition,  hot-wire  probes  are  ineffective  in  sepa¬ 
rated  flows  and  cannot  be  used  in  high  temperature 
jets.  These  recisons  lead  to  the  consideration  of  non- 
intrusive  optical  techniques  which  do  not  suffer  from 
these  shortcomings  but  which  are  still  able  to  per¬ 
form  reliable  spectrum  measurements. 

2.2.4.  Non  Intrusive  Techniques  for  Field 
Measurements 

2. 2. 4.1.  Introductory  Remarks 

All  non  intrusive  methods  are  based  on  optical  tech¬ 
niques,  which  confers  them  spectacular  advantages, 
but  put  severe  limitations  on  their  general  applica¬ 
tion.  Apart  from  the  specific  problems  of  data  pro¬ 
cessing  and  interpretation,  that  we  shall  consider  be¬ 
low  and  which  are  inherent  to  the  techniques  them¬ 
selves,  the  use  of  optical  methods  imposes  stringent 
conditions  on  the  experimental  arrangement.  Thus, 
the  zone  of  interest  must  be  accessible,  with  a  suf¬ 
ficiently  large  field,  for  the  radiations  employed  by 
the  optical  system.  This  obvious  and  first  condi¬ 
tion  is  not  always  easy  to  satisfy  in  commonly  Used 
wind  tunnels  or  test  rigs.  Hence,  the  test  section 
must  be  equipped  with  properly  sized  transparent 
windows  made  of  high  quality  glass  (a  condition  par¬ 
ticularly  severe  for  classical  interferometry).  If  non 
visible  radiation  is  used  -  in  the  infra  red,  for  exam¬ 
ple  -  the  windows  must  be  made  of  special  material, 
like  quartz  or  zinc  seleniur.  This  difficulty  can  be 
circumvented  by  placing  the  apparatus  in  the  test 
section  or  if  the  experiments  are  performed  in  the 
open  atmosphere. 

Correct  focusing  of  the  beams  may  impose  a  maxi¬ 
mum  admissible  length  for  the  distance  between  the 
measurement  point  and  the  optics,  thus  precluding 
the  use  of  some  of  these  techniques  in  large  facilities. 
Mechanical  vibrations  or  intense  acoustic  waves  can 
damage  delicate  optical  components,  which  can  pre¬ 
vent  measurements  on  engine  test  rigs.  Good  vis¬ 
ibility  through  the  windows  is  indispensable.  This 
apparently  trivial  condition  can  be  critical  if  pollu¬ 
tion  by  the  flow  itself  or  injected  particles  of  a  tracer 
tend  to  obscure  the  windows. 

A  class  of  optical  methods  is  based  on  the  devia¬ 
tion  of  a  light  beam  caused  by  variations  of  the  re¬ 
fractive  index  occurring  in  regions  of  a  compressible 
flow  where  the  velocity,  hence  the  density,  is  vary¬ 
ing  rapidly.  For  a  gas,  air  in  most  applications,  the 
refractive  index  v  is  linked  to  the  local  density  p  by 
the  Gladstone-Dale  law  which  is  written: 

V  —  Bp  +  A 

where  A  and  B  are  two  constants. 
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Thus  any  variation  in  the  optical  properties  of  the 
flow  which  can  be  detected  hy  an  appropriate  method 
can  be  related  to  the  variation  of  its  density.  In  these 
conditions,  we  can  expect  that  regions  where  p  varies 
rapidly  will  be  made  visible:  shock  waves,  centered 
expansion  waves,  mixing  zones,  boundary  layers. 

2. 2.4. 2.  Optical  Visualization  Techniques 
Although  they  are  classical  and,  for  this  reeison,  do 
not  need  explanation,  it  is  worth  to  cite  schlieren  and 
shadowgraph  techniques  which  are  widely  and  rou¬ 
tinely  used  to  visualize  high  speed  flows.  Let  us  sim¬ 
ply  recall  that  the  schlieren  technique  is  sensitive  to 
gradients  in  the  density  and  the  shadowgraph  to  the 
second  space  derivative  of  p.  In  two-dimensional  and 
axisymmetric  flows,  these  techniques  allow  a  clear 
identification  of  the  structure  of  the  flow,  showing 
the  system  of  compression  and  expansion  waves  or 
shocks  forming  in  a  non  adapted  jet  and  also  the  in¬ 
teraction  with  the  outer  stream.  For  instance,  schlie¬ 
ren  /  shadograph  pictures  can  reveal  the  shock  form¬ 
ing  on  the  afterbody  boattail  at  high  subsonic  speed 
and  the  separated  zone  caused  by  this  shock  or  by 
the  expansion  of  the  propulsive  jet. 

In  conventional  schlieren  systems,  the  focus  extends 
essentially  through  the  entire  region  between  the  two 
mirrors,  placed  on  each  side  of  the  test  section,  to 
form  the  beam  of  parallel  light  traversing  the  ob¬ 
served  flow.  The  result  is  that  the  system  gives  sharp 
images  of  all  the  flow  features  crossed  by  the  beam. 
Thus,  in  three-dimensional  flows,  such  schlieren  pic¬ 
tures  are  difficult  to  interpret.  In  focusing  schlieren 
systems,  which  we  shall  not  describe  here  (for  de¬ 
tails  see  Ref.  [2.2.39]),  objects  go  out  of  focus  in 
a  fairly  short  distance.  Thus  focusing  schlieren  sys¬ 
tems  show  effects  of  the  density  variation  in  a  nar¬ 
row  slice  of  the  flow  normal  to  the  optical  axis.  If 
the  flow  is  steady,  or  if  only  averaged  features  are 
observed  in  a  turbulent  flow,  the  focal  plane  slice 
can  be  moved  through  the  test  volume  to  obtain  a 
three-dimensional  record  made  of  images  recorded  at 
different  times.  If  a  three-dimensional  record  is  re¬ 
quired  at  a  single  time,  holography  can  be  used  and 
the  slices  at  different  depths  can  be  examined  from 
the  reconstructed  images. 

Special  optical  arrangements,  such  as  conical  shad- 
owgraphy,  have  been  developed  to  make  observation 
in  planes  perpendicular  to  a  direction  along  which 
the  flow  adopts  a  conical  similarity  [2.2.40]. 

Spark  photographs,  with  an  exposure  time  of  Ips 
or  less,  are  especially  instructive  since  they  give  a 
vivid  picture  of  the  flow  by  enhancing  discontinuities 
and  showing  turbulent  structures  which  are  frozen 
in  their  displacement.  Coupled  with  high  speed  cin¬ 
ematography,  spark  photographs  are  invaluable  to 
detect  and  qualify  unsteady  phenomena,  more  likely 
to  occur  in  case  of  separation. 

With  the  exception  of  the  focusing  schlieren  system, 
the  above  methods  can  be  of  limited  help  in  complex 


three-dimensional  flows  where  interpretation  of  the 
pictures  is  difficult.  Some  view  of  the  flowfield  struc¬ 
ture  can  be  obtained  by  performing  what  is  called 
light  screen,  or  light  sheet  or  vapor  screen  visualiza¬ 
tion  [2.2.41,42].  The  basic  principle  of  these  methods 
is  to  introduce  particles  in  the  flow  and  to  observe 
the  light  scattered  by  these  particles  when  they  are 
strongly  illuminated  (Mie  scattering  in  this  case). 
One  may  use  droplets  of  water  or  the  smoke  gen¬ 
erated  by  combustion  of  an  appropriate  oil  as  trac¬ 
ers.  In  most  present  applications,  the  light  sheet  is 
produced  by  a  laser  whose  beam  is  expanded  into  a 
plane  by  a  glass  cylinder  or  a  combination  of  lenses. 
Very  impressive  pictures  can  be  obtained  showing  the 
traces  of  vortices,  boundary  layers  or  shock-waves. 
We  will  cite  among  these  methods:  Particle  Image 
Velocimetry  (PIV))  because  its  basic  principle  is  also 
to  illuminate  particles  by  a  laser  sheet  and  to  observe 
the  scattered  light  [2.2.43].  The  major  difference,  is 
that  PIV  is  a  quantitative  technique  performing  a 
measurement  of  the  flow  velocity.  For  this  purpose, 
two  laser  pulses,  separated  by  a  short  and  known 
time  interval  At,  are  emitted  to  provide  two  images 
recorded  on  the  same  photographic  plate.  During 
the  interval  At  each  particle  has  moved  over  a  dis¬ 
tance  proportional  to  its  velocity  (assumed  to  be  that 
of  the  flow),  giving  two  images  on  the  plate.  Thus, 
by  measuring  the  displacement  of  the  particle,  one 
can  deduce  immediately  the  velocity  component  con¬ 
tained  in  the  plane  of  the  image.  The  main  difficul¬ 
ties  in  PIV  come  from  the  processing  of  the  pho¬ 
tographic  plates,  which  must  be  done  by  automated 
procedures  using  sophisticated  algorithms  to  identify 
the  particles  and  follow  them  in  their  displacement. 
The  most  convincing  applications  of  the  method  are 
still  restricted  to  low  speed  flows. 

2.2. 4. 3.  Interferometry 

Interferometry  has  long  been  used  to  visualize  com¬ 
pressible  flows  where  it  gives  spectacular  pictures  of 
the  field.  However,  in  addition,  interferometry  can 
provide  quantitative  information  in  a  straightforward 

-  if  not  always  easy  -  way,  which  makes  it  a  valu¬ 
able  tool  to  investigate  some  basic  properties  of  high 
speed  flows  in  the  transonic  and  supersonic  ranges. 
It  is  recalled  that  the  principle  of  interferometry  is 
to  record  on  a  photographic  plate  the  interference 
of  two  waves  coming  from  the  same  monochromatic 
source: 

-  One  wave,  constituting  the  so  called  study  beam, 
traverses  the  flow  under  investigation; 

-  The  other  beam,  the  reference  beam,  passes  outside 
the  test  section,  thus  traversing  an  unperturbated 
medium. 

The  two  waves  will  interfere  on  the  plate  giving  inter¬ 
ference  fringes  which  are  lines  of  equal  optical  path: 
L  —  j  p{l)dl  where  v  is  the  index  of  refraction  and 
1  the  geometrical  path  of  the  beam.  If  the  flow  is 
perfectly  uniform,  and  the  interferometer  appropri- 
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ately  adjusted,  the  plate  will  be  covered  by  a  unique 
white  fringe  giving  a  uniform  illumination.  If  the 
flow  is  non  uniform,  variations  Ap  of  its  density  will 
result  in  variations  Av  of  the  index  of  refraction  u 
(see  above)  leading  to  variations  of  the  optical  path  L 
(the  geometrical  length  1  being  kept  constant  by  con¬ 
struction).  Hence,  the  study  wave  will  be  distorted 
and  interference  fringes  will  form  to  constitute  an 
interferogTam  of  the  flow. 

Let  us  consider,  to  simplify,  the  case  of  a  two-  di¬ 
mensional  flow  in  a  test  section  of  span  b.  Then,  the 
variation  in  optical  path  introduced  by  the  flow  at 
any  point  is  given  by; 

AL  =  Avb 

Starting  from  a  reference  fringe,  the  variation  in  op¬ 
tical  path  between  two  points  R  and  M  in  the  field 
can  be  computed  from  the  numbering  of  the  fringes 
by  using  the  formula: 

AL  =  X{Nm  —  Nr)  —  h{vM  -  I'r) 
in  which  A  is  the  light  wave-length,  Nm  and  Nr  des¬ 
ignating  the  fringe  numbers  at  M  and  R,  respectively. 
If  the  flow  is  two-dimensional,  p  does  not  vary  with 
the  spanwise  direction  and  the  span  of  the  test  sec¬ 
tion  b  =  I  being  constant  and  known,  the  value  of  p 
at  a  point  located  on  fringe  Nr  is  obtained  by  the 
relation: 

PM  =  PR  +  (Nm  -  Nr) 

where  pR  is  the  value  of  p  corresponding  to  the  refer¬ 
ence  fringe  Nr.  The  value  pR  is  determined  by  con¬ 
sidering  a  fringe  passing  in  a  region  where  the  flow  is 
uniform  and  where  the  pressure  and  the  temperature 
can  be  measured. 

In  practice,  each  fringe  -  white  or  black  -  will  be  iden¬ 
tified  with  its  middle  line,  i.  e.,  the  location  where 
the  light  intensity  passes  through  a  maximum  or  a 
minimum  (in  principle,  it  would  be  possible  to  con¬ 
sider  fractions  of  fringes,  but  their  localization  would 
be  inaccurate).  Thus,  the  major  problem  in  the  pro¬ 
cessing  of  an  interferogram  is  to  determine  with  accu¬ 
racy  the  middle  of  each  fringe  from  the  photographic 
plate.  This  determination  can  be  made  by  using  a 
microdensitometer  which  measures  the  optical  den¬ 
sity  of  the  plate  [2.2.44].  The  apparatus  can  be 
linked  to  a  computer  which  commands  the  displace¬ 
ment  of  the  analyzed  point  along  a  pre-programmed 
path  and  records  the  values  of  the  optical  density 
at  each  point.  Then,  by  a  proper  processing  of  the 
data,  the  middle  of  each  fringe  is  determined  and 
the  value  of  density  computed,  the  end  product  be¬ 
ing  the  distribution  p(X,Y)  in  the  investigated  field. 
More  advanced  techniques,  based  on  video  systems 
with  CCD  cameras  can  also  be  used  to  record  and 
process  the  interferograms. 


The  above  mode  of  operation,  in  which  the  plate  is 
uniformly  illuminated  if  the  flow  is  perfectly  uniform, 
is  called  the  infinite  fringe  mode  of  operation.  With 
this  adjustment  of  the  apparatus,  fringes  (or  more 
exactly  their  middle)  can  be  identified  with  lines  of 
constant  density,  hence  lines  of  constant  Mach  num¬ 
ber,  pressure,  etc,  if  the  flow  is  isentropic.  However, 
in  most  cases  where  the  density  variations  are  mod¬ 
erate,  the  number  of  fringes  is  small,  which  limits 
the  number  of  measurement  points,  since  in  prac¬ 
tice  only  the  middle  of  the  fringes  can  be  detected 
with  accuracy.  In  order  to  increase  the  number  of 
measurement  points,  the  finite  fringe  mode  of  oper¬ 
ation  is  frequently  adopted.  In  this  case,  an  optical 
part  of  the  interferometer  -  a  mirror  for  example  -  is 
adjusted  in  order  to  introduce  a  linear  optical  path 
variation  throughout  the  flowfield  at  rest.  Then,  a 

pattern  of  parallel  fringes  forms  in  the  absence  of 
flow,  which  is  recorded  on  a  first  photographic  plate. 
When  the  flow  is  established,  it  introduces  density 
changes  which  cause  a  distortion  of  the  reference 
fringe  pattern.  This  new  pattern  is  recorded  on  a 
second  photographic  plate.  Density  is  then  com¬ 
puted  by  processing  and  comparing  the  two  fringe 
patterns.  The  method  used,  which  is  slightly  more 
involved  than  that  for  the  infinite  fringe  mode,  will 
not  be  explained  here  [2.2.45]. 

Interferometry  can  also  be  used  in  axisymmetric  flows 
without  major  changes  in  the  mode  of  operation, 
compared  to  the  two-dimensional  case.  The  only 
differences  lie  in  the  processing  method  since  then 
the  relation  between  fringe  numbers  and  the  change 
in  the  optical  path  is  not  simple,  the  field  being  no 
longer  uniform  in  the  spanwise  direction.  For  this 
case,  the  determination  of  p  necessitates  the  inver¬ 
sion  of  an  Abel  integral  by  means  of  classical  meth¬ 
ods  [2.2.46].  The  possibility  of  investigating  axisym¬ 
metric  flows  by  interferometry  is  of  great  interest  for 
afterbody  applications.  Thus,  interferometry  was  ex¬ 
tensively  used  to  define  the  transonic  domain  of  sonic 
nozzles  and  to  determine  their  discharge  coefficient 
[2.2.47].  An  example  of  such  a  result  is  given  in  Fig. 
2.2.3.  Also,  interferometry  was  valuable  in  measur¬ 
ing  the  expansion  rate  of  the  mixing  zone  of  a  tur¬ 
bulent  jet  at  supersonic  Mach  numbers  [2.2.48]. 

The  classical  interferometric  technique  usually  uses 
Mach-Zehnder  type  interferometers  (see  Fig.  2.2.4) 
whose  adjustment  is  a  delicate  task  because  of  the 
extremely  short  coherence  length  of  ordinary  light. 
Thus,  the  optical  paths  of  the  study  and  reference 
beams  must  be  made  nearly  equal  with  a  tolerance 
corresponding  to  a  few  wave  lengths.  This  necessi¬ 
tates  the  use  of  interferometric  quality  glass  and  the 
introduction  of  a  pair  of  compensation  windows  in 
the  path  of  the  reference  beam  to  compensate  for 
the  change  in  optical  path  caused  by  the  test  section 
windows. 
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Fig.  2.2.3  -  Interferogram  of  the  transonic 
flow  issuing  from  a  conical  ejector 


Fig.  2.2.4  -  Schematic  arrangement  of  a 
Mach-Zehnder  interferometer 


The  advent  of  laser  sources  has  considerably  simpli¬ 
fied  interferometry  by  calling  upon  holographic  tech¬ 
niques  to  create  interferometric  pictures,  although 
the  essence  of  the  method  and  the  mode  of  data  pro¬ 
cessing  remain  the  same  [2.2.44],  There  exist  sev¬ 
eral  ways  to  obtain  an  interferogram  by  holographic 
imaging.  Here,  we  will  only  consider  the  double  ex¬ 
posure  technique  which  was  intensively  used  to  inves¬ 
tigate  transonic  flows  [2.2.49].  With  the  holographic 


technique,  the  reference  and  study  beams  are  pro¬ 
duced  by  a  laser  source,  usually  a  Helium-Neon  or 
Argon  laser.  As  shown  by  the  sketch  in  Fig.  2.2.5, 
the  study  beam  is  expanded  by  an  appropriate  lens  to 
constitute  a  beam  of  parallel  light  traversing  the  test 
section  and  covering  the  field  to  be  investigated.  The 
reference  beam,  which  does  not  need  to  be  expanded, 
passes  outside  the  test  section  by  the  most  conve¬ 
nient  path.  After  having  traversed  the  test  section, 
the  study  beam  and  the  reference  beam  -  which  has 
been  expanded  -  interfere  at  the  photographic  plate 
P  to  create  a  hologram.  By  illuminating  the  plate 
with  a  source  of  coherent  light,  the  wave  which  has 
thus  been  recorded  in  the  hologram  is  reconstructed. 
To  obtain  an  interferogram,  the  above  process  is  re¬ 
peated  twice  without  changing  the  plate.  A  first 
hologram  is  made  in  the  absence  of  flow,  a  second 
one  with  the  flow  established.  Thus,  two  waves  are 
recorded  on  the  plate:  one  having  traversed  a  uni¬ 
form  field,  a  second  a  field  perturbated  by  the  flow. 
By  illuminating  the  plate  with  a  laser  source,  the  two 
waves  are  simultaneously  reconstructed  leading  to  an 
interference  pattern.  This  pattern  is  photographed 
to  get  the  interferogram  of  the  flow,  which  is  then 
processed  by  using  the  usual  method.  For  the  finite 
fringe  mode  of  operation,  two  such  interferograms 
are  made,  one  with  the  pattern  of  parallel  fringes  ob¬ 
tained  by  moving  an  optical  component  of  the  appa¬ 
ratus,  the  other  by  superimposing  the  disturbances 
produced  by  the  flow. 

Holographic  interferometry  is  far  less  complicated  to 
operate  than  classical  interferometry.  Because  of  the 
important  coherence  length  of  the  laser  light,  the  ref¬ 
erence  and  the  study  beams  need  not  be  adjusted  as 
precisely  as  with  ordinary  light.  Furthermore,  good 
quality  glass  is  sufficient  for  the  test  section  windows 
and  the  lens,  making  the  system  rather  cheap. 
Interferometry  (in  a  general  sense)  is  a  very  powerful 
tool  to  investigate  complex  flowfields  sensitive  to  the 
perturbating  effect  of  probes.  It  is  an  accurate  tech¬ 
nique  which  can  provide  a  vast  amount  of  results  on 
a  complete  field.  The  fact  that  the  whole  flowfield  is 
recorded  at  once  on  a  unique  picture  avoids  the  long 
testing  times  required  by  other  techniques. 

However,  interferometry  suffers  from  shortcomings 
which  have  limited  its  use.  The  method  loses  its  sen¬ 
sitivity  in  separated  flows  where  the  density  is  almost 
constant  and  it  is  not  possible  to  make  really  usable 
turbulence  measurements.  In  practice,  interferome¬ 
try  is  restricted  to  two-dimensional  and  axisymmet- 
ric  flows.  Its  extension  to  three-dimensional  flows 
is  in  principle  possible  by  tomographic  imaging,  but 
the  mode  of  operation  and  the  processing  procedures 
are  so  complex  that  three-dimensional  interferome¬ 
try  has  been  applied  to  a  very  restricted  number  of 
cases  [2.2.50].  If  the  investigated  flow  field  possesses 
some  similarity  property,  simplified  versions  of  three- 
dimensional  interferometry  can  be  used  [2.2.51-53]. 


reference  beam 
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Fig.  2.2.5  -  Schematic  arrangement  of  a  holographic  interferometer 


2.2.4.4.  Laser  Doppler  Velocimetry 

Introductory  Remarks.The  advent  of  Laser  Doppler 
Velocimetry  (LDV)  in  the  early  70s  has  considerably 
increased  the  capacity  to  investigate  high  speed  flows 
by  giving  access  to  quantities  whose  determination 
was  heretofore  unreliable,  if  not  impossible  [2.2.54- 
56].  With  LDV  it  has  become  possible  to  safely  probe 
turbulent  separated  flows  in  order  to  determine  not 
only  their  mean  structure,  but  also  their  fluctuating 
properties  [2.2.57,58].  Here,  it  is  not  relevant  to  de¬ 
velop  the  crucial  contribution  of  LDV  to  our  physical 
understanding  of  complex  flows  and  the  validation  of 
predictive  methods.  Nevertheless,  it  is  worth  men¬ 
tioning  that  the  advent  of  LDV  nearly  coincided  with 
the  manufacture  of  large  computers  and  the  paral¬ 
lel  progress  in  numerical  methods  which  allowed  the 
development  of  advanced  theoretical  models.  Thus, 
the  progress  in  flow  modelling  was  accompanied  by 
the  development  of  a  tool  which  allowed  an  in  depth 
validation  of  the  models  [2.2.59]. 

Basic  Princip/es.The  basic  idea  underlying  LDV  is 
to  measure  the  velocity  of  tiny  particles  which  are 
transported  by  the  flow.  If  these  particles  are  small 
enough,  their  velocity  is  assumed  to  be  that  of  the 
stream  and  LDV  provides  a  measure  of  the  local  in¬ 
stantaneous  velocity  of  the  flow.  This  postulate  is 
not  always  true:  in  highly  decelerating  or  accelerat¬ 
ing  flows  the  particles  cannot  instantaneously  adjust 
their  velocity  to  that  of  the  fluid,  so  that  a  certain 
distance  is  necessary  for  the  particles  to  reach  the 
flow  velocity.  The  problem  of  particle  lag  is  at  the 
heart  of  LDV  and  one  should  be  cautious  in  the  use 
of  results  obtained  in  regions  where  the  velocity  un¬ 
dergoes  a  large  variation  over  a  short  distance.  Such 
a  situation  occurs  downstream  of  a  shock  wave,  in 
the  diverging  part  of  a  supersonic  nozzle  or  in  a  flow 


with  high  frequency  fluctuations.  However,  if  one  ex¬ 
cludes  these  regions  -  whose  relative  extent  is  most 
often  small  -  the  results  given  by  LDV  can  be  consid¬ 
ered  as  reliable  and  remarkably  accurate,  considering 
the  complexity  of  the  investigated  phenomena. 

There  are  several  types  of  LDV  systems  and  different 
interpretations  of  the  phemomena  involved.  In  this 
chapter,  only  the  so  called  fringe  velocimeter,  which 
is  the  most  commonly  used  for  high  speed  measurem- 
nts  in  airflows,  will  be  considered. 

In  order  to  measure  the  velocity  of  a  moving  particle, 
two  beams  from  the  same  laser  source  are  made  to 
cross  in  the  flow  at  what  constitutes  the  probe  vol¬ 
ume.  Because  of  the  high  coherence  of  the  laser  light, 
the  two  beams  interfere  to  form  a  pattern  of  real 
fringes  in  the  probe  volume.  When  a  particle  crosses 
this  fringe  pattern,  it  is  more  or  less  illuminated,  de¬ 
pending  if  it  crosses  a  bright  or  a  dark  fringe.  Hence 
the  intensity  of  the  light  scattered  by  the  particle 
will  be  modulated  at  a  frequency  fm  inversely  pro¬ 
portional  to  the  fringe  spacing  i  and  proportional 
to  the  component  U  of  the  particle  velocity  normal 
to  the  fringes.  The  fringe  spacing  i  being  known, 
from  optical  laws  or  from  a  direct  calibration,  and 
the  measured  frequency  fm  determined  by  a  method 
which  will  be  explained  below,  the  component  U  is 
simply  given  by: 

U  =  ifm 

Signal  Processing.  The  light  scattered  by  the  par¬ 
ticle  is  sent  to  a  photomultiplier  which  converts  it 
into  an  electrical  signal.  The  passage  of  a  particle  in 
the  probe  volume  produces  a  signal,  or  burst,  as  the 
one  shown  in  Fig.  2.2.6.  This  signal  is  composed  of 
a  low  frequency  component,  the  so  called  pedestal. 
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a  -  Photomultiplier  signal 


b  -  Filtered  signal 


Fig.  2.2.6  -  Laser  Doppler  Velocimetry.  Burst 
produced  by  the  passage  of  a  particle  through 
the  probe  volume 


corresponding  to  the  Gaussian  light  distribution  in 
the  laser  beam,  on  which  the  Doppler  signal  con¬ 
taining  the  interesting  information  is  superimposed, 
and  high  frequency  noise.  The  problem  is  to  extract 
the  frequency  from  the  burst.  This  is  a  complex 
and  very  technical  problem  which  will  not  be  pre¬ 
sented  in  detail  here;  only  some  basic  principles  will 
be  discussed.  To  give  an  idea  of  the  difficulties  en¬ 
countered  in  the  determination  of  fm ,  let  us  consider 
a  flow  velocity  of  SOOms"  ^ ,  with  a  fringe  spacing  of 
15//m  (which  is  a  typical  value).  Then  will  be 
equal  to  20MHz,  the  duration  of  the  burst  being  of 
the  order  of  Ifis.  The  problem  is  to  accurately  mea¬ 
sure  a  high  frequency  in  a  very  brief  signal  which 
generally  contains  much  noise. 


In  most  circumstances,  before  being  processed,  the 
signal  goes  through  high  pass  and  low  pass  filters 
to  remove  the  pedestal  and  the  noise.  Also,  maxi¬ 
mum  and  minimum  thresholds  are  set  to  eliminate 
too  strong  signals,  assumed  to  be  produced  by  big 
particles  which  do  not  follow  the  flow,  or  erratic  sig¬ 
nals.  Several  techniques  are  used  to  treat  the  result¬ 
ing  signal  and  to  extract  bench  of  filters,  fre¬ 
quency  trackers  (for  low  velocity  appplications),  pho¬ 
ton  correlation,  counters  (which  in  fact  measure  the 
period)  and  frequency  analyzer  based  on  a  Fourier 
transform  of  the  signal.  In  counters,  which  are  prob¬ 
ably  the  most  commonly  used  devices  for  high  ve¬ 
locity  measurements,  a  clock  is  started  at  a  prede¬ 
termined  zero  crossing  of  the  filtered  signal.  The 
clock  is  stopped  after  a  given  number  of  zero  cross¬ 
ings  or  periods  Ni  giving  a  value  Ti  for  the  period. 
A  second  counting  is  made  by  considering  a  number 
A^2  of  periods,  which  gives  a  second  estimation  of 
the  period.  The  measurement  is  validated  if  the  two 
values  Ti  and  T2  agree,  within  a  certain  tolerance. 
In  most  systems  A^i  =  Sand  N2  =  8.  This  valida¬ 
tion  test  eliminates  too  short  signals  which  could  be 
produced  by  particles  passing  near  the  border  of  the 
probe  volume. 

The  Different  Modes  of  Operation.  The  part  of  the 
system  producing  the  laser  beams  and  focussing  them 
into  the  probe  volume  is  the  emitting  optics;  the  part 
observing  the  scattered  light  is  the  collecting  optics. 

The  scattering  of  light  by  the  particles  used  in  LDV 
is  called  Mie  scattering.  This  process  involves  parti¬ 
cles  which  have  a  size  comparable  to  the  light  wave¬ 
length.  It  is  an  elastic  interaction  between  light  and 
matter,  in  the  sense  that  the  scattered  light  has  the 
same  wave-length  as  the  incident  light  (see  Section 
2.2.4).  The  light  is  scattered  in  selected  directions 
making  lobes.  The  most  intense  emission  is  in  the 
direction  opposite  to  that  of  the  incident  beam,  it 
is  called  forward  scattering.  Two  other  lobes  are  di¬ 
rected  towards  the  source,  symmetrically  placed  with 
respect  to  the  incident  beam  corresponding  to  back 
scattering.  The  light  scattered  in  the  forward  mode 
is  at  least  100  times  more  intense  than  in  the  back 
scatter  mode.  Hence  the  two  fundamental  mode  of 
operation  of  LDV  systems: 

-  In  the  forward  scattering  mode,  the  collecting  op¬ 
tics  are  opposite  to  the  emitting  optics,  the  two  parts 
being  installed  on  separate  benches  located  on  each 
side  of  the  test  section.  This  arrangement  is  the  most 
advantageous  as  far  as  the  optical  performance  of  the 
system  is  concerned.  It  gives  a  much  better  signal- 
to-noise  ratio  and  is  generally  adopted  to  perform 
measurements  in  high  speed  flows.  Its  disadvantage 
is  the  necessity  to  use  two  separate  benches  whose 
displacements  must  be  very  accurately  controlled. 

-  In  the  hack  scattering  mode,  the  emitting  and  col¬ 
lecting  optical  parts  are  on  the  same  side  with  re- 
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spect  to  the  test  section  and  can  be  installed  on  the 
same  bench,  which  provides  a  more  compact  system 
and  a  greater  ease  of  use.  The  main  disadvantage  in 
this  case,  is  a  poor  signal-to-noise  ratio  which  may 
preclude  measurements  in  high  speed  flows  (above 
300ms”^). 

In  this  basic  version,  a  LDV  system  cannot  detect  the 
direction  -  or  sign  -  of  the  measured  velocity  com¬ 
ponents,  which  is  a  severe  shortcoming  if  the  flow 
contains  regions  of  reversed  flow.  To  overcome  this 
difficulty,  a  permanent  shift  of  the  fringes  is  created 
by  making  the  beams  pass  through  acoustic  modula¬ 
tors  of  Bragg  cells  which  produce  a  slight  change  of 
the  light  frequency.  For  a  fixed  observer,  the  fringe 
motion  is  equivalent  to  a  shifting  frequency  fs  which 
corresponds  to  a  uniform  velocity  Ub  =  ifs-  The 
frequency  /b,  hence  the  velocity  Ub,  are  chosen  such 
that  the  relative  velocity  Ur  deduced  from  the  fre¬ 
quency  fm  measured  in  the  moving  fringe  pattern  is 
always  positive  (one  always  has  an  idea  of  the  am¬ 
plitude  of  the  maximum  reversed  velocity).  Then 
the  absolute  velocity  Ua,  in  the  laboratory  reference 
frame,  if  given  by: 


frequently  mandatory  to  perform  measurements  at 
high  speed,  which  requires  high  power  for  the  three 
colours.  Also,  because  of  the  bigger  probe  volume  of 
a  three  component  system,  a  simultaneity  checking 
module  is  placed  in  the  processing  system  to  reject 
signals  produced  by  different  particles  crossing  the 
probe  volume.  This  device  ensures  that  the  three  sig¬ 
nals  come  from  the  same  particle  having  crossed  the 
probe  volume  by  retaining  signals  contained  within 
a  given  time  interval. 

Statistical  Treatment. At  a  given  measurement  point, 
N  values  of  the  instantaneous  velocity  vector  -  corre¬ 
sponding  to  3N  values  for  the  three  components  Ui 

-  are  acquired.  A  statistical  treatment  is  applied  to 
this  sample  to  determine: 

-  the  mean  velocity: 


-  the  Reynolds  tensor  components  which  are  identi¬ 
fied  to: 


Ua  —  Um  +  Ur  —  i{fm  +  /r) 

Bragg  cells  are  also  used,  even  if  there  are  no  reversed 
flows,  to  avoid  the  measurement  of  a  too  small  ve¬ 
locity  component  and  to  make  sure  that  a  particle 
crosses  a  sufficient  number  of  fringes. 

Multi-Component  Systems.  To  measure  two  compo¬ 
nents  of  the  velocity  vector,  one  creates  two  fringe 
systems  in  the  probe  volume,  each  having  an  ori¬ 
entation  different  from  that  of  the  other,  the  opti¬ 
mum  angle  between  90“ .  In  this  case,  four  beams 
cross  in  the  probe  volume.  In  order  for  the  collect¬ 
ing  part  to  distinguish  the  components,  the  two  sys¬ 
tems  are  produced  by  beams  of  different  colours  (or 
wave-lengths).  Usually,  the  two  set  of  beams  are  pro¬ 
duced  by  the  same  laser  working  in  a  multi-mode 
type  of  operation.  The  beams  of  different  colours 
are  separated  by  filters  or  semi-transparent  mirrors. 
The  third  velocity  component  can  be  measured  in 
the  same  way  by  introducing  a  third  fringe  system 
set  at  an  angle  different  from  the  orientation  of  the 
two  other  systems.  Thus,  the  three  fringe  systems 
constitute  a  system  of  axes  along  which  the  veloc¬ 
ity  components  are  measured.  Because  of  limited 
access  to  the  test  section  in  most  experimental  ar¬ 
rangements,  the  three  axes  are  not  orthogonal  which 
tends  to  restrict  the  accuracy  of  the  measurements. 
It  is  recommended  that  angles  between  fringe  ori¬ 
entation  be  larger  than  40“ .  Simple  formulae  then 
allow  the  velocity  to  be  expressed  in  the  most  ad¬ 
equate  system,  which  is  in  general  orthogonal.  In¬ 
troduction  of  a  third  component  necessitates  the  use 
of  a  third  colour  which  is  frequently  provided  by  a 
second  laser  working  in  single-mode  (i.e.,  emitting 
only  one  wave-length).  The  use  of  a  second  laser  is 


=  Tn^)  S 

To  have  some  idea  about  the  probability  density  func¬ 
tion  of  a  fluctuating  component  Ui,  it  can  be  useful 
to  compute  the  skewness  factor  Sk  and  the  flatness 
factor  Fi  of  the  sample  (for  a  Gaussian  distribution: 
=  0  and  Fj  =3),  which  are  given  by: 
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In  the  two  last  expressions,  cr  represents  the  R.M.S 
of  the  fluctuating  quantity. 

The  choice  of  the  size  N  of  the  sample  results  from  a 
compromise  between  a  small  statistical  uncertainty, 
which  requires  large  N,  and  an  acceptable  duration 
of  the  test,  which  requires  small  values  of  N.  A  good 
solution  is  to  adopt  N  —  2000. 

Velocity  and  turbulence  measurements  by  a  LDV 
system  can  be  affected  by  uncertainties  coming  from 
the  optical  arrangement  and  the  electronic  compo¬ 
nents  but  also  from  many  other  origins.  In  particu¬ 
lar,  the  orientation  of  the  fringe  patterns  with  respect 
to  the  velocity  vector,  the  statistical  nature  of  data 
reduction  and  the  particle  density,  introduce  errors, 
frequently  called  bias,  which  have  been  the  subject  of 
many  studies  (for  information,  see  Refs.  [2.2.60-62]). 
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Practical  Arrangement.  To  illustrate  the  LDV  con¬ 
cept,  the  sketch  in  Fig.  2.2.7  gives  a  schematic  repre¬ 
sentation  of  the  three  component  LDV  system  devel¬ 
oped  at  ONERA  to  perform  measurements  in  high 
speed  flows  [2.2.63].  This  velocimeter,  which  can 
work  in  the  forward  scattering  as  well  as  in  the  back 
scattering  mode  of  operation,  is  equipped  with  two 
identical  Argon  lasers  giving  a  maximum  power  of 
15W  in  the  all-line  mode  of  operation.  In  most  appli¬ 
cations,  the  first  laser  works  in  the  single-line  mode 
to  give  a  violet  component  (wavelength  A  =  476. 5nm) 
with  a  power  of  3W.  The  second  laser,  working  in  the 
all-line  mode  with  a  power  of  6W,  delivers  the  blue 
(A  =  488. Onm)  and  green  (A  =  514. 5nm)  compo¬ 
nents.  These  two  colours  are  separated  by  a  set  of 
dichroic  mirrors.  Then,  each  of  the  three  beams  are 
split  into  two  beams  by  means  of  the  beam  split¬ 
ters  DV,  DB  and  DG.  The  six  resulting  beams  pass 
through  Bragg  cells  inducing  a  fringe  shift  at  an  ad¬ 
justable  frequency  (usually  lOMz).  Then,  each  pair 
of  beams  are  focused  by  means  of  appropriate  optics 
to  constitute  the  probe  volume  whose  useful  diame¬ 
ter  is  close  to  0.5mm  (a  smaller  size  is  obtained  in 
the  two-component  version  of  the  system). 

In  general,  the  green  and  blue  radiations  are  emitted 
in  a  horizontal  plane  along  a  direction  making  an  an¬ 
gle  ai  with  respect  to  the  axis  OY  directed  along  the 
test  section  spanwise  direction.  Their  interference 
produces  two  fringe  systems  making  angles  equal  to 
—45° and  -|-45°  with  respect  to  the  horizontal.  The 
violet  colour  is  also  emitted  in  a  horizontal  plane  but 
along  a  direction  making  an  angle  with  OY.  The 
optimum  setting  of  the  system  would  be  to  adjust 
a\  and  in  such  a  way  that  ai  +  a2  —  90°.  In 
reality,  because  of  limited  access  to  the  test  section, 
a  value  oi  -f  03  ~  50°  is  most  often  adopted.  The 
associated  fringe  system  is  vertical  and  located  in  a 
plane  normal  to  this  direction.  The  following  values 
are  typical  of  fringe  spacings: 

Blue  :  i  =  14  500nm 
Green  :  i  =  13  400  nm 
Violet  :  i  =  13  lOOnm 

Fringe  spacings  depend  on  the  focal  length  of  the 
focusing  optics  which,  in  turn,  is  partly  determined 
by  the  distance  of  the  optics  to  the  probe  volume. 
The  adjustment  of  the  system  must  be  such  that  a 
sufficient  number  of  fringes  are  formed  (15  is  a  min¬ 
imum);  this  conditions  fixes  the  size  of  the  probe 
volume. 

The  collecting  part  of  the  system  comprises  two  Cas¬ 
segrain  telescopes  having  a  diameter  of  200mm  in 
order  to  collect  a  maximum  of  the  light  scattered 
by  the  particles.  The  first  telescope  is  followed  by 
interferential  filters  to  select  and  separate  the  blue 
and  green  components.  In  a  similar  way,  the  sec¬ 
ond  telescope  selects  the  violet.  The  radiations,  thus 
separated,  are  sent  to  three  photomultipliers  whose 


signal  are  processed  by  DANTEC  55L  counters.  The 
frequencies  meafeured  by  the  counters  are  acquired 
by  a  computer  which  manages  the  complete  test  se¬ 
quence  and  performs  a  first  statistical  treatment  of 
the  measurements.  In  the  forward  scattering  mode  of 
operation,  the  emitting  and  collecting  parts  of  the  ve¬ 
locimeter  are  mounted  on  two  independent  benches 
capable  of  precise  displacements  along  three  perpen¬ 
dicular  directions.  These  benches  are  computer  con¬ 
trolled  in  such  a  way  that  the  collecting  optics  follows 
the  probe  volume  as  it  moves  along  the  survey  line. 

Flow  Seeding.  In  most  air  flow  facilities,  the  flow 
must  be  seeded,  natural  particles  being  either  too 
sparse  to  provide  sufficient  sampling  rate  or  too  big 
to  follow  the  stream.  Adequate  flow  seeding  is  a  deli¬ 
cate  problem  since  the  validity  of  LDV  measurements 
depends  critically  on  the  response  of  the  particles  to 
rapid  changes  in  velocity  [2.2.64].  The  choice  of  cor¬ 
rect  seeding  particles  is  dictated  by  many  factors, 
some  of  them  subjective,  including: 

-  Their  proper  size:  very  small  particles  will  follow 
the  flow  perfectly  but,  the  scattered  signal  will  be 
small. 

-  Their  polluting  action:  some  particles  can  be  a 
hazard  for  health,  so  that  their  use  is  forbidden  or 
precautions  must  be  taken  to  avoid  their  dispersion 
outside  the  wind  tunnel.  Less  dramatically,  some 
particles  have  a  strong  tendency  to  deposit  on  the 
windows,  obscuring  them  rapidly. 

-  Particles  of  good  size  can  agglomerate  during  their 
travel  with  the  flow,  thus  forming  big  particles  in¬ 
compatible  with  accurate  measurements  in  rapid  com¬ 
pression  /  expansion  regions. 

-  In  afterbody  flow  studies  with  hot  jet  simulation, 
the  particles  must  withstand  high  temperature  with¬ 
out  burning  or  melting. 

There  is  a  relatively  large  variety  of  particles  present¬ 
ly  used  by  experimentalists,  none  of  them  being  an 
entirely  satisfactory  solution:  incence  smoke,  latex 
balls,  silicone  oil  droplets,  olive  oil  droplets,  zinc 
oxyde  or  alumina  (to  seed  high  temperature  flows). 
The  behaviour  of  the  particles  introduced  in  the  flow 
is  critical  for  the  accuracy  of  the  measurements.  In 
addition  to  the  lag  problem,  already  mentioned,  a 
statistical  bias  can  be  introduced  by  using  different 
seedings  in  different  parts  of  the  flow.  In  afterbody 
studies,  the  outer  flow  and  the  jet  are  seeded  inde¬ 
pendently,  and  frequently  with  different  particles  if 
the  jet  is  hot.  In  intense  vortical  structures,  the  par¬ 
ticles  are  most  often  ejected  from  the  centre  of  the 
structure  by  the  centrifugal  force,  which  makes  mea¬ 
surements  in  the  vortex  core  impossible.  In  some 
circumstances,  the  seeding  of  separated  regions  may 
be  insufficient  because  of  the  difficulty  for  the  parti¬ 
cles  to  enter  the  recirculation  region. 
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2.2.5.  Laser  Spectroscopic  Flow  Diagnostic 
2.2.5. 1.  General  Remarks 

The  advent  of  laser  sources  in  the  early  60s  has  given 
a  dramatic  impetus  to  the  development  of  non  intru¬ 
sive  methods  allowing  -  in  principle  -  a  nearly  com¬ 
plete  and  in  situ  determination  of  the  properties  of  a 
gas,  including  its  velocity.  These  methods  are  based 
on  fundamental  physical  processes  related  to  the  in¬ 
teraction  between  light  and  matter.  By  analyzing 
the  resulting  phenomena,  it  is  possible  to  deduce  the 
characteristics  of  the  atoms  and/or  molecules  con¬ 
stituting  the  tested  gas,  their  nature,  concentration, 
energy  levels,...  Although  these  methods  are  not  yet 
commonly  used  in  aerodynamic  applications  because 
of  their  complexity,  they  represent  extremely  power¬ 
ful  tools  to  investigate  complex  flows.  In  particu¬ 
lar,  they  give  access  to  species  concentration,  local 
pressure  and  temperature,  and  therefore  can  be  of 
great  interest  for  the  study  of  afterbody  flows  with 
propulsive  jets  containing  chemically  active  combus¬ 
tion  products. 

A  thorough  presentation  of  laser  diagnostic  methods 
would  be  far  beyond  the  scope  of  the  present  arti¬ 
cle.  The  purpose  here  is  to  simply  give  an  overview 
of  these  techniques  by  briefly  exposing  their  prin¬ 
ciple  and  possibilities.  The  interested  reader  will 
find  detailed  and  more  rigorous  information  in  Refs. 
[2.2.65-67],  which  themselves  contain  a  large  number 
of  references  on  the  subject. 

In  general,  laser  spectroscopic  measurements  are  ba¬ 
sed  on  the  radiative  interaction  of  a  laser  beam  with 


spectroscopic  properties  of  the  investigated  flow.  De¬ 
pending  on  the  interaction  process,  the  laser  light  is 
either  absorbed  or  scattered  by  those  species  which 
are  radiatively  active  at  the  wave-length  used. 

As  a  general  rule,  the  interactions  between  light  and 
matter  can  be  clasified  into  two  categories: 

-  In  elastic  processes,  light  is  scattered  instantaneous¬ 
ly,  without  exchanging  energy  with  the  internal  states 
of  the  medium  molecules. 

-  In  inelastic  processes,  the  light  exchanges  energy 
with  specific  molecules  depending  of  the  wave-length 
of  the  incident  light. 

Absoption  and/or  scattering  processes  are  also  char¬ 
acterized  by  a  cross  section  which  is  a  measure  of  the 
amount  of  the  radiation  which  is  absorbed/scattered 
in  the  process:  the  higher  the  cross  section,  the  grea¬ 
ter  the  intensity  of  the  absorbed/emitted  radiation. 
In  the  two  cases,  the  intensity  of  the  resulting  sig¬ 
nal  depends  mainly  on  the  population  density  of  the 
atomic  or  molecular  energy  states  responsible  for  the 
interaction.  Furthermore,  the  radiative  signal  re¬ 
sulting  from  the  interaction  has  well  defined  spectal 
properties  as  functions  of  the  nature  of  the  inter¬ 
acting  species  and  its  molecular  energy  state.  Thus, 
measurements  are  made  on  selected  populations  from 
which  it  is  posssible  to  deduce  the  local  gas  temper¬ 
ature  and  density  of  the  species  from  analysis  of  the 
spectrum  of  the  radiated  light. 

From  these  primary  parameters,  the  other  thermo¬ 
dynamic  quantities,  such  as  bulk  gas  density  and 
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pressure,  can  be  deduced  by  using  appropriate  ther¬ 
modynamic  laws.  Gas  velocity  can  also  be  obtained 
by  less  direct  methods. 

As  already  discussed,  the  thermodynamic  properties 
of  a  species  are  linked  to  the  spectral  features  of 
the  radiative  signal.  Hence  the  determination  of  two 
quantities  (e.g.,  temperature  and  pressure),  require 
the  measurement  of  at  least  two  spectral  features.  In 
some  circumstances,  the  variation  of  a  single  spec¬ 
tral  feature  is  sufficient  to  determine  the  thermody¬ 
namic  conditions  of  the  flow.  The  intensity  of  the 
radiative  signal  gives  a  measure  of  the  species  con¬ 
centration  (or  atom/molecule  number  density).  The 
temperature  is  most  often  deduced  from  the  broad¬ 
ening  of  a  spectral  line  due  to  the  Doppler  effect  in¬ 
duced  by  the  motion  of  the  atoms  or  molecules  (the 
energy  contained  in  this  motion  being  proportional 
to  the  square  root  of  the  translational  temperature). 
The  velocity  of  the  flow  is  deduced  from  the  shift  of 
the  central  frequency  of  the  signal  coming  from  the 
Doppler  effect  produced  by  the  bulk  motion  of  the 
gas.  Rotational  and  vibrational  temperatures  can 
also  be  deduced  from  an  analysis  of  the  radiative 
signal. 

Laser  spectroscopic  methods  present  several  obvious 
advantages:  they  are  non  intrusive,  they  are  adapted 
to  the  measurement  of  specific  thermodynamic  pa¬ 
rameters  and  selected  species,  most  of  them  have  a 
good  spatial  and  temporal  resolution  for  the  charac¬ 
terization  of  three-dimensional  flows. 

On  the  other  hand,  they  need  optical  access,  they 
are  in  general  complex  and  expensive  to  implement, 
their  use  is  often  restricted  to  small  facilities  and  they 
require  operation  and  data  analysis  by  specialists  in 
the  field. 

2.2. 5.2.  Laser  Absorption 

In  this  technique,  the  laser  beam  is  tuned  to  a  wave¬ 
length  which  is  resonant  with  an  absorbing  transition 
of  a  selected  species.  The  attenuation  of  the  beam 
passing  through  the  test  region  is  measured,  the  ab¬ 
sorption  of  two  or  more  wave-lengths  being  used  to 
determine  both  the  gas  temperature  and  the  density 
of  the  absorbing  species. 

This  technique  is  simple  to  implement  since  it  re¬ 
quires  an  optical  access  which  is  just  sufficient  to 
allow  the  laser  beam  to  pass  through  the  test  region. 
Production  of  a  detectable  and  usable  signal  does  not 
depend  on  the  laser  power,  so  that  small  power  lasers 
can  be  used.  As  a  consequence,  fiber  optics  may  be 
employed  to  make  measurements  in  internal  flows. 
Laser  absorption  permits,  in  principle,  the  measure¬ 
ment  of  species  concentration,  temperature,  pressure 
atid  velocity  of  the  gas. 

However,  the  method  lacks  spatial  resolution.  A 
measurement  represents  an  integrated  average  along 
the  path  of  the  beam  through  the  test  region.  This 
restricts  its  use  to  two-dimensional  flows,  which  are 


uniform  along  a  transverse  direction,  or  to  axisym- 
metric  flow,  where  the  local  properties  can  be  ex¬ 
tracted  from  Abel  inversion.  For  three-dimensional 
flow  probing,  this  shortcoming  can  be  overcome  but 
at  the  price  of  a  complication  of  the  technique  which 
makes  the  choice  of  a  different  method  preferable. 
Also,  to  have  enough  absorbtion  for  accurate  mea¬ 
surements,  the  absorbing  species  must  be  present 
with  a  sufficient  density. 

2. 2. 5. 3.  Rayleigh  Scattering 

Laser  Rayleigh  scattering  is  an  elastic  radiative  in¬ 
teraction  with  the  gas,  in  which  light  from  a  laser 
beam  is  scattered  at  nearly  the  same  frequency  as 
that  of  the  incident  light.  The  scattered  light  in¬ 
tensity  is  proportional  primarily  to  the  sum  of  the 
densities  of  all  species  in  the  gas,  weighted  by  their 
respective  Rayleigh  cross  section.  Spatial  resolution 
is  obtained  by  observing  the  scattered  light  from  a 
small  region  of  the  beam  or  by  imaging  the  scattering 
from  a  two-dimensional  light  sheet. 

By  measuring  the  intensity  of  the  scattered  light  and 
its  spectral  properties,  it  is  possible  to  determine  the 
density,  pressure  and  velocity  of  the  gas. 

Rayleigh  scattering  is  probably  the  simplest  method 
giving  a  local  measurement  of  flow  properties,  since 
it  does  not  rely  on  any  spectral  resonances  of  a  seed 
material  (see  LIF  below).  All  species  in  the  gas  scat¬ 
ter  the  laser  light,  and  the  laser  can  be  -  in  principle 
-  at  any  wave-length. 

On  the  debit  side,  the  method  tacks  spectral  differ¬ 
ence  between  the  light  scattered  by  the  gas  and  the 
background  light  scattered  by  any  other  objects  that 
can  illuminate  the  field  and  by  the  material  consti¬ 
tuting  the  optics.  Also,  the  flow  has  to  be  free  of 
solid  particles  whose  scattering  cross  section  is  much 
greater  that  the  cross  section  of  atoms  or  molecules. 
It  is  thus  difficult  to  distinguish  the  useful  signal  from 
parasitic  light  which  can  be  of  equal  or  greater  inten¬ 
sity. 

The  intensity  of  the  scattered  light  being  inversely 
proportional  to  the  fourth  power  of  the  laser  wave¬ 
length,  there  is  a  strong  advantage  to  work  with 
small  wave  -  lengh,  in  particular  ultra  -  violet  lasers 
which  are  now  commercially  available. 

2. 2. 5.4.  Raman  Scattering 

Raman  scattering  is  a  radiative  interaction  in  which 
light  from  a  laser  beam  is  scattered  inelastically  by 
the  gas  at  wave-lengths  shifted  from  that  of  the  in¬ 
cident  light.  The  Raman  scattering  cross  section  is 
much  smaller  than  that  of  Rayleigh  scattering,  mak¬ 
ing  observation  of  the  radiative  signal  more  difficult. 
With  this  technique,  it  is  possible  to  determine  spe¬ 
cies  concentration,  vibrational  and/or  rotational  tem¬ 
perature  of  the  particular  species  and  gas  velocity. 

When  a  photon  strikes  a  molecule,  it  leaves  a  fraction 
of  its  energy  to  the  molecule  which  is  then  raised  to 
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a  higher  energy  state.  When  dexcitation  occurs,  a 
photon  is  released  which  has  a  longer  wave-length  - 
or  lower  energy  -  than  the  incident  photon.  This  pro¬ 
cess  is  called  Raman  Stokes  scattering.  The  scattered 
light  has  a  spectrum  whose  frequencies  are  character¬ 
istic  of  the  molecule.  In  particular,  the  distribution 
of  intensities  between  the  frequencies  in  the  radia¬ 
tive  signal  depends  on  the  initial  distribution  of  en¬ 
ergy  states  in  the  tested  gas.  Thus,  analysis  of  the 
emitted  spectrum  constitutes  a  way  to  measure  the 
vibrational  and  rotational  temperatures  in  this  par¬ 
ticular  state.  Species  concentration  is  determined 
from  the  amount  of  light  contained  in  a  certain  nar¬ 
row  spectral  band. 

If  the  photon  emerges  from  the  interaction  at  a  shor¬ 
ter  wave-length,  hence  higher  energy,  the  process  is 
called  Raman  Anti  Stokes  scattering.  This  scattering 
process  takes  place  with  molecules  of  a  higher  energy 
level  whose  relative  number  tends  to  be  small;  thus 
the  Raman  Anti  Stokes  signal  is  naturally  fainter 
than  the  Stokes  signal.  The  use  of  stimulated  Ra¬ 
man  scattering  alleviates  this  drawback  (see  below). 
The  basic  Raman  scattering  technique,  called  spon¬ 
taneous  Raman  scattering,  presents  a  certain  num¬ 
ber  of  advantages:  it  can  be  implemented  with  one 
laser  with  an  arbitrary  wave-length.  However  there  is 
interest  in  using  short  wave-lengths,  as  for  Rayleigh 
scattering.  Frequently,  pulsed  lasers  are  used  be¬ 
cause  they  can  deliver  the  highest  power  to  a  small 
sample  volume.  Raman  signals  are  at  a  wave-length 
different  from  that  of  the  laser  and  consequently  are 
affected  very  little  by  background  scattering.  In  ad¬ 
dition,  the  Raman  effect  is  an  interaction  driven  by 
the  radiation  field  and,  for  this  reason,  is  not  affected 
by  collisional  quenching  (see  below).  The  essential 
disadvantage  of  the  technique  is  that  the  signal  is 
very  weak.  Furthermore,  the  laser  beam  is  scattered 
in  all  directions  of  space.  Hence,  since  spatial  resolu¬ 
tion  is  obtained  by  observing  the  signal  from  a  small 
region  of  the  laser  beam,  the  efficiency  of  sponta¬ 
neous  Raman  scattering  at  visible  wave-lengths  is 
ordinarily  very  weak  (about  1000  times  less  than 
Rayleigh  scattering).  In  order  to  eliminate  this  se¬ 
rious  disadvantage,  stimulated  Raman  spectroscopy 
has  been  developed. 

2.2. 5.5.  Stimulated  Raman  Scattering 
Basically,  this  technique  is  analogous  to  spontaneous 
Raman  scattering,  the  scattering  being  produced  by 
a  first  laser  called  the  pump  laser.  The  system  now 
includes  a  second  laser,  the  probe  laser,  whose  fre¬ 
quency  is  shifted  so  that  the  differences  in  wave¬ 
length  with  the  pump  laser  matches  a  resonant  fre¬ 
quency  of  the  molecule. 

This  arrangement  is  used  in  Coherent  Anti-Stokes 
Raman  Scattering  (CARS)  in  which  measure¬ 
ments  are  made  with  the  Anti-Stokes  radiation.  In 
this  method,  the  gas  is  illuminated  by  the  pump  laser 
at  a  frequency  /i.  The  Raman  scattering  is  stirriu- 


lated  by  a  tunable  probe  laser  whose  frequency  /2  is 
adjusted  in  such  a  way  that  the  difference  (/i  —  /2) 
is  equal  to  the  frequency  associated  with  a  certain 
energy  state  of  the  molecule.  Then,  the  resonant  in¬ 
teraction  induces  a  strong  Raman  Anti-Stokes  scat¬ 
ter  at  a  frequency  /a  such  that:  /a  =  -f-  (/j  —  f2). 

The  main  advantage  of  CARS  is  that  the  scattering 
cross  section  is  much  higher  than  that  of  the  sponta¬ 
neous  Raman  effect  by  several  orders  of  magnitude. 
Furthermore,  the  emitted  light  leaves  in  a  preferred 
direction  defined  by  the  directions  of  the  incident 
beams.  Thus,  the  useful  light  is  collected  more  effi¬ 
ciently  than  in  ordinary  Raman  scattering.  Analysis 
of  the  CARS  signal  allows  the  determination  of  the 
nature  of  the  species,  of  their  concentration,  temper¬ 
ature,  etc.  Also,  the  gas  velocity  can  be  determined 
from  Doppler  shift.  There  are  several  variants  of 
CARS,  for  example,  in  Dual  Line  CARS  (DLCARS) 
four  beams  are  used  to  excite  two  energy  levels  of  the 
studied  molecule  which  allows  a  more  direct  deter¬ 
mination  of  the  density  and  temperature  of  the  gas 
[2.2.68]. 

Because  of  the  intensity  and  high  directivity  of  the 
emitted  signal,  CARS  is  extensively  used  to  perform 
measurements  in  flames.  It  can  be  used  with  great 
effectiveness  to  probe  high  temperature  propulsive 
jets. 

2. 2. 5. 6.  Laser  Induced  Fluorescence 
Laser  Induced  Fluorescence  (LIF)  belongs  to  the  sa¬ 
me  category  of  radiative  /  absorption  process  as  those 
used  by  the  other  techniques,  but  here  the  measured 
signal  is  obtained  from  the  subsequent  spontaneous 
emission  of  absorbed  energy  -  or  fluorescence  [2.2.69,- 
70].  In  this  process,  the  emission  takes  place  af¬ 
ter  a  relatively  long  time,  several  seconds  in  some 
cases,  whereas  in  other  types  of  interaction,  emis¬ 
sion  occurs  after  10“*secs  for  most  molecules.  Due 
to  this  long  relaxation  time,  the  signal  analysis  must 
consider  the  effect  on  some  species  of  non-radiative 
energy  transfers  taking  place  through  collisions  be¬ 
tween  molecules 

(quenching).  This  phenomenon  competes  with  the 
emission  process  as  a  path  for  energy  relaxation,  thus 
reducing  the  fluorescence  signal.  Quenching  depends 
on  temperature  and  species  concentration. 

To  implement  LIF,  the  laser  beam  is  tuned  to  a  suit¬ 
able  resonant  wave-length  of  an  absorbing  species 
and  excites  a  fraction  of  it  to  the  upper  state  of  the 
radiative  transition.  The  excited  species  then  spon¬ 
taneously  radiates  the  absorbed  energy,  which  is  not 
lost  through  other  relaxation  paths,  at  wave-lengths 
which  are  allowed  by  the  fluorescence  spectrum  of 
the  excited  species. 

Spatial  resolution  is  obtained  by  observing  the  fluo¬ 
rescence  from  a  small  region  of  the  laser  beam  or  by 
imaging  all  of  the  fluorescence  from  a  two  -  dimen¬ 
sional  sheet  of  light. 
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By  appropriate  analysis  of  the  fluorescence  signal, 
one  can  determine  the  species  concentration,  the  gas 
temperature  and  pressure  and  the  flow  velocity. 

Proper  operation  of  LIF  requires  the  presence  of  spe¬ 
cies  in  the  flow  having  the  correct  fluorescence  prop¬ 
erties  in  terms  of  signal  intensity,  spectroscopic  char¬ 
acteristics  and  absorbing  capacity  at  wave-lengths 
accessible  by  a  laser.  They  must  also  be  thermo¬ 
dynamically  coupled  to  the  flow  in  a  well  known 
manner.  In  flows  with  chemical  reactions,  many  of 
the  reaction  products  provide  acceptable  species  for 
LIF;  hence  the  interest  in  LIF  for  the  qualification 
of  propulsive  jets.  For  aerodynamic  research  in  non 
reacting  fluids,  the  flow  must  be  seeded  with  a  small 
concentration  of  an  adequate  species  (sodium,  io¬ 
dine,  nitric  oxyde,...).  Because  of  limitations  due 
to  the  toxic  and  corrosive  characteristics  of  these 
species,  aerodynamic  studies  with  seed  materials  must 
be  executed  in  small  facilities.  Furthermore,  the 
quenching  phenomenon  limits  application  of  LIF  to 
pressures  lower  than  the  atmospheric  pressure. 

Fluorescence  properties  are  also  used  to  obtain  a  pic¬ 
ture  of  an  entire  flow  region  by  using  Planar  Laser  In¬ 
duced  Fluorescence  (PLIF)  [2.2.71,72].  In  this  tech¬ 
nique,  the  zone  of  interest  is  illuminated  by  a  laser 
sheet  and  the  fluorescence  picture  recorded  by  a  cam¬ 
era  containing  a  two-dimensional  array  of  photo  - 
detectors.  In  general,  the  camera  records  and  dig¬ 
itizes  the  fluorescence  intensity  associated  with  ab¬ 
sorption  by  a  single  spectral  feature;  hence  the  pos- 
sibilty  to  visualize  the  velocity,  temperature,  concen¬ 
tration... field  according  to  the  feature  selected. 

As  explained  above,  the  velocity  of  the  field  is  de¬ 
duced  from  the  global  Doppler  shift  of  the  radiative 
signal.  Thus,  to  accurately  determine  velocity,  this 
method  requires  measurement  techniques  sensitive  to 
small  frequency  changes  or  sufficiently  high  veloci¬ 
ties.  To  allow  the  measurement  of  low  velocities,  one 
may  use  a  ’’flow  tagging”  technique  in  which  a  small 
volume  of  the  fluid  is  marked  by  a  laser-induced  pro¬ 
cess.  Due  to  its  long  relaxation  time,  LIF  is  a  good 
candidate  to  locate,  after  a  specified  time  interval, 
this  volume,  which  is  convected  in  the  dowstream 
direction.  With  this  technique,  velocities  of  almost 
any  magnitute  and  direction  can  be  measured  with¬ 
out  strong  demands  on  the  spectroscopic  qualities  of 
the  signal.  In  this  application,  LIF  is  superior  to 
LDV  since  LIF  measures  the  velocity  of  atoms  or 
molecules  whereas  LDV  gives  the  velocity  of  parti¬ 
cles  which  are  much  bigger  than  the  gas  constituants. 
However,  in  practice  the  proper  operation  of  LIF  is 
still  delicate  and  complex,  and  for  this  reason  it  is 
still  far  from  routine  use.  Furthermore,  LIF  only 
works  in  a  well  defined  domain  of  pressure. 


2.2.6.  Experimental  Set-up  and  Jet  Simula¬ 
tion 

2. 2.6.1.  General  Remarks 

The  experimental  study  of  afterbody  flows  raises,  at 
least,  two  major  problems  which  have  not  found  fully 
satisfactory  solutions.  The  first  difficulty  comes  from 
the  fixation  of  the  model  in  the  wind  tunnel  test  sec¬ 
tion.  The  afterbody  being  in  the  aft  part  of  the 
model,  it  tends  naturally  to  be  affected  by  distur¬ 
bances  produced  by  the  support  system,  since  these 
disturbances  propagate  mainly  in  the  streamwise  di¬ 
rection,  even  in  subsonic  flows. 

The  second  major  experimental  difficulty  is  the  cor¬ 
rect  simulation  of  the  propulsive  jet(s).  In  the  reality, 
these  jets  are  made  of  high  temperature  ga.ses,  with 
more  or  less  complex  thermodynamical  properties, 
resulting  from  a  combustion  involving  kerosene,  hy¬ 
drogen  or  liquid  or  solid  propellants,  in  the  case  of  a 
missile.  For  obvious  reasons,  it  is  extremely  difficult 
to  duplicate  such  jets  in  a  wind  tunnel,  especially 
for  basic  experiments  requiring  long  testing  times, 
and  one  has  to  adopt  a  compromise  in  which  the  jets 
are  simulated  by  a  gas  easier  to  handle  than  the  real 
combustion  products. 

The  following  sections  give  a  rapid  overwiew  of  the 
solutions  most  commonly  adopted  to  cope  with  these 
difficulties. 

2.2. 6.2.  Model  Support 

The  lateral  strut  is  very  commonly  used  in  wind 
tunnel  testing,  the  strut  being  fixed  to  the  tunnel 
wall  or  to  a  table  allowing  the  setting  of  the  model 
at  incidence.  In  this  arrangement,  the  afterbody  un¬ 
der  study  is  fixed  to  a  forebody  which  can  schemat¬ 
ically  represent  a  missile  of  aircraft  body.  The  strut 
must  have  a  thickness  sufficient  to  allow  the  passage 
of  the  fluid  supplying  the  nozzle(s)  as  also  the  wiring 
system  of  the  transducers.  Thermal  effects  can  be 
simulated  by  feeding  the  nozzle(s)  with  hot  gases 
produced  either  by  a  combustion  chamber  or  an  elec¬ 
tric  heater,  the  heating  device  being  installed  either 
outside  the  wind  tunnel  test  section  or  in  the  model 
itself. 

The  main  disadvantage  of  this  type  of  experimental 
set  up  comes  from  the  disturbances  generated  by  the 
strut.  Early  studies  [2.2.73]  have  shown  that  any  side 
fixation  of  the  model  may  affect  the  pressure  field  in 
the  base  region  and  provoke  an  irregular  triggering 
of  the  transition  on  the  model  body.  These  distur¬ 
bances  render  highly  suspect  results  obtained  at  su¬ 
personic  speeds  where  the  strut  can  generate  shock 
waves.  If  the  afterbody  has  a  base,  the  low  veloc¬ 
ity  flow  constituting  the  dead-air  region  in  contact 
with  the  base  is  very  sensitive  to  even  weak  distur¬ 
bance  because  of  its  low  energy.  Thus,  the  base  pres¬ 
sure  can  be  substantially  altered  by  the  presence  of 
a  strut. 
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Another  type  of  support  is  the  rear  sting  holding 
the  model  from  downstream.  This  facilitates  test¬ 
ing  at  incidence,  no  disturbances  being  created  in 
the  outer  high  speed  flow.  This  type  of  support  has 
been  much  used  to  investigate  base  flows  without  jet 
and  the  effect  of  the  sting  on  the  base  pressure  has 
been  carefully  investigated  [2.2.74].  The  rear  sting 
can  also  be  used  to  study  powered  afterbody.  In 
one  solution,  the  sting  has  a  contour  reproducing 
the  shape  of  the  real  jet  (solid  jet  concept).  In  other 
arrangements,  the  sting  is  made  of  a  tube  allowing 
the  passage  of  the  gas  supplying  the  nozzle  which 
in  this  case  has  an  annular  shape  surrounding  the 
sting  [2.2.75].  It  is  clear  that  the  rear  sting  concept 
prohibits  any  realistic  simulation  of  the  effects  of  the 
propulsive  jets.  It  is  only  accepted  as  a  way  to  avoid 
the  strong  disturbances  produced  by  a  strut  in  the 
testing  of  full  aircraft  where  an  accurate  simulation 
of  the  jet(s)  is  not  a  major  concern. 

The  best  solution  being  the  absence  of  any  material 
support,  important  efforts  have  been  made  in  the 
early  50s  to  develop  the  magnetic  suspension  of 
models  [2.2.76-77].  In  a  solution  worked  out  at  ON- 
ERA,  the  model  was  held  by  intense  magnetic  fields 
produced  by  a  V-shaped  arrangement  of  four  coils 
placed  above  the  model  to  compensate  for  gravity,  a 
fifth  coil,  upstream  of  the  model  and  concentric  to 
the  nozzle,  compensating  the  drag  force.  The  loca¬ 
tion  of  the  model  was  sensed  by  light  beams  falling 
on  photo-cells  activating  a  servo  system  controlling 
the  electic  current  in  the  coils.  At  that  time,  the 
base  pressure  only  could  be  measured  by  a  trans¬ 
ducer  and  a  radio  emitter  installed  inside  the  model. 
The  magnetic  suspension  is  of  exceptional  interest 
for  beise  flow  and  wake  studies  since  it  allows  results 
to  be  obtained  free  of  any  disturbance.  Due  to  the 
spectacular  progress  accomplished  since  the  50s  by 
transducer  technology  and  with  the  advent  of  mi¬ 
cro  electronics,  it  would  now  be  possible  to  perform 
a  great  number  of  measurements  on  a  small  scale 
model.  In  fact,  the  magnetic  suspension  had  a  very 
limited  development,  due  to  the  difficulty  of  hold¬ 
ing  models  of  complicated  shape  and,  in  afterbody 
study,  to  simulate  the  propulsive  jet. 

In  basic  study,  the  nose  sting  support  presents  im¬ 
portant  advantages  [2.2.78].  In  this  case,  the  after¬ 
body  is  fixed  at  the  rear  of  a  long  sting  aligned  with 
the  flow  direction  and  held  by  a  support  system  lo¬ 
cated  upstream  of  the  test  section  in  a  region  where 
the  flow  velocity  is  still  low.  Thus,  practically  no 
disturbances  are  generated,  provided  that  the  diam¬ 
eter  of  the  sting  is  not  too  large.  For  test  in  super¬ 
sonic  flows,  the  sting  is  fixed  upstream  of  the  nozzle 
throat,  the  contour  of  the  nozzle  being  computed  to 
produce  a  uniform  flow,  the  presence  of  the  central 
coaxial  sting  being  taken  into  account.  The  sting  is 
also  used  for  the  passage  of  the  fluid  simulating  the 
jet(s)  and  the  wiring.  This  arrangement  has  been 
used  extensively  to  perform  basic  studies  of  powered 


and  unpowered  afterbodies  [2.2.79].  The  results  thus 
obtained  constitute  probably  the  most  reliable  test 
cases  to  validate  computer  codes  since  they  are  free 
of  major  disturbances.  The  main  disadvantage  at¬ 
tributed  to  the  nose  sting  solution  is  the  additional 
boundary  layer  thickness  which  develops  on  the  sting 
which  is  not  present  in  real  configurations.  In  addi¬ 
tion,  the  front  part  of  the  vehicle  (aircraft  or  missile) 
cannot  be  represented  and  the  effect  of  incidence  is 
difficult  to  produce. 

2.2. 6. 3.  Jet  Simulation 

The  interaction  between  the  propulsive  jet(s)  and  the 
outer  stream  involves  the  following  processes  whose 
relative  importance  varies  according  to  circumstances: 

-  Obstacle  effect  due  to  the  strong  expansion  of  an 
underexpanded  jet. 

-  Heat  transfers  between  a  high  temperature  jet  and 
a  separated  region  forming  on  the  fuselage. 

-  Strong  entrainment  effects  produced  by  the  highly 
turbulent  mixing  zone  forming  along  the  jet  bound¬ 
ary. 

-  Aerothermochemical  effects  due  the  presence  in  the 
jet  of  incompletely  burned  species  which  can  burn  in 
a  separated  region  by  mixing  with  the  outer  fresh  air 
(these  effects  mainly  concern  missile  and  launcher 
afterbody  flows). 

In  general,  it  is  not  possible  to  simulate  all  these  ef¬ 
fects  simultaneously,  except  in  very  complex  -  and 
costly  -  experiments  performed  on  specific  configu¬ 
rations.  In  basic  studies,  one  must  accept  an  ap¬ 
proximate  simulation  of  these  effects,  emphasis  being 
placed  on  one  of  them  according  to  the  phenomenon 
to  be  investigated  (the  last  effects  are  most  often 
impossible  to  simulate  because  of  the  too  short  res¬ 
idence  time  of  the  species  in  the  separated  region 
forming  on  a  small  scale  model). 

To  investigate  confluence  problem  with  risks  of  jet 
induced  separation,  one  tries  to  duplicate  the  ob¬ 
stacle  effect  of  the  expanding  jet.  For  obvious  sim¬ 
plicity  reasons,  the  jets  are  frequently  simulated  by 
high  pressure  air  whose  ratio  of  specific  heat  7  is 
largely  different  from  the  7  of  combustion  products 
(1.4  instead  of  1.25  -  1.15).  Hence,  largely  differ¬ 
ent  expansion  conditions  leading  to  very  different  jet 
shape.  To  achieve  with  air  a  realistic  jet  shape  at 
the  nozzle  exit,  one  frequently  adopts  the  so-called 
Goethert  similarity  rules  [2.2.80]  according  to  which 
the  simulated  nozzle  Mach  number  Mj,  is  given  by 
the  relation: 

M?  M? 

js  jr 

where  Mjr  and  jr  are  relative  to  the  effective  nozzle. 

More  constraining  similarity  rules  can  be  adopted 
[2.2.81].  One  can  also  simulate  the  jet  by  ’’exotic” 
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gases  whose  7  is  close  to  the  7  of  combustion  prod 
ucts  (CO2  or  freon)  but  whose  handling  is  delicate. 

The  duplication  of  the  entrainment  effect  requires 
the  duplication  of  the  jet  velocity,  hence  a  high  jet 
stagnation  temperature,  close  to  the  real  stagnation 
temperature  Ttj.  This  condition  can  be  achieved 
without  major  difficulties  if  Ttj  is  not  higher  than 
1300K.  Then,  a  combustion  chamber  -  using  kerosene 
or  hydrogen  -  or  an  electrical  heater  (see  test  case 
A. 2. 2)  can  be  used  to  produce  the  hot  jet.  Higher 
values  of  Ttj  are  more  difficult  to  simulate  because  of 
problems  raised  by  material  endurance  at  high  tem¬ 
perature.  The  simulation  of  entrainment  effects  with 
ambiant  temperature  gas  can  be  made  by  using  a  gas 
in  which  the  speed  of  sound  is  high,  helium  for  exam¬ 
ple.  However,  then  the  value  of  7  is  then  much  higher 
(1.667)  than  the  effective  value  for  air- kerosene  com¬ 
bustion  products  (1.25). 

If  the  simulation  of  aircraft  jets  does  not  lead  to  in¬ 
tractable  problems,  this  is  not  the  case  of  missile  or 
launcher  jets  whose  stagnation  temperature  is  much 
higher  (for  more  ample  information  on  let  simulation, 
see  [2.2.80]). 

2,2.7.  Concluding  Remarks 

In  depth  validation  of  advanced  theoretical  models 
based  on  the  solution  of  the  time-averaged  Navier- 
Stokes  equations  requires  detailed  and  careful  com¬ 
parison  with  reliable  and  well  documented  test  cases 
providing  a  thorough  description  of  the  flowfield.  Pro¬ 
gress  made  in  metrology  over  the  past  twenty  years 
now  offers  the  possibility  to  obtain  a  nearly  com¬ 
plete  definition  of  the  flow  past  complex  afterbody 
models.  Surface  pressure  and  heat  transfer  can  be 
determined  by  entirely  new  methods  using  emissive 
properties  of  the  model  surface  which  gives  the  dis¬ 
tribution  of  these  quantities  over  the  entire  model 
without  the  need  of  transducers.  The  advent  of  laser 
sources  has  led  to  a  spectacular  development  of  non 
intrusive  optical  techniques.  The  mean  velocity  and 
Reynolds  tensor  components  can  be  determined  by 
LDV  which  has  reached  a  high  degree  of  efficiency 
in  the  probing  of  complex  turbulent  flows.  Meth¬ 
ods  based  on  laser  spectroscopy  allow  the  definition 
of  the  fluid  properties  at  the  molecular  level.  Thus, 
its  density,  pressure  and  temperature  can  be  directly 
measured.  Species  concentration  can  also  be  deter¬ 
mined  in  reacting  flows. 

However,  in  their  present  development  these  meth¬ 
ods  still  suffer  from  shortcomings  which  restrict  their 
general  use.  Thermosensitive  or  pressure  paints  and 
infra-red  thermography  are  delicate  to  use  and  of 
limited  accuracy  in  regions  where  the  flow  proper¬ 
ties  vary  rapidly.  The  measurement  of  skin  friction 
is  still  a  challenge  if  the  model  geometry  is  complex 
or  if  the  wall  is  heated  by  the  proximity  of  a  hot 
jet.  Interferometry  remains  a  complex  technique  re¬ 
quiring  a  special  environment  and  good  specialists. 
As  far  as  LDV  is  concerned,  the  results  can  be  seri¬ 


ously  affected  by  errors  due  to  particle  lag  in  regions 
of  rapid  velocity  variation  Also,  the  probing  of  in¬ 
tense  vortices  or  separation  bubbles  may  be  difficult. 
Methods  based  on  laser  spectroscopy  are  limited  to 
a  relatively  narrow  range  of  conditions.  In  addition, 
their  use  remains  complex,  which  requires  special  fa¬ 
cilities  and  highly  specialized  teams.  Consequently, 
the  cost  of  these  techniques  may  become  prohibitive. 
It  is  not  generally  possible  to  operate  all  the  above 
methods  on  the  same  model  and  facility.  Most  of 
them  are  still  in  a  development  stage  and  can  only 
be  used  in  research  facilities,  especially  designed  for 
this  purpose.  It  is  clear  that  the  complete  definition 
of  the  flow  past  an  afterbody  tested  in  a  large  facil¬ 
ity  is  still  out  of  reach.  In  these  facilities,  one  has 
to  rely  on  conventional  techniques  to  determine  the 
main  surface  flow  properties,  the  outer  flow  field  be¬ 
ing  essentially  characterized  by  visualizations.  The 
detailed  description  of  an  afterbody  flow  with  a  view 
to  validating  Navier-Stokes  codes  must  be  made  on 
small  or  medium  scale  facilities  by  considering  sim¬ 
plified  configurations.  Important  progress  has  still 
to  be  made  to  arrive  at  a  routine  use  of  advanced 
diagnostic  techniques  in  industrial  wind  tunnel. 

In  addition,  proper  model  installation  in  the  wind 
tunnel  remains  an  open  question  since  most  support 
systems  used  to  date  generate  disturbances  whose  in¬ 
fluence  on  the  afterbody  flow  can  be  detrimental,  es¬ 
pecially  when  a  dead-air  region  forms  downstream  of 
a  base.  Furthermore,  in  basic  experiments,  it  is  gen¬ 
erally  not  possible  to  faithfully  simulate  the  propul¬ 
sive  jets  which  are  constituted  by  hot  gases  having 
more  or  less  complicated  properties.  In  most  cases, 
the  numerical  codes  must  be  validated  by  compari¬ 
son  with  experiments  performed  with  simple  cold  or 
’’warm”  jets;  so  that  there  is  no  guarantee  that  the 
code,  along  with  the  physical  model,  remain  valid  for 
realistic  configurations. 

2.2.8.  References 

[2.2.1]  Report  of  the  Working  Group  08  on  Aero¬ 
dynamics  of  Aircraft  Afterbody.  AGARD  Advisory 
Report  N®  226  (1986) 

[2.2.2]  Crites,  R.  C.:  Pressure  sensitive  paint  tech¬ 
nique.  VKI  Lecture  Series  1993-05  on  Measurement 
Techniques  (April  1993) 

[2.2.3]  Acharaya,  M.;  Bornstein,  J.;  Escudier,  M.  P. 
and  Vokurka,  V.:  Development  of  a  floating  element 
for  the  measurement  of  surface  shear-stress.  AIAA 
Journal,  Vol.  23,  N°  3,  pp.  410-415  (March  1985) 

[2.2.4]  McAllistair,  J.  E.;  Pierce,  F.  J.  and  Tennant, 
M.  H.:  Direct  force  wall  shear  measurements  in  pres¬ 
sure-driven  three-dimensional  turbulent  boundary 
layers.  Journal  of  Fluid  Engineering,  Vol.  104,  pp. 
150-155  (June  1982) 

[2.2.5]  Leipmann,  H.  W.  and  Skinner,  G.  T.:  Shear¬ 
ing  -  stress  measurements  by  use  of  a  heated  ele- 
ment.NACA  TN  3268  (1954) 


47 


[2.2.6]  Diaconis,  N.  S.:  The  calculation  of  wall  - 
shearing  stress  from  heat  transfer  measurements  in 
compressible  flows.  J.A.S.,  Vol.  21,  pp.  201-202 
(1954) 

[2.2.7]  Bellhouse,  B.  J.  and  Schultz,  D.  L.:  The  mea¬ 
surement  of  skin  friction  in  supersonic  flow  by  means 
of  heated  thin  film  gauges.  A.R.C.  R  &  M  N®  3490 
(1968) 

[2.2.8]  Hankey,  W.  L.  and  Holden,  M.  S.:  Two  -  di¬ 
mensional  shock  wave  /  boundary  layer  interactions 
in  high  speed  flows.  AGARDograph  N°  203  (1975) 

[2.2.9]  Rubesin,  M.  W.;  Okuno,  A.  F.;  Mateer,  G.  G. 
and  Brosh,  A.:  A  hot-wire  surface  gage  for  skin  fric¬ 
tion  and  separation  detection  measurements.  NASA 
TM  X-62.465  (1975) 

[2.2.10]  Higushi,  H.  and  Peake,  D.:  Bi-directional, 
buried- wire  skin-friction  gage. NASA  TM  78531  (Nov. 
1978) 

[2.2.11]  Higuchi,  H.:  A  miniature,  directional  surface 
fence  gage  for  three-dimensional  turbulent  bound¬ 
ary  layer  measurements.  AIAA  Paper  83-1722  (July 
1983) 

[2.2.12]  Preston,  J.H.:  The  determination  of  turbu¬ 
lent  skin  friction  by  means  of  Pitot  tubes.  Jour¬ 
nal  Royal  Aeronautical  Society,  Vol.  28,  pp.  52-54 
(1956) 

[2.2.13]  Smith,  K.  G.;  Gaudet,  L.  and  Winter,  K.  G.: 
The  use  of  surface  Pitot  tubes  as  skin  friction  meters 
at  supersonic  speeds.  A.R.C.  R  &  M,  N°  3351  (1964) 

[2.2.14]  McAllister,  J.  E.;  Pierce,  F.  J.  and  Tennant, 
M.  H.:  Preston  tube  calibration  and  direct  force 
floating  element  measurements  in  a  two-dimensional 
turbulent  boundary  layer.  Journal  of  Fluid  Engi¬ 
neering,  Vol.  104,  pp.  156-160  (1982) 

[2.2.15]  Tanner,  L.  H.;  Skin  friction  measurements 
by  viscosity  balance  in  air  and  water  flows.  Journal 
of  Physics  E:  Scientific  Instruments,  Vol.  12,  N°  7, 
pp.  610-619  (1979) 

[2.2.16]  Settles,  G.  S.;  Recent  skin  friction  techniques 
for  compressible  flows.  AIAA  Paper  86-1099  (May 
1986) 

[2.2.17]  Seto,  J.  and  Hornung,  H.:  Two-directional 
skin  friction  measurement  utilizing  a  compact  inter¬ 
nally-mounted  thin-liquid  film  skin  friction  meter. 
AIAA  Paper  93-0180  (Jan.  1993) 

[2.2.18]  Monson,  D.  J.  and  Higuchi,  H.:  Skin  friction 
measurements  by  a  dual-laser-beam  interferometer 
technique.  AIAA  Journal,  Vol.  19,  N°  6,  pp.  739- 
744  (1981) 

[2.2.19]  Kim,  K.  S.;  Lee,  Y.;  Alvi,  F.  S.;  Settles,  G. 
S.  and  Horstman,  C.  C.:  Laser  skin  friction  measure¬ 
ments  and  CFD  comparison  of  weak-to-strong  swept 
shock/boundary  layer  interactions.  AIAA  Paper  90- 
0378  (Jan.  1990) 


[2.2.20]  Monson,  D.  J.:  A  laser  interferometer  for 
measuring  skin  friction  in  three-dimensional  flows. 
AIAA  Paper  83-0385  (Jan.  1983) 

[2.2.21]  Gaudet,  L.  and  Gell,  T.  G.:  Use  of  liquid 
crystals  for  qualitative  and  quantitative  2-D  studies 
of  transition  and  skin  friction.  RAE,  Tech.  Memo 
Aero  2159  (June  1989) 

[2.2.22]  Consigny,  H.;  Mentre,  V.  and  Betremieux, 
A.:  Methodes  de  mesure  de  flux  de  convection  dans 
les  souffleries  R2  et  R3  de  Chalais-Meudon.  Mise  en 
oeuvre  actuelle  et  developpements  envisages.  Col- 
loque  d’Aerodynamique  Appliquee  de  I’AAAF,  Poi¬ 
tiers  (France),  Oct.  26-28,  1987 

[2.2.23]  Consigny,  H.  and  Le  Sant,  Y.:  Determination 
des  echauffements  cinetiques  sur  maquettes  en  souf¬ 
fleries  par  la  methode  des  temperatures  superficielles. 
Journees  d’etudes,  Mesures  de  temperatures,  Paris, 
June  19-20,  1990 

[2.2.24]  Lee,  Y.;  Settles,  G.  S.  and  Horstman,  C. 
C.:  Heat  transfer  measurements  and  CFD  compari¬ 
son  of  swept  shock  wave/boundary  layer  interactions. 
AIAA  Paper  92-3665  (July  1992) 

[2.2.25]  Consigny,  H.;  Le  Sant,  Y.;  Bouvier,  F.;  Bau¬ 
mann,  P.  and  Merienne,  M.  C.:  Heat  transfer  mea¬ 
surement  techniques  used  or  in  development  at  ON- 
ERA  Chalais-Meudon.  NATO  ARW  New  Trends  in 
Instrumentation  for  Hypersonic  Research,  Le  Fauga, 
France,  April  27  -  May  1,  1992 

[2.2.26]  Parsley,  M.:  The  use  of  thermochromatic 
crystals  in  heat  transfer  and  flow  visualization  re¬ 
search.  Second  International  Symposium  on  Fluid 
and  Flow  Visualization,Sheffield, England, Sept.  1988 

[2.2.27]  Gartenberg,  E.  and  Roberts,  S.,  Jr.:  Twenty- 
five  years  of  aerodynamic  research  with  infrared  imag¬ 
ing.  Thermosense  XIII,  SPIE  Proc.  Vol.  1467,  pp. 
338-353  (1991) 

[2.2.28]  Bouchardy,  A.  M.;  Durand,  G.  and  Gauffre, 
G.:  Processing  of  infrared  thermal  images  for  aero¬ 
dynamic  research.  1983  SPIE  Int.  Technical  Confer¬ 
ence,  Geneve,  April  18-22,  1983 

[2.2.29]  Balageas,  D.;  Boscher,  D.;  Deom,  A.  and 
Gardette,  G.;  Heat  transfer  measurements  in  ON- 
ERA  super  and  hypersonic  wind  tunnels  using  pas¬ 
sive  and  active  infrared  thermography.  First  Euro¬ 
pean  Symposium  on  Aerothermodynamics  for  Space 
Vehicles  ESA/ESTEC,Noordwijk  (The  Netherlands). 
May  28-30,  1991 

[2.2.30]  Gauffre,  G.:  Detection  de  la  transition  lamin- 
aire-turbulent  par  thermographie  infrarouge.  La  Re¬ 
cherche  Aerospatiale,  N°  1988-2,  pp.  11-22  (1988) 

[2.2.31]  Legendre,  R.:  Lignes  de  courant  d’un  ecoule- 
ment  permanent.  Decollement  et  separation.  La 
Recherche  Aerospatiale,  N°  54  (Nov.-Dee.  1956) 

[2.2.32]  Delery,  J.:  Physics  of  vortical  flows.  Journal 
of  Aircraft,  Vol.  29,  N°  5,  pp.  856-876  (May  1992) 


48 


[2.2.33]  Quelin,  C.  and  Barberis,  D.;  Etalonnage  et 
utilisation  des  sondes  anemoclinometriques  3  trous. 
ONERA  Rapport  Technique  N°  104/1865AN  (Feb. 
1988) 

[2.2.34]  Gaillard,  R.:  Development  of  a  calibration 
bench  for  small  anemoclinometer  probes.  Sympo¬ 
sium  on  ’’Meeisuring  Techniques  for  Transonic  and 
Supersonic  Flow  in  Cascades  and  Turbomachines”, 
Rhodes-Saint-Genese  (Belgium),  Sept.  17-19,  1990 

[2.2.35]  Gaillard,  R.:  Calibration  and  use  of  an  ON¬ 
ERA  miniature  ’’five-hole”  probe.  7th  Symposium 
on  Measuring  Techniques  for  Transonic  and  Super¬ 
sonic  Flow  in  Cascades  and  Turbomachines,  Aachen 
(Germany,  Sept.  21-23,  1983 

[2.2.36]  Taslim,  M.  E.;  Kline,  S.  J.  and  Moffat,  R.  J.: 
Calibration  of  hot-wires  and  hot-films  for  velocity 
fluctuations.  Report  TMC-4,  Stanford  University, 
Department  of  Mechanical  Engineering  (Aug.  1978) 

[2.2.37]  Kovasznay,  L.  S.  G.:  The  hot-wire  anemome¬ 
ter  in  supersonic  flow.  J.  A.  S.,  Vol.  17,  N®  9,  pp. 
565-572  (Sept.  1950) 

[2.2.38]  Horstman,  C.  C.  and  Rose,  W.  C.;  Hot-wire 
anemometry  in  transonic  flow.  AIAA  Journal,  Vol. 
15,  N”  3,  pp.  395-401  (March  1977) 

[2.2.39]  Weinstein,  L.  M.:  An  improved  large-field  fo¬ 
cusing  schlieren  system.  AIAA  Paper  91-0567  (Jan. 
1991) 

[2.2.40]  Alvi,  F.  S.  and  Settles,  G.  S.:  Structure  of 
swept  shock  wave-boundary  layer  interactions  using 
conical  shadowgraphy.  AIAA  Paper  90-1644  (June 
1990) 

[2.2.41]  Lu,  F.K.  and  Settles,  G.  S.:  Structure  of 
fin  shock/boundary  layer  interactions  by  laser  light- 
screen  visualization. AIAA  Paper  88-3801  (July  1988) 

[2.2.42]  Settles,  G.  S.:  Swept  shock-boundary  layer 
interactions  -  Scaling  laws,  flowfield  structure  and 
experimental  methods.  AGARD-FDP-VKI  Special 
Course  on  ’’Shock  Wave/Boundary  Layer  Interac¬ 
tions  in  Supersonic  and  Hypersonic  Flows”,  AGARD 
Report  792  (1993) 

[2.2.43]  Adrian,  R.  J.:  Particle-imaging  techniques 
for  experimental  fluid  mechanics.  Annual  Review  of 
Fluid  Mechanics,  Vol.  23,  pp.  261-304  (1991) 

[2.2.44]  Surget,  J.;  Delery  J.  and  Lacharme,  J.-P.: 
Holographic  interferometry  applied  to  the  metrol¬ 
ogy  of  gaseous  flows.  First  European  Congress  on 
’’Optics  Applied  to  Metrology”,  Strasbourg  (France), 
Oct.  26-28,  1977 

[2.2.45]  Delery,  J.;  Surget,  J.  and  Lacharme,  J.-P.: 
Interferometrie  holographique  quantitative  en  ecou- 
lement  transsonique  bidimensionnel.  La  Recherche 
Aerospatiale,  N°  1977-2,  pp.  89-101  (1977) 

[2.2.46]  Solignac,  J.-L.;  Etude  interferometrique  de 
I’ecoulement  a  Mach  5  autour  d’une  sphere.  La  Rech¬ 
erche  Aerospatiale,  N°  125  (1968) 


[2.2.47]  Solignac,  J.-L.  and  Delery,  J.:  Contribution 
a  I’etude  aerodynamique  des  systemes  propulsifs  a 
double  flux.  Israel  Journal  of  Technology,  Vol.  10, 
N”  1-2,  pp.  97-111  (1972) 

[2.2.48]  Sirieix,  M.  and  Solignac,  J.-L.:  Contribution 
a  I’etude  experimentale  de  la  couche  de  melange  tur¬ 
bulent  isobare  d’un  ecoulement  supersonique. 
AGARD  CP  NM,  Part  I  (1966) 

[2.2.49]  Vest,  C.  M.:  Holographic  Interferometry, 
Wiley-Interscience,  New- York  (1979) 

[2.2.50]  Delery,  J.  and  Marvin,  J.  G.:  Shock  wave  / 
boundary  layer  interactions.  AGARDograph  N"  280 
(1986) 

[2.2.51]  Matulka,  R.  D.  and  Collins,  D.  J.:  Determi¬ 
nation  of  three-dimensional  density  fields  from  holo¬ 
graphic  interferometry.  Journal  of  Applied  Physics, 
Vol.  42,  pp.  1109-1119  (1971) 

[2.2.52]  Yu,  Y.  H.  and  Kittleson,  J.  K.:  Reconstruc¬ 
tion  of  a  three-dimensional,  transonic  rotor  flowfield 
from  holographic  interferograms.AIAA  Journal,  Vol. 
25,  N®  2,  pp.  300-305  (Feb.  1987) 

[2.2.53]  Hsu,  J.  C.  and  Settles,  G.  S.:  Measurements 
of  swept  shock  wave/turbulent  boundary  layer  inter¬ 
actions  by  holographic  interferometry.  AIAA  Paper 
89-1849  (June  1989) 

[2.2.54]  Goldstein,  R.  J.:  Measurement  of  fluid  veloc¬ 
ity  by  laser  doppler  techniques.  Applied  Mechanics 
Review,  Vol.  27,  pp.  753-760  (June  1974) 

[2.2.55]  Yanta,  W.  J.  ;  Turbulence  measurements 
with  a  Iciser  doppler  velocimeter.  NOLTR  73-94 
(1973) 

[2.2.56]  Cline,  V.  A.  and  Bentley  III,  H.  T.:  Appli¬ 
cation  of  a  dual  beam  laser  velocimeter  to  turbulent 
flow  measurements.  AEDC-TR-74-56  (1974) 

[2.2.57]  Modarress,  D.  and  Johnson,  D.  A.:  Investi¬ 
gation  of  turbulent  boundary  layer  separation  using 
laser  velocimetry.  AIAA  Journal,  Vol.  17,  N°  7,  pp. 
747-752  (July  1979) 

[2.2.58]  Delery,  J.:  Investigation  of  strong  shock  / 
turbulent  boundary  layer  interactions  in  2D  tran¬ 
sonic  flows  with  emphasis  on  turbulence  phenomena. 
AIAA  Paper  81-1245;  see  also:  AIAA  Journal,  Vol. 
21;  N°  2,  pp.  180-185  (Feb.  1983) 

[2.2.59]  Delery,  J.:  Contribution  of  LDV  to  the  val¬ 
idation  of  advanced  theoretical  models.  Proceed¬ 
ings  of  the  Fifth  International  Conference  on  Laser 
Anemometry,  Advances  and  Applications,  23-27  Au¬ 
gust  1993,  Veldhoven  (The  Netherlands) 

[2.2.60]  McLaughlin,  D.  K.  and  Tiederman,  W.  G.: 
Biasing  correction  for  individual  realization  of  laser 
anemometer  measurements  in  turbulent  flows.  The 
Physics  of  Fluids,  Vol.  16,  N®  12,  pp.  2082-2088 
(Dec.  1973) 


49 


[2.2.61]  Buchave,  P.;  Biasing  errors  in  individual  par¬ 
ticle  measurements  with  LDA  counter  signal  proces¬ 
sor.  Proc.  of  the  LDA  Symposium,  Copenhagen, 
1975,  pp.  258-278 

[2.2.62]  Ruck,  B.  and  Pavlovski,  B.;  Limited  ac¬ 
curacy  of  turbulence  measurement  in  laser  Doppler 
anemometry.  Proceedings  of  the  Fifth  International 
Conference  on  Laser  Anemometry,  Advances  and  Ap¬ 
plications, 23-27  August  1993,Veldhoven  (The  Nether¬ 
lands). 

[2.2.63]  Boutier,  A.;  d’Humieres,  C.  and  Soulevant, 
D.:  Three-dimensional  laser  velocimetry:  a  review. 
Symposium  on  Application  of  Laser  Anemometry  to 
Fluid  Mechanics,  Lisbon,  Portugal,  2-4  July  1984; 
see  also:  ONERA  T.P.  N"  1984-43 

[2.2.64]  Blin,  E.;  Micheli,  F.  and  Jacquin,  L.:  Sur 
I’analyse  de  la  turbulence  par  velocimetrie  laser  dans 
les  ecoulements  supersoniques.  3eme  Congres  Fran¬ 
cophone  de  Velocimetrie  Laser,  21-24  Sept.  1992, 
Toulouse  (France) 

[2.2.65]  Lederman,  S.:  Experimental  techniques  ap¬ 
plicable  to  turbulent  flows.  AIAA  Paper  77-213  (Jan. 
1977) 

[2.2.66]  Trolinger,  J.  D.:  Laser  applications  in  flow 
diagnostics.  AGARDograph  N°  296  (WdA) 

[2.2.67]  McKenzie,  R.  L.:  Progress  in  laser-spectro¬ 
scopic  techniques  for  aerodynamic  measurements  - 
An  overview.  AIAA  Paper  91-0059  (Jan.  1991) 

[2.2.68]  Grisch,  F.;  Bouchardy,  P.;  Pealat,  M.;  Cha- 
netz,  B.;  Pot.,  T.  and  Coet,  M.-C.:  Rotational  tem¬ 
perature  and  density  measurements  in  a  hypersonic 
flow  by  dual-line  CARS.  Applied  Physics  B  56,  pp. 
14-20  (1993) 

[2.2.69]  Gross,'  K.  P.;  McKenzie,  R.  L.  and  Logan, 
P.:  Measurements  of  temperature,  density,  pressure, 
and  their  fluctuations  in  supersonic  turbulence  using 
laser-induced  fluorescence.  Experiments  in  Fluids  5, 
pp.  372-380  (1987) 

[2.2.70]  Laufer,  G.  and  McKenzie,  R.  L.:  Temper¬ 
ature  measurements  in  hypersonic  air  flows  using 
laser-induced  O2  fluorescence.  AIAA  Paper  88-4679- 
CP  (Sept.  1988) 

[2.2.71]  Hanson,  R.  K.:  Combustion  diagnostics:  pla¬ 
nar  imaging  techniques.  Twenty-first  Symposium 
(International)  on  Combustion,  The  Combustion  In¬ 
stitute,  pp.  1677-1691  (1986) 

[2.2.72]  Hiller,  B.  and  Hanson,  R.  K.:  Simultaneous 
planar  measurements  of  velocity  and  pressure  fields 
in  gas  flows  using  laser-induced  fluorescence.  Ap¬ 
plied  Optics,  Vol.  27,  N°  1,  pp.  33-48  (Jan.  1988) 

[2.2.73]  Whitfield,  J.  D.:  Support  interference  at  su¬ 
personic  speeds.  AGARD  Report  N°  300  (March 
1959) 


[2.2.74]  Sivier,  K.  R.  and  Bogdonoff,  S.  M.:  The 
effect  of  support  interference  on  the  base  pressure 
of  a  body  of  revolution  at  high  Reynolds  numbers”. 
Princeton  University,  Report  N°  332  (Oct.  1955) 

[2.2.75]  Carriere,  P.  and  Sirieix,  M.:  Effets  aerodyna- 
miques  de  I’eclatement  d’un  jet  de  fusee.  La  Recher¬ 
che  Aerospatiale,  N°  89,  pp.  3-10  (July-Aug.  1962) 

[2.2.76]  Moreau,  R.:  Use  of  magnetic  suspension  sys¬ 
tem  in  ONERA  wind  tunnels.  Proceedings  of  the 
ARL  Symposium  on  Magnetic  Wind  Tunnel  Model 
Suspension  and  Balance  Systems,  pp.  199-245  (April 
1966) 

[2.2.77]  Bayden,  R.  P.:  A  review  of  magnetic  sus¬ 
pension  and  balance  systems.  AIAA  Paper  88-2009 
(May  1988) 

[2.2.78]  Sirieix,  M.;  Delery.  J.  and  Monnerie,  B.: 
Etude  experimental  du  proche  sillage  de  corps  de 
revolution  en  ecoulement  supersonique.  19th  Inter¬ 
national  Congress  of  Astronomy,  13-19  Oct.  1968, 
New- York 

[2.2.79]  Delery,  J.:  ONERA  research  on  afterbody 
viscid/inviscid  interaction  with  special  emphasis  on 
base  flows.  Proceedings  of  the  Symposium  on  Rocket 
/  Plume  Fluid  Dynamics  Interactions,  The  Univer¬ 
sity  of  Texas  at  Austin,  Vol.  3  (1983) 

[2.2.80]  Pindzola,  M.:  Jet  simulation  in  ground  test 
facilities.  AGARDograph  N°  79  (1963) 

[2.2.81]  Korst,  H.  H.;  White,  R.  A.;  Nyberg,  S.E.  and 
Agrell,  J.:  Simulation  and  modelling  of  jet  plumes  in 
wind  tunnel  facilities.  Journal  of  Spacecraft,  Vol.  18, 
N°  5,  pp.  427-434  (Sept.-Oct.  1981) 


51 


2 J  Appikatfcm  of  CFD  Techalqaes  to  Modd  3-D  Afterfoodjr  Flow  nenonena 


23.1  Introdnctlon 

This  chapter  presents  a  review  of  the  state  of  Computatfonal 
Fluid  Dynamics  (CFD)  fmr  analysis  of  3-D  afterbodies  in 
1993-1>4.  Tlje  current  uses  of  CFD  analysis  will  be  reviewed, 
and  the  chief  obstacles  to  fast  and  reliable  prediction  of  3-D 
afterbody  flows  will  be  discussed. 

The  products  of  CFD  analysis  and  experimental  investigation 
differ  in  cne  critical  aspect:  CFD  analysis  provides  a  complete 
3-D  description  of  the  flowfield,  while  experimental 
investigation  seldom  provides  a  fiill  explanation  of  the  flow 
phenomena  which  produce  the  observed  behavior.  The  chief 
use  of  CFD  analysis  at  present  is  based  on  this  point:  CFD 
analysis  is  used  to  gain  a  qualitative  understanding  of  the  key 
elements  of  a  CMuplex  flow  field.  The  quality  of  CFD 
predictions  is  established  by  ccarqrarison  with  experimental 
data  at  a  limited  number  points,  and  the  predicticurs  are 
used  to  'fill  in  the  gaps"  in  the  measured  data  and  provide  a 
complete  description  of  the  flowfield. 

The  second  chM  applicatkm  of  CFD  has  been  to  provide  data 
which  cannot  be  obtained  in  the  wind  tunnel.  This  includes 
data  free  of  wall  and  support  interfiaence,  and  data  at 
conditions  not  anumable  to  ground  test  (e.g.,  hypersonic 
conditions). 

Prediction  of  aircraft  performance  parameters  (forces  and 
moments)  has  been  a  m<»»  demandbg  application  for  CFD. 
Drag  estimates  to  usable  precision  have  proven  especially 
difficult  fru-  CFD  analysis  methods.  Howevo:,  predictions  of 
incremental  effects  -  the  differences  in  force  and  moment  on 
two  similar  geometries  -  have  been  made  with  increasing 
confidence  and  predsimi  in  lec^  years.  This  ability  to 
predict  increments  has  allowed  CFD  to  contribute  substan¬ 
tially  in  the  screening  of  similar,  cmnpetlng  design  concepts, 
and  the  optimization  of  a  vehicle  shape.  CFD  analysis  is  just 
begiiming  to  be  used  for  quantitative  prediction  of  aircraft 
perfcumance  pacameteis,  such  as  drag.  Of  course,  drag  predic¬ 
tions  leading  to  opdmizaticm  are  the  focus  of  the  jnesent 
study. 

The  remainder  of  this  sectkai  focuses  on  the  specific  issues  of 
CFD  analysis  of  nozzle  and  afterbody  flowfields. 
Immediately  below  (Section  2.3.2),  the  physical  features  of 
the  flow  are  discussed,  and  the  impact  of  those  features  is 
discussed  in  terms  of  requirements  for  the  CFD  analysis. 
Subsequently  (Section  2.3.3),  the  state  of  the  art  in  CFD 
practice  is  discussed  in  die  context  of  these  key  flowfield 
features. 


233  PertiBent  Flow  Physics  Issues 

Prediction  of  3-D  afterbo%  flows  has  been  notoriously 
difficult  for  CFD  analysis.  The  chief  parameter  of  interest  is 


drag,  which  is  especially  difficult  to  predict  Several  con^ll- 
cating  issues  ate  present  far  this  apidication; 

•  The  flows  over  the  afterbody  are  dmninated  by  thick 
turbulent  boundary  layns. 

•  The  boundary  layers  are  subjected  to  a  sustained  adverse 
pressure  gradient,  which  often  leads  to  flow  separation  in 
this  application. 

•  The  physical  flows  often  exhibit  large-scale  unsteadiness, 
which  fe  not  taken  into  account  in  the  CFD  predictions. 
The  impact  of  this  unsteadiness  on  turbulence  modeling 
assumptions  is  unknown. 

•  The  boundary  layers  over  a  3-D  afterbcxfy  are  subject  to 
significant  lateral  pressure  gradients,  which  induce  strong 
secondary  flows. 

•  Afterbody  geometries  often  are  quite  complex,  as  they 
include  single-  and  twin-engines,  empennage  (tails, 
booms,  and  fairings),  gaps  in  the  geometry,  and  variable 
(movable)  geom^.  All  of  these  elements  can  be 
impcatant,  and  should  be  modeled. 

•  The  afterbody  flows  are  significantly  modified  by  the 
presence  of  a  flowing  propulsive  jet  (the  phune),  which 
has  an  impact  both  by  its  shape  and  by  its  entrainment. 

As  a  result  of  these  issues,  the  accurate  prediction  of  after- 
Ixxfy  flows  remains  a  focmidable  challenge  for  CFD  prediction 
methods.  The  major  technical  issues  will  be  reviewed  in 
scunewhat  more  detail  next 


2.3.2. 1  Geometry  Issues 

Realistic  3-D  afterbodies  have  a  very  complex  geometry. 
Many  complicating  features  are  present,  including: 

Movable  flaps. 

Empennage  -  horizontal  and  vertical  tails. 

Gaps  between  nozzles  to  accommodate  movable  surfaces. 
Booms  and  other  support  structure. 

These  features  phce  high  demands  on  geometry  modeling  and 
grid  generation  capabilities  for  CFD  analyses.  The  impact  of 
these  conqrlications  on  the  CFD  atudysis  process  is  discussed 
in  Sections  2.3.3. 1  and  2.3.3.2. 


2.3.12  Boundary  Layer  Properties 

The  boundary  layers  are  turbulent,  relatively  thick  (having 
grown  over  the  full  length  of  the  vdhicle),  and  they  are 
subject  to  a  sustained  adverse  pressure  gradimt.  This  combi¬ 
nation  of  factors  means  that  in^rtant  large-scale  features  of 
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the  afteibody  flowfleld  will  be  dominated  by  the  bdiavior  of 
the  turbulent  boundary  layer.  Thus,  the  quality  of  results  for 
afterbody  computaticnis  dqtends  strongly  on  the  fitness  of  the 
turbulence  model.  In  noost  situations,  the  boundary  layer  can 
be  assumed  to  be  fiiUy  turbulent;  transitional  effects  can  be 
neglected. 

The  vehicle  surfaces  are  curved  in  both  the  axial  and  lat^ 
directions;  the  radii  of  curvature  oft^  are  of  the  same  length 
scale  (or  smaller)  as  the  boundary  layer  thickness.  Thus,  wall 
curvature  effects  nuy  be  significant  in  these  flows.  Further, 
the  boundary  hyet  is  subjected  to  significant  latml  pressure 
gradients  due  to  the  effects  of  the  empennage  and  variations 
in  lateral  curvature.  These  gradients  induce  significant 
secondary  flows,  which  often  cause  complications  in  present 
turbul»ice  models. 

A  simple  afterbody-nozzle  flowfleld  is  illustrated  in  Figure 
2.3-1.  Approaching  the  afterbody  and  nozzle,  the  boundary 
layer  is  growing  slowly  (in  the  absence  of  other  influaices)  in 
a  nearly  constant  pressure  simple  flowfield.  The  shoulder  at 
the  beginning  of  the  nozzle  creates  a  locally  minimum 
pressure.  Therefore,  the  boundary  layer  approaching  the 
shoulder  experiences  a  favcarable  pressure  gradient 
(diminishing  pressure  in  the  running  direction  of  the  boundary 
layer)  and  the  boundary  layer  has  a  tendency  to  become 
thinner. 


Turbulent  Boundary  Layer 


Past  the  minimum  pressure  point,  the  gradient  becomes 
adverse  and  the  boundary  layer  begins  thickening  rapidly. 
This  adverse  pressure  gradi^t  continues  unabated  (in  most 


instances)  until  reaching  the  nozzle  exit.  The  boundary  layer 
continues  thickening  significantly,  and  flow  revosal  or 
separation  well  may  occur.  This  Interaction  in  flie  final 
adverse  pressure  gradient  region  is  recognized  as  (perhaps)  the 
key  problem  in  predicting  afterbody  flowflelds  accurately. 

However,  a  second  region  also  poses  important  issues:  the 
shoulder  region  (i.e.,  near  the  minimum  pressure  point).  The 
initial  favorable  pressure  gradient  causes  the  boundary  layer 
to  become  thinner,  and  the  fc^owing  adverse  pressure  gradient 
causes  the  boundary  laym*  to  tldcken.  Both  these  influences 
tend  to  reduce  the  effective  aerodynamic  curvature  of  the 
afterbody  and  nozzle  at  the  Moulder,  thm  reducing  the  depth 
of  the  pnessure  minimum.  Modeling  this  interaction  requires 
that  the  turbulence  model  provide  accurate  growth  rates  in 
both  ftivcsable  and  adverse  pressure  gradients.  This  issue,  too, 
p^ces  high  demands  on  the  numerical  method  in  general,  and 
the  turbulence  modd  in  particular. 

The  chief  impact  of  viscotis  interactions  is  to  modify  the 
pressure  distribution  on  the  afterbody  and  nozzle.  This 
modification,  as  previously  discussed,  is  particularly  appiarent 
at  the  minimum  pressure  shoulder  px)int,  and  in  the  last  short 
distance  before  the  nozzle  trailiog  edge.  At  transonic  speeds, 
a  significant  pwition  of  the  nozzle  recompression  may  occur 
as  a  shock  wave  rather  than  as  a  distributed  compression.  In 
this  ev«it,  the  location  and  strength  of  the  shock  and  its 
associated  pressure  rise  also  are  strongly  affected  by 
intancticns  with  the  turbul^it  boundary  layer. 

Viscous  effects  also  can  be  seen,  of  course,  in  the  frktieri 
comp>onent  of  drag.  This  effect  depends  on  the  amount  of 
wetted  area,  and  therefore  is  more  ctmsequential  on  those  drag 
components  udiich  span  large  amounts  of  surface  area:  the 
conqrlete  aftend,  cr  the  aftbody.  Frlcticm  drag,  due  to  a 
smaller  wetted  area,  is  not  so  significant  on  the  nozzle  drag 
alone. 


2.3.13  Plume  Issues 

Optimum  eagine^CKzle  performance,  viewed  in  isolation,  is 
almost  always  achieved  by  a  fiilly  expianded  nozzle  flow,  for 
the  conditions  of  operation  of  the  engine.  This  tenn,  ^ftilly 
expnnded,”  means  the  static  pressure  in  the  plume  at  nozzle 
exit  is  the  same  as  that  in  the  extenud  stream.  With  the 
pressures  in  balance,  the  plume  does  not  turn  at  the  nozzle 
exit  and  no  shock-expmn^on  wave  system  is  produced  in  the 
jet. 

However,  because  of  the  interacdcat  of  the  noz^  and 
freestream  flow  over  the  aftbody,  a  trade  between  maximum 
engine^zzle  p>eifonnance  and  airframe  drag  is  pxissible.  A 
degradation  in  the  nozzle  exit  flowfiidd  may  be  useful,  to 
achieve  some  more  global  optimum  in  the  design.  This,  in 
fact,  is  the  usual  situation.  CFD  analysis  has  a  valuable 
contribution  to  provide  in  optimizing  this  aspwct  of  the  vehicle 
design. 
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The  pliiiiie(s)  affect  the  flowfield  in.  two  important  ways: 

The  shape  of  the  phune  (dividing  streamljne)  downstream 
of  the  nozzie  exit  acts  as  an  effective  botfy.  At  subsonic 
or  transonic  speeds  this  plume  shape  win  modify  the 
pressure  distribution  over  the  afterbody. 

The  entrainment  of  the  plume  free  shear  layer  will 
accelerate  the  air  flow  over  the  afterbody  into  the  free 
shear  layer,  thus  reducing  aftedxxfy  pressure  and 
increasing  drag. 

Pjptne  Shape  -  The  shape  effect  is  essentially  an  inviscid 
phenomenotL  The  shape  is  governed  by  the  expansicm  of  the 
plume  upon  emerging  from  the  nozzle,  and  by  the  subsequent 
wave  patterns  within  the  plume.  For  an  increase  in  NPR,  the 
plume  tends  to  expand  at  a  larger  angle  on  emerging  from  the 
iKizzle.  This  "billowing”  effect  causes  a  compression  turning 
of  the  external  flow  at  the  nozzle  exit,  uhich  increases  with 
NPR.  For  subsonic  and  transonic  cases,  this  increase  in  the 
external  flow  turning  tends  to  elevate  the  pressure  (m  the 
afterbocfy.  Thus,  the  shape  effect  tends  to  reduce  drag  with 
increasing  NPR. 

However,  this  presstirization  also  increases  the  adverse 
pressure  gradient  on  the  aftbody  and  nozzle.  As  a  result,  the 
boundary  layer  will  thickear  rapidly  and  the  lecompression  of 
the  flow  approaching  the  trailing  edge  will  be  degraded  - 
which  wUl  tend,  by  itself,  to  increase  drag.  In  this  case,  the 
relationship  between  drag  and  NPR  becomes  quite  ccnnplex. 
Accurate  resolution  of  shock  and  expansion  wave  systems 
within  the  phime  is  essoitial  to  predict  these  effects  due  to 
plume  shape. 

Plume  Entnihinieat  -  The  entrainment  effect  is  essoilially  a 
viscous  turbulent  phenomenoiL  The  key  Issue  is  the  evohiticui 
of  boundary  layers  from  the  external  afterbody  and  interior 
nozzle,  into  the  free  shear  lay^  between  the  plume  and  the 
free  stream  Since  the  entrainment  of  flow  over  the  afterbody 
is  dcanJnated  by  the  shear  layer  very  close  to  the  nozzle  and 
afterbody,  models  based  on  similarity  assumptions  have 
limited  value.  The  nature  of  this  turbulent  flow,  transitioning 
from  dual  boundary  layers  (external  and  internal)  to  a  free 
shear  layer  in  the  presraice  of  shock  waves,  places  high 
demands  on  any  turbulence  model. 

The  elements  of  evolution  of  the  turbulent  boundary  layers 
into  the  free  shear  layer  are  Illustrated  in  Figure  2.3-2. 


Figure  2.3-2.  Evoludcm  of  Turbulent  Botmdary  Layos 
into  Plume  Free  Shear  Layer 


The  boundary  layer  on  the  internal  nozzle  surfaces  usually  has 
been  subjected  to  a  sustained  favorable  pressure  gradient  as 
the  exhaust  flow  is  accelerated  through  the  nozzle.  As  a 
result,  this  internal  boundary  layer  is  very  thin,  and  it  is 
producing  high  shear  at  the  nozzle  intmnal  walk  The 
boimdary  layer  on  the  external  nozzle  surface,  on  the  other 
hand,  has  been  subjected  to  a  sustained  adverse  pressure 
gradient.  As  a  result,  the  external  boundary  layer  profile  is 
that  of  low  surface  shear  stress.  (Juite  possibly,  the  external 
boundary  layer  is  sqiarated  near  the  nozzle  exit 

Once  past  the  nozzle  trailhig  edge,  these  two  boundary  lay«s 
interact  immediately.  The  plume  flow  and  the  high-shear 
internal  boundary  layer  begin  entraining  the  low-shear 
external  boundary  layer.  Modeling  this  interactkoi  is  very 
difficult,  due  to  the  high  gradients  in  velocity,  pressure,  and 
shear  stress  which  are  present  Furtb^,  the  issue  of  turbulaice 
modeling  is  con^licated  by  the  diverse  length  scales  in  the 
merging  flows:  small  turbulent  length  scales  in  the  merging 
internal  boundary  layer,  larger  length  scales  in  the  external 
boundary  layor.  The  near-fidd  entrainment  can  have  a 
significant  in^jact  on  afterbo^-nozzle  drag,  particularly  if  the 
external  boundary  layer  is  relatively  thick  and  is  in  a  low- 
shear  state.  Obtaining  accurate  predictions  in  this  near-fleld 
region  is  both  essential  (at  certain  flight  conditions)  for  an 
accurate  drag  prediction,  and  it  is  quite  demanding. 

Further  downstream,  the  free  shear  layer  (e.g.,  the  mixing 
layer)  evolves  into  a  classical  sdf-similar  free  shear  layer. 
However,  this  evolution  is  further  coiiq)]icated  by  the  probable 
presence  of  shock  waves  in  the  plume  and  perhaps  in  the 
sunounding  external  flow,  and  by  three-dimensicaial  effects  in 
the  flowfield.  Further,  these  flows  often  exhibit  signifrcant 
unsteady  or  acoustic  interactions,  whose  impact  on  the 
turbulent  mixing  and  the  model  validity  is  unknowiL 

PloMe  Vortices  -  Streamwise  vortices  may  be  introduced  in 
the  phune  mixing  layer.  These  vortices  may  come  from 
either  the  internal  or  external  flows  through/over  the  nozzle. 

from  the  internal  nozzle  flow,  these  streamwise  vortices  most 
often  arise  from  latMul  pressure  gradients  (created  by  non- 
axisymmetric  shape  variations)  acting  on  the  boundary  layer. 
These  lateral  gradients  are  produced  by  changes  in  the  cross 
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section  shape  (e.g.,  transition  frcan  circular  to  rectangular 
shape),  by  local  features  in  the  internal  nozzle  geometry,  or 
by  turning  the  exhaust  flow.  They  may  arise  from  similar 
sources  in  external  flow.  In  external  flow,  they  also  can  be 
created  by  other  interacdons  such  as  viscous  flow  about  the 
root  of  {uotuberances  (tail,  antennae,  etc.).  Or,  they  may 
come  from  dp  vordces  fiom  antennae,  vortex  generators,  or 
forward  aerodynamic  control  surfaces. 

Whatever  their  origin,  these  streamwise  vortices  in  the  plume 
mixing  layer  can  have  a  substantial  effect  on  the  shape  and 
entrainment  of  the  plume.  These  vortices  travel  downstream 
within  the  mixing  layer,  so  their  impact  is  cumulative.  They 
can  modify  (he  plume  extoisively.  However,  due  to  (he 
cumulative  nature  of  this  interaction  their  impact  usually  is 
not  felt  strongly  in  the  immediate  vicinity  of  the  nozzle  exit 

2.3.2.S  Tail  Interactions 

The  presence  of  prctiuding  tail  surfaces,  or  other  features, 
introduces  significant  added  ccraqilications  in  the  CFD 
modeling  of  the  flowfleld.  A  sin^lified  representation  of 
these  issues  is  presented  in  Figure  2.3-3. 


Fuselage  Boundary  Layer 


Geometric  modeling  and  grid  generation  for  this  intersection 
geometry  present  some  interesting  challenges  for  certain 
methods.  However,  fundamental  issues  are  seen  in  viscous 
and  turbulent  flow  prediction. 

Three  inqx>itant  intouctions  occur  in  this  type  of  flowfield; 

•  Complex  three-dimensional  pressure  fields  result,  in  an 
inviscid  sense,  from  the  combined  influences  of  the 
afterbody-nozzle  (fuselage)  shaping  and  the  tail 
aerodynamic  shaping  (e.g.,  section  and  planform). 

*  A  classical  "horseshoe*  vortex  is  produced  by  tiie  tail’s 
obstruction  of  the  approaching  fuselage  boundary  layer. 
This  vortex  streams  aft  along  each  side  of  the  tail,  in  tiie 
root  juncture  regitm. 


•  A  complex  turbulent  comer  flow  is  produced  in  the  tail- 
body  intersection,  as  the  boundary  lay^  is  subjected  to 
con^lex  shear  stresses  ftom  the  two  intersecting  walk. 

The  latter  two  interactions  depend  intimately  on  the  inter¬ 
action  of  the  turbulent  flow  with  the  three-dimensional 
gecxnetry  and  its  pressure  field.  Accurate  predictions  these 
pdienomena,  therefore,  require  sophisticated  turbulence 
modeling.  The  absolute  impact  of  these  interactions  depends 
(obviously)  on  specific  vehicle  integration  details.  Accurate 
drag  predicticm  for  complex  (realistic)  ccHrfiguraticms  will 
require  a  turbulence  model  which  is  effective  in  these  areas. 

133  Eleiaenis  of  CFD  Analy^ 

Many  technical  derrunts  must  be  integrated  to  produce  a  CFD 
predictiotL  The  quality  of  the  predicti<Hi  will,  of  course,  be 
controlled  by  the  sum  of  the  limitaticHis  of  these  elements. 

Often,  in  engineering  applications,  the  choice  of  analysis 
methods  from  the  available  spectrum  is  driven  not  only  by 
technical  capabilities  applied  to  the  needs  at  hand,  but  also  by 
considmtion  of  the  cost  and  schedule  required  for  the 
analyses. 

For  example,  more  complex  turbulence  models  (e.g.,  “two 
equation”  models)  usually  can  be  expected  to  give  more 
accurate  results  in  complex  turbulent  regions,  compared  with 
simpler  models  (“zero-equation”  or  “one-equation”  modds). 
However,  the  computing  resources  required  for  the 
technicaUy-prefetred  two-equation  models  can  nu^e  ftom 
twice  to  seven  times  that  of  the  simpler  models.  Therefore, 
cost  considerations  are  almost  always  inevitable  in  selecting 
tiie  analysis  approach. 

Z3.3.I  Geometry  Definition 

The  geometries  associated  with  3-D  afterbodies  can  be  quite 
complex.  The  task  of  preparing  these  geometries  ft»  grid 
generation  can  be  quite  challenging.  Often,  it  is  necessary  to 
simplify  the  geometry  to  obtain  a  diape  which  can  be 
analyzed.  The  necessary  modifications  may  indude  altering 
local  shaping  to  eliminate  gaps  or  disccmtinuities,  blending 
sharp  comers,  or  ronoving  major  elements  such  as  tail 
surfaces.  Some  nozzle  designs  may  allow  flow  to  pmetrate 
the  surface  in  one  place  and  emerge  elsewhere,  adding  to  the 
complexify  of  the  CFD  solution.  Clearly,  any  (rf  these 
alterations  may  have  a  significant  impact  on  the  predictions. 
In  some  cases,  that  impact  may  not  be  anticipated,  leading  to 
difficult  interpretation  df  the  results. 

To  simitiify  the  problem  of  afterbody  analysis  to  a  practical 
degree,  the  forward  porticm.  of  the  model  might  be  removed 
&om  the  analysk.  The  engineer  Aen  must  use  his/her 
judgment  to  provide  the  essential  elements  of  the  flowfield 
from  the  missing  geometry,  at  the  point  whne  the 
computaticsis  begin. 
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la  this  approach,  the  essential  issue  is  to  define  the  boundary 
layer  entering  the  con^nitational  domain  from  the  missing 
forebody.  The  boundary  layer  flowing  onto  the  afterbody  is 
affected  by  all  the  aircraft  features  located  forward.  The 
boundary  layer  will  be  generally  distorted  and  non-uniform, 
as  a  generalized  result  of  the  forward  flows.  A  wake  may  be 
present  from  the  canopy  (or,  other  forward  ccai^pon^its). 
Streamwise  vortices  from  wing  leading  edges,  strokes, 
forebody  chines,  and  other  features  may  have  a  continuing 
effect  in  modifying  the  boundary  layer  on  the  afterbody. 
Definition  of  other  geomr^c  features  also  may  be  improtant 

In  some  cases,  various  types  of  defects  may  be  present  in  the 
geometry  used  for  CFD  analysis.  Most  Conqtuter-Aided 
Design  (CAD)  systems  generate  geometry  in  local  elements, 
often  called  "patches."  For  most  CAD  systems,  no  com¬ 
patibility  constraints  are  enforced  between  the  patches. 
Several  types  of  defects  may  be  encountared  The  geronetric 
definition  may  simply  be  incorrect.  Or,  omissions  (gaps)  may 
be  found  between  the  patches.  A  more  conq>lex  issue  arises 
when  the  patches  ovedap.  In  the  overlap  region,  the  geometiy 
is  doubly  defined.  At  intersecting  surfaces,  some  patches  may 
extend  inside  the  body.  These  portions  of  the  patches  are 
recognized  by  the  designer  as  being  superfluous,  but  it  can  be 
a  tedious  process  to  remove  them  (this  process  is  called 
"trimming"  the  patches).  ThereftMe,  often  they  remain  in  the 
geometric  definition. 

Each  of  these  issues  r^esents  a  defect  in  the  geometry 
definition,  in  terms  of  its  fitness  for  CFD  analysis.  These 
defects  (if  present)  must  be  corrected  during  the  geometry 
acquiskion  and  grid  generation  phase  of  the  CFD  analysis 
process.  Usually,  this  step  requires  the  exercise  of  judgment 
by  the  CFD  engineer:  in  deteimining  (for  example)  how  the 
gap  should  be  filled,  or  which  definition  diould  be  used  in  a 
multiply-defined  region. 

The  inqKict  o(  imprecision  in  this  step  depends  on  several 
factors.  The  sensitivity  of  the  physical  flowfield  to  local 
features  of  the  geometry  is  affected  by  many  el^nents  (e.g., 
Mach  number,  boundary  layer  state)  and  often  cannot  be 
established  easily,  in  advance. 

The  sensitivity  of  the  numerical  method,  too,  can  be  affected 
by  localized  details  of  the  geometry.  For  example,  small 
discontinuities  in  the  surface  geometry  definition  can  be 
propagated  into  the  off-body  computational  dcunain  through 
kinks  in  the  grid,  \diich  (depending  on  the  solution  method) 
can  affect  the  predictions.  Some  methods  fra-  grid  generation 
and  flow  scdution  may  utilize  data  on  the  local  gecanetiy  slope 
or  curvature,  in  addition  to  spatial  location  data.  Thus,  lo^ 
discontinuities  in  these  properties  may,  depending  (m  the 
method,  have  a  material  in^ct  on  the  predictions. 

The  choice  of  numerical  method  may  affect  the  sensitivity  to 
small  variations  in  geometry.  Some  early  grid  generation 
methods,  for  example,  required  analytically  defined  geometry 
definiticms.  This  approach  allowed  analytic  differentiation  of 
the  geometry,  but  at  a  high  cost  in  versatility  and  the  ability 


to  detect  flaws  in  the  geometric  definition.  Other  methods 
used  gaxnetry  specifications  defined  by  point  inputs,  but  they 
then  differentiated  the  geometry  once  or  twice  to  obtain  slope 
or  curvature  data  which  then  affected  the  process  of  grid 
generation.  These  methods  often  produced  elegant  results  on 
suitable  geometry  definitions,  but  they  exhibited  high  sen¬ 
sitivity  to  mincn-  deviations  in  terms  of  gecxnetry  input  point 
location  or  spacing.  Some  flow  solver  algorithms  may  also 
use  seccmd  derivative  data  in  the  geometry  or  grid  -  as  before, 
this  approach  tends  to  ioaptove  accuracy  in  suitable 
applications,  at  the  cost  of  rapid  degradations  of  results  (i.e., 
sensitivity  to  minor  changes  in  geometry/grid)  if  the 
application  is  not  nominal. 

2.3.3. 2  Grid  Generation 

After  the  analysis  geatnetty  has  been  defined  in  a  suitable 
fcumat,  the  next  task  is  grid  generatiotL  For  geometries  with 
the  complex  features  of  3-D  afterbodies,  grid  generation  can 
be  a  challenging  issue.  The  schemes  which  are  popular  can 
be  considered  in  three  categories: 

•  Mnhl-Block  Stmctnred  -  The  computational  domain  is 
broken  into  a  number  of  blocks,  and  grid  is  produced  in 
each  block.  The  blacks  uniquely  span  the  domain,  with 
eithea*  marginal  or  zero  overlap.  Depending  on  the 
method,  compatibility  requirements  may  apply  b^ween 
adjacent  grid  blocks.  Data  are  exchanged  between  blocks 
and  iiiqxrsed  as  boundary  conditions  on  the  adjacent 
blocks. 

•  MnhFBlock  Overlappinff  (rhliwera)  -  The  domain  is 
broken  into  many  blocks  (as  before),  but  the  blocks 
always  overlap  significantly.  Generally,  data  are 
transferred  betweai  Uocks  with  relatively  sinq>le  3-D 
interpolation  methods,  and  iirqKsed  as  simple  Dirichlet 
boundary  conditions. 

•  Unstroctored  -  Unstructured  grids,  often  composed  of 
tetrahedral  elements,  are  constructed  to  fill  the  domain. 
The  techniques  to  do  this  in  the  general  case  are 
extremely  complex  and  sophisticated.  However,  once  the 
grid  has  been  produced  the  soluticm  process  is 
straightforward. 

Some  new  CFD  analysis  s3rstems  combine  several  of  these 
methods  into  a  single  capability.  For  example,  structured 
grids  may  be  used  in  combination  wkh  unstructured  grids  for 
a  “hybrid”  analysis. 

The  complexity  of  afterbody  geometries,  and  the  high 
sensitivity  of  the  flows,  combine  to  place  high  demands  for 
versatile  and  accurate  grid  geaieration  methods.  As  a  result, 
ensuring  acceptable  quality  in  the  grids  is  a  key  issue  in 
afterbody  flow  prediction.  Hidden  defects,  or  poor  practices, 
may  produce  grids  which  will  degrade  the  solution. 
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Producing  a  high-quality  grid  about  a  ctunplex  geometry  is 
very  difficult  A  high-quality  grid  should  have  the  foUowing 
characteristics  to  provide  accurate  results; 

•  It  is  (nearly)  orthogonal  everywhere. 

•  It  provides  a  high  doisity  of  grid  points  wherever  a  high 
gradient  occurs  in  any  flowfield  property. 

•  It  exhibits  only  a  moderate  stretching  (i.e.,  variation  in 
grid  point  spacing  alcmg  any  of  the  coordinate  directions. 

•  It  should  not  turn  sharply  (Le.,  no  “kinks”  should  be 
present),  unless  very  near  to  a  comer  in  the  geometry. 

Fch-  a  simple  geometry,  suitable  grids  meeting  all  these  criteria 
usually  can  be  g^ierated  readily,  by  a  variety  of  methods. 
However,  for  a  conq)lex  geometry  (including  nKwt  realistic 
afterbodies  when  empennage  or  mxiltiple  nozzles  are  included) 
it  can  be  difficult  to  avoid  serious  compromises.  The 
thresholds  of  sensitivity  to  degradations  in  these  areas  vary 
with  the  flow  solver  algorithm  and  with  differaot 
implementations.  However,  allowing  for  variations  between 
methods,  each  of  these  four  points  can  affect  the  quality  of  a 
CFD  prediction. 

Visual  inspecticHi  is  often  inadequate  for  identifying  grid 
defects.  Automated  inspection  schemes,  using  a  suitable  set 
of  grid  quality  metrics,  are  essential  for  first-time  success  on 
complex  grids  such  as  those  required  for  aftorbody  flow 
prediction. 

The  distributkm  of  the  grid  in  relation  to  flow  features  can 
have  a  large  impact  on  the  quality  of  the  predicted  results. 
Thus,  the  experience  of  the  engineer  in  anticipating  the 
essential  features  of  the  flow  (including  their  location  and 
areagth)  can  be  very  impcutant.  Alternatively,  a  sophisticated 
adaptive  scheme  may  be  used  autoDoatically  during  the  flow 
solutum  to  adjust  the  grid  as  the  flow  features  develop.  Some 
sample  goals  (these  may  vary  significantly  depending  on  the 
flow  solution  method)  include; 

•  Shear  Larers  (boundary  layers,  free  shear  layers,  wakes) 
-  prefa'  at  least  20  grid  points  across  the  shear  layer.  The 
complication  is  that  the  location  of  the  shear  layer  may 
not  be  known  a  priori.  For  boundary  layers,  it  also  is 
important  (in  most  methods)  to  place  some  grid  points 
within  the  laminar  sublayer,  at  (for  example)  a  y*  of  2. 
This  requirement  varies,  depending  on  the  turbulence 
model  that  is  used,  and  the  type  of  data  to  be  pnedicted. 
The  information  needed  to  meet  this  goal  in  a  given 
application,  too,  is  not  usually  known  (or  even  estimated 
with  confidence)  a  priori  -  particularly  for  a  conq>lex 
flowfield. 

•  Shock  Waves  -  Depending  on  the  algorithm,  the 
variations  in  flow  properties  wh«i  passing  through  a 
shock  waves  may  be  distributed  across  two  to  five  (or 
more)  grid  cells.  Of  comse,  in  reality  a  shock  wave  is 


(effectively)  a  discontinuity  in  the  flow  properties. 
Therefore,  high  local  grid  density  is  needed  to  limit  the 
unrealistic  spreading  of  the  shock  pressure  rise.  Hiis  can 
be  difficult  to  provide,  because  the  locaticu  of  the  shock 
may  not  be  known  with  precision  prior  to  the  calculation. 
Further,  most  CTD  flow  solver  algorithms  in  effect  model 
the  local  variations  with  higher-order  polynomials  or 
similar  nonlinear  fimetiems.  Unrealistic  oscillations 
("ringing”)  in  the  flow  properties  can  be  obtained  when 
the  region  of  fitted  functions  spans  this  physical 
discontinuity.  Ringing  fc  avoided  (or  conlroiled)  by 
adopting  limiters  such  as  TVD  ("Total  Variation 
Diminishing”)  which  cause  the  algorithms  to  revert  to 
first  ordCT  modeling  in  high  gradient  regions. 

•  Vortices  -  Vertices  can  be  resolved  with  general  accuracy 
(trajectory,  general  Impact  on  the  flowfield)  with  luound 
five  grid  points  in  each  direction  across  the  vortex. 
However,  predfction  of  details  of  the  vortex  structure 
require  a  much  higher  number  of  grid  points.  As  in 
previous  examples,  this  fe  difficult  to  provide  since  the 
location  of  the  vortex  Is  not  known  a  priori. 

The  obvious  solution  to  these  issues  is  simply  to  use  a  large 
number  of  grid  points,  thereby  ensuring  that  adequate 
modeling  will  be  provided.  However,  the  cost  (and  often,  the 
risk)  in  achieving  a  satisfactory  sohition  grows  at  least  in 
proportion  to  the  number  of  grid  points,  aini  often  at  a  faster 
rate  (up  to  the  square  of  the  number  of  points).  Thus,  grid 
"overkill”  usually  is  unaffordable. 

The  more  desired  solution  is  to  utilize  adaptive  solution 
methods,  ^riiereby  the  grid  is  adjusted  and  (usually)  points  are 
added  as  needed  to  improve  resolution  of  features  as  they 
form  during  the  course  of  the  solution.  Adaptive  methods 
usually  are  very  complex,  and  there  is  some  dlscussicm 
regarding  the  appropriate  control  functions  and  technical 
approach  to  achieve  stable  adaptation.  Fot  structured  grid 
analyses,  adaptive  methods  have  rajoyed  little  success  except 
in  single  applicaticms.  However,  adaptive  techniques  are  used 
with  far  greater  benefits  in  unstructured  grid  applicaticurs.  In 
this  typw  of  analysis,  points  can  be  added  or  moved  locally 
without  a  far-reaching  impact,  thus  greatly  easing  the  burdens 
in  applying  the  method. 

2.3.3.3  Flow  Solver  Algorithms 

Tremendous  variation  is  seen  in  the  algorithms  used  for 
numerical  solution  of  the  Euler  and  Navier-Stokes  equations. 
No  consensus  has  emerged  regarding  the  desired  attributes  of 
a  flow  solver  algorithm  for  this  application,  except  for  the 
familiar  and  obvious  issues  of  accuracy,  efficiemiy,  robustness, 
and  versatility. 

The  application  of  boundary  conditions  can  pose  significant 
difficulties.  If  the  plume  flow  computation  is  initiated  in 
supersonic  flow  (at  the  nozzle  exit,  for  example),  then  the 
physical  conslsteocy  of  the  boimdary  conditions  at  that  point 
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must  be  ccmsideiBd  carefully.  Any  inconsistency  will  produce 
a  false  shock-expansion  wave  system  within  the  plume,  which 
will  persist  throughout  the  region  of  interest. 

The  wide  range  of  physical  features  present  in  these  flows 
places  high  demands  on  the  flow  solver  algorithm. 
Discontinuities  such  as  shock  and  expansion  waves  and  free 
shear  layers  must  be  resolved  with  precision,  since  these 
features  dominate  elements  of  the  flows.  One  key 
requirement,  of  course,  is  that  the  flow  solver  algorithm  must 
have  the  versatility  to  utilize  the  complex  grids  and  boundary 
conditions  needed  for  this  application. 

Due  to  the  complexity  and  sensitivity  of  the  physical  flows, 
computations  of  transonic  afterbody  flowfields  are  very 
expensive,  i.e.,  many  iterations  are  required,  on  dense  grids. 
Therefore,  for  engineering  suitability  this  application  places 
a  particular  premium  on  the  efficiency  of  the  algorithm. 

In  addidon,  the  high  gradients  of  static  temperature  within  and 
at  the  edge  of  the  plume(s)  may  pose  a  special  difficulty  to 
some  analysis  methods.  These  gradients  produce  rapid 
variati<ms  in  the  local  speed  of  sound.  Certain  methods, 
which  use  charactedstics-based  strategies,  may  experience 
local  instabilities  in  these  regions. 

2.3. 3. 4  Turbulence  Models 

A  large  number  of  turbuloice  models  have  been  developed, 
and  are  candidates  for  application  to  the  problimi  of  afterbo^ 
flow  prediction.  These  generally  are  categorized  according  to 
the  number  of  partial  diffCTeotial  equations  (PDEs)  which  are 
solved  for  each  model. 

Perhaps  the  most  pc^nilar  turbulence  model  is  that  of  Baldwin 
and  Lomax  (Ref.  2.3-1).  TTiis  is  an  algebraic,  or  zero- 
equation  model  -  so-named  because  it  emplo5rs  no  partial 
differential  equations.  Algebraic  equations  are  used  to  define 
the  effective  eddy  viscosity  based  only  on  local  flow 
propeities.  This  type  of  model  is  popular  because  it  is  simple, 
inexpensive  to  use,  and  it  is  qualitatively  accurate  for  a  range 
of  flows. 

However,  fcr  flows  such  as  transcmk  afterbodies  with  complex 
pressure  gradients,  strong  secondary  flows,  shock  interactions, 
and  free  shear  layers,  algebraic  models  may  become 
unreliable.  The  effective  turbulent  viscosity  computed  using 
simple  models  may  exhibit  locally  unrealistic  b^vior,  even 
reverting  to  laminar  values  at  various  points  in  the  flowfleld. 

More  complex  models  generally  are  needed  in  these 
applications.  These  models  solve  one  or  more  partial 
differential  equations  (PDEs)  to  describe  field  properties  such 
as  turbulent  kinetic  energy.  These  field  properties  are  then 
used  to  predict  the  effective  turbulent  viscosity. 

No  PDE-based  model  enjoys  the  popularity  of  the  simpler 
Baldwin-Lotnax  model.  A  PDE-based  model  can  be  expected 


to  do  at  least  as  well  an  algelnnic  model,  and  generally  better. 
However,  these  benefits  often  come  at  the  jmce  of  a 
significant  increase  in  the  tcrtal  compute  time  of  the  analysis. 
An  increase  of  as  much  as  100%  or  even  200%  might  be  seen. 
Therefore,  an  engineering  validation  which  does  not  take  into 
account  the  cost  of  the  solution  will  generally  identify  a 
higher-order  turbulence  model  as  the  preferred  choice. 

In  "one-equation"  models,  one  PDE  is  solved  for  a  turbulent 
Reynolds  number  (in  effect,  a  velocity  scale  of  the  turbulait 
motiotL  A  pc^jular  one-equation  model  has  been  developed 
by  Baldwin  and  Barth  (Ref.  2.3-2).  This  naodel  has  been  nsed 
with  good  results  in  predicting  a  number  of  complex  flow- 
fields. 

A  large  number  of  two-eq\iation  models  have  been  developed 
and  presented  in  the  technical  literature.  These  models  are 
based  on  PDEs  for  k  (local  turbulent  kinefic  energy),  e  (local 
turbulent  dissipation),  x  (local  tiubulent  time  scale),  or  other 
parameters. 

These  zero-,  one-,  and  two-equation  turbulence  models  all 
require  an  assumption  that  the  turbulence  is  isotropic.  Anctfb- 
er  family  of  turbulence  models,  not  yet  widely  used  for 
engineering  computations,  avoids  this  assumption.  Reynolds 
stress  transput  models  (RSTM)  are  based  <ni  an  individual 
PDE  for  each  of  the  six  campoments  of  Reynolds  stress. 
However,  RSIM  have  yet  to  be  used  for  many  complex 
engineering  applications,  and  they  add  considerably  to  the 
con^tational  requirements. 

Another  approach  is  to  apply  an  algebraic  modification  for 
non-isoliopic  Reynolds  stresses  to  the  predictions  of  a  one-  or 
two-equation  model  These  are  refared  to  as  "Algebraic 
Reynolds  Stress  Equation"  models. 

Solutions  of  PDEs  for  turbulence  modeling  can  be  very  slow 
(i.e.,  expensive)  if  required  on  dense  packed  grids  such  as  are 
found  near  viscous  walls.  Consequently,  in  some  models  the 
turbulaice  properties  near  a  wall  are  estimated  through  simple 
algebraic  modeling  methods,  called  "wall  functions."  These 
methods  are  based  on  the  assumption  that  the  flows  close  to 
the  wall  are  in  turbulent  equilibrium  (and  other  assumptions). 
This  approach  greatly  improves  the  cost  of  using  advanced 
PDE-based  turbulence  models.  However,  the  accuracy  of 
these  models  wfll  be  d^raded  if  the  wall  function 
assumptions  are  violated  -  for  example,  in  separated  flows. 

In  contrast  to  wall  functions  is  the  "low  Reynolds  number 
formulation,"  based  on  direct  integration  of  the  PDEs  to  the 
wall.  Dandling  functions  are  used  to  blend  the  high  Reynolds 
number  (i.e.,  outer  boundary  layer)  PDEs  with  the  near- wall 
(low  Reynolds  ntunber)  flow.  However,  the  finer  grids 
required  near  the  wall  in  this  approach  result  in  a  more 
expensive  solution. 

Additkmal  families  of  turbulence  models  include  Large  Eddy 
Simulation  (LES)  nKjdels  combined  with  Sub-Grid  Scale 
(SGS)  turbulence  models.  These  models  are  based  on 
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recognizmg  different  length  and  time  scales  in  turbulence. 
Different  techniques  are  used  to  model  the  large  and  small 
scales.  The  large  scales  are  computed  directly,  and  modeling 
assumptions  are  used  only  for  the  small  scales  using  an  SGS 
model  such  as  the  Smagorinski  or  dynamic  model. 

The  ultimate  step,  of  course,  is  to  compute  all  length/time 
scales  directly.  This  approach,  called  Direct  Numerical 
Simulation  (DNS)  is  at  present  an  element  of  basic  research 
into  turbulence  physics.  These  solutions  are  incredibly 
expensive,  and  consequently  are  not  used  in  the  engineering 
process. 

Ultimately,  all  turbulence  models  rely  upon  the  developers' 
success  in  reducing  the  complex  underlying  physics  to  simpler 
functicmal  relationships.  The  elements  of  a  turbulence  model 
consist  of  generalized  mathematical  forms,  and  a  vari^  of 
arbitrary  factors  (coefficients)  to  set  the  relative  scales  of  the 
modeling  elements.  These  scale  factors  must  be  evaluated 
empirically,  through  comparisons  and  adjustments  using 
selected  sets  of  experimraital  or  DNS  data.  Generally,  the 
more  complex  models  have  a  larger  number  of  arbitrary 
coefficients. 

Therefore,  the  reader  must  be  concaned  with  the  generality 
that  has  been  achieved  in  setting  these  coefficients.  In  the 
process  of  determining  the  prc^wr  values  of  the  empirical 
coefficients,  the  turbulence  model  developer  inevitably  "tunes" 
the  model  to  a  specific  class  of  flowfields.  Thus,  it  can  be 
risky  to  declare  one  turbulence  model  to  be  "the  best"  based 
on  accuracy  in  predicting  a  set  of  flows  with  similar  physics. 

2.3.3.5  Unsteady  Flows 

If  the  boundary  layer  about  the  afterbody  is  separated  at 
transonic  conditions,  in  all  likelihood  the  flows  will  exhibit 
large-scale  unsteadiness.  In  this  condition,  the  usual  assump¬ 
tions  in  turbulence  modeling  regarding  Reynolds  averaging 
most  probably  are  violated.  However,  the  turbulence  models 
usually  are  not  nuxlified  fca*  this  eventuality. 

Further,  the  plume(s)  may  exhibit  high-arrqjlitude  acoustic 
resonances,  called  "screech."  These  issues,  too,  are  generally 
ignored. 

Thus,  it  must  be  recognized  that  the  modeb  used  in  the  CFD 
community  for  unsteady  afterbody  flows  suffer  from  several 
weaknesses  in  addition  to  the  well-known  issues  in  turbulence 
modeling. 

Most  CFD  solution  methods  used  in  the  engineering 
ccmmunity  have  been  developed  to  provide  efficient  solutions 
to  steady-state  problems.  A  variety  of  methods  are  used  to 
achieve  this  end.  These  methods  destroy  the  transi^t  (time- 
domain)  accuracy  of  the  solutiotL  TTie  chief  acceleration 
method,  for  example,  fe  “local  time  stepping.”  In  thb 
technique,  different  time  steps  may  be  used  at  every  grid  point 
in  each  iteration  step.  Thus,  the  t^nporal  relationships 


between  properties  throughout  the  computational  domain  are 
not  preserved. 

There  b  some  philosophical  debate,  within  the  CFD 
community,  regarding  the  behavior  of  these  methods  when 
computing  a  flow  that  b  physicaUy  unsteady  in  the  larger 
length  and  time  scales  (i.e.,  larger  scales  than  those  of 
cbssical  turbulence).  There  seem  to  have  been  cases  of 
convergence  to  high  precision,  which  implies  the  method 
found  a  steady  solution  where  one  does  not  exist  physically. 
Thb  situation  b  attributed  to  imrealbm  in  the  physical 
modeb,  inadequate  resolution  in  the  grid  to  define  the 
imsteady  physical  mechanisms,  or  nuna»ical  features  such  as 
excessive  artificial  viscosity. 

The  expected  outcome  in  thb  situation  of  physical  unsteady 
flow  woidd  be  failure  to  achbve  a  meaningful  level  of 
convergence  in  the  CFD  sohitioiL  After  all,  a  steady-state 
solution  does  not  (should  n<A)  exbt.  The  CFD  iterations 
should  go  into  a  limit  cycle.  However,  if  local  time  stepping 
b  being  employed,  the  engineer  should  be  careful  in  attaching 
quantitative  significance  to  behavior  in  thb  limit  cycle  (e.g., 
frequency  or  amplitude  of  any  oscilktimis).  Even  if  uniform 
time  stej^iing  b  employed,  in  which  case  the  solution  may  be 
claimed  to  be  time-accurate,  the  resulte  should  be  viewed  with 
skepticism  due  to  many  bsues  in  both  the  physical  modeling 
and  the  numerical  algorithms. 

To  summarize,  the  ccmputation  of  physic.ally  unsteady 
flowfields  with  most  CFD  algorithms  rabes  particular 
uncertainties.  Philosophically,  the  algorithm  should  not 
achieve  a  high  degree  of  convergmce.  Limit  cycle  behavior 
would  normally  be  expected.  In  either  event,  the  solution 
may  or  may  not  represent  in  a  time-mean  sense  the  physical 
flowfield. 


2.3,3. 6  Implementation 

Implementation  b  the  discriminating  issue  in  evaluating  a 
CFD  code.  For  example,  any  number  of  CFD  codes  solve  the 
Navier-Stokes  equations  using  the  Baldwin-Lomax  turbulence 
model  Thus,  the  mathematical  basb  for  there  codes  b 
identical.  However,  the  results  differ  substantially. 

This  b  seen,  for  example,  in  validation  studies  performed  in 
1989  by  McDcHmell  Douglas  (Ref.  2.3-3).  The  test  case  b  the 
ONERA  M6  wing  (Ref.  2.3-4).  All  solutions  were  obtained 
(XL  (he  same  grid,  using  the  same  computer  and  compiler,  with 
consistent  standards  for  declaring  comvea’gence.  However,  the 
results  varied  widely.  Since  the  mathematical  bases  for  each 
code  are  the  same  (Navier-Stokes  equations,  Baldwin-Lomax 
turbulence  model)  and  the  input  data  are  the  same  (same  flow 
conditions,  same  grid),  the  differences  are  attributed  to  the 
implemi^itations  of  the  algorithms  within  each  code. 

These  implementation  effects  can  be  seen  most  readily  by 
examining  simulations  of  surface  oil  flow  patterns.  TTie 
reader  should  bear  in  mind  the  codes  being  compared 


59 


(foDowing)  are  all  solving  the  same  equations  (Navier-Stokes 
equations  with  the  Baldwin-Lomax  tuihulence  model)  on  the 
same  grid,  using  the  same  computer  and  compiler.  These 
solutions  all  were  generated  by  the  same  engineer,  who  had 
several  years  of  experience  in  Navier-Stokes  CFD  analysis. 
However,  the  implementations  (of  course)  differ.  Results  are 
presMited  for  the  C!FL3D  code  (Ref.  2.3-5,  Figure  2.3-4),  the 
TNS  code  (Ref.  2.3-6,  Figure  2.3-5),  and  the  TLNS3D  code 
(Ref.  2.3-7,  Figure  2.3-6). 

Each  analysis  captures,  in  a  qualitative  sense,  the  primary 
feature  of  the  flowfield  -  the  shock-induced  separation  cm  the 
wing  as  a  result  of  the  elevated  angle  of  attack  at  ttansonic 
speed.  Hbwever,  4e  results  vary  greatly  in  the  specific  nature 
of  the  flowfield  in  the  vicinity  of  the  strong  viscous 
interaction.  It  should  be  noted,  the  comparison  with  the 
surface  pressure  data  (presented  hr  Ref.  2.3-3)  showed  no  dear 
“winner”  among  the  three  codes  whose  results  are  presented 
here.  Each  prediction  was  close  to  the  experimental  data  in 
some  regions,  and  departed  from  the  data  in  other  regions. 

Thus,  care  must  be  taken  in  attaching  meaning  to  validations 
performed  for  a  different  code  than  the  one  which  the 
investigator  intends  to  use.  Validations  of  other  codes  can  be 
useful  in  showing  what  can  be  achieved,  and  in  identifying 
pitfalls  and  important  issues.  However,  the  reader  should  not 
conclude  that  a  mathematical  modeling  approach  is  either 
superior  or  unfit  based  on  validations  from  a  single  code. 


Figme  2.3-5.  TNS  Prediction  of  Surface  Oil  Flow  for 
ONERA  M6  Wing  at  Mach  0.837,  oi^e.Oe” 


Figure  2.3-6.  TLNS3D  Prediction  of  Surface  Oil  Flow  for 
ONERA  M6  Wing  at  Mach  0.837,  a=6.06° 


These  solutions  differ  only  in  the  implementation  of  their 
common  mathranatical  basis,  and  (inevitably)  in  the  usage 
practices  (see  following  discussion).  The  implementation 
affects  the  results  in  many  ways,  in  addition  to  the  obvious 
case  of  an  error  by  the  programmer. 


Figure  2.3-4.  CFL3D  Prediction  of  Surface  Oil  Flow  for 

ONERA  M6  Wing  at  Mach  0.837,  0(=6.O6“  situation  can  be  illustrated  by  considering  the  im¬ 

plementation  of  the  Baldwin-Lomax  turbulence  modd.  This 
model  requires  knowledge  of  the  normal  dhtance  fiom  the 
nearest  wall  to  each  grid  point.  The  computation  of  the 
normal  distance  from  a  point  to  the  nearest  wall  is  simple  if 
die  wall  is  an  infinite  flat  plate.  In  the  general  case,  however, 
this  computation  requires  an  expensive  search  through  aD 
nearijy  wall  cells.  Special  treatment  may  be  needed  if  comers 
are  present  in  the  nearby  walls.  These  computations  can 
destroy  the  efficiency  of  an  iterative  Navier-Stokes  solver, 
\riiere  perhaps  a  few  million  near-wall  points  must  be  treated 
for  each  iteration. 
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Expedient  measuies  usually  are  taken,  therefore,  to  obtain 
wall  normal  distances  which  can  be  obtained  rapidly  (wWiout 
search  procedures)  and  are  usually  fairly  accurate.  The  most 
common  approach  is  to  take  the  distance  along  the  grid 
coordinate  line  which  passes  from  the  wall  through  the  point 
in  question  to  the  far  field.  If  the  grid  is  well  constructed, 
this  line  is  in  fact  ncamal  to  the  wall  and  the  procedure  is 
quite  accurate.  However,  in  a  relatively  direct  way  the 
quantitative  prediction  of  effective  turbulent  viscosity  now 
depends  on  the  orthogonality  of  the  grid. 

Due  to  these  types  of  practical  implementation  i^es,  it  is 
very  difficult  to  compare  CFD  methods  directly.  In  the 
example  given  above,  the  method  can  be  expected  to  be  in 
error  if  the  grid  is  not  orthogonal  across  the  bomdary  layer. 
However,  with  an  appropriate  grid  that  method  will  be  quite 
accurate,  and  (other  issues  ignored)  it  will  be  significantly 
faster  than  an  alternative  method. 


2.3.3. 7  Usage  Practices 

The  state  of  the  art  in  CFD  analysis  is  such  that  agreement 
exists  within  the  technical  community  on  the  most  general 
aspects  of  usage  practices.  Further,  variations  in  usage 
practices  can  have  a  large  impact  on  the  quality  of  results 
achieved.  The  usage  practices  vary  in  every  respect  Some 
of  the  more  critical  issues  are: 

Gecanetric  fidelity. 

Placemait  of  off-body  boundaries. 

Grid  topology  and  blockmg  strategy. 

Nominal  grid  density,  stretching,  and  orthogonality. 

Grid  quality  -  acceptable  limits  in  orthogonality,  stretch¬ 
ing,  skewness,  etc. 

Coirqniter  word  length  employed  -  may  affect  numerical 
errors  on  dense  grids.. 

Boundary  condition  implementation. 

Flow  solution  initialization. 

Use  of  grid  sequencing,  multigrid,  or  other  convergence 
acceleration  techniques.. 

Use  of  non-physical  control  parameters,  e.g.,  numerical 
dissipatioiL 
ConvCTgence  criteria. 

These  factors  are  difficult  to  quantify.  Each  of  them  can 
affect  the  final  quality  of  CFD  predictions. 

We  have  solicited  usage  data  from  the  contributors  who 
provided  predictions  for  the  recommended  test  cases.  Due  to 
the  diversity  of  issues,  no  clear  trends  have  emerged  from  a 
review  of  these  data.  The  usage  data  are  presented  in 
Appendix  C,  for  the  readers’  perusal. 

2.3.3.S  Post-Processing 

Several  approximations  also  may  be  introduced  in  post¬ 
processing  CFD  predictions.  For  example,  the  computation  of 


streamlines  and  oil-flow  simulations  requires  a  stepwise 
integration  through  the  velocity  field.  The  oil  flow  simulation 
also  requires  a  constraint,  or  a  ocarection,  to  use  only  the 
componMit  of  velocity  lying  within  the  cmstrained  surface. 
In  the  general  case,  with  a  non-orthogonal  stretched  grid, 
several  approaches  with  varying  degrees  of  rigor  can  be 
conceived. 

A  simple  exanqrle  is  the  order  of  the  technique  and  the 
magnitude  of  the  spatial  step  used  for  the  stepwise  integration 
of  the  streamlines.  A  first-order  scheme  with  a  cme-cell  step 
will  produce  plots  that  are  visibly  composed  of  piecewise  line 
segments.  A  higher-order  scheme  with  a  small  step  size  will 
produce  results  that  show  a  wealth  of  detail,  though  that 
“detail”  may  be  an  artifact  of  integration  algorithm  and  not  of 
the  solution.  For  example,  if  three-dimensional  third-order 
interpolation  is  used  to  provide  data  for  integration  within  a 
grid  cell,  then  very  complex  patterns  can  be  produced  which 
do  not  represent  the  first-  or  second-order  CFD  solution. 
These  streamline  plots,  therefore,  should  not  be  considered 
meaningful  (Le.,  representative  of  the  flow  prediction)  on 
length  scales  less  than  one  or  two  grid  cell  intervals.  This 
issue  can  be  difficult  for  the  tiser  to  assess  without  detailed 
investigation. 

Issues  can  arise  in  other  aspects  of  post-jnocessing.  The 
pressure  integration  for  drag  can  pose  airibiguities.  These 
issues  are  familiar  to  those  ndio  have  develc^red  similar 
procedures  for  computing  pressure  drag  from  wind  tunnel 
data.  One  approach  is  to  compute  drag  by  summing  the 
pioduct  of  pressure  times  the  rearward-facing  area  assigned  to 
each  point.  Another  approach  is  to  fit  a  function  to  the 
siuface  pressure  in  each  surface  cell,  and  perform  a 
mathematical  integraticm  of  the  data  over  that  cell.  This 
approach  offi^  a  higher-fidelity  integration,  but  the  results 
will  be  affected  by  the  type  of  interpolating  function  which  is 
fit  to  the  data.  These  issues  can  alter  the  results  by  one  to 
three  aircraft  drag  counts  (Ref.  2.3-8). 

In  comparing  CFD  drag  data  with  experimental  pressure- 
integrated  drag  data,  this  issue  can  become  quite  important. 
The  wind  tunnel  data,  for  example,  may  be  based  on  less  than 
100  surfeice  data  points,  while  the  CFD  data  quite  possibly  can 
be  based  on  over  100,000  surface  data  points.  Furthermore, 
the  algorithms  used  to  process  each  data  set  may  be  quite 
different  and  inconsistent. 

The  most  attractive  aj^noach,  which  was  not  possible  in  the 
present  investigation,  is  to  make  the  comparisons  on  a 
completely  consistent  basis  by  extracting  CFD  predicted 
pressures  at  the  points  where  experimental  measurements  were 
taken,  then  computing  drag  using  the  same  algorithm  used  in 
processing  the  experimental  data.  The  pressure  drag 
conqruted  from  the  full  CFD  grid  may  vary  by  as  much  as 
five  to  eight  aircraft  drag  counts  from  an  integration  of  the 
same  data  by  mapping  to  the  wind  tunnel  measurement 
locations  (Ref  2.3-8). 
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Aaother  area  of  significant  ambiguity  lies  in  determining  the 
location  of  a  three-dimensional  flow  separation  point.  In  this 
area,  ambiguity  exists  even  on  a  conceptual  basis.  Com¬ 
putationally,  the  simplest  approach  is  to  declare  separation 
when  u<0  for  any  point  in  the  boundary  layer.  However,  this 
can  be  ambiguous  if  the  flow  is  turned  substantially  from  the 
original  direction,  or  from  the  x-coordinate  axis.  Another 
approach  is  to  determine  whether  a  closed  envelope  of 
streamlines  exists,  isolating  one  region  of  flow,  adjoinmg  the 
sturface  of  the  body,  from  the  remainder  of  the  flowfield 
However,  this  approach  requires  substantial  po^-processing  to 
detect  separation,  and  it  is  subject  to  the  ambiguities  in 
streamline  tracing  which  were  discussed  earlier. 

2.3.4  Somnary 

The  analysis  of  transonic  aflerbody-pltune  flowfields  is  one  of 
the  most  challenging  topics  in  applied  CFD.  This  analysis 
places  high  demands  on  both  the  geometry/grid  capabilities, 
and  on  the  turbulence  model.  The  extreme  physical 
sensitivity  of  the  flows  is  reproduced  in  high  nmnerical 
sensitivity,  which  leads  to  high  conpute  times.  Any  weakness 
in  the  mathematical,  physical,  or  numerical  bases  of  the  CFD 
method  will  degrade  the  quality  of  predictions  in  this 
application. 
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2.4  Review  of  Compotational  Methods 


The  prediction  methods  presented  here  fall  into  two  general 
classes: 

•  Engineering  Methods,  or  Seim-&npirical  Methods, 
exen^Med  by  the  Integral  Mean  Slope  approach,  and, 

•  CFD  Methods  for  solving  the  Eider  and  Navier-Stokes 
Equations,  using  either  structured  or  unstructured  technol¬ 
ogy. 

Since  most  Navier-Stokes  codes  also  are  capable  of  produc¬ 
ing  Euler  solutions,  both  types  of  solutions  are  presented 
together.  Further,  the  grid  generation  technology  has  a  lot 
to  do  with  the  applicability  of  the  Euler  and  Navier-Stokes 
solutions,  and  their  quality.  Therefore,  special  attention  also 
is  given  to  the  grid  generation  tools. 

The  methods  utilized  in  this  investigation  are  described  in 
this  Section. 


2.4.1  Semi-Enpfiica]  Methods 

In  this  cantributioo,  AERMACdS  has  avoided  methods  that 
are  not  able  to  paedict  NPR  and  tail  effect  cm.  afterbody 
drag,  since  these  effects  are  the  main  topics  of  the  selected 
test  cases. 

The  method  utilized  by  AERMACCHI  can  be  defined  as  an 
engine-airframe  integration  method  {see  section  3.2. 1.3). 
This  semi-empirical  method  has  been  integrated  in  a 
complex  scaling  system  and  combined  with  other  codes 
(related  to  inlet  performance)  which  allows  definition  of  the 
installed  thrust  and  configuration  trade-offs  in  the  engine- 
airframe  integration  during  preliminary  design. 

2.4.1.1  Method  Description 


The  drag  divergence  Mach  number  Mjjjj,  that  defines  the 
boundary  between  the  subsonic  and  transonic  regimes,  is 
determined  as  follows: 

-  using  the  code  in  Ref.  2.4-2  (RAXBOD,  analysis  of 
steady,  inviscid,  irrotational,  transonic  flow  over  axi- 
symmetric  afterbodies)  the  maximum  local  Mach  number, 
over  the  equivalent  body  of  revolution,  is  defined  varying 
M  at  a=0; 

-  the  Mjjo  B  defined  when  the  local  Mach  number  ovct  the 
afterbcxly  reaches  1.02,  in  the  equivalent  shock-firee  flow 
computed  using  methodology  similar  to  that  of  Ref.  2.4-2 
(see  Ref.  2.4-3). 

Once  (he  Mpjj  is  defined,  the  pressure  and  friction  drag  for 
the  aftend  and  tails  can  be  computed.  The  subsonic  aftend 
pressure  drag  fca-  a  single  engine  configuration  is  defined  on 
(he  basis  of  the  following  mi^irical  correlation  (Ref.  2.4-1): 


K,(—l^U.«rUAAMa+K.(AAA.^K.  *Fid 


For  twin-engine  configurations,  the  following  equation  is 
needed: 


Where  Kj,  K^,  and  K3  are  defined  in  Figures  2.4-1,  2.4-2, 
and  2.4-3,  relative  to  twin  engine  narrow  spaced  configura- 
ticms  with  convCTgent-divergent  nozzles. 


The  methodology  used  is  based  on  the  method  of  Ref.  2.4-1, 
with  some  modifications  related  to  the  prediction  of  tail 
effects. 

The  method  considers  three  flow  regimes,  defined  as 
follows: 

-  subsonic,  from  M=0  up  to  the  drag  divergence  Mach 

number 

-  transonic,  from  Mdo  up  to  M<1.2 

-  supersonic,  M>1.2 

and  for  each  flow  regime  define  the  following: 

-  aft«ul  pressure  drag 

-  tail  pressure  drag 

-  aftend  friction  drag 

-  tail  friction  drag 


The  first  term  in  the  equations  is  the  jet-off  aftend  drag. 
The  second  term  is  the  afield  drag  due  to  the  variation  fixun 
jet-off  to  design  NPR.  The  third  term  represents  the  drag 
variation  when  going  from  design  to  higher  NPR. 

In  the  subsonic  flow  region,  the  tail  pressure  drag  is  as¬ 
sumed  to  be  equal  to  zero. 

The  supersonic  aftend  pressure  drag  for  a  single  engine 
comes  from  the  following  equation  (Ref.  2.4-1): 


For  twin  engines,  the  following  equation  applies: 
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M^-l  _ P^ 


who®  K4  and  K5  are  determined  in  Figures  2.4-4  and  2.4-5. 

Similar  to  the  subsonic  flow  regime,  the  first  term  in  the 
equation  is  the  aftend  jet-off  drag  and  the  second  is  the  drag 
variation  when  going  from  jet-off  to  jet-on  condition. 

The  tail  pressure  drag  incremenl  at  supersonic  flow  condi¬ 
tions  is  cranputed  by  means  of  a  supersonic  zero-lift  wave 
drag  code  (Ref.  2.4-4)  considering  the  difference  in  wave 
drag  from  tails-on  to  tails-off  configuraticms. 

In  the  transonic  flow  regime  a  transonic  zero-lift  drag 
function  is  adopted,  with  the  aim  to  define  the  transonic 
pressure  drag  for  tails  off  configurations  and  the  tail 
pressure  drag  for  configurations  with  tails.  Entering  Figure 
2.4-6  with  the  value  of  [(M-h(^D)/(1.2-N%D)]  ^ 
t(CDP(M)-CDP(MSUB))  /  (€)P(M=i.2)  '^PtMSUB) )]  ^  defined. 
SiiLce  the  value  of  Cijp(M=ia)  Cpp((4SUB)  known,  the 
*^DP  at  transonic  Madi  number  is  easily  defined. 

To  account  for  the  skin  friction  drag,  the  in^od  uses  the 
Prandtl-Schlichting  formula  in  order  to  define  the  skin 
friction  coefficient  in  turbulent  smooth  flow: 

For  R^  >  I^cUTOFF  th*  Q  is  assumed  to  remain  constant 
with  the  aim  to  consider  the  surface  roughness. 

When  a  partial  body  skin  friction  drag  has  to  be  computed 
(as  in  the  present  AGARD  test  cases)  the  C^p  from  the 
metric  break  station  to  the  end  of  the  nozzle  is  equal  to 

^DntmKDTT^Or^UBODYf^WQaSnaCBMBAMi 

A  form  factor  is  considered  for  tail  components  at  subsonic 
flow. 

2.4.2  CFD  Methods  (Esler  and  Navier-Stokes) 

The  Working  Group  has  received  CFD  predictions  using 
fifteen  different  methodologies.  These  craitributions 
illustrate  the  broad  and  diverse  nature  of  CFD  methods 
currently  used  for  aerospace  applications.  All  of  these  ate 
engine«ing  codes,  codes  used  fc*  general  pruposes  in  the 
design  and  analysis  of  aerospace  vehicles  (as  distinguished 
from  research  codes).  Most  of  the  methods  are  based  on 


multi-block  structured  grid  solvers,  though  several  contribu¬ 
tions  also  were  received  using  unstructured  solvers.  No 
contributions  were  provided,  utilizing  hybrid  solvers  (i.e., 
combining  structured  and  unstructured  methods  in  solving  a 
single  problem). 

2.4.2. 1  Grid  Generation  Impact 

For  complex  geometries,  grid  generation  is  a  labor-intensive 
activity.  The  process  frequently  relies  on  trial-and-enor 
steps  in  producing  a  grid,  then  examining  the  grid  and 
(perhaps)  altering  the  product  in  some  manner.  For  that 
reason,  many  grid  generation  programs  have  been  imple¬ 
mented  in  an  interactive  environment,  on  modem  color 
grai^cs  wcnkstations  or  X- Windows  terminals. 

The  computational  grid  can  have  a  significant  impact  on  the 
quality  of  the  resulting  CFD  solutions.  Clearly,  the  grid 
must  define  the  geometry  and  the  flowfield  features  with 
sufficient  resolution  to  provide  accuracy.  Equally  clear,  the 
grid  must  allow  carrying  the  flow  solution  to  a  sufficient 
distance  from  the  model,  so  that  the  far-field  boundary 
conditions  are  adequate  and  accurate  models  of  the  equiva¬ 
lent  flow  in  unconfined  air,  at  that  boundary  location. 

More  subtle  issues  also  can  be  identified,  pataining  to  grid 
generatioiL  Depending  on  the  characteristics  of  the  individ¬ 
ual  flow  solver,  a  loss  of  orthogonality  in  a  structured  grid 
can  reduce  the  accuracy  of  the  solutions,  and  increase  the 
cost  by  causing  a  poor  convergence  rate.  In  imstructured 
grids,  an  analogous  problem  arises  if  the  grid  elements 
(often,  trtrahedra)  are  flattened  substantially,  thereby 
departing  from  an  ideal  shape  of  a  cell  with  nearly  equal 
faces  and  included  angles. 

For  higher-OTder  solution  schemes,  errors  also  can  be 
introduced  if  the  grid  is  highly  stretched  in  one  (or  more)  of 
the  coordinate  directions.  This  issue  can  degrade  accuracy 
or  stability,  with  a  clear  inq^act  on  the  quality  and  cost  of 
the  results. 


2.4.2.1  Turbulence  Model  Impact 

The  physical  models,  onbedded  within  the  flow  solver,  also 
are  a  potential  source  of  inaccuracies.  Solutions  of  the 
Navier-Stokes  equations,  for  example,  are  not  performed 
with  a  resolution  for  direct  prediction  of  small  length  and 
time  scales  of  turbulence.  Turbulence  models  are  used, 
instead,  to  provide  the  gross  effects  of  turbulence  at  larger 
scales  of  length  and  time  (often,  the  only  time  scale  repre¬ 
sented  in  the  model  is  steady-state). 

Turbulence  models  are  a  notoriously  weak  element  in 
oteaining  accurate  predictions  of  transonic  flows  in  adverse 
pressure  gradients.  However,  many  advances  have  been 
produced  over  the  recent  years.  Most  of  the  turbulence 
models  represented  in  the  contributions  to  tiie  present  study. 


Figure  2.4- 1 .  Jet-Off  Aftend  Pressure  Drag  Coefficient  Parameter  (K 1 )  for  Subsonic  Flow 

(Twin  Engine  Narrow  Spacing) 


Figure  2.4-2.  Aftend  Pressure  Drag  Coefficient  (K2)  from  Jel-Off  to  Design  NTR  for 
Subsonic  Flow  (Twin  Engine  Narrow  Spacing) 


Figure  2.4-3.  Aftend  Pressure  Drag  Coefficient  (K3)  from  Design  to  Operating  NPR  for  Subsoni 
Flow  (Convergent-Divergent  Nozzle,  Normal  Power) 


f  igure  2.4-4.  Jet-Off  Aftend  Pressure  Drag  Coefficient  Parameter  (K4)  for  Supersonic  Flow 

(Twin  Engine  Configuration) 
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for  example,  were  not  available  in  the  previous  AGARD 
review  of  afterbody  flow  prediction  (Ref.  2.4-5). 

Assessing  the  fitness  of  tuibul^ce  models  is  a  ccanplex 
task,  well  beyond  the  scope  of  this  Working  Group  activity. 
Therefore,  in  the  discussion  of  contributed  results  (below) 
the  commit  relating  to  turbulence  models  should  be 
regarded  as  preliminary  in  nature. 

2.4.2.3  Perfarmance  Issues 

The  Working  Group  solicited  data  from  the  contributors  to 
enable  an  assessment  of  the  performance  of  the  CFD 
analysis  process  (time,  cost,  reliability,  skill  requirements). 
Several  contributcns  provided  information  along  this  line; 
thdr  data  are  presented  in  Appendix  C.  However,  it  quickly 
became  apparent  that  a  more  systematic  approach  is  needed 
to  gain  meaningful  insight  into  these  issues.  Therefore,  the 
data  in  Appendix  C  should  be  read  as  a  graieral  discussion 
of  the  barrio  issues  and  the  common  techniques  to  over¬ 
come  those  issues.  The  W<M:ldng  Group  does  not  believe 
that  comparative  significance  should  be  attached  to  the 
specific  quantitative  data  presented  in  Appendix  C. 

2.4.3  Contribated  Predictions 

2.4. 3.1  Grid  Generators 

Several  grid  generation  systems  were  used  to  support  the 
solutions  which  were  contributed  to  the  Working  Group. 
These  grid  systems  are  described  (briefly)  in  this  section, 
presented  in  alphabetical  order  according  to  the  name  given 
to  the  systOTi  by  the  contributor's). 

In  a  few  cases,  diff(^nt  contributors  used  the  same  grid 
generation  system.  No  attenqjt  has  been  made  to  compare 
the  grids  which  were  produced  by  different  groups  using  the 
same  tools.  In  two  cases,  the  grid  produced  by  one  contrib¬ 
utor  was  used  by  another  contributor,  using  a  different  flow 
solver  code.  These  cases  are  noted  in  Section  3.S  and  in 
Appendix  C.  However,  no  attempt  has  been  made  to  draw 
a  ^recial  conclusion  regarding  the  results  presented  in  these 
contributions. 

Aernucchl  System 

The  system  ccmsists  of  three  separate  programs:  PREP 
(geometry  acquisition  and  surface  grid  generation),  AER- 
GRID  (volume  grid  generator),  and  SPLITTER  (domain 
block  decomposition  and  grid  editor) 

Surface  grid  gmeration  is  based  cui  cubic  or  B-spline 
methods.  Volume  grid  genetaticm  is  performed  using 
transfirdte  interpolatimi  methods  (four  different  laws: 
Heimite,  Lagrange,  Hyperbolic  Tangent,  Exponential), 
normal  control  and  normal  smoothing.  The  complete 
syst^  is  wmkstation  based  with  some  graphical  interfaces. 


These  codes  are  based  on  the  methodology  described  in  Ref. 

2.4- 6. 

PREP  is  based  on  a  subsonic  panel  program  preprocessor. 
AERGRID  and  SPLITTER  were  developed  by  Aennacchi. 
These  codes  are  property  of  Aermacchi  S.P.A. 

CUBE 

CUBE  is  an  inteaactive,  stractured  and  unstructured  2-D  or 
3-D  grid  generator  based  on  a  subdivision  of  the  computa¬ 
tional  space.  As  a  flrst  step,  the  domain  is  divided  into 
blocks  fitted  to  the  body.  For  the  A.2  nozzle,  six  blocks 
have  been  used  to  represent  the  getnnetry.  In  a  second  step, 
a  wide  range  of  discretizations  can  be  selected  to  treat  each 
edge  of  the  blocks.  The  distribution  can  be  adapted  to  the 
problem,  either  cortstant  size  for  the  Euler  code  or  a  dense 
packing  near  the  interfttce  with  a  flxed  height  for  the 
Navier-Stokes  code.  In  a  third  step,  a  bilinear  interpolation 
is  used  for  the  grid  generator  for  2-D  grids  ^lile  a  Hennite 
interpolation  is  used  for  3-D  grids.  Finally,  a  triangular- 
ization  is  ai^Ued  for  use  by  unstructured  codes. 

Grid  geoeratkai  requires  on  the  order  of  one  day.  The  CPU 
requirement  is  essentially  zero  for  2-D  grids,  and  a  few 
hours  for  3-D  grids.  CUBE  is  a  Dassault  Aviation  piapn- 
etary  code. 

Ddbnce  Research  Agency 
(Tailored  Grid  Method) 

Due  to  the  simplicity  of  the  B.4  configuraticm  and  the  need 
to  model  only  one-quarter  of  the  flow  field,  a  specific  grid 
generation  procedure  n(<  present  in  the  SAUNA  system  has 
been  used. 

Hiis  procedure  uses  transfinite  inteipolation  to  create  grids 
which  are  suitable  for  either  viscous  or  inviscid  flow  com- 
putaticms.  The  resulting  "tailor  made"  grids  are  compatiUe 
with  the  flow  solver  of  SAUNA  and  provide  grids  with  three 
levels  of  density,  which  can  be  used  in  subsequent  grid 
sequencing  and  muMgrid  options  of  the  flow  code. 

ELITE  SD&VT 

FLITE  SD&VT  (Finite  Element  Linear  Tetrahedra  S^urface 
Definition  &  Volume  Transfcamation)  is  a  member  of  the 
FLITE  suite,  used  for  generation  of  unstructured  grids  made 
up  of  4-noded  lirtear  tetrahedra,  employing  the  Advancing 
Front  m^hod.  This  code  was  origirudly  developed  by 
Morgan  eL  al.  (Ref.  2.4-7  and  Ref.  2.4-8),  and  has  been 
applied  to  transport  aircraft  powoplant  installations  (Ref. 

2.4- 9). 

FLITE  is  a  product  of  CDR  of  Swansea  University. 
GRIDGEN 

GRIDGEN  is  a  woricstalion-based  interactive  grid  generation 
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code,  ccmsisdiig  of  fow  separate  programs;  GRIDBLOCK 
(domam  dectHtipoeition,  surface  grids),  GRIDGEN2D 
(refined  surface  grids),  GRIDGEN3D  (block  volume  grids  in 
batch  mode),  and  GRIDVUE3D  (grid  visnalizaticm).  Uses 
both  algebraic  and  elliptic  methods.  Includes  volume  and 
surface  grid  quality  metrics.  Exc^  for  the  GRIDVUE3D 
program,  this  family  of  codes  runs  only  on  Silicon  Graphics 
and  IBM  RS/6000  workstations.  These  codes  are  described 
more  fully  in  Ref.  2.4-10  and  Ref.  2.4-1 1. 

The  GROX^  system  was  developed  by  General  Dynamics 
Fort  Worth  Division  under  contract  to  the  US  Air  Force. 
Extensions  have  been  added  to  GRIDGEN  by  MDA  Engi¬ 
neering,  under  contract  to  various  agencies  of  the  US 
Government. 

The  GRIDGEN  system  is  the  jnoperty  of  the  US  Govern¬ 
ment;  available  to  US  citizens  only.  Requests  should  be 
made  to  the  Aeromechanics  Division,  USAF  Wright  Labora¬ 
tory,  Wright-Patterson  AFB,  OR 

I3G  /  PLUT03D 

The  name  I3G  stands  for  "Interactive  Graj^cal  Grid 
Generation."  I3G  generally  is  used  together  with 
PLUT03D.  I3G  performs  surface  grid  generation. 

I3G  was  developed  by  Lockheed,  under  contract  to  USAF 
Wright  Laboratory.  It  is  propoty  of  the  US  Government; 
available  to  US  citizens  only.  Requests  should  be  made  to 
the  Aeromechanics  Division,  USAF  Wright  Laboratory, 
Wright-Patterson  AFB,  OH. 

PLUT03D  is  a  volume  noesh  generation  code.  It  is  based 
on  ttansfinite  interpolation  with  Laplacian  smoothing 
invoked  as  required.  This  code  was  developed  by  USAF 
Wright  Laboratory. 

ICEM 

ICEM  is  a  computer-aided  design  software  package.  It 
consists  of  three  strongly  integrated  programs;  DDN  (a 
computer  aided  engineering  and  manufacturing  sfystem), 
MULCAD  (a  midti-domain  topology  generator),  and 
PADAMM  (a  mesh  generator). 

ICEM  is  a  wcukstation-based  interactive  software  package, 
hosted  on  a  Silicon  Graphics  Crimson  VOX  systera  MUL¬ 
CAD  and  PADAMM  provide  clust^ing  capabilities  (geo¬ 
metric,  hyperbolic  tangential,  exponential...),  grid  optimiza¬ 
tion  (relaxation,  interpolaticui)  as  well  as  a  highly  efficient 
visualization  program.  Grid  capabilities  are  structured 
multi-block  with  point-match,  non-point-match,  or  overlap¬ 
ping  interfaces. 

ICEM  is  a  product  of  Ccuitrol  Data  Corporatiort 


JA46 

JA  46  is  a  2-D  or  axisymmetric  algebraic  nozzle  grid 
generator.  It  allows  the  computatioiial  domain  to  be  split 
into  arbitrary  blocks  for  griddlng.  Multiple  inflow  and 
outflow  boundaries  can  be  defined.  Geometric  grid  spacings 
are  pennissible  in  both  directions.  This  code  is  Rolls-Royce 
proprietary. 

MACGS 

MACGS  (McDonnell  ^rcraft  Computational  Grid  System) 
is  a  workstation-based  grid  generation  system  consisting  of 
three  elements;  2X>NI3G  (geometry  acquisition  and  domain 
deoooqxsidon),  OMAN  (volume  grid  generator),  and  GPRO 
(grid  editor).  It  operates  cat  three  families  of  wca-kstations 
(IBM,  H-P,  SGI)  and  In  an  X-window  client-server  environ¬ 
ment. 

ZON13G  is  based  on  the  panel  method  model  genoutor, 
I3G,  developed  by  Lockheed  under  contract  to  the  US  Air 
Fotcc.  Extensions  to  I3(ji/ZON13G,  and  all  work  on  GMAN 
and  GPRO  was  carried  out  by  McDonneU  Douglas, 

The  MACGS  system  is  the  property  of  McDonnell  Douglas 
Corporation.  The  U.S.  Air  Force  has  rights  in  certain 
portions  of  the  MACGS  code. 

MELISSA 

MELISSA  is  an  interactive,  unstructured  grid  generator 
based  on  an  advancing  front  technique.  The  front  starts 
from  a  skin  conqxised  of  die  wall  and  the  jet  and  proceeds 
towards  infinity  for  the  outer  dcunain  and  towards  the  axis 
for  the  Inner  one.  Every  layer  is  controlled  through  its 
thickness  and  its  level  of  condensatian  (in  order  to  reduce 
the  number  of  points  away  from  the  wall).  This  methodol¬ 
ogy  is  described  more  fully  in  Ref.  2.4-12. 

MBLISSA  is  a  Dassault  aviation  proprietary  code. 

STACKER 

STACKER  consists  of  a  coupled  algebraic  2-D  grid  genera¬ 
tor  and  a  3-D  stacking  program.  A  clone  of  the  2-D 
algebraic  grid  generator  JA46  b  used  to  gen^te  a  grid  at 
each  circumferential  station.  These  are  stacked  in  constant 
0  sections  to  produce  the  3-D  grid.  A  single  block  output 
grid  is  produced,  with  grid  blankmg  used  to  restrict  the  flow 
solver.  Topology  input  is  manually  added  to  define  symme¬ 
try  planes,  repeats  <«■  centerline  location.  This  code  is 
Rolls-Royce  proprietary. 

2.45.2  Flaw  Solvers 

Each  contributor  for  the  test  cases  of  this  Working  Group 
used  a  diff(»ent  flow  solution  code  (as  noted,  in  a  few  cases 
these  codes  wwe  supported  by  the  same  grids,  or  the  same 
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grid  codes).  A  brief  description  of  each  flow  solver  is 
presented  below  (alphabetical  order,  based  on  the  name  of 
the  code  as  given  by  the  contributor). 

ANSE 

ANSE  (^gorithm  Navier-Stokes  Explicit)  is  a  single-  or 
multi-block,  structured  grid,  cell-centered,  finite  volume,  3- 
D  explicit  Reynolds-averaged  Navier-Stokos  code.  It 
supports  several  turbulence  models:  a  Cebeci-Smith  type,  a 
one-equation,  and  a  k-€  turbulence  model.  The  algorithm 
uses  a  2-  or  4-step  Runge-Kutta  updating  scheme.  Further 
details  are  presented  in  Ref.  2.4-13.  The  present  version  is 
coDsidmbly  enhanced  from  the  vasicm  of  ANSE  developed 
by  MIT.  This  code  was  developed  for  powerplant  applica¬ 
tions  at  Rolls-Royce  Inc.  The  code  is  integrated  into  a  suite 
of  grid  genoratoas  and  other  flow  solvers  known  as  CFDS. 
This  code  is  Rolls-Royce  proprietary. 

CANARI 

CANARI  has  both  Euler  and  Navier-Stokes  capabilities.  It 
features  a  multi-domain  approach  for  structured  meshes. 
The  numerical  schane  is  an  implicit  (residual  smoothing), 
finite  volume,  cell-centered  and  time  multi-step  schrane 
(four-stq)  Runge-Kutta).  The  Baldwin-Lomax  algebraic 
turbulence  model  is  implemented,  and  a  two-equation  k-e 
model  is  being  validated.  Further  details  of  this  method  are 
presented  in  Ref.  2.4-14. 

CANARI  was  developed  at  ONERA,  and  is  available 
through  thmT. 

COBALT 

COBALT  K  an  unstructured  Euler/Navier-Stokes  code,  able 
to  treat  general  convex  polyhedral  cells.  The  numerical 
model  is  a  finite  volume  upwind.  Inviscid  fluxes  are  found 
as  a  solution  to  the  Riemann  problem  using  Colella's 
approximate  Riemann  soIvct.  COBALT  features  original 
solutions  for  anisotropic  monotonicity.  The  Baldwin-Barth 
tiubulence  model  is  anployed.  This  code  features  a  wide 
variety  of  boundary  conditions.  A  Runge-Kutta  scheme 
used  for  time  integration  (1st,  2nd,  or  3rd  order  accuracy). 

COBALT  is  an  original  product  of  USAF  Wright  Labora¬ 
tory.  It  is  available  from  USAF  Wright  Laboratory  to 
United  States  citizens. 

EUGENIE  (Eaier) 

EUGENIE  is  a  nuilti-element  unstructured  code  based  cm. 
Galerldn  finite  volume  method,  with  second-order  upwind 
approximations.  The  default  solution  scheme  is  linearized 
implicit;  the  code  also  provides  Runge-Kutta  methods  and 
unnested  multigrids.  Includes  a  large  arsenal  of  bcuindary 
conditions  and  equilibrium  /  non-equilibrium  high  temp¬ 
erature  models.  EUGENIE  is  available  in  2-D,  axi- 
symmetric,  and  3-D  versions.  This  method  is  described 


more  completdy  in  Ref  2.4-15  and  Ref.  2.4-16. 

EUGENIE  was  developed  in  collaboration  with  INRIA 
Sophia  AntipoUs,  and  it  is  a  Dassault  Aviation  proprietary 
code. 

FANSI 

FAN SI  (Factored  Algorithm  biavier-Stokes  Implicit)  is  a 
non-simply-connected  finite  vcrfume  2-D  or  axisymmetric 
code  fca:  solving  the  Reynolds-averaged  Navier-Stokes 
equations.  This  code  can  be  run  inviscid  (Euler)  or  viscous 
(Navi«-Stokes).  It  supports  a  Cebeci-Smith  and  Johnson- 
King  turbulence  model  as  well  as  an  empirical  transition 
model.  The  implicit  procedure  of  Beam  and  Warming  is 
used.  This  code  was  developed  at  Rolls-Royce,  who  retain 
all  proprietary  rights.  It  k  loosely  based  on  the  code 
FANSI,  developed  at  the  Gas  Turbine  Laboratory  at  MIT. 
Further  infcHmation  can  be  obtained  in  Ref  2.4-17  and  Ref. 

2.4- 18. 

FUTEJFS 

FLITEFS  is  a  finite  element  solver  for  the  compressfcle 
steady-state  Euler  equations.  It  is  an  edge-based  scheme, 
using  explicit  time  stepping  with  opticuial  residual  smooth¬ 
ing.  This  code  was  jointly  developed  by  Swansea  Univer¬ 
sity  and  Imperial  College.  Further  information  can  be 
obtained  in  Ref.  2.4-19. 

FL067P 

FL067P  is  a  multi-block  finite  volume  cell  vertex  Euler  / 
Navier-Stokes  code  with  central  different  discretization  and 
blended  2*®  -  4™  order  numerical  dissipation,  multi-stage 
Runge-Kutta  integration  in  time,  and  multigrid  convCTgence 
acceleration  technique.  It  supfxnts  the  Baldwin-Lomax 
turbulence  modeL  The  code  runs  within  PARAQRID,  a 
domain  decomposition  environment  developed  by  IBM 
ECSEC.  This  code  is  described  more  compdetely  in  Ref 

2.4- 20  and  Ref.  2.4-21. 

This  co<fc  is  based  on  the  code  FL067  developed  by 
Intelligent  Aerodynamics  Inc.  FL067P  is  the  result  of 
cooperation  of  Aermacchi  S.p.A.,  IBM  ECSEC  and  IntelH- 
gent  Aerodynamics  Inc. 

FLU3M 

The  FLU3M  code  provides  solutions  to  either  the  Eulw  or 
Navier-Stokes  equations.  The  Navier-Stokes  solver  repre¬ 
sented  either  laminar  or  turbulent  flow,  using  the  Baldwin- 
Lomax  and  k-e  turbuleoce  models.  The  gas  can  be  modeled 
as  perfect,  ideal,  or  bi-spedes.  The  code  uses  a  -order 
MUSCL  upwind  schenss  (Van  Leer,  Roe,  or  Osher)  with  a 
TVD  limiter.  This  code  runs  on  multi-hiock  structured 
grids,  which  may  be  2-D,  axisymmetric,  or  3-D.  Both 
explicit  and  implicit  (ADI)  solvers  are  available,  as  well  as 
a  space-marching  relaxation. 
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NASCA 

The  NASCA  (Navier- Stokes  potir  C<xps  AxisynnStrique) 
code  is  a  single-block  axisymmetric  Navier-Stokes  code 
workiiig  on  a  genml  pofygonal  domain  (a  two-dimensional 
version  also  exists).  The  nrimerical  scheme  is  optional 
{second  order,  centered  or  TVD  upwind).  A  finite  volume 
type  of  discretization  is  used,  with  an  adaptation  of  the 
scheme  to  strongly  non-uniform  unstructured  meshes.  Both 
convection  and  diffusion  terms  are  treated  implicitly,  the 
computation  of  a  time  step  being  entirely  vectorized.  The 
code  supports  two  turbulence  models;  Baldwin-Lomax,  and 
k-e. 

The  NASCA  code  is  further  described  in  Ref.  2.4-22. 

The  NASCA  code  was  developed  by  the  Fundamental 
Aerodynamics  Branch  of  ONERA,  and  it  is  the  property  of 
ONERA. 

NASTD 

NASTD  is  a  multi-block  structured  grid  code  (patched 
and/or  overlapping);  versatile  boimdary  conditions.  It 
oonlains  a  varkiy  of  algorithms  and  turbulence  models.  For 
this  stuefy,  it  was  used  with  the  three-factor  implicit  scheme, 
block  p^itadiagonal  solver  of  discretized  second-order  Roe 
upwind  scheme  with  optional  TVD  limiters.  Several 
turbulence  models  were  used:  Baldwin-Lomax  (0-equation), 
Baldwin-Barth  (1-equation),  and  Jones-Launder  (2-equa- 
tions).  Convagence  was  established  by  monitoring  pressure 
drag  history. 

NASTD  is  a  McDonnell  Douglas  proprietary  code.  Certain 
elements  of  NASTD  were  developed  under  ccmtract  to  the 
U.S.  Navy. 

NPARC 

NPARC  solves  the  Reynolds  averaged  full  Navier-Stokes 
equations  in  strong  conservation  form  using  the  Beam- 
Wannittg  approximate  factorization  algorithm.  Second 
order  central  differencing  is  used  for  the  ^tial  discret¬ 
ization  and  a  Jameson-style  artificial  dissipation  is  used  for 
stability.  For  the  cases  presented  in  this  report,  a  two- 
equation  Chien  k-e  turbulence  model  was  used.  In  addition, 
the  one-equation  Baldwin-Barth  turbulence  model  was  used 
for  one  case.  NPARC  is  primarily  used  to  compute 
propulsion  flows. 

NPARC  is  a  more  recent  version  of  the  PARC3D  code, 
which  in  turn  is  based  on  the  ARC3D  code.  NPARC  is 
developed  and  supported  through  a  joint  effort  by  the  United 
States  Air  Force  Arnold  Engineering  Development  Center 
and  the  NASA  Lewis  Research  Center.  This  code  is 
available  to  United  States  citizens  early. 


PAB3D  (VerskHi  10) 

PAB3D  is  a  finite  volume  rrrultiblock  code  for  solving  the 
Navier-Stokes  equations.  The  solver  options  are  based  on 
the  upwind  biased,  Roe  scheme  and  Van  Leer  scheme.  The 
numerical  algorithm  in  version  10  is  a  flux-splitting 
formulaticxi  with  a  third-order  inrplicit  operator  in  two 
directions  and  relaxation  in  the  third  direction.  It  contains 
a  variety  of  boundary  conditions  and  is  capable  of  haitdling 
general  patched  grids.  Several  tuiinilence  models,  including 
the  Baldwin-Lomax  algebraic  model  and  the  Jones-Launder 
k-e  with  modifications  by  Hamid  et.  al.  are  available  in 
PAB3D.  Turbulence  can  be  initialized  by  either  a  laminar 
or  0-equation  computation.  Freestream  boundary  conditions 
are  set  by  Riemami  inflow,  and  extrapolation  outflow. 
Independent  grid  sequencing  in  each  block  in  the  I,  J,  and 
K  directions  can  be  specified.  Conservative  block  interface 
patching  capability  is  included.  Forces  and  moments  are 
computed  in  the  code  according  to  user  instructions. 
Solution  convergence  is  monitored  by  residue  level  and 
integrated  aerodynamic  performance  such  as  mass  flux, 
thrust,  lift,  and  drag. 

PAB3D  is  an  original  product  of  the  NASA  Langley 
Research  Center.  It  is  available  from  NASA  Langley  to 
United  States  organizations. 

SAUNA 

SAUNA  (S^tructured  pid  Unstructured  Numerical  Analysis) 
is  based  on  a  vMtex  storage  algorithin,  using  Jameson-style 
aititicial  dissipation  and  enhancements,  explicit  Runge-Kutta 
time  maixAing  and  local  time  stepping.  Multiple  boundary 
condition  types  are  provided,  e.g.,  jet  inflow  and  outflow, 
free  stream  Riemann  invariants,  Rudy-Strikwerda  character¬ 
istic  outflow,  reflection,  etc.  Grid  sequencing  and  multigrid 
capabilities  are  included.  Convergence  is  monitored  by 
continuity  equation  residual  or  total  forces. 

TEAM 

TEAM  provides  steady-state  solutions  of  the  Euler,  RANS, 
and  Navier-Stokes  equations  using  Jameson  algorithms.  The 
algorithm  employs  finite-volume  spatial  discretization 
augmented  by  numerical  diss^iation  terms  (either  adaptive 
or  characteristic-based  schemes  available);  equations  are 
integrated  in  time  using  a  multi-stage  time-stepping  proce¬ 
dure.  TEAM  code  can  accommodate  patched  multiblock 
grids  of  arbitrary  topologies.  This  code  solves  the  RANS 
equations  only  where  viscous  effects  dominate;  Euler 
equations  ebewhere.  The  Baldwin-Lomax  turbulence  model 
is  used.  The  at^licatioo.  of  TEAM  in  this  study  is  described 
in  Ref.  2.4-23. 
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VIRGINIE  ^avier-Stokcs) 

VIRGINDE  is  an  unstructured  Navier-Stokes  code.  The 
numerical  model  is  finite  elements  with  Galeildn  least 
squares  approach,  implicit  with  matrix  free  GMRES  tech¬ 
nique.  This  code  is  available  in  2-D,  axisymm^c,  and  3- 
D  versions.  VIRGINIE  supports  several  turbulence  models 
including  0-,  1-  and  2-equation  forms.  The  supported 
turbulrace  models  are  Norris-Reynolds  rtiodel  for  the  one- 
equation,  the  k-e  and  k-<i)  models  for  the  2-equation  models. 
Ihe  methodology  is  presented  in  Ref.  2.4-24. 

VIRIGNIE  was  develcqred  at  Dassault  Aviation,  who  retain 
all  ownership 

2.4.4  Nonbertog  System 

In  the  nanainder  of  this  report,  all  contributions  will  be 
identified  by  a  unique  code.  This  code  consists  of  a  lifter 
identifying  the  level  of  analysis,  followed  by  a  two-digit 
number  indicating  the  specific  methodology  or  CFD  code. 
Three  levels  of  analysis  are  presented:  setru-empirical 
methods  (code  "S"),  Euler  or  inviscid  methods  (Code  "E"), 
and  Navier-Stokes  or  viscous  methods  (Code  "N"). 

Most  of  the  Euler  and  Navier-Stokes  codes  used  structured 
multi-block  grids.  Three  of  the  codes,  however,  are  based 
on  unstructured  grids  -  these  codes  are  noted  in  the  table  of 
flow  solvers.  Where  no  such  notation  is  provided,  the 
reado-  should  take  the  code  to  be  based  on  structured  multi¬ 
block  grids. 

The  key  to  the  prediction  codes  is  presented  in  Table  2.4-1, 
and  the  key  to  the  turbulence  models  is  fnesented  in  Table 
2.4-2. 


1  No. 

Organization 

OridCode 

Flow  Code 

Turb.  1 
Models  H 

y 
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~ 

- 

'  -  1 

0  N02 

Rolls-Royce 

JA46 

STACKE 

R 

ANSE 

C-S 

t-eq 
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SNECMA 
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k-e 
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+ 
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sion 
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(Unstruct.) 
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- 
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E07 

Rote-Royce 

FLITE 

SD&VT 
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EOS 

1  NOS 

Aermacohi 

PREP 

AERORID 

SPLIT¬ 

TER 

FL067P 

B-L 

NOS 

McDonnet 

Douglas 

MACOS 

NASTD 

B-L 

B-B 

S-A 

J-L 

C 

N10 

NASA  Lang¬ 
ley 

GRID- 

OEN 

PAB3D 

B-L 

J-L* 

Ell 
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DRA/ARA 

SAUNA 

B-L 

1 

Lockheed 

TEAM 

B-L 

N13 

DaseauR 

CUBE 

MELISSA 

VIRGINIE 

(Unstruct.) 

B-L 

N-R 

k-e 

k-<d 

N14 

ONERA 

NASCA 

B-L 

k-e 

N15 

Aeroepatiaie 

ICEM 

FLU3M 

B-L 

k-e 

N16 

NASAUwie 

NPARC 

6-B 

C 

Tabb  2.4-1 

Sources  of  PredloUom  Presented  fn  This  Report 


Code 

Turbulence  Model 

Type 

C-S 

Cebaci-Smilh 
(Ref.  2.4-25) 

Algebraic 

B-L 

BalcMrin-Lomax 
(Ref.  2.4-26) 

J-K 

Johnson-King 
(Ref.  2.4-27) 

B-B 

Baldwin-Barth 
(Ref.  2.4-28) 

One  Equation 

S-A 

Spalart-Allmarae 
(Ref.  2.4-29) 

One  Equation 

N-R 

Norris-Reynolds 

One  Equation 

k-e 

k-e  (a  generalized 
name  for  a  class  of 
models) 

(Ref.  2.4-30) 

Two  Equations 

k-to 

k-<i) 

(Ref.  2.4-31) 

Two  Equations 

C 

Chien 

(Ref.  2.4-32) 

Two  Equations 

J-L 

Jones-Launder 
(Ref.  2.4-33) 

Two  Equations 

J-L* 

Jones-Launder,  modi¬ 
fied  by  Hamid  et.  al. 

Two  Equations 

T«bto  2.<U 

Turbuhnoa  Uodafo  tlaad  In  Thbt  Raport 


To  illustrate;  a  Navier-Stokes  solution  provided  by  Mc¬ 
Donnell  Douglas  Corporation,  using  the  NASTD  code  with 
the  Baldwin-Barth  turbulence  model,  would  be  identified  as 
"CMitribution  N09  (B-B)." 
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2.5.  Description  of  Test  Cases  A 

2.5.1.  Introductory  Remarks 

Test  Cases  A  were  collected  to  constitute  a  data 
bank  allowing  an  in  depth  validation  of  advanced 
computer  codes  on  basic  configurations  reproducing 
typical  afterbody  flow  situations.  These  ’’basic”  test 
cases  were  selected  according  to  the  following  crite¬ 
ria; 

(i)  The  number  of  cases  should  be  small  in  order 
to  focus  the  validation  effort  on  well  chosen  specific 
cases. 

(ii)  Only  three-dimensional  configurations  or  cases 
with  hot  jet  simulation  should  be  considered,  the  cold 
jet  case  being  only  retained  for  reference  purposes 
(axisymmetric  cases  with  uniquely  cold  jet  simula¬ 
tion  are  contained  in  other  data  banks  [2.5.1]). 

(iii)  A  wide  range  of  flow  variables  was  not  required, 
the  aim  being  to  proceed  to  in  depth  validations  by 
considering  detailed  predictions  of  the  flowfield. 

(iv)  The  selected  cases  should  include  flow  field  mea¬ 
surements  which  provide  as  complete  a  picture  of  the 
flow  as  possible,  including  its  mean  as  well  as  its  tur¬ 
bulent  properties. 

(v)  There  should  be  no  restriction  on  the  publication 
of  the  data,  so  that  the  cases  would  be  available  for 
research  workers  to  test  their  own  codes  in  the  future. 

The  chosen  test  cases  are  of  varying  complexity:  the 
first  one  corresponds  to  the  simplest  three  -  dimen¬ 
sional  effect  achievable  on  an  afterbody  geometry, 
the  second  one  introduces  thermal  effects  on  an  ax¬ 
isymmetric  afterbody  and  the  third  case  is  a  twin-jet 
configuration  with  cold  jets. 

2.5.2.  Accuracy  of  Test  Results 

No  real  estimate  of  the  accuracy  of  the  quoted  results 
has  been  made.  Surface  pressure  measurements  have 
been  executed  with  classical  and  well  known  tech¬ 
niques  so  that  these  measurements  can  be  considered 
as  accurate  as  a  few  percent  in  the  most  unfavorable 
cases.  Obviously  erroneous  results,  coming  from  de¬ 
fects  in  the  measurements,  have  been  excluded  from 
the  data  bank.  Accuracy  of  flow  surveys  with  pres¬ 
sure  and  temperature  probes  is  more  difficult  to  as¬ 
sess,  especially  in  the  case  of  hot  jet  simulation,  be¬ 
cause  of  the  many  sources  of  error: 

-  Effects  of  concentrated  pressure  variations  on  the 
sensing  element  of  the  probe. 

-  Inaccuracy  in  the  calibration  of  thermocouple  pro¬ 
bes,  for  the  same  reason. 

-  Poor  response  time  of  the  temperature  and  static 
pre.ssure  probes. 

-  Deformation  of  probes  and  supports  due  to  the 
loads  which  makes  the  exact  location  of  the  mea¬ 
surement  point  difficult  to  determine. 

With  the  precautions  taken  (use  of  the  forward  scat¬ 
tering  mode  of  operation  and  large  differences  in  the 


orientation  of  the  fringe  patterns),  accuracy  of  the 
mean  velocity  measurements  with  the  LDV  systems 
can  be  considered  good  in  most  cases.  Uncertainty 
is,  in  general,  of  the  order  of  a  few  percent  -  1%  in  re¬ 
gions  of  high  speed  flow,  5%  in  separated  zones  close 
to  a  base  -  and  sufficient  to  properly  validate  com¬ 
puter  codes.  On  the  other  hand,  turbulence  measure¬ 
ments  have  to  be  used  cautiously  due  to  the  difficulty 
in  making  these  measurements  in  three-dimensional 
flows.  In  the  most  favorable  conditions,  the  accuracy 
on  the  normal  stress  components  is  about  5%  and  on 
the  shear  stress  component  about  10%.  In  addition, 
in  some  circumstances  (regions  close  to  a  nozzle  exit 
section),  noticeable  particle  lag  exists  which  causes 
an  underprediction  of  the  mean  velocity  by  LDV. 
Also,  low  frequencey  fluctuations  may  affect  the  jet 
measurements  by  causing  an  overestimation  of  tur¬ 
bulence  by  the  LDV  system  which  cannot  distinguish 
between  these  large  scale  unsteady  motions  and  true 
turbulence. 

2.5.3.  Test  Cases 

2. 5. 3.1.  Test  Case  A. 1.1  :  Axisymmetric  Body 
Without  Jet  at  Incidence 

I  -  Wind  Tunnel 

The  present  experiment  was  executed  in  a  blow-down 
type  wind  tunnel  with  a  free  jet  exhausting  at  a  pres¬ 
sure  close  to  the  atmospheric  pressure.  The  open 
test  section  is  square  in  cross  section  and  measures 
130a:130mm^. 

II  -  Model  Configuration  and  Installation  in  Wind 
Tunnel 

As  shown  in  Fig.  2.5.1,  the  model  consists  of  an 
upstream  cylindrical  body  with  a  diameter  Dmax  = 
30mTO,  followed  by  a  boattail  of  angle  jS  —  and 
a  length  L  —  30mm.  The  locations  of  the  pressure 
orifices  are  indicated  in  Fig.  2.5.1:  24  orifices  are 
located  along  the  afterbody  at  three  circumferential 
positions  ( (p  =  0°,  90°ancZ180)  and  4  are  on  the  base. 
As  indicated  in  Fig.  2.5.2,  the  afterbody  is  mounted 
at  the  extremity  of  a  sting  installed  in  the  test  sec¬ 
tion  and  supported  in  the  settling  chamber  by  three 
shaped  struts.  The  sting,  whose  diameter  is  30mm, 
is  set  at  an  incidence  of  5°.  Its  end  is  held  in  the 
test  section  by  two  wires  of  0.3mm  in  diameter.  Ad¬ 
justable  strut  mounts  allow  the  model  to  be  aligned 
in  the  flow  direction  so  that  the  sideslip  angle  is  equal 
to  zero. 

III  -  Nominal  Flow  Conditions 
The  flow  conditions  were  as  follows: 

Upstream  Mach  number:  Moo  =  0.54 

Stagnation  pressure:  Ptco  =  10® Pa 

Stagnation  temperature:  Ttoo  =  300 A 

Reynolds  number  based  on  Dmax  =  30mm  ; 
Ren  =  3.5610® 

Angle  of  incidence:  a  =  5“ 
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The  velocity  profiles  of  the  incoming  boundary  layer 
at  two  axial  (X)  locations  upstream  of  the  base: 

X/Dmax  =  -1-2  and  XjDmax  =  -1-6 
are  given  in  tabular  form  in  Annex  A. 1.1. 1.1.  For 
each  X  station,  the  boundary  layer  has  been  probed 
for  three  circumferential  positions,  0°  being  on  the 
lee-side  and  180®  on  the  windward  side  of  the  after¬ 
body 


IV  -  Data  Available 

The  field  measurements  are  presented  in  the  coordi¬ 
nate  system  defined  in  Fig.  2.5.3: 

-  Its  origin  0  is  located  at  the  centre  of  the  base. 

-  The  X-axis  is  horizontal  and  parallel  to  the  undis¬ 
turbed  upstream  velocity  (zero  incidence). 


4  pressure  orifices  on  base 


dimensions  in  mm 


Fig.  2.5.1  -  Test  Case  A.1.1  :  Afterbody  definition  and  location  of  pressure  orifices 


Fig.  2.5.2  -  Test  Case  A.1.1  ;  Model 
installation  in  the  wind  tunnel 


Fig.  2.5.3  -  Test  Case  A.1.1  :  Domain 
explored  with  the  LDV  system 
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-  The  transverse  or  radial  axis  Y  is  contained  in  the 
afterbody  vertical  plane  of  symmetry  and  makes  an 
of  5°  with  the  model  axis. 

-  The  spanwise  axis  Z  is  perpendicular  to  the  X-Y 
plane. 

The  field  measurements  have  been  obtained  by  us¬ 
ing  a  three-component  LDV  system.  The  mean  and 
turbulent  quantities  were  calculated  from  a  sample 
of  4096  instantaneous  measurements  (U,  V,  W). 

Field  properties  were  measured  in  the  form  of  ra¬ 
dial  profiles  (in  the  range:  -0.75  <  Y/Dmax  <  0.75) 
for  different  stations  downstream  of  the  base  (in  the 
range:  0.1  <  XjDmax  <  2.0)  and  for  different  span- 
wise  stations  (in  the  range:  0  <  Z/Dmax  <  1-2).  A 
few  profiles  were  taken  between- 1.2  <  ZfDmax  <  0 
to  check  the  flow  symmetry  in  the  X-Y  median  plane. 
The  following  data  are  available: 

-  Surface  pressure  on  the  afterbody. 

-  Base  pressure  distribution. 

-  Incoming  boundary  layer  (see  above). 

-  Mean  flowfield  properties:  u  ,  v  ,  w 

-  Turbulent  properties:  u'^  ,  ,  w'‘^  , 

u'v' ,  u'w' ,  v'w' 

and  turbulence  kinetic  energy: 

1;  =  ^  ^ -b  -b 

V  -  References 
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2. 5. 3. 2.  Test  Cases  A. 2.1  and  A. 2. 2  :  Axisym- 
metric  Body  with  Jet  Cold/Hot  Flow 
I  -  Wind  Tunnel 

The  experiments  have  been  executed  in  the  S3Ch 
wind  tunnel  of  the  ONERA  Chalais-Meudon  estab¬ 
lishment  [2.5.5].  This  is  a  continuous  return  wind 
tunnel  working  at  atmospheric  pressure.  The  flow 
Mach  number  can  be  adjusted  in  the  range  0.3  -  1.2. 
The  test  section  is  nearly  square  in  cross  section, 
with  a  height  of  764mm  and  a  span  of  803mm.  An 
adjustable  throat  is  placed  at  the  test  section  outlet, 
first  to  fix  the  Mach  number  and  secondly  to  isolate 
the  flow  under  study  from  perturbations  emanating 
from  the  downstream  ducts.  The  test  section  can  be 
equipped  with  perforated  or  adaptive  walls  when  per¬ 
forming  tests  in  the  high  subsonic  or  transonic  range. 
The  lateral  doors  of  the  test  section  have  large  win¬ 
dows  allowing  LDV  measurements  over  a  long  dis¬ 
tance.  For  the  present  experiment,  the  test  section 
was  equipped  with  perforated  upper  and  lower  walls, 
the  porosity  being  equal  to  20%  and  the  divergence 
angle  of  the  walls  equal  to  zero. 

The  general  shape  of  the  model  is  defined  in  Fig. 
2.5.4.  It  consists  of  an  axisymmetric  body,  with  a 
maximum  diameter  Dmax  =  105mm,  fixed  by  a  lat¬ 
eral  strut  to  the  floor  of  the  wind  tunnel.  The  merid¬ 
ian  section  of  the  forebody  (model  nose)  is  an  ellip¬ 
tical  arc  with  major  axis  270mm.  The  forebody  is 
followed  by  a  cylindrical  section  having  a  length  of 
505mm. 

The  afterbody  itself  and  the  nozzle  are  defined  in 
Fig.  2.5.5.  The  contour  of  the  afterbody  is  made 
of  rectilinear  segments,  the  shape  consisting  of  two 
successive  conical  surfaces  with  an  angle  7°  and  13°, 
respectively.  The  total  length  of  the  afterbody  is 
218mm. 

The  upstream  part  of  the  internal  arrangement  is 
made  of  a  cylindrical  duct  having  a  diameter  of  62mm. 
It  is  followed  by  a  converging  part  made  of  a  coni¬ 
cal  contour  with  an  angle  of  13°.  The  exit  diameter 
of  the  nozzle  is  equal  to  39.4mm  and  the  diameter  of 
the  extremity  of  the  afterbody  is  42mm.  As  shown  in 
Fig.  2.5.5  the  nozzle  contour  has  a  radius  over  a  dis¬ 
tance  of  3.27mm  ensuring  a  smooth  transition  from 
the  throat  diameter  to  the  diameter  of  the  afterbody 
extremity. 

The  model  was  supplied  with  high  pressure  (max. 
hajIO^Pa)  and  high  temperature  (max.  950K)  air  by 
means  of  a  tubing  system  passing  through  the  strut, 
as  shown  in  Fig.  2.5.4.  A  perforated  plate  and  a 
mixing  device  are  placed  upstream  of  the  nozzle  to 
insure  a  good  thermal  homogeneity  of  the  jet.  Stag¬ 
nation  conditions  are  measured  by  probes  installed 
in  the  settling  chamber  preceding  the  nozzle. 

The  air  is  heated  by  a  Joules  effect  electrical  heater 
located  outside  the  wind  tunnel  test  section.  The 
maximum  achievable  temperature  with  this  heater 
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Fig.  2.5.4  -  Test  Cases  A.2.1  &  A.2.2  :  General  arrangement  of  the  model 

9=0“ 


radius:  500 


pressure  orifices  ***  / 


radius 


143.55 


dimensions  In  mm 


Fig.  2.5.5  -  Test  Cases  A.2.1  &  A.2.2  :  Afterbody  definition  and  location  of  pressure 
orifices 
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is  close  to  1200K  for  a  mass  flow  rate  of  0.5kg/s 
(the  difference  between  this  temperature  and  the  jet 
stagnation  temperature  is  due  to  heat  losses  in  the 
ducts). 

The  afterbody  is  equipped  with  a  total  of  48  pressure 
orifices  located  as  shown  in  Fig.  2.5.5.  Four  rows  of 
10  orifices  were  located  on  generators  at  the  circum¬ 
ferential  positions:  =  0°,  90°,  225°  and  315°;  and 
eight  orifices  were  located  on  the  generator  ip  —  180°. 
The  abscissas  of  the  pressure  orifices  with  respect  to 
the  afterbody  extremity  are  indicated  in  Table  I. 

Ill  -  Nominal  Flow  Conditions 
Test  Case  A. 2.1:  Cold  Jet 
Outer  flow: 

Upstream  Mach  number:  Moo  =  0.8 
Stagnation  pressure:  Pjoo  =  10® Pa 
Stagnation  temperature:  Ttoo  =  300/F 
Jet  flow: 

Jet  expansion  ratio:  Ptj  /poo  —  4.8 
Stagnation  pressure:  Ptj  =  3.149xlO®Pa 
Stagnation  temperature:  T^j  =  flOO/f 
Test  Case  A. 2. 2  :  Hot  Jet 
Outer  flow: 

Upstream  Mach  number:  Moo  =  0.8 
Stagnation  pressure:  Pjoo  =  10®Pa 
Stagnation  temperature:  T^oo  =  300/1' 

Jet  flow: 

Jet  expansion  ratio:  Ptj/poo  =  4.8 
Stagnation  pressure:  Ptj  =  3. 149a:10® Pa 
Stagnation  temperature:  Ttj  =  935 A' 

The  profile  of  the  outer  flow  boundary  layer  at  a 
station  located  218mm  upstream  of  the  afterbody 


extremity  is  given  in  Annex  A.  1.1. 1.2.  These  mea¬ 
surements  have  been  executed  at  two  circumferential 
locations:  y?  =  0°  and  30°. 

IV  -  Data  Available 

The  field  measurements  are  presented  in  the  coordi¬ 
nate  system  defined  in  Fig.  2.5.5: 

-  Its  origin  0  is  located  at  the  centre  of  the  nozzle 
exit  section. 

-  The  X-axis  is  along  the  axis  of  revolution,  directed 
in  the  downstream  direction. 

-  The  Y-axis  is  along  the  radial  direction. 

The  field  measurements  were  obtained  by  using  the 
LDV  system  described  in  Section  2.2.  Due  to  the 
symmetry  of  the  flow,  the  two-component  version  of 
the  velocimeter  was  used,  with  the  forward  scattering 
mode  of  operation.  The  outer  flow  was  seeded  with 
incense  smoke  and  the  hot  jet  with  magnesium  oxide. 

The  flow  was  also  probed  by  means  of  pressure  (static 
and  Pitot)  and  temperature  probes. ,  A  wedge  type 
probe  was  used  to  determine  the  static  pressure  and 
non  ventilated  chromel-alumel  junctions  to  determine 
the  stagnation  temperature. 

The  field  properties  were  measured  in  the  form  of 
radial  profiles. 

Tables  II  and  III  give  the  measurements  made  for 
each  test  case  and  the  X  location  (in  mm)  of  the 
radial  profiles  (indicated  stagnation  conditions  are 
relative  to  the  jet). 

V  -  References 
2.5.6,  2.5.7 

VI  -  Point  of  Contact 
Dominique  REGARD 

O.N.E.R.A.  Aerodynamics  Department 
B.P.  72 

92322  CHATILLON  Cedex,  France 


OrificeN° 

1 

2 

3 

4 

5 

6 

7 

8 

9 

10 

—X{mm) 

109.14 

79.19 

59.1 

49.25 

39.01 

29.16 

24.03 

18.91 

14.18 

9.06 

—^1  Dmax 

1.039 

0.754 

0.563 

0.469 

0.372 

0.278 

0.229 

0.180 

0.135 

0.086 

p  =  0/90/225/315° 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

P  =  180° 

X 

X 

X 

X 

X 

X 

X 

X 

Table  I  :  Locations  of  Pressure  Orifices  on  the  Axisymmetric  Cold/Hot  Jet  Model 
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^  tj  /  poo 

Wallpres. 

Fieldpres.ktemp. 

LDV 

300 

4.8 

yes 

yes 

no 

935 

4.8 

yes 

no 

yes 

Table  II  :  Measurements  Executed  on  the  Axisymmetric  Cold/Hot  Jet  Model 


TesiCase 

A.2.1 

X{mm) 

25.5 

51 

75.5 

135 

^  /  Drriax 

0.243 

0.484 

0.719 

0.719 

1.287 

TestCase 

A.2.2 

X{mm) 

4.2 

8.7 

21 

42 

46 

51 

75.5 

100 

135 

^  /  ^max 

0.0413 

0.0825 

0.200 

0.400 

0.438 

0.484 

0.719 

0.952 

1.287 

Table  III  :  Location  of  Exploration  Planes 


2. 5. 3. 3.  Test  Cases  A. 3.1  and  A. 3. 2:  Twin  Jet 
Cold  Flow 

I  -  Wind  Tunnel 

These  experiments  have  been  conducted  in  the  ON- 
ERA  S3Ch  wind  tunnel  already  described  in  2. 5. 3.3 
and  equipped  with  solid  walls  in  the  present  case. 

II  -  Model  Configuration  and  Installation  in  Wind 
Tunnel 

The  general  shape  of  the  model  is  defined  in  Fig. 
2.5.6.  The  afterbody  is  fixed  to  a  forebody,  equipped 
with  a  rounded  nose,  attached  to  the  wind  tunnel 
wall  by  a  lateral  strut  swept  at  an  angle  of  45°.  The 
overall  length  of  the  model  is  927mm.  The  forebody 
has  a  maximum  height  of  110mm  and  a  thickness 
of  55mm.  In  the  normal  arrangement,  the  model 
is  fixed  on  the  lower  wall  of  the  wind  tunnel  test 
section:  this  defines  the  ’’horizontal”  and  ’’vertical” 
planes  (or  sections)  used  for  the  model  description. 
The  afterbody  itself,  the  emerging  part  of  the  nozzles 
being  excluded,  has  a  total  length  of  165mm.  This 
afterbody  is  terminated  by  a  flat  base  from  which 
the  two  nozzles  emerge. 

The  cross  section  of  the  model  nose  is  made  of  two 
rectilinear  segments  and  two  half  circles,  as  shown 
in  Fig.  2.5.6.  The  axial  evolution  of  this  section 
is  defined  by  the  contours  of  the  nose  in  the  hori¬ 
zontal  and  vertical  planes.  The  definitions  of  these 
contours  are  given  by  considering  a  system  of  coordi¬ 
nates  whose  origin  is  placed  at  the  nose,  the  X-axis 
being  horizontal  and  directed  in  the  downstream  di¬ 
rection,  the  Y-axis  contained  in  a  horizontal  plane 
and  the  Z-axis  in  a  vertical  plane  (see  Fig.  2.5.7). 


The  two  contours  are  defined  by  strings  of  coordinate 
points  (X,Y,Z)  tabulated  in  Tables  IV  and  V  placed 
at  the  end  of  the  Section.  Considering  first  the  verti¬ 
cal  section  (see  Table  IV),  the  contour  is  described  by 
starting  from  a  section  located  at  X  —  406.235mm, 
on  the  upper  body,  going  towards  the  nose  and  con¬ 
tinuing  on  the  lower  body  to  a  station  coincident 
with  the  leading  edge  of  the  strut.  The  contour  in 
the  horizontal  plane  is  defined  in  the  same  way  by 
starting  from  X  =  451.809mm  on  one  side,  turning 
around  the  nose,  and  stopping  at  X  —  451.839mm 
on  the  other  side. 

In  fact,  the  contours  are  variable  over  a  length  L  = 
310mm.  Downstream,  the  section  of  the  model  is 
constant  over  a  length  of  240mm.  Then,  there  is 
a  slight  slope  to  insure  continuity  with  the  afterbody 
whose  upstream  maximum  height  is  equal  to  105mm. 

The  shape  of  the  afterbody  itself  is  defined  by  strings 
of  coordinate  points  in  a  system  defined  in  Fig.  2.5.8. 

-  The  origin  O  is  in  the  plane  of  the  base. 

-  The  longitudinal  axis  is  along  the  model  general 
axis,  oriented  from  base  to  nose. 

-  The  Y-axis  is  contained  in  the  base  plane  and  ori¬ 
ented  from  the  ”lee-side”  to  the  ”windward-side”  of 
the  model. 

-  The  Z-axis  is  contained  in  the  base  plane  and  ori¬ 
ented  in  the  transverse  direction  as  shown  in  Fig. 
2.5.8. 

The  plane  Y  =  0  is  a  plane  of  symmetry  for  the 
afterbody. 
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Fig.  2.5.6  -  Test  Cases  A.3.1  &  A.3.2  :  General  arrangement  of  the  model 


Fig.  2.5.7  -  Test  Cases  A.3.1  &  A.3.2  :  System  of  coordinates  used  for  the  definition 
of  the  nose  contour 


The  shape  of  the  afterbody  is  defined  by  a  set  of 
about  40,000  points  (X,Y,Z)  contained  in  two  1.4 
Mo,  3.5”  disquettes.  The  first  165  values  are  the  X 
coordinates  of  the  line  Z  =  0  in  the  afterbody  upper 
surface.  The  following  records  define  the  afterbody 
contour  in  X  =  constant  planes  (from  X  =  0  to  X 
=  165mm  with  a  step  of  1mm).  A  CATIA  definition 
of  the  afterbody  is  also  available. 

The  two  nozzles  are  axisymmetric  and  identical  (see 
Fig.  2.5.9).  In  the  ’’normal”  position  of  the  model, 
their  axes  are  contained  in  a  vertical  plane  and  sepa¬ 
rated  by  a  distance  of  46mm.  Their  geometry  is  given 
in  Fig.  2.5.10.  The  upstream  settling  chamber,  con¬ 
taining  a  set  of  filters  and  grids,  has  a  diameter  of 
36.2mm.  This  chamber  is  followed  by  two  successive 
converging  sections  with  convergence  angles  of  10° 


and  54°.  The  diameter  of  the  throat  is  20.9  mm. 
This  ’’primary”  nozzle  is  followed  by  a  ’’secondary” 
nozzle  made  of  a  converging  wall  of  angle  5°,  with 
exit  diameter  of  29.22mm.  In  the  experiments,  the 
secondary  flux  was  not  simulated.  The  outer  contour 
of  the  emerging  part  of  the  nozzle  is  rectilinear  with 
a  slope  of  15° . 

The  emergence  length  of  the  nozzles,  with  respect  to 
the  base,  is  equal  to  18.62mm. 

In  order  to  represent  possible  blockage  effects,  a  pre¬ 
cise  definition  of  the  test  section,  model  location  and 
support  are  given  in  Fig.  2.5.11. 

In  its  entrance  plane,  the  test  section  has  a  height  of 
764mm  and  a  span  of  803mm.  The  two  side  walls  are 
rectilinear  and  parallel.  The  upper  and  lower  walls 
are  rectilinear  and  have  a  divergence  angle  of  0.42° 
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for  Test  Case  A.3.1  and  of  0.50°  for  Test  Case  A. 3. 2, 
starting  from  the  entrance  section. 

The  model  is  located  at  a  position  such  that  the  base 
is  at  1324mm  from  the  entrance  plane  of  the  test 
section.  The  model  axis  is  at  378mm  from  the  tunnel 
lower  wall  and  at  equal  distance  from  the  two  side 
walls. 

The  shape  of  the  strut  supporting  the  model  is  de¬ 
fined  in  Fig.  2.5.12.  The  normal  cross  section  of 
the  strut  is  made  of  a  modified  NACA  64004  pro¬ 
file  with  a  maximum  thickness  of  13.6mm,  at  40%  of 
the  leading  edge,  and  a  total  chordlength  of  176mm. 
The  shape  in  the  leading  edge  region  is  made  of  a 
rectilinear  part,  over  a  distance  of  0.025%,  tangent 
to  the  NACA  profile  and  to  a  radius  of  0.2mm  at  the 
leading  edge.  The  strut  is  swept  at  an  angle  of  45° . 
The  junction  between  the  strut  and  the  model  is  at 
314mm  from  the  model  nose  (see  Fig.  2.5.12),  a  ra¬ 
dius  of  10mm  insuring  a  smooth  transition  between 
the  strut  and  the  model. 


The  stagnation  conditions  of  the  jets  (pressure  and 
temperature)  were  measured  by  probes  installed  in 
the  settling  chamber. 

The  upstream  Mach  number  Moo  is  determined  from 
the  static  pressure  given  by  an  orifice  located  in  the 
middle  of  a  side  wall,  380mm  downstream  of  the  test 
section  entrance  plane. 

The  afterbody  was  equipped  with  55  pressure  ori¬ 
fices,  their  arrangement  being  given  in  Fig.  2.5.13. 
Seven  orifices  are  on  the  base,  in  the  inter-nozzle 
space,  and  the  others  are  located,  on  rows  designated 
by:  A,  B  ,C,  D,  E  and  F,  on  the  afterbody  and  by  a, 
b,  c,  d  and  e  on  the  nozzle.  Lines  c,  b,  d  and  e  are  in 
the  continuation  of  lines  A,  F,  B  and  C,  respectively. 
The  angular  positions  of  these  lines  are  given  in  Fig. 
2.5.13.  On  each  row,  the  orifices  are  at  the  same 
X  locations  which  also  coincide  with  the  locations 
of  the  LDV  exploration  planes  (see  Table  VI).  The 
results  given  in  Annex  A.  1.1. 1.4  are  plotted  with  a 
distance  scaled  to  the  nozzle  length  Ljv  =  18.62mm. 


lee  side 


Fig.  2.5.8  -  Test  Cases  A.3.1  &  A.3.2  :  Afterbody  definition 


378 


86 


leeward  side 
12mm 
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Fig.  2.5.13  -  Test  Cases  A.3.1  &  A.3.2  :  Location  of  the  pressure  orifices 
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III  -  Nominal  Flow  Conditions 
Test  Case  A.3.1  (blockage  effects): 

Outer  flow: 

Upstream  Mach  number:  Mqo  =  0.85 
Stagnation  pressure;  Ptoo  =  10® Pa 
Stagnation  temperature:  T<co  =  300A' 

Jet  flow: 

Jet  expansion  ratio:  /p^  =  5 

Stagnation  pressure:  P^j  =  3.118a;10®Pa 
Stagnation  temperature:  T,t  =  300/v 
Test  Case  A. 3.2: 

Outer  flow: 

Upstream  Mach  number:  M^o  ~  0.80 
Stagnation  pressure:  Ptoo  =  10® Pa 
Stagnation  temperature:  Ttoo  =  300X 
Jet  flow: 

Jet  expansion  ratio:  Ptj/Poo  =  5 
Stagnation  pressure:  Ptj  —  3.1182:10®Pa 
Stagnation  temperature:  P,*  =  SOOP 
The  properties  of  the  incoming  boundary  layer  at 
station  X  =  —70mm,  upstream  of  the  base  are  as 
follows: 

-  Physical  thickness:  6  =  7mm 

-  Incompressible  shape  parameter;  Hi  =  1.3 

The  LDV  measurements  were  not  fine  enough  to  pre¬ 
cisely  define  the  velocity  profile  of  this  boundary 
layer.  A  distribution  suitable  for  the  calculations 
can  be  deduced  from  the  given  values  of  6  and  Hi  by 
means  of  an  analytical  representation  (e.g.,  Coles  or 
Whitfield  profiles).  The  properties  of  the  boundary 
layer  can  be  assumed  constant  around  the  afterbody 
at  that  location. 

IV  -  Data  Available 

The  flow  field  measurements  were  obtained  by  using 
the  three-component  version  of  the  ONERA  LDV 
system  depicted  in  Section  2.2.  Because  of  the  high 
velocities  to  be  measured,  the  forward  scattering  mo¬ 
de  of  operation  was  used.  To  allow  measurements 
around  the  entire  afterbody,  a  set  of  data  was  col¬ 
lected  with  the  model  strut  mounted  on  the  wind 
tunnel  lower  wall  (the  so-called  ’’normal”  position) 
and  a  second  set  was  collected  with  the  support  fixed 
on  one  of  the  wind  tunnel  side  walls  (Test  Case  A.3.1 
only).  The  outer  flow  was  seeded  with  particles  of  in¬ 
cense  smoke  injected  through  an  injector  placed  well 
upstream  of  the  test  section. 

In  a  first  series  of  experiments,  the  jets  were  not 
seeded  because  of  difficulties  then  encountered  in  in¬ 
troducing  particles  in  a  high  pressure  flow. 

The  LDV  measurements  are  presented  in  the  coordi¬ 
nate  system  defined  in  Fig.  2.5.17: 


-  Its  origin  is  located  in  the  plane  of  the  base  at 
the  intersection  of  the  symmetry  plane  and  the  plane 
containing  the  nozzle  axes. 

-  The  X-axis  is  parallel  to  the  nozzle  axis  and  oriented 
in  the  upstream  direction. 

-  The  Z-axis  goes  through  the  centres  of  the  nozzle 
traces  in  the  plane  of  the  base. 

-  The  Y-axis  completes  the  system  and  is  oriented 
from  the  windward  to  the  lee-side  of  the  afterbody. 

For  Test  Case  A.3.1,  the  LDV  measurements  have 
been  obtained  in: 

-  8  (Y,Z)  planes,  normal  to  the  X-axis,  located  up¬ 
stream  of  the  nozzle  exit  sections  and  containing  the 
surface  pressure  orifices  and, 

-  5  (Y,Z)  planes  passing  downstream  of  the  nozzle 
exit  sections. 

The  X  locations  of  these  planes  are  given  in  Table 
VII: 

The  domain  explored  with  the  LDV  system  for  Test 
Case  A.3.1  is  shown  in  Fig.  2.5.14.  Each  plane 
contained  several  hundred  measurement  points,  the 
maximum  being  600.  At  each  point,  the  available 
quantities  are  the  three  mean  velocity  components 
and  the  six  distinct  components  of  the  Reynolds  ten¬ 
sor.  Schlieren  photographs  and  surface  flow  visual¬ 
izations  were  recorded. 

In  order  to  have  a  more  precise  description  of  the 
flow  in  the  vicinity  of  the  afterbody,  a  second  series 
of  LDV  measurements  has  been  executed,  for  the  two 
test  cases  along  the  exploration  lines  defined  in  Fig. 
2.5.15. 

-  Nine  exploration  lines  are  contained  in  the  plane  Y 
=  0,  extending  from  Z  =  —15mm  {Z/Lj^  —  —0.967) 
toZ  =  &hmm[Z / —  3.491),  their  abscissas  (with 
X  axis  oriented  from  nose  to  base)  varying  from  X  = 
—20mm  to  X  =  60mm  (or  X/Ln  =  —1.074  to 
X/Ln  -  3.222). 

-  The  space  between  the  nozzles  has  been  probed 
along  lines  contained  in  the  planes  whose  location  is 
given  in  Table  VIII: 

In  each  of  these  planes,  the  explorations  have  been 
executed  for  Z  varying  between  Z  =  —8mm  to  Z  = 
8mm  {Z/Lff  from  -0.430  to  0.430),  by  step  of  2mm 
(  AZ/Ln  =  0.107),  and  Y  between  Y  =  —25mm  to 

Y  —  25mm  {Y/Lj^  from  —0.806  to  1.343)  by  step  of 
5mm  (AY/Ln  =  0.269). 

The  boundary  layers  above  and  below  the  afterbody 
have  been  probed  in  the  plane  Y  =  0  at  X  =  -170mm. 

V  -  References 
2.5.8,  2.5.9 

VI  -  Point  of  Contact 

Jean  DELERY 
O.N.E.R.A. 

Aerodynamics  Department 
92322  CHATILLON  Cedex,  France 
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Test  Cases  A.3  :  Photograph  of  the  model  installed  in  the  S3Ch  wind  tunnel 
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X(inm) 

-68 

-45 

-20 

-7.5 

2.1 

7 

11.8 

13.8 

XflM 

-3.651 

-2.417 

-1.074 

-0.403 

0.113 

0.376 

0.634 

0.711 

Table  VI  :  Locations  of  the  Sections  Containing  the  Pressure  Orifices  for 
the  Twin  Jet  hlodel  (X  axis  oriented  nose  to  base). 


’’Upstream”  planes: 


X{mm) 

68 

45 

20 

7.5 

-2.1 

-7 

-11.8 

-13.8 

XILn 

3.652 

2.417 

1.074 

0.403 

-0.113 

-0.376 

-0.634 

-0.741 

’’Downstream”  planes: 


X{mm) 

-21 

-37 

-53 

-70 

-120 

X/Lr, 

-1.128 

-1.987 

-2.846 

-3.759 

-6.445 

Table  VII  :  Locations  of  Planes  Explored  with  the  LDV  System  for  the 
*•  Twin  Jet  Model.  Test  Case  A. 3.1  (X  axis  oriented  base  to  nose) 


X{mm) 

2.5 

5 

7.5 

10 

12.5 

15 

17.5 

X/Ln 

0.134 

0.269 

0.403 

0.537 

0.671 

0.806 

0.940 

Table  VIII  :  Location  of  LDV  Explorations  Between  the  Nozzles 


2.6  Computational  Results  and  Evaluation 
2.6.1  Preliminary  remarks. 

The  cases  in  Series  A  were  chosen  to  constitute  a  data 
base  allowing  an  accurate  validation  of  fundamental 
flows  using  CFD.  The  organizations  involved  in 
computing  these  fundamental  test  cases  are  listed  in  the 
following  figure. 


Ref 

A.2.1 

A.2.2 

Aerospatiale 

N15 

Dassault  Aviation 

N13 

Me  Donnell  Douglas 

N09 

NASA  Langley 

NIO 

ONERA 

N14 

Rolls-Royce 

N05 

Sneema 

N03 

Fig.  2.6-1 

The  different  organizations  have  provided  data  mainly 
on  test  case  A. 2. 2.  There  is  no  contribution  for  cases  A.  1 
and  A.3,  and  only  a  few  on  case  A.2.1.  This  does  not 
question  either  the  choice  of  the  fundamental  cases  or 
the  quality  or  the  accuracy  of  these  e.xpcrimental  data.  In 
fact,  the  main  reasons  why  no  entries  have  been 
delivered  concerning  A1  and  A3  lie  both  in  time 
constraints  (the  revised  version  of  A3  has  been  available 
with  a  delay)  as  well  as  money  constraints  (manpower 
and  CPU  costs). 

Nevertheless,  experimental  data  for  every  Series  A  case 
presented  in  this  report  (see  Appendix  A),  is  without 
doubt,  veiy  helpful  to  validate  present  and  future  CFD 
codes. 

The  major  features  of  the  Series  A  cases  have  already 
been  deseribed  in  the  previous  chapter.  On  the  one  hand 
these  relatively  simple  geometries  highlight  some 
important  properties  of  the  typical  flowfield  surrounding 
an  afterbody  (base  flow  in  case  A.l.  thermal  effects  in 
case  A.l,  and  twin  jets  in  case  A.3).  On  the  other  hand, 
the  volume,  variety  and  quality  of  measurements  enable 
an  accurate  validation  of  codes. 

The  presentation  of  the  comparison  between 
e.xperimental  data  and  numerical  results  in  the  next 
section  is  structured  according  to  the  different  physical 
properties  and  sorted  along  physieal  complexity  ;  the 
evaluation  of  the  codes  ability  to  simulate  such  flows 
goes  from  the  classical  validation  based  on  wall  pressure 
distributions  to  precise  comparisons  dealing  with 
turbulent  quantities. 

The  purpose  of  this  work  is  not  to  establish  a 
classification  between  the  different  contributors  or  c\  en 
between  the  different  numerical  methods  or  turbulence 
models  used.  Drawing  such  a  conclusion  is 
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unfortunately  a  hard  task,  for  some  approaches  may  suit 
the  simulation  of  a  particular  phenomenon,  whereas 
some  others  are  preferable  to  simulate  another  zone  of 
the  flowfield.  Furthermore,  the  comparisons  presented 
herein  are  only  carried  out  on  axisymmetric 
configurations,  the  extrapolation  of  the  conclusions 
made  to  any  kind  of  geometries  and  especially  to  3D 
configurations  is  rather  dangerous. 

It  seems  more  appropriate  to  consider  these  data  as  a 
mere  snapshot  of  the  present  state  of  the  art  in  the  field 
of  CFD,  and  tiy  to  determine  some  guidelines  to 
improve  methods. 


2.6.2  Case  A.2 

2.6.2. 1  Description  of  the  flow  features 

Unfortunately  no  entries  were  received  for  test  cases  A.  1 
and  A.3.  Therefore,  the  only  test  cases  to  be  discussed  in 
the  following  will  be  A.2. 1  and  A.2. 2. 

The  test  ease  A.2  is  dedicated  to  the  study  of  thermal 
effects.  Two  runs  are  considered  :  a  cold  jet  (with 
T(j=300K)  and  a  hot  jet  (with  Ty=935K)  issuing  from 
the  axisj'mmetric  afterbody.  These  total  temperatures  of 
the  jet,  applied  to  otherwise  identical  flow,  enable  the 
extraction  of  thermal  effects.  The  latter  appear  not  only 
in  the  development  of  the  jet  but  also  in  the  pressure 
distribution  of  the  afterbody. 

A  boundary  layer  develops  around  the  body,  starting 
from  the  stagnation  point.  A  velocity  profile  at 
X/Dmax~‘2-076  (end  of  the  cj'lindrical  part  of  the 
model)  is  shown  in  Fig.  A5.1-19.  Pressure  distributions 
along  longitudinal  rows  are  shown  in  Fig.  2.5-5.  A  low 
pressure  zone  is  found  where  the  afterbody  slope 
changes.  It  is  followed  by  a  recompression,  peaking  at 
the  trailing  edge  of  the  nozzle. 

Viscous  effects  can  interx'cne  if  the  pressure  rise  on  the 
nozzle  is  too  large  to  be  sustained  by  the  boundary  layer, 
resulting  in  a  separated  zone.  Should  this  happen,  the 
downstream  pressure  distribution  would  be  altered,  and 
its  le\’cl  would  exhibit  a  plateau.  From  the  experimental 
pressure  results.  Fig.  A5.1-20  to  Fig.  A5.1-30,  a  steady 
pressure  rise  is  obscrv'cd,  with  a  slight  drop  in  Cp  slope 
near  the  nozzle  exit.  Hence,  it  can  be  claimed  that  the 
boundary'  layer  remains  grossly  attached  in  the  major 
part  of  the  afterbody,  regardless  of  the  thermal  effects. 
At  the  end  of  the  nozzle,  despite  the  Cp  evolution,  no 
evidence  of  separation  can  be  found. 

A  weaker  pressure  rise  is  found  for  the  heated  jet  (case 
A2.2)  on  the  trailing  edge  of  the  nozzle.  It  should, 
however,  be  noticed  that  this  portion  is  directly  subject 
to  heat  conduction  from  the  adjacent  hot  jet  since  the 
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insulating  tube  inside  the  model  ends  before  the  trailing 
edge  of  the  nozzle  at  X/Dn^j,;^=-0.55,  as  can  be  seen  on 
Fig.2.5.4  and  Fig.2.5.5.  This  behaviour  could  be  the 
result  of  the  thickening  of  the  boundary  layer  due  to  the 
heat  release. 


Fig.  2.6.3  for  the  A.2.2  hot  test  case.  Both  exhibit  the 
usual  features  of  underexpanded  axisymmetric  jets  ; 
expansion,  foealization  of  pressure  waves  into  a  Mach 
disk,  and  again  expansion.  No  dramatic  difference  can 
be  found  due  to  the  presence  of  thermal  effects. 


Fig.2.6-2  Flovvfield  Schlieren  picture  for  Case  A. 2.1 


The  accuracy  of  the  pressure  distribution  on  the  rear 
facing  parts  of  the  afterbody  is  crucial  for  drag 
predictions.  Unfortunately,  in  this  region,  large 
discrepancies  are  often  found  and  consequently  lead  to 
scattered  drag  predictions.  Therefore,  a  great  deal  of 
attention  has  to  be  paid  to  this  region. 

Besides  the  classical  pressure  results,  A2  test  case 
provides  information  on  field  quantities  thanks  to  a  2D 
Laser  Doppler  Velocimetry  (LDV)  suA'ey.  Both  mean 
velocity  and  turbulence  profiles  have  been  surveyed  at 
different  locations  :  starting  from  X/Dj^^3j^=0.0413  to 
X/Dmax^  1-287.  The  first  one  stands  just  close  to  the 
nozzle  exit.  At  this  station,  the  trace  of  the  boundary 
layer  and  the  high  shear  at  the  lateral  border  of  the  jet 
can  be  observed  on  mean  velocity  profiles  (see  Fig. 
A5.1-31).  The  next  stations  exhibit  some  levelling  of  the 
profiles  :  the  velocity  defect  of  the  wake  is  being  filled 
and  the  shear  is  smeared. 

Turbulence  profiles  reveal  the  high  production  region 
found  in  the  shear  layer.  However,  the  absolute  value  of 
the  experimental  spikes  at  the  two  first  locations  seems 
to  be  grossly  overestimated  with  a  fluctuation  of  the 
order  of  the  mean  veloeity!.  This  spurious  level  might  be 
due  to  vibrations  of  the  model,  which  would  induce  an 
additional  signal,  therefore  spoiling  the  real  fluctuating 
velocity  measurements.  Nevertheless,  it  should  be 
noticed  that  the  downstream  locations  give  more 
realistic  values. 

The  flow  issuing  from  the  converging  nozzle  has  a 
higher  pressure  than  the  outer  flow.  Therefore,  the  jet  is 
underexpanded  and  adapts  itself  to  the  environment 
through  a  train  of  Mach  cells.  The  typical  arrangement 
of  these  pressure  waves  can  be  observ'ed  on  Schlieren 
pictures  ;  see  Fig.  2.6-2  for  the  A. 2,1  cold  test  case  and 


Fig.2.6-3  Flowfield  Schlieren  picture  for  Case  A.2.2 


2. 6.2.2  Presentation  of  different  numerical  approaches 

The  quality  of  a  particular  numerical  simulation  is  not 
only  a  matter  of  numerical  scheme  or  turbulence  model 
efficiencies.  In  fact,  the  simulation  process  also  takes 
into  account  pre  and  post-processing  steps  (including 
grid  generation)  which  are  likely  to  have  a  large 
influence  on  the  final  evaluation  of  the  results. 


Experimental  simulation  reliability. 

The  A. 2  geometry  is  a  single  isolated  axisymmetric 
nozzle  tested  at  two  different  stagnation  temperatures  in 
the  jet  flow  :  a  cold  jet  (case  A.2.1)  and  a  hot  jet  (case 
A.2.2).  The  external  Mach  number  is  0.8.  The  main 
interest  of  these  configurations  lies  in  the  amount  and 
the  accuracy  of  the  available  data  for  afterbody  pressure 
distributions,  mean  velocity  and  turbulent  quantities 
profiles  in  the  jet.  Such  a  test  case  is  very  useful  for  the 
validation  of  codes. 

However,  in  order  to  perform  any  accurate  code 
validation,  it  is  essential  to  make  sure  that  the  computed 
test  case  is  similar  to  the  actual  experimental  test  case. 
This  problem,  which  seems  quite  obvious,  is  all  the 
more  cnicial  as  the  comparisons  are  based  on  turbulent 
quantities.  For  the  latter  parameters,  any  small 
difference  in  the  geometry  may  cause  large 
discrepancies  between  experimental  and  theoretical 
profiles. 

The  two  major  sources  of  differences  are  the 
uncertainties  due  to  the  experimental  simulation 
(upstream  conditions  qualification,  influence  of  wind 
tunnel  wall  on  the  flow  surrounding  the  model,  blockage 
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effects,  in  the  present  case  tridimensional  effects  due  to 
the  strut  supporting  the  model,  and  thermal  deformation 
of  the  strut  and  the  model...),  and  the  uncertainties  due 
to  the  numerical  definition  of  the  test  case  (geometry 
and  grid  discretization,  choice  of  the  boundary 
conditions,  choice  of  the  computational  domain...). 
These  two  sides  of  the  simulation  reliability  must  be 
handled  veiy  carefully  to  correctly  evaluate  the 
performances  of  the  numerical  method  itself 

The  experimental  arrangement  of  the  model  is 
presented  in  the  following  figure  (a  more  extensive 
description  of  test  case  A.2  has  been  provided  in  chapter 
2.5). 


Fig.  2.6-4  Geometry  for  Case  A.2 


There  are  four  main  concerns  about  this  experimental 
apparatus  : 

(i)  the  evaluation  and  the  homogeneitj'  of  upstream 
external  conditions, 

(ii)  the  three  dimensional  effects  due  to  the  strut 
supporting  the  model, 

(iii)  the  reliability  of  the  LDV  measurements  (seedings), 

(iv)  and  the  thermal  and  mechanical  resistance  of  the 
model. 

With  regards  to  the  first  two  problems  (i),  (ii),  in  order 
to  quantify  the  c.xternal  incoming  flowfield,  a 
preliminary  sur\'ey  of  the  flowfield  upstream  of  the 
afterbody  (station  X/D^g^=-2.076)  was  conducted 
during  the  experiments.  The  pitot  pressure  profiles 
measured  at  12  different  circumferential  positions  (cp=0° 
up  to  (p=330°)  show  that  the  influence  of  the  stmt  wake 
is  restricted  to  a  region  of  the  flow  no  more  than  30° 
either  side  of  the  stmt  ((p=150°  to  (p=210°).  The 
remaining  region  of  the  flow  is  quite  homogeneous,  and 
the  axisymmetric  hypothesis  seems  valid  (which  is 
confirmed  by  the  measured  afterbody  pressure 


distributions,  and  a  posteriori  by  the  computations 
performed).  Furthermore,  the  use  of  perforated  or 
adapted  wall  in  the  wind  tunnel  essentially  eliminates 
flow  perturbations  due  to  the  presence  of  walls  in  the 
vicinity  of  the  model. 

A  third  concern  calls  to  LDV  reliability  (iii).  It  is 
important  to  realize  that  LDV  results  are  given  tvith  two 
independent  means  of  seeding  :  inside  (hot  jet)  and 
outside  (cold  flow)  with  different  particles.  In  this  way, 
the  actual  profile  lies  somewhere  between  the  two 
corresponding  values.  The  discrepancy  may  be  due  to 
dilTerent  response  of  the  particles  to  the  acceleration  of 
the  flow. 

the  last  point  (iv)  is  the  most  serious.  Due  to 
mechanical  and  thermal  loads,  the  precise  location  of 
the  model  afterbody  in  the  wind  tunnel,  may  change 
during  a  survey,  firstly  with  an  overall  movement 
(thermal  effects),  and  secondly  with  vibrations  around 
the  mean  position  (mechanical  effects).  The  overall 
displacement  of  the  afterbody  is  not  critical.  A  unique 
reference  point  on  the  model  was  used  between  two 
different  runs  so  that  the  LDV  grid  was  attached  to  the 
model.  Moreover  the  displacement  had  a  small 
magnitude.  In  the  data,  the  consequences  are  evident  on 
the  mean  radial  velocity  profiles  where  w  is  not  equal  to 
0  along  the  axis  of  sj'mmetry. 

Vibrations  have  a  strong  influence  on  the  turbulent 
quantities  profiles  just  downstream  of  the  afterbody 
trailing  edge.  Therefore  the  turbulent  quantities  profiles 
at  X/Dfp3j^=0.04 1 3  and  X/D ^3^=0.0825  could  be  no 
longer  reliable.  Mean  velocity  profiles  are  less  modified. 


Computational  domain  extent. 

One  of  the  first  issues  in  the  numerical  simulation  of  test 
case  A.2  is  the  choice  of  the  computational  domain.  The 
choice  of  the  actual  tridimensional  geometiy  does  not 
seem  realistic.  The  cost  of  such  a  calculation  is 
prohibitive.  If  fewer  points  are  used,  the  calculation  of 
the  entire  geometiy'  may  lack  accuracy  in  the  model 
vicinity,  which  represents  the  initial  scope  of  this  work. 

In  fact,  all  the  calculations  presented  herein  were 
performed  on  an  axisymmetric  geometry  (i.e.  without 
the  strut).  Nevertheless,  two  different  computational 
domains  were  adopted. 

The  first  approach  (Contributions  N09,  NIO  and  N14) 
was  to  take  into  account  the  whole  geometry  (forebody, 
cylindrical  section  and  afterbody)  with  the  axisymmetric 
assumption  (see  figure  2.6-5).  This  choice  simplifies  the 
upstream  boundaty  conditions  (uniform  subsonic  flow), 
but  on  the  other  hand  the  mesh  generation  and  the 
complete  calculation  arc  a  bit  more  complex.  However, 
for  axisymmetric  configurations  such  additional 
complexity  is  of  minor  importance. 
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Another  problem  with  this  specific  domain 
decomposition  is  the  necessity  to  formulate  an 
hypothesis  about  the  nature  of  the  boundary'  layer,  and 
more  especially  about  the  transition  location.  Without 
any  further  information,  it  is  best  to  assume  that  the 
boundaiy  layer  remains  turbulent  from  nose  to  tail. 
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Fig.  2.6-5  Computational  domain  for  Case  A.2 
(Grid  from  Contribution  NIO) 


Fig.  2.6-6  Computational  domain  for  Case  A.2 
(Grid  from  Contribution  N13) 


The  second  possible  choice  of  computational  domain 
was  to  limit  its  extent,  and  begin  the  calculation  in  a 
section  located  in  the  cylindrical  section  of  the  model 
(see  Fig.  2.6-6).  This  configuration  has  been  favoured  by 
Contributors  N03,  N06,  N13  and  N14.  The  problem  is 
then  to  specify  the  right  inflow  conditions  at  the 
upstream  face  of  the  domain  :  both  the  outer  flow  since 
near  the  cylindrical  section  of  the  model  the  Mach 
number  may  be  dilTerent  from  and  the  boundary' 
layer  which  is  very  dependent  on  the  history  of  the  flow 
past  the  forebody.  Some  information  are  provided  by  the 
experimental  data  available  at  station  X/Dp.,g^=-2.076 
(pitot  pressure  profiles  and  wall  static  pressure),  but 
there  still  remain  some  uncertainties  about  the 
temperature  and  turbulent  quantities  profiles. 


Nozzle  trailing  edge. 

The  configuration  tested  in  the  A.2  cases  has  no  base, 
and  the  throat  shape  is  circular  (sec  Fig.  2.6-7).  This  is 
for  sure  a  theoretical  geometry  because  during  the 
e.xperiments,  due  to  thermal  loads,  some  slight  losses  of 
shape  may  occur  in  this  particular  region.  In  that 
context,  two  of  the  contributors  (NIO,  NI4)  have 
considered  either  a  rearward-facing  base  area  (see  Fig. 
2.6-8),  or  a  nozzle  trailing  edge  bluntness  (see  2.6-9).  In 
particular,  contributor  NIO  has  tried  to  assess  the  impact 
of  the  trailing  edge  shape  for  this  A2  test  case  on  the 
flow  feature  by  simulating  the  flow  surrounding 
different  trailing  edge  shapes  with  the  same  numerical 
method.  The  comparison  between  the  CFD  predictions 
on  the  nominal  and  the  blunt  trailing  edge  geometries 
are  presented  and  discussed  in  Section  2. 6.2. 3.  As  a 
preliminary  conclusion,  the  influence  of  the  trailing 
edge  shape  on  the  wail  pressure  distribution  seems  to  be 
very  small,  whereas  the  plume  immediately  downstream 
of  the  nozzle  trailing  edge  is  largely  affected  (see  the 
mean  velocity  profiles). 

More  information  are  available  in  Section  3.5  which 
contains  some  evaluations  of  the  influence  of  the 
geometrical  treatment  of  the  trailing  edge  on  CFD 
results. 


Fig.  2.6-7  Nominal  geomctiy  provided  for  Cases  A.2 
(Grid  from  Contribution  N03) 


The  trailing  edge  geometry'  had  considerable  impact  on 
the  initial  e.xpansion  wave  shape  propagating  from  the 
trailing  edge  to  the  centreline.  Downstream  of 
0.1,  the  impact  is  more  viscous  and  turbulence  effects 
than  geometry. 
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(u'\w'\u'\v').  The  turbulent  energy  k  is  derived  with 
the  assumption  : 


“;i'_  u'^  +w'^ 


On  the  other  hand,  from  the  CFD  point  of  view,  the 
amount  of  data  available  depends  on  the  turbulence 
model  used  for  the  simulation  : 

-  the  algebraic  models  generally  provide  the 
turbulent  viscosity  (Baldwin-Lomax,  Cebeci-Smith, 
Michel...), 


Fig.  2.6-8  Geometry  with  a  rearward-facing  base 
(Grid  from  Contribution  N14) 


-  the  models  with  one  or  two  transport 
equations  provide  the  values  of  the  turbulent  energy  k 
and/or  the  turbulent  dissipation  s  and  the  turbulent 
viscosity  pj  (Jones-Laundcr,  Chien,  Baldwin-Barth, 
Spalart-Allmaras...), 


Fig.  2.6-9  Geometry  with  a  blunt  trailing  edge 
(Grid  from  Contribution  NIO) 


Turbulent  quantities  evaluation. 

The  final  step  of  the  validation  process  is  obviously  the 
comparison  between  the  experimental  data  and  the 
results  provided  by  the  numerical  simulation.  It 
generally  requires  post-processing  of  the  numerical 
results  calling  for  some  classical  laws.  Concerning  most 
of  the  quantities  such  as  mean  velocity  components, 
Mach  number  or  pressure  distributions,  this  operation  is 
straightforward.  But  as  far  as  the  turbulent  quantities  are 
concerned,  the  derivations  may  be  ambiguous  because 
they  require  some  additional  hypotheses,  and  from  one 
contributor  to  another,  these  assumptions  may  change. 

In  order  to  clarify  the  comparisons  presented  in  the 
following  section,  it  seems  important  to  formulate  the 
hj^iotheses  adopted  to  derive  the  turbulent  quantities. 

In  the  first  place,  from  the  experimental  point  of  view, 
the  data  available  by  LDV  measurements  arc  the  mean 

flowfield  properties  (u,w).  and  the  turbulent  properties 


-  and  the  second  order  closure  models  (or 
Reynolds  stress  models)  provide  the  complete  set  of 
Reynolds  stresses. 

For  the  latter  kind  of  turbulence  models,  the  comparison 
between  CFD  and  experimental  data  can  be  carried  out 
without  any  ambiguity  because  it  does  not  require  any 
specific  post-processing  since  the  data  available  from 
both  sides  are  the  same. 

Generally,  the  common  way  to  derive  the  Reynolds 
stresses  from  the  most  widespread  turbulence  models,  is 
to  use  the  Boussinesq  hypothesis  : 


— -  5uj  5uj  2 


So,  for  the  present  application,  the  shear  stress  can  be 
expressed  as  follows  ; 


— ;  5u  5w 
-pu  w  =p,  — +  — 

OZ  OK 


and  the  fluctuating  longitudinal  and  axial  velocity 
components  : 

“7  r.,  5ii  5w  1  2  , 


-P«'  =F,  2- — --pk 
ox  OZ  3 
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In  fact,  these  last  two  equations  do  not  provide 
satisfactory  results,  and  the  classical  approach  to 

evaluate  u'^  and  w'^  is  to  set : 

and  w’^Kk/2 

2. 6.2. 3  Evaluation  of  results 
Flow  feature  description 

Generally,  most  of  the  methods  are  able  to  predict,  in  a 
qualitative  way,  the  overall  structure  of  the  flow 
surrounding  the  afterbody.  This  structure  is  mainly 
driven  by  the  nozzle  expansion  rate  (Py/Poo)  and  the 
external  Mach  number  range  (subsonic,  transonic  or 
supersonic). 

In  A.2  Cases  where  no  large  separation  bubble  is 
detected,  the  impact  of  the  jet  temperature  and 
turbulence  modelling  on  the  Mach  number  contours  is 
weak  (see  Contributions  N03  and  NIO  on  Fig.  2.6-10 
and  2.6-11).  The  agreement  between  CFD  results  and 
e.xperimental  data  (Schlieren  pictures)  is  generally  good 
but  these  comparisons  do  not  represent  a  real  challenge 
for  the  numerical  methods. 

One  important  point  is  the  behaviour  of  the  boundary 
layer  near  the  nozzle  exit.  Discrepancies  between  the 
different  Contributors  are  noticeable  first  due  to  the 
different  throat  shapes  taken  into  account,  and  second 
due  to  the  impact  of  the  turbulence  modelling  in  this 
region. 

Most  of  the  methods  do  not  predict  a  boundary  layer 
separation  (Contributions  N03  and  N09  on  Fig.  2.6-14). 
Contribution  NIO  experiences  the  impact  of  a  blunt 
trailing  edge  (Fig.  2.6-12  and  2.6-13).  The  Mach 
number  contours  show  a  small  separation  bubble 
downstream  of  the  trailing  edge  in  the  base  lower  part 
but  no  separation  occurs  on  the  afterbody  surface 
upstream  of  the  nozzle  trailing  edge. 

Contributor  N09  has  noticed  that  the  experimental 
pressure  coefficient  near  the  nozzle  exit  showed  a  drop 
in  Cp  slope  which  suggests  that  there  may  be  a 
separation  bubble  in  that  region.  Thus,  he  has  performed 
a  simulation  with  a  combined  laminar-turbulent 
technique  (sec  Fig.  2,6-15).  A  preliminary'  laminar 
calculation  predicts  a  separation  bubble  upstream  of  the 
trailing  edge,  then  a  turbulent  calculation  maintains 
this  bubble,  with  a  reduction  of  its  extent.  This  result  is 
very'  interesting  because  it  clearly  shows  the  influence  of 
the  initial  flow  conditions  on  the  simulation  results.  The 
same  method  with  the  same  turbulence  model  gives 
different  results  (Fig.  2.6-14  and  2.6-15)  with  a  different 
initialization  procedure.  This  could  mean  that  the  origin 
of  the  boundary  layer  separation  is  some  turbulent 


phenomena  which  are  not  taken  into  account  by  the 
models  (anisotropy...). 

In  fact,  neither  Schlieren  pictures  nor  pressure 
distributions  show  any  boundary  layer  separation. 
Without  any  accurate  measurement  in  the  close  vicinity 
of  the  nozzle  trailing  edge,  there  still  remain  some 
uncertainties  about  the  presence  of  such  a  separation.  In 
the  following  section,  pressure  distributions  will  give 
some  further  information  about  this  particular  point. 


Pressure  distribution 

Surface  pressures  were  measured  in  the  wind  tunnel  at 
five  rows  of  taps.  These  rows  extend  circumferentially 
along  the  whole  nozzle  external  surface  from  (p=0° 
(row  2)  to  cp=315°  (row  5).  Except  for  row  3  which  is 
located  in  the  strut  wake,  the  discrepancy  between  the 
measured  pressure  distributions  along  the  different  rows 
is  small  (see  Contribution  N13  on  Fig.  2.6-16).  This  is 
the  reason  why  the  comparisons  are  only  based  on  row  1 
distribution. 

As  described  in  section  2.6.2. 1,  the  flow  structure  is 
relatively  simple  :  the  external  flow  remains  subsonic 
(no  shock  wave),  there  is  no  boundary  layer  separation 
and  the  afterbody  shape  is  rather  smooth.  Such  a 
configuration  should  be  an  interesting  test  case  to  study 
the  behaviour  of  turbulence  models  in  strong  adverse 
pressure  gradients. 

The  comparisons  between  the  experimental  and 
numerical  data  are  presented  in  Figure  2.6-16. 
Downstream  of  the  cylindrical  section  of  the  model,  the 
afterbody  shape  consists  of  two  successive  shoulders. 
The  first  pressure  tap  is  located  between  these  two 
shoulders,  and  the  last  one  Just  upstream  of  the  nozzle 
trailing  edge.  The  problem  of  the  simulation  is  to  handle 
the  two  flow  expansions  near  the  nozzle  shoulders  (up  to 
station  X/D,y,3^=-0.5),  and  afterwards,  the  strong 
adverse  pressure  gradient. 

From  a  general  point  of  view,  most  of  the  simulations 
presented  herein,  give  more  or  less  the  same  trend  :  a 
rather  good  prediction  of  the  pressure  distribution  in  the 
upstream  part  of  the  afterbody,  even  if  the  some 
discrepancies  may  appear  close  to  the  shoulders,  and  an 
over-estimation  of  the  pressure  recovery'  along  the 
downstream  part  of  the  nozzle  (except  for  Contribution 
N06). 

By  looking  more  precisely  at  the  numerical  solutions, 
the  first  striking  point  is  that  only  about  half  the 
methods  predict  the  right  pressure  rcco\'eiv'  between  the 
afterbody  shoulders  at  station  X/Dp^3,^=-1.039  (N03, 
N09,  NIO  and  N15)  ;  the  other  methods  predict  a  too 
low  pressure  level  (N06,  N13  and  N14). 
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Due  to  the  simple  shape  of  the  afterbody,  these 
discrepancies  cannot  be  explained  by  the  detailed 
accuracy  of  the  shape  discretization  or  the  grid  quality. 
Considering  that  the  flow  deflection  at  the  first  shoulder 
is  weak,  the  impact  on  the  downstream  region  of  the 
nozzle  should  be  smaller  than  the  observed 
discrepancies.  Moreover  turbulence  modelling  does  not 
seem  to  be  involved  here  since,  as  Contributor  N09  has 
shown  (cf.  Fig.  2.6-16),  both  1-  and  2-  equation  models 
give  the  same  Cp  level  in  this  region.  One  e.vplanation 
of  this  behaviour  could  come  from  the  upstream 
boundary  conditions.  The  upstream  boundary  of  the 
computational  domain  of  Contributions  N06,  N13  and 
N14  is  located  in  the  cylindrical  section  of  the  model. 
The  only  experimental  data  available  in  this  region  are  a 
pitot  pressure  profile.  Without  any  further  information 
about  temperature  and  turbulent  quantities  profiles  in 
the  incoming  boundary  layer,  the  quality  of  the  upstream 
boundary  condition  is  subject  to  the  assumptions  made 
to  evaluate  the  missing  quantities. 

The  predictions  of  Contributions  N09,  NIO  and  N15  are 
in  good  agreement  with  the  experimental  values  at 
station  X/Djp3,^=-1.039.  This  fact  shows  the  benefit  of  a 
computation  performed  on  the  complete  geometiy 
including  the  model  forebody  ;  there  is  no  longer  any 
problem  concerning  the  upstream  boundary  conditions 
since  the  flow  is  uniform.  Furthermore,  the  assumption 
of  a  fully  turbulent  boundary  layer  (from  nose  to  tail) 
seems  to  be  valid  as  far  as  the  pressure  distribution  is 
concerned. 

Concerning  the  flow  expansion  close  to  the  second 
shoulder  (X/D^^g^a-O.?),  most  of  the  methods  predict  a 
too  low  pressure  level.  In  this  area,  the  influence  of 
turbulence  on  the  boundary  layer  behaviour  and 
therefore  the  wall  pressure  distribution,  seems  to  be 
more  significant. 

One  of  the  methods  using  the  standard  two-equation  k-e 
with  Jones-Launder  near-wall  model  (Contribution  NIO) 
gives  a  good  agreement  with  the  experimental  data  on 
both  sides  of  the  shoulder.  Due  to  the  pressure  taps 
location,  the  accuracy  of  the  solution  in  the  centre  of  the 
expansion  flow  area  cannot  be  evaluated.  The  same 
qualitative  behaviour  is  observ'ed  in  Contribution  N14 
with  the  same  turbulence  model,  but  because  of  the 
uncertainties  about  the  upstream  conditions,  there  seem 
to  be  an  overall  gap  between  the  predicted  values  and 
the  actual  ones. 

The  others  solutions  present  more  or  less  the  same 
feature  close  to  the  shoulder  with  a  veiy  low  static 
pressure  at  station  X/Dj|^3y=:-0.7.  Algebraic  models 
(Baldwin-Lomax  for  Contribution  N03  and  N15, 
Ccbeci-Smith  for  Contribution  N06)  predict  the  lower 
pressure.  Then  come  the  one-equation  models  (Spalart- 
Allaras  and  Baldwin-Barth  for  Contribution  N09).  and 
finally,  the  two-equation  models  (Contributions  N09  and 
N13). 


The  prediction  of  the  strong  pressure  recovery  along  the 
downstream  part  of  the  afterbody  is  more  critical.  In  this 
region,  the  boundary  layer  experiences  the  effects  of 
nozzle  converging  shape,  and  "fluid  obstruction"  of  the 
underexpanded  jet  issuing  from  the  nozzle.  Moreover, 
the  ejector-like  effect  of  the  jet  shear  layer  tends  to 
counter  the  two  previous  effects  by  locally  accelerating 
the  flow. 

It  should  be  pointed  out  that  without  an  accurate 
prediction  of  the  pressure  distribution  in  this  particular 
region,  any  drag  estimate  is  meaningless. 

Generally,  most  of  the  methods  overestimate  this 
pressure  recovery.  Nevertheless,  Contribution  N06  with 
an  algebraic  turbulence  model  (Cebeci-Smith)  gives  a 
fairly  good  prediction  with  only  a  slight  underestimate 
of  the  pressure  level.  So  does  Contribution  N13,  with  a 
two-equation  k-s  model.  By  the  very  end  of  the 
afterbody.  Contribution  N13  predicts  a  pressure  rise,  and 
without  any  pressure  tap  in  this  region,  this  behaviour 
needs  to  be  confirmed. 

The  solutions  provided  by  Contribution  N14  are  a  bit 
confusing  :  the  global  evolution  of  the  pressure 
distribution  and  especially  the  slope  of  the  curves  seem 
correct,  but  there  is  a  constant  discrepancy  between 
experimental  and  CFD  data. 

Results  provided  by  the  other  simulations  show  the  poor 
accuracy  of  the  predicted  pressure  distribution.  In  spite 
of  a  large  number  of  turbulence  models  ;  Baldwin- 
Lomax  (N03,  N14,  N15),  Spalart-Allmaras  (N09), 
Baldwin-Barth  (N09),  standard  k-s  with  Jones-Launder 
near-wall  (NIO),  Chien  k-c  (N09,  N14),  the  results  are 
practically  the  same. 

Some  contributors  have  evaluated  the  influence  of 
different  parameters  on  the  accuracy  of  their  simulation 
:  grid  density,  turbulence  modelling,  wall  physical 
properties  or  trailing  edge  geometry. 

As  far  as  grid  density  is  concerned.  Contributor  NIO  has 
performed  three  calculations  on  the  same  geometry  with 
the  same  numerical  method  and  physical  hypotheses 
(turbulence  modelling...),  but  with  three  different  grid 
densities  (coarse,  medium  and  fine).  The  results  show 
that  the  agreement  between  CFD  and  e.xperiment  is 
better  on  the  medium  grid.  This  point  does  not  however 
mean  that  the  simulation  performed  on  the  medium  grid 
is  better  than  the  others  ;  the  agreement  is  only  fortunate 
because  a  numerical  solution  should  be  grid- 
independent.  and  the  finer  the  grid  is,  the  more  accurate 
the  solution  will  be. 

Contribution  NIO  has  also  tried  to  evaluate  the  impact  of 
the  trailing  edge  shape  on  the  pressure  distribution  by 
taking  into  account  two  different  shapes  ;  the  nominal 
geometiy'  with  a  sharp  trailing  edge,  and  a  modified  one 
with  a  blunt  trailing  edge.  The  influence  on  the  pressure 
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distribution  is  nearly  negligible  ;  the  discrepancies 
between  the  two  numerical  solutions  are  small  compared 
to  the  differences  between  the  CFD  predictions  and  the 
experimental  data  in  this  region. 

Additionally,  the  cooling  effect  of  convection  on  the 
uninsulated  nozzle  was  investigated  by  Contribution 
NIO.  One  dimensional  thermal  heat  balance  was 
performed  at  three  stations  along  the  uninsulated  portion 
of  the  nozzle  using  the  local  Reynolds  number  surt'eyed 
from  the  adiabatic  wall  solutions.  The  t>pical  changes 
was  100  to  200  degrees  Kelvin  cooler  along  the  internal 
surface,  and  300  to  500  degrees  Kelvin  hotter  externally 
depending  on  location.  Only  slight  changes  in  the 
afterbody  pressures  were  observed. 

Contribution  N09  has  evaluated  the  influence  of  the 
turbulence  model  with  three  different  one  and  two- 
equation  models.  The  results  show  a  slight  improvement 
from  the  Baldwin-Barth  to  the  Spalart-Allmaras  model. 
But  once  more,  the  discrepancies  between  these  three 
models  remain  lower  than  the  discrepancies  between  the 
most  accurate  one  and  the  experimental  data. 

All  these  observations  tend  to  indicate  that  some 
phenomena  are  not  taken  into  account  by  the 
simulations  flow  separation,  Reynolds  stresses 
anisotropy  or  influence  of  the  wall  temperature. 
Concerning  this  last  point,  it  is  important  to  notice  that 
this  portion  of  the  afterbody  is  subject  to  heat  conduction 
from  the  internal  hot  jet  since  the  insulating  tube  inside 
the  model  ends  close  to  station  X/D^3^=-0.55.  The 
impact  of  the  jet  temperature  on  the  e.xternal  pressure 
distribution  is  shown  on  Fig.  2.6-17  (Case  A. 2.1  vs. 
Case  A.2.2).  The  differences  are  noticeable  in  the 
downstream  part  of  the  afterbody  (X/Dj^.,3^>-0.30) 
where  the  pressure  recovery  in  the  cold  jet  case  is 
higher.  However,  the  discrepancies  between  cold  jet  and 
hot  jet  distributions  are  not  only  due  to  the  external  wall 
temperature  because  the  "ejector-like"  effect  of  the  jet 
shear  layer  is  much  higher  for  a  hot  jet  than  for  a  cold 
jet.  It  is  therefore  difficult  to  separate  the  respective 
impact  of  these  two  phenomena. 

All  the  previous  calculations  were  performed  using  fully 
turbulent  flows,  and  none  of  them  predicts  a  flow 
separation.  However  the  experimental  surface  pressure 
coefficient  near  the  nozzle  exit  shows  a  drop  in  Cp  slope 
which  suggests  there  might  be  a  separation  bubble  in 
that  region.  To  simulate  a  separation  bubble, 
Contribution  N09  has  tested  a  combined  laminar- 
turbulent  technique  :  the  laminar  solution  predicts  a 
boundaiy  layer  separation  upstream  of  the  nozzle 
trailing  edge,  and  aftenvards,  the  turbulent  solution 
reduces  the  bubble  extent,  but  maintains  the  separation. 
The  results  of  this  technique  arc  in  excellent  agreement 
with  the  experimental  data. 

These  results  would  indicate  that  the  poor  agreement 
between  Contributions  and  experiments  in  the  region 


could  come  from  the  inability  of  the  classical  turbulence 
models  to  predict  this  separation. 

Even  though  it  seems  ambiguous  to  extrapolate  the 
comments  made  on  a  single  test  case  to  other 
configurations,  the  aerodynamic  phenomena  occurring 
in  the  floAvfield  surrounding  Cases  A.2  are  typical 
enough  to  provide  useful  information  about  the 
efficiency  of  numerical  methods  for  such  simulations. 
These  key  issues  can  be  summarized  as  follows  : 

•  These  comparisons  clearly  show  the  impact  of  the 
boundary  conditions  accuracy.  Note  that  this  point  is  not 
specific  to  afterbody  flowTields.  The  predictions  of  some 
Contributions  (N06,  N13,  N14)  could  have  been 
improved  with  more  appropriate  upstream  boundary 
conditions.  This  might  be  difficult  as  some  uncertainties 
remain  concerning  the  experimental  wall  temperature 
distribution  along  the  downstream  part  of  the  afterbody. 

•  Turbulence  modelling  is  obviously  a  key  issue  for  this 
kind  of  simulations.  As  far  as  the  pressure  distribution  is 
concerned,  even  though  a  large  number  of  turbulence 
models  has  been  used,  and  even  though  some  solutions 
give  better  results  than  others,  none  of  the  classical 
approaches  presented  herein  gives  satisfactory  results. 

•  The  crucial  physical  parameter  is  the  pressure  recovery 
prediction.  Most  of  the  turbulence  models  overestimate 
the  pressure  distribution  on  the  nozzle,  and  predict  no 
boundary'  layer  separation.  Only  the  combined  laminar- 
turbulent  technique  predicts  the  correct  pressure 
distribution  rvith  a  separation  bubble  near  the  nozzle 
exit. 

•  For  the  flow  expansion  close  to  the  nozzle  shoulders, 
the  predictions  provided  by  one  or  two-equation  models 
seem  to  be  in  better  agreement  with  the  experimental 
data  than  zero-equation  models  predictions. 


BoundaiA'  layer  profiles 

During  the  e.xperiments,  a  pitot  pressure  surv'ey  provided 
data  about  the  boundary  layer  at  station  X/Dp^g,,.=-2,078 
which  is  located  in  the  cylindrical  section  of  the  model. 
The  resulting  mean  axial  velocity  component  profile  are 
presented  on  Fig.  A.5.1.1.19. 

These  profiles  have  been  used  to  work  out  the  upstream 
boundary  conditions  of  se\'eral  Contributions  (N03, 
NOG,  N13  and  N14),  and  so  it  is  not  worthwhile  to 
perform  any  comparison  of  the  boundary’  layer  profiles 
for  these  contributions. 

The  other  calculations  are  carried  out  on  the  complete 
model  geometry  from  nose  to  tail  (Contributions  N09, 
NIO  and  N15).  Since  there  is  no  information  about 
transition,  the  boundary  layer  is  assumed  to  be  fully 
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turbulent.  The  results  of  these  simulations  are  presented 
on  Fig.  2.6-18. 

The  results  of  the  Bald\vin-Lomax  model  (N15)  gives  a 
marked  underestimation  of  the  boundary  layer  thickness. 
Nevertheless,  the  global  shape  of  the  velocity  profile  is 
consistent  with  the  experimental  one. 

The  Baldwin-Barth  one-equation  model  (N09)  gives  a 
good  prediction  of  the  velocity  profile  in  the  internal 
part  of  the  boundary  layer  (Z/5<0.25),  but  the  agreement 
becomes  very  poor  in  the  external  part  of  the  boundary 
layer.  This  surprising  behaviour  may  probably  come 
from  the  implementation  of  the  model,  or  from  the  post¬ 
processing  of  the  numerical  results. 

The  other  models  experienced  by  Contributor  N09, 
Spalart-Allmaras  and  Chien  k-e,  give  results  in  veiy 
good  agreement  with  the  experimental  data. 
Furthermore  the  results  of  the  combined  laminar- 
turbulent  technique  are  quite  the  same  as  the  fully 
turbulent  calculations. 

The  boundary  layer  prediction  in  the  upstream  part  of 
the  model  is  not  a  difficult  task.  Some  methods  provide 
accurate  simulations  in  this  region.  But,  due  to  the  small 
number  of  contributions  presented  here  on  this  specific 
point,  it  is  not  possible  to  see  the  respective  impact  of 
the  grid  density,  the  numerical  scheme,  or  the 
turbulence  model  and  its  implementation  in  the  accuracy 
of  the  results,  and  thus  to  address  a  classification 
between  the  turbulence  models.  However,  Baldwin- 
Lomax  and  Baldwin-Barth  results  should  be  belter  in 
regard  to  the  known  performances  of  these  models. 

Flow  along  the  axis  of  s\'mmetrv 

The  evolution  of  the  aerodynamic  quantities  along  the 
plume  axis  of  symmetry'  is  an  important  feature  of  this 
kind  of  flowfield.  Unfortunately,  there  are  very  few 
experimental  data  available  in  that  region.  Nevertheless 
it  seems  worthwhile  to  analyse  the  results  provided  by 
some  Contributors. 

The  flow  in  the  plume  and  therefore  along  the  axis  of 
symmetry  is  mainly  driven  by  the  expansion  rate  Pjj.Top. 
However,  the  plume  overall  structure  can  be  affected  by 
physical  or  geometrical  parameters  either  in  CFD  or  in 
e.xperiment. 

Contributor  N13  has  compared  the  static  pressure 
distribution  along  the  axis  for  A. 2.1  and  A. 2. 2  Cases 
(Fig.  2.6-19).  The  jet  temperature  seems  to  have  a  great 
influcnee  on  cell  lengths.  This  phenomenon  may  come 
from  the  different  levels  of  turbulence  intensity  in  the 
shear  layer  between  hot  Jet  and  cold  Jet.  In  its 
simulations,  Contributor  N13  has  used  a  k-e  model.  The 
comparison  between  the  computed  turbulent  quantities 
and  the  experimental  ones  presented  in  the  following, 


shows  a  good  agreement  in  A.2.2  Case.  Nevertheless,  it 
should  be  necessary  to  have  the  same  comparison  in 
A.2. 1  Case  to  status  on  this  issue. 

Contributor  NIO  tried  to  see  the  impact  of  the  trailing 
edge  shape  on  the  velocity  and  the  turbulent  energy 
distributions  along  the  axis  of  symmetry  (Fig.  2.6-20). 
The  two  geometries  considered  are  a  blunt  tailing  edge 
and  the  nominal  one.  It  is  clear  that  the  shape  of  this 
part  of  the  nozzle  has  a  noticeable  influence  on  the 
plume  in  the  first  cell.  With  the  nominal  trailing  edge, 
the  Jet  expansion  is  larger.  This  is  surely  due  to  its  sharp 
geometiy.  Furthermore,  afterbody  convective  cooling 
appears  to  have  more  influence  further  downstream  than 
in  the  near  flowfield. 


Mean  velocity  profiles 

The  next  step  in  the  validation  process  is  the  comparison 
between  CFD  predictions  and  experimental  data  in  the 
plume,  and  more  especially  in  the  shear  layer  which 
develops  between  the  Jet  and  the  external  flowfield. 

During  the  experiments,  LDV  measurements  were 
performed  at  four  axial  stations.  The  data  available  are 
mainly  the  mean  axial  and  radial  velocity  components 
profiles,  and  the  turbulent  quantities  profiles 

(u'^,w'^,u'w').  The  experimental  turbulent  kinetic 
energy'  is  derived  from  the  previous  quantities  with  the 
following  assumption  : 


2 

The  first  two  stations  are  located  Just  downstream  of  the 
nozzle  trailing  edge  (X/Dj^3^=0.0413,  0.0825).  In  this 
portion  of  the  plume,  the  profiles  are  mainly  influenced 
by  the  incoming  flows  (external  boundary  layer  and  Jet 
issuing  from  the  nozzle).  The  impact  of  the  mixing  layer 
development  is  weaker. 

The  prediction  of  the  profiles  in  the  last  two  sections  is 
more  critical  (X/Dj„g.,.=0.4840,  1.2871).  At  these 
locations,  the  flow  feature  results  from  the  inviscid 
stnicture  of  the  plume  (compression/expansion  zones), 
and  the  mixing  layer  evolution  which  is  driven  by 
turbulence.  Moreover,  these  two  aspects  of  the  plume 
interact. 

Once  more,  the  key  issue  in  this  validation  step  is  the 
turbulence  modelling.  But,  because  of  the  chosen 
configuration,  the  turbulence  models  performances  are 
evaluated  on  a  axisymmetric  shear  layer.  Some  models 
include  corrections  for  axisymmetric  flows,  and  so  the 
extrapolations  of  trends  obscrx’ed  on  axisymmetric 
configurations  to  3D  configurations  should  be  done 
carefully. 
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In  the  following,  the  comparisons  between  CFD  results 
and  experimental  data  are  organized  according  to  the 
physical  quantities  (mean  velocity  components  then 
turbulent  quantities).  There  are  obviously  some  direct 
correlations  between  them,  but  the  evaluation  of  the 
turbulence  models  is  much  clearer  with  this  artificial 
separation. 

The  mean  axial  velocity  component  profiles  are 
presented  on  Fig.  2.6-21  to  2.6-24. 

The  location  of  the  first  station  is  very  close  to  the 
nozzle  trailing  edge.  The  velocity  profile  shape  results 
from  the  flow  profiles  upstream  of  the  nozzle  exit  ;  the 
influence  of  the  mixing  layer  between  the  plume  and  the 
external  flow  is  quite  negligible. 

From  the  axis  of  symmetry  to  the  external  flow,  the 
survey  encounters  the  jet  expansion,  the  thin  mixing 
layer,  and  the  afterbody  boundary  layer  wake  (see 
Fig.  2.6-21). 

All  the  methods  predict  the  overall  shape  of  this  profile, 
but  there  are  some  slight  discrepancies  in  the  jet  centre, 
and  in  the  boundary  layer  wake. 

The  discrepancies  in  the  jet  centreline  are  quite 
surprising.  Some  methods  overestimate  the  velocity  in 
the  vicinity  of  the  axis  of  symmetry’  (N03,  N06,  and 
N14).  In  this  region,  the  flow  issuing  from  the  nozzle 
expands  following  an  inviscid  process  which  mainly 
depends  on  the  nozzle  throat  shape  and  the  internal 
boundary  layer  (for  a  large  range  of  expansion  rate).  The 
influence  of  the  internal  boundary  layer  should  be  small 
because  it  becomes  very'  thin  close  to  the  throat.  So  the 
explanation  may  come  from  one  or  more  of  the 
following  : 

•  The  uncertainties  of  the  LDV  measurements  :  the 
inner  flow  was  seeded  with  magnesium  oxide  particles, 
and  so  the  measured  velocity  may  be  lower  than  the 
actual  one  because  of  the  size  and  the  weight  of  these 
particles. 

•  The  experimental  estimation  of  the  exact  location  of 
the  nozzle  exit  station,  due  to  the  model  displacement. 

•  The  actual  shape  of  the  nozzle  throat  and  trailing 
edge,  and  the  accuracy  of  the  numerical  discretization  of 
the  throat. 

•  The  grid  density. 

It  is  difficult  to  sec  what  parameter  is  of  major 
importance  among  this  short  list  by  comparing  the 
results  provided  by  the  contributors  the  three 
Contributions  which  arc  in  good  agreement  with 
e.xperimental  data  (NIO.  N13  and  N15)  have  no  obvious 
common  feature  as  opposed  to  the  others. 


Nevertheless,  the  velocity  profiles  provided  by 
Contribution  NIO  with  two  different  throat  shapes, 
clearly  show  that  the  throat  shape  plays  an  important 
part  in  the  mean  velocity  flowdleld  in  the  downstream 
vicinity  of  the  trailing  edge  (Fig.  2.6-21).  In  that  case, 
the  best  results  are  obtained  with  a  blunt  trailing  edge 
rather  different  from  the  nominal  one.  Contribution  N14 
also  provides  results  in  good  agreement  with 
experimental  data  with  a  blunt  trailing  edge.  On  the 
opposite.  Contributions  N13  and  N15  provide  good 
results  with  the  nominal  geometry.  Further  experimental 
and  numerical  investigations  are  needed  to  status  on  this 
point. 

The  throat  shape  has  also  a  noticeable  impact  on  the 
velocity  profiles  shape  in  the  lower  vicinity  of  the  shear 
layer  (Z/Dj^,gj^a0.18).  All  the  Contributions  but  NIO 
and  N14  provide  irregular  velocity  profiles  in  this 
region.  The  fact  is  that  Contributions  NIO  and  N14  have 
taken  into  account  a  different  nozzle  trailing  edge  (blunt 
geometry),  and  the  agreement  seems  better.  This 
improvement  of  the  solution  by  introducing  an  artificial 
base  could  indicate  that  there  are  some  phenomena 
occurring  at  the  nozzle  trailing  edge  which  are  not 
correctly  taken  into  account  by  the  turbulence  model 
(perhaps  flow  separation  in  the  small  nozzle  cone  as 
detailed  in  section  3.5). 

The  second  feature  of  these  profiles  is  the  external 
boundary  layer  wake.  Most  of  the  solutions  are  in  good 
agreement  with  the  experimental  data.  The 
discrepancies  are  smaller  for  the  velocity  profiles  than 
for  the  pressure  distribution.  The  pressure  distribution 
accuracy  of  Contribution  N03  was  rather  poor,  whereas 
the  velocity  profile  matches  quite  well  with  the 
experimental  data. 

The  differences  in  the  boundary  layer  wake  computed  by 
Contribution  N15  are  related  to  the  differences  already 
observ'ed  in  the  boundary  layer  profiles  in  the  cylindrical 
section  of  the  model  (see  Fig.  2.6-18). 

The  same  trends  remain  in  the  mean  axial  velocity 
profiles  at  the  ne.xt  station  X/D, .^3^=0.0825  (see 
Fig.  2.6-22): 

-  overestimation  of  the  velocity  near  the  axis  of 
S}’mmctr\'  (N03,  N06,  N09,  N14  and  N15), 

-  irregular  profiles  in  the  internal  side  of  the 
shear  layer  for  the  calculations  performed  on  the 
nominal  geomctiy'  (N03,  N06,  N09.  N13  and  N15),  and 
a  regular  evolution  for  the  others  (NIO,  N14), 

-  and  a  rather  good  agreement  in  the  boundaiy' 
layer  wake  for  most  of  the  Contributions. 

From  this  second  axial  station,  the  development  of  the 
mixing  layer  between  the  jet  and  the  external  flow 
begins  to  have  a  noticeable  impact  on  the  velocity 
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profiles  shape,  and  thus,  particular  attention  should  be 
paid  to  turbulence  modelling. 

Contribution  N03,  with  a  Baldwin-Lomax  model, 
predicts  a  too  high  level  of  mixing  which  results  in  an 
overestimation  of  the  velocity  recovery  in  the  afterbody 
boundary  layer  wake,  and  a  discrepancy  in  the  profile 
slope  near  the  shear  layer  centreline.  In  contrast. 
Contribution  N15  predicts  a  too  low  level  of  mixing 
with  the  same  turbulence  model.  The  explanation  comes 
from  the  model  implementation.  The  Baldwin-Lomax 
model  is  a  two-layer  model  developed  for  boundary 
layers  with  an  inner  and  an  outer  formulation.  In  the 
shear  layer.  Contribution  N03  has  kept  only  the  outer 
formulation,  whereas  Contribution  N15  has  maintained 
the  two  formulations  which  results  in  a  too  low  turbulent 
viscosity  near  the  shear  layer  centreline. 

Contribution  N14  has  e.xperienced  a  Baldwin-Lomax 
and  a  k-e  model.  The  comparison  between  them  shows 
that  the  algebraic  model  simulates  a  higher  mixing  level 
than  the  k-s  model.  However,  the  two  simulations  are  in 
good  agreement  with  the  experimental  data,  with  only  a 
small  overestimation  of  the  plume  width. 

Contribution  NOG,  with  a  Cebeci-Smith  turbulence 
model,  predicts  with  a  good  accuracy  the  flow  behaviour 
in  the  shear  layer,  and  more  especially  the  evolution  of 
the  velocity  profile  from  the  previous  station  to  the 
present  one.  The  "overshoots"  on  both  sides  of  the  layer 
are  due  to  the  incoming  flows  but  not  to  the  turbulence 
modelling  in  the  shear  layer  itself 

The  one  and  two-equation  models  (N09,  NIO,  N13  and 
N14)  behave  in  the  same  way  than  the  Cebeci-Smith 
model  does  :  accurate  prediction  of  the  profile  slope  near 
the  mixing  layer  centreline,  profile  evolution  from 
station  to  station.  It  seems  difficult  to  find  trends 
between  the  various  models  :  k-e  for  Contributions  NIO, 
N13  and  N14,  and  Spalart-Allmaras  for  N09. 

The  improvement  of  the  simulation  accuracy  due  to  the 
combined  laminar-turbulent  technique  (N09)  noticed  on 
the  afterbody  pressure  distribution,  is  still  present  in  the 
plume  at  this  location.  Nevertheless,  this  improvement 
is  more  obvious  in  the  boundarj'  layer  wake  than  in  the 
mixing  layer  itself 

In  the  downstream  stations  X/Df,.,3^=0.4840  and 
X/Dffjax=L2871  (see  Fig.  2.6-23  and  2.6-24),  the 
discrepancies  underlined  between  the  turbulence  models 
behaviour  are  emphasized. 

As  far  as  the  shear  layer  is  concerned,  the  Baldwin- 
Lomax  model  still  reproduces  a  too  high  mixing  level 
(N03.  N14)  except  for  Contribution  N15  because  of  the 
"boundary'  layer  like"  implementation  of  the  model  in 
the  shear  layer.  Cebeci-Smith  model  is  in  good 
agreement  with  experimental  data,  particularly  in  the  far 
flowfield  (NOG).  The  k-c  solutions  (NIO,  N13  and  N14) 


provide  an  accurate  simulation  of  the  velocity  profile  in 
the  shear  layer  ;  the  predicted  velocity  curve  slopes  fit 
with  the  experimental  one  near  the  layer  centreline. 

In  the  middle  of  the  plume  (Z^O),  the  discrepancies 
between  the  predicted  axial  velocities  and  experimental 
data  may  be  significant  for  some  Contributions  (NOG, 
N09,  N13,  N14).  This  gap  is  due  to  slight  differences  in 
the  numerical  prediction  of  the  overall  plume  structure 
which  means  that  the  velocity  profiles  comparisons  are 
carried  out  at  the  same  location  with  regard  to  the 
nozzle  exit  station,  but  at  a  different  location  with 
regard  to  plume  structure  with  its 
expansion/compression  waves.  That  is  to  say  any  small 
uncertainty  in  a  profile  location  in  the  far  flowfield  may 
cause  large  discrepancies,  especially  close  to  an  oblique 
shock. 

The  comparisons  based  on  the  mean  radial  velocity 
profiles  are  presented  on  Fig.  2.6-25  to  2.6-28.  The 
prediction  of  this  radial  component  of  the  velocity  is 
more  critical  than  the  prediction  of  the  axial  component, 
and  therefore  the  discrepancies  are  larger,  even  though 
their  origin  is  due  to  the  same  phenomenon. 

At  the  first  station  (X/D^g^=0.0413),  most  of  the 
methods  predict  the  overall  shape  of  the  experimental 
profile,  and  especially  the  maximum  value  of  W.  This  is 
particularly  true  for  the  simulations  carried  out  on  the 
nominal  geometry  (N03,  NOG  ,N13  and  N15)  ;  the 
impact  of  the  nozzle  trailing  edge  shape  is  important  on 
this  maximum  value  (see  NIO,  N14).  Howev'er,  all  the 
solutions  presented  herein  underestimate  the  radial 
location  of  this  maximum  in  spite  of  the  various 
geometries  taken  into  account  and  the  wide  range  of 
numerical  methods  and  turbulence  models  considered. 
This  result  calls  into  question  the  measurements 
accuracy  at  this  station. 

The  gap  noticed  on  the  axial  velocity  component  near 
the  plume  axis  of  symmetry  for  some  Contributions 
(N03,  NOG,  N14),  corresponds  to  the  differences 
obscrv'cd  on  the  radial  velocities  near  the  axis. 

At  the  next  station  (X/Dg.,g^=0.0825),  some 
Contributions  are  in  very'  good  agreement  with  the 
experimental  data  (NIO,  N14).  Contribution  N09  gives  a 
rather  good  prediction  of  the  profile  either  with  a 
turbulent  calculation  or  with  a  combined  laminar- 
turbulent  technique,  but  the  profile  shape  near  the  radial 
velocity  component  maximum  is  quite  different  with 
regard  to  the  experimental  profile.  This  last  remark  is 
true  for  all  the  contributions  pciformed  on  the  nominal 
gcomctiy. 

In  fact,  the  accuracy  of  the  turbulence  modelling  seems 
to  have  a  smaller  impact  on  the  radial  velocity  profiles 
than  on  the  axial  velocity  profiles.  At  station 
X/Dg^ax"^^  Contributions  are  qualitatively 

in  good  agreement  with  the  experimental  data.  The 
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simulation  of  the  mixing  layer  seems  correct.  The 
discrepancies  in  the  core  of  the  jet,  are  due  to  a  bad 
prediction  of  the  overall  plume  structure  (location  of  the 
station  with  regard  to  the  oblique  shock). 

The  undershoot  located  close  to  Z/Djpgj.=0.25  in  the 
experimental  profile,  is  predicted  by  none  of  the 
methods.  This  phenomenon  does  not  appear  at  the  other 
stations  where  LDV  measurements  are  available,  and  is 
underlined  by  the  only  jet  seeding  (heavier  particles). 
This  probably  comes  from  some  inaccuracies  in  to  the 
LDV  measurement  due  to  particle  drag. 

At  the  last  station  (X/D ^3^=1.2871  on  Fig.  2.6-26), 
some  Contributions  are  still  in  good  agreement  with 
data  (NIO,  N15),  but  for  others,  the  accuracy  fails  in  a 
significant  way  (N06,  N14).  In  addition  to  the  reasons 
previously  expressed,  the  grid  density  may  become 
insufficient  far  from  the  nozzle  exit  to  correctly  simulate 
the  flow  (N03). 

It  seems  too  ambitious  to  draw  a  final  conclusion  on  the 
ability  of  numerical  methods  to  simulate  the  mean 
flowfield  surrounding  an  afterbody  like  A.  2  Case.  But 
due  to  the  large  number  of  methods,  and  moreover,  due 
to  the  large  number  of  turbulence  models  involved  in 
this  evaluation  process,  this  work  provides  some  reliable 
trends  : 

•  All  the  methods  presented  here  are  able  to  simulate  in 
a  qualitative  way  the  mean  velocity  field  in  the  plume  in 
the  near  flo^vfleld  (X/Dj^gj.<2).  Some  further 
experimental  and  numerical  investigations  arc  needed 
for  the  far  flowfield. 

•  Close  to  the  nozzle  exit,  the  discrepancies  between 
CFD  and  experimental  data  are  mainly  due  to  the 
accuracy  of  the  flow  simulations  upstream  of  the  trailing 
edge.  The  implementation  of  turbulence  models  in  the 
shear  layer  is  of  minor  importance. 

•  At  the  last  stations,  most  of  the  differences  obser\'ed 
come  from  slight  differences  in  the  prediction  of  the 
overall  plume  structure  which  results  in  erroneous 
estimations  of  the  station  location  in  regard  to  the 
expansion/compression  waves  in  the  plume. 

•  The  Cebeci-Smith  solution  provides  an  accurate 
estimation  of  the  mixing  through  the  prediction  of  the 
velocity  profile  slope  in  the  mixing  layer.  The  other 
algebraic  model  (Baldwin-Lomax)  tends  to  overestimate 
the  mixing  as  far  as  velocity  profiles  arc  concerned. 

•  Accurate  predictions  are  provided  by  the  one  or  two- 
equation  turbulence  models.  Such  models  arc  able  to 
correctly  reproduce  the  impact  of  turbulence  on  the 
mean  velocity  field  ;  velocity  recovery  downstream  of 
the  afterbody  boundary  layer,  evolution  of  the  slope  in 
the  velocit>'  component  profiles... 


Turbulent  quantities  profiles 

The  comparisons  between  the  measured  and  predicted 
turbulent  quantities  profiles  are  presented  on  Fig.  2.6-29 
to  2.6.36  with  the  shear  stress  and  the  turbulent  kinetic 
energy  profiles.  It  is  necessary  to  make  some 
preliminary  remarks  before  any  evaluation  of  these 
results. 

•  The  experimental  data  in  the  first  two  stations  are  not 
reliable  probably  because  of  the  model  vibrations. 

•  Only  two  turbulence  models  are  involved  in  this 
comparison  process  ;  the  Baldwin-Lomax  model  (N14), 
and  the  k-e  model  (NIO,  N13  and  N14).  This  is 
definitely  not  sufficient  to  draw  a  definitive  conclusion 
on  the  ability  of  turbulence  model  to  handle  such  a  shear 
layer. 

At  the  first  two  stations  (X/Dj^3.,j=0.0413  and 
X/Dmax~^-®^^^)  comparisons  are  made  from  code 
to  code  without  taking  into  account  the  experimental 
results. 

Contributions  NIO  and  N13  give  almost  the  same 
maximum  turbulent  intensitj'  level  in  the  shear  layer 
centreline  (Z/Dj^g,^a:0.20).  There  are  some 
discrepancies  in  the  shear  stress  evaluations  between 
these  two  solutions  in  the  upper  part  of  the  shear  layer 
(NIO  provides  u'w'>0,  and  N13  u'w'<0).  The  experiment 
also  gives  u’w'<0  but  there  is  doubt  about  the 
experimental  values.  In  any  case,  the  very  low  turbulent 
intensity  in  this  region  above  the  shear  layer  centreline 
should  not  have  a  great  impact  on  the  mean  flowfield. 

Contribution  N14  predicts  a  low  turbulent  intensity  even 
in  the  shear  layer  centreline  with  a  k-s  model,  whereas 
the  Baldwin-Lomax  simulation  provides  a  maximum 
turbulent  intensity  consistent  with  NIO  and  N13  k-s 
simulation.  The  Baldwin-Lomax  solution  predicts  a 
shear  stress  peak  too  large. 

The  trailing  edge  shape  docs  not  seem  to  have  an 
influence  on  the  turbulence  intensity  in  the  shear  layer 
(see  Contribution  NIO  on  Fig.  2.6-29). 

It  is  hard  to  establish  a  relation  bctw'ecn  the  turbulent 
quantities  profiles  and  the  mean  velocity  profiles  in  the 
upstream  part  of  the  plume.  In  this  region,  the  velocity 
profiles  are  much  more  influenced  by  the  incoming 
flows  than  turbulence  in  the  shear  layer.  On  the  other 
hand,  the  differences  obsened  in  N14  Contributions 
between  k-e  and  Baldwin-Lomax  (estimation  of  the 
shear  stress  peak  width)  result  in  the  evolution  of  the 
mean  axial  velocity  component  (overestimation  of 
mixing  by  the  Baldwin-Lomax  solution). 
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At  the  following  stations,  all  the  k-n  methods  give 
similar  results.  The  agreement  with  experimental  data 
becomes  very  good  as  the  flow  progresses  downstream. 
This  point  is  consistent  with  the  prediction  of  the  mean 
axial  velocity  profile,  and  especially  with  the  correct 
prediction  of  the  profile  slope  near  the  shear  layer 
centreline.  The  Baldwin-Lomax  solution  (N14)  keeps  on 
overestimating  the  shear  stress  peak  width 
(^ma.x=0.4840), 

As  a  preliminary  conclusion,  these  comparisons  shows 
than  for  this  particular  configuration,  the  k-e  turbulence 
models  are  clearly  able  to  reproduce  the  level  of 
turbulent  intensity  in  the  shear  layer.  There  still  remain 
one  uncertainty  about  the  behaviour  of  these  models 
close  to  the  nozzle  trailing  edge  because  of  the  poor 
accuracy  of  the  experimental  data. 


2.6,3  Conclusions  of  A.2  Test  Cases. 

A  general  conclusion  of  the  previous  evaluation  is  the 
fair  agreement  of  the  different  solutions  of  the  review. 
However,  the  aim  of  the  A.2  Test  Case  is  rather 
ambitious  since  it  focuses  not  only  on  classical 
quantities  (pressure  distribution)  but  also  on  the  physical 
phenomena  encountered  in  afterbody  flows.  From  this 
respect,  it  is  found  that  results  are  rather  scattered  and 
differ  from  each  other  and  also  from  the  available 
e.xperimental  data. 

A  recurrent  list  of  problematic  issues  appear  : 

-  the  recompression  on  the  downstream  portion  of  the 
nozzle  is  sj'stematically  overpredicted. 

-  there  still  remain  a  doubt  on  the  actual  nature 
(separated,  attached)  of  the  boundaiy  layer  close  to  the 
trailing  edge  nozzle, 

-  the  entrainment  effects,  and  the  mixing  layer  thickness 
is  not  always  well  predicted, 

-  and  although  the  overall  feature  of  the  Mach  cells  are 
well  represented,  there  are  some  discrepancies  in  the 
evaluation  of  their  actual  size. 

These  difficulties  may  be  the  result  of  factors  of  different 
kind  ; 

•  The  initialisation  procedure  is  crucial  to  impose  the 
inflow  conditions,  especially  the  upstream  boundary' 
layer.  The  quantities  involved  are  not  only  velocities, 
pressure  and  temperature  but  also  turbulent  quantities 
such  as  pj,  k  or  e. 

•  The  initial  zone  of  the  jet  needs  to  be  well  represented. 
It  will  have  an  impact  on  the  expansion  of  the  jet.  on 
development  of  the  mixing  layer  and  also  on  the  size  of 
the  Mach  cells. 


•  Turbulence  models  are  found  to  perform  very  nicely  in 
the  Jet.  In  particular,  mixing  (expressed  in  terms  of 
velocity  and  turbulent  quantities)  is  remarkably  well 
predicted  in  this  axisy'mmetric  configuration. 

•  In  the  trailing  edge  zone  of  the  afterbody,  the 
turbulence  model  choice  seems  to  have  a  small  influence 
on  the  pressure  distribution.  In  fact,  the  influence  could 
have  been  much  more  pronounced  if  strong  separation 
or  shock  interactions  were  present. 

•  However,  turbulence  modelling  is  not  the  only  factor 
and  the  remaining  discrepancies  between  experiment 
and  CFD  should  be  sought  both  in  the  grid  (topology 
and  density)  and  in  the  numerical  scheme. 

•  Attention  is  drawn  at  this  point  on  the  importance  of 
numerical  viscosity.  This  quantity,  although  of  major 
importance  on  results  should  received  more  attention.  It 
may  indeed  happen  that  this  viscosity  is  of  the  order  of, 
or  even  higher  than  the  modelled  turbulent  viscosity.  In 
such  a  scenario,  both  the  numerical  scheme  and  the  grid 
impose  a  leading  value  of  viscosity  which  is  wrong, 
regardless  of  the  sophistication  and  of  the 
representativity  of  the  turbulence  model. 

•  No  experimental  data  on  drag  were  available  and 
therefore  no  CFD  evaluation  were  provided  by 
Contributors.  However,  it  seems  that  CFD  prediction 
would  have  revealed  a  large  scatter  in  their  prediction. 

•  It  appears  that  the  crucial  issue  for  drag  prediction  is 
to  manage  the  representation  of  a  typical  physical 
phenomenon.  In  particular  a  separation  can  be  triggered 
either  by  the  natural  tendency  of  the  flow  on  the  actual 
geometry,  or  if  the  code  is  not  sufficient,  with  the  help  of 
a  modified  geometry  or  with  a  special  initialising 
procedure. 

As  a  result,  should  one  consider  Computational  Fluid 
Dynamics  as  black  art?  Surely  not,  but  it  should  be 
stressed  that  the  quality  of  the  final  result  will  depend  on 
the  way  the  CFD  team  will  have  handled  the  whole 
process  : 

-  the  way  of  treating  the  problem  :  extension  of  the 
computational  domain  (whole  physical  domain  or  only 
the  rear  part  of  the  afterbody),  what  kind  of  physical 
phenomena  should  we  expect,  at  what  location  ? 

-  the  grid  ;  stnictured  vs.  unslnictured,  higher  density  in 
"zones  of  interest", 

-  initialising  procedure  :  inflow  conditions  and  also  the 
initial  field  (uniform  field,  Euler  solution,  laminar  vs. 
turbulent  Navier-Stokes  solution), 

-  choice  of  turbulence  model. 

-  converging  procedure  (use  of  restarts...), 
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-  and  post-processing. 

As  a  final  remark,  one  may  acknowledge  the  importance 
of  having  a  knowledge  of  the  experimental  data  before 
sending  out  one's  results.  This  kind  of  work  is  not,  and 
was  not  intended  to  be  a  blind-test!  Most  of  the 
contributors  have  all  applied  a  trial  and  error  way  of 
progressing.  The  previous  knowledge  of  the  physical 
phenomena  to  be  encountered  is  therefore  crucial  to 
adapt  one's  grid  or  convergence  procedure. 
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Figure  2.6-16  Case  A, 2. 2  Static  Pressure  CocfTicicnt  on  the  Afterbody 
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Figure  2.6-18  Case  A. 2. 2  Boundary'  Layer  Profiles  at  .\/Dn,j,x=-2.076 
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Figure  2.6-21  (continued)  Case  A. 2. 2  ProFilcs  orMcan  A.xial  Velocity  Component  at  X/D,„a 


Figure  2.6-22  Case  A. 2. 2  Profiles  of  Mean  A.xial  Velocity  Component  at  X/D„„;^  =  0.0825 
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Figure  2,6-22  (continued)  Case  A. 2. 2  Profiles  of  Mean  A.xial  Velocity  Component  at  X/D,,,;,: 
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2.6-23  (continued)  Case  A. 2. 2  Profiles  of  Mean  A.' 
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Figure  2.6-24  (contiiuicd)  Case  A. 2. 2  Profiles  of  Mean  A.vial  Velocity  Component  at  X/D,„a 
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Figure  2.6-25  (conliinied)  Case  A. 2. 2  Profiles  of  Mean  Radial  Veloeity  Component  at  =  0.041 
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Figure  2.6-26  Case  A.2.2  Profiles  of  Mean  Radial  Velocity  Component  at  X/D,,,;,^  -  0.0825 

Figure  2.6-27  (conlinucd)  Case  A. 2. 2  Profiles  of  Mean  Radial  Velocily  Component  at  X/D,,,, 
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Figure  2.6-28  (continued)  Case  A. 2. 2  Profiles  of  Mean  Radial  Velocity  Component  at  X/D|„;,x  =  1.2871 
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Figure  2.6-33  Case  A. 2. 2  Profiles  of  Turbulent  Kinetic  Energy  at  .X/D|„;ix  =  0.0413 
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Figure  2,6-36  Case  A. 2. 2  Profiles  ofTiirbuleni 
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2.7  Recommendation  for  future  work 


The  aim  of  A  test  cases  was  to  provide  thorough  data 
(mean  pressure  both  at  the  wall  and  in  the  flow,  mean 
velocities  as  well  as  turbulent  quantities  in  the  flow)  on 
simple  configurations.  Due  to  the  relative  absence  of 
geometrical  complexities,  and  to  the  wealth  of 
experimental  data  available,  the  level  of  expectation  was 
quite  high  in  terms  of  prediction  quality. 

The  analysis  of  the  different  computational  results  has 
revealed  that  even  inviscid  flow  features  (as  pressure 
upstream  of  an  afilbody  shoulder)  were  not  necessarily 
well  predicted.  Although  this  prediction  seemed  both 
basic  and  straightforward,  it  should  not  be  overlooked. 
This  relates  of  course  to  numerical  issues  (quantity 
conservation,  form  of  initialisation,  way  of  conducting 
the  job,  convergence...),  but  also  to  grid  issues 
(minimum  grid  density,  grid  quality  criteria...). 

As  expected  turbulence  has  provided  various  level  of 
agreement  with  experimental  data.  However,  the  test 
case  A.2  may  not  have  been  too  selective  since  no 
massive  separation  was  expected.  A  doubt  still  remains 
on  the  turbulent  quantities  initial  values  to  consider 
when  the  computational  domain  starts  within  the  body. 

In  general,  representativity  of  the  global  viscosity  should 
be  assessed  in  a  more  precise  way.  Since  it  is  the  sum  of 
molecular  viscosity,  turbulent  viscosity  (referring  to 
turbulence  model)  and  numerical  viscosity  (referring  to 
the  combinaison  of  the  numerical  scheme  and  the  grid 
discretisation),  the  final  result  is  the  blend  of  all  these 
factors.  It  means  that  any  of  these  points  should  not  be 
overlooked.  In  particular,  care  has  to  be  paid  so  that 
turbulent  model  effects  are  not  buried  in  numerical 
viscosity. 

Therefore,  validation  has  still  to  be  considered  has  a 
priority  in  the  CFD  world.  Efforts  should  be  pursued  to 
provide  experimental  test  cases  for  different 
geometrically  simple  configurations  but  very  well 
documented.  Use  of  an  advanced  and  exhaustive 
metrology,  able  to  deliver  data  with  a  high  level  of 
confidence  both  at  the  wall  and  in  the  flow  has  to  be 
secured.  Mean  quantities  as  well  as  turbulent  quantities 
are  sought  on  an  adequate  (in  terms  of  density  and 
location)  acquisition  grid.  This  should  reveal  the 
presence  of  even  minute  recirculation  zones. 

These  fundamental  test  cases  will  enable  the  required 
effort  of  assessment  and  validation  of  modelisations. 
The  answer  is  required  to  give  confidence  in  prcdiclion 
of  more  complex  flows  which  is  the  aim  of  CFD  since 
engineers  and  designers  are  concerned  primarily  with 
/predictions  rather  than  /po.v/dictions. 


3.  DESIGN 


3.1  Design  of  Complex  3-D  Aircraft  Afterbodies  -  General  Considerations 


3.1.1  Introduction 

The  report  of  the  previous  AGARD  Working 
Group  on  afterbody  aerodynamics  (WG08, 
Reference  3.1-1)  discussed  at  some  length  the 
modelling  of  axisymmetric  afterbody  flows, 
including  the  representation  of  jets  and  model 
support  stings;  wind  tunnel  experimental 
techniques;  and  the  challenge  of 
three-dimensionality  in  terms  of  drag  and  flow 
instability.  The  preceding  sections  of  this  report 
have  recapitulated  the  fundamental  flow 
phenomena  and  demonstrated  the  progress  which 
has  been  made  since  the  publication  of  Reference 
1  in  the  Computational  Fluid  Dynamics  (CFD) 
modelling  of  those  phenomena.  The  following 
sections  go  on  to  discuss  the  practicability  of 
applying  recent  CFD  method  developments  to  the 
solution  of  design  engineering  problems  on 
complex,  three-dimensional  afterbodies  typical  of 
high  performance  combat  aircraft. 

In  practice,  three-dimensional  (3-D)  effects 
appear  as  soon  as  it  is  attempted  to  integrate  an 
otherwise  simple  afterbody  into  an  overall  aircraft 
configuration.  The  task  facing  the  afterbody 
aerodynamicist  involved  in  project  design  is  to 
understand  how  the  fundamental  flows  interact 
about  a  complex  configuration  to  produce  typical 
3-D  flow  characteristics  and  to  apply  that 
understanding  to  particular  configurations. 

The  ultimate  goal  of  afterbody  design  is  to 
contribute  to  the  successful  design  and  release  to 
service  of  project  aircraft.  The  criteria  for  success, 
and  therefore  the  approach  to  the  aerodynamic 
design  of  a  particular  project  afterbody,  are 
determined  by  the  role  requirements  and  the 
relative  significance  of  the  various  aspects  of  the 
project.  Hence,  the  afterbody  aerodynamicist 
must  be  aware  of  both  the  requirements  of  the 
project  aircraft  and  the  range  of  techniques  which 
will  allow  those  requirements  to  be  met  as 
accurately,  quickly,  and  efficiently  as  possible. 

Subordinate  to  the  ultimate  project  goal,  the  twin 
objectives  of  afterbody  aerodynamic  design  are  to 
optimize  performance  and  avoid  adverse 
aerodynamic  behaviour  such  as  instability,  buffet, 
or  vibration.  The  former  requires  the  achievement 
of  low  drag,  the  pursuit  of  which  leads  to  the 
generation  of  steep  adverse  surface  static  pressure 
gradients  and  the  deliberate  production  of  high 
base  static  pressure  coefficients.  Both  tend  to 
provoke  or  exacerbate  airflow  separations,  the 
effects  of  which  can  be  made  worse  by  energetic 
turbulence  in  the  base  region  and  in  the  mixing 
of  the  propulsive  jet  with  the  free  stream.  Thus, 
care  is  needed  in  balancing  the  aerodynamic 
objectives,  whilst  not  losing  sight  of  the 
refinement  of  the  overall  design  (see,  for  example. 
Reference  3.1-2). 


The  following  sections  review  the  points  at  which 
the  afterbody  aerodynamicist  is  involved  in  a 
project,  the  factors  influencing  afterbody  design, 
and  the  general  tools  and  techniques  available  for 
the  design  of  3-D  afterbodies  for  project  aircraft. 

3.1.2  Afterbody  Aerodynamics  within  the  Overall 
Design  Process 

The  life  of  a  particular  aircraft  project  can  be 
described  as  consisting  of  a  number  of  contiguous 
or  overlapping  phases  in  time.  These  phases 
themselves  may  be  defined  in  different  ways:  for 
the  purpose  of  this  section,  the  following 
definitions  will  be  used: 

Requirements  Phase 

Concept  Phase,  including  Feasibility 
Studies 

Development  Phase,  including  Risk 
Reduction,  Basic  and  Detailed  Design, 
and  Flight  Clearance 

Production  Phase,  including 
Production  Standard  Flight 
Clearance  and  Release  to  Service 

Service,  including  subsequent  modifications. 

In  addition  to  these  project-specific  phases, 
parallel  programmes  of  supporting  and  enabling 
research  are  usually  in  progress,  focused  to  a 
greater  or  lesser  extent  on  particular  project 
features. 


1)  Requirements  Phase 

Afterbody  aerodynamic  design  is  not  usually 
a  key  issue  during  the  Requirements  Phase, 
though  advanced  warning  of  the  possible  need 
to  consider  highly  novel  afterbody  /  nozzle 
concepts  can  be  obtained. 

2)  Concept  Phase 

During  the  Concept  Phase  the  afterbody 
aerodynamicist  is  usually  required  to  provide 
advice  on  choices  of  engine  and  nozzle  and 
contribute  to  performance  estimates  and 
trade  studies  in  support  of  concept  and 
feasibility  studies.  Care  needs  to  be  exercised 
in  ensuring  the  consistency  of  thrust  and  drag 
book-keeping  during  trade  studies.  At  this 
stage  any  requirements  for  highly  novel 
designs,  for  example  for  thrust  vectoring  or 
low  observables,  ought  to  be  clearly 
identified. 
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3)  Development  Phase 

The  greatest  involvement  of  afterbody 
aerodynamics  usually  takes  place  during  the 
Development  Phase.  Basic  design  issues  are 
resolved,  the  performance  assessments  made 
during  the  Concept  Phase  are  refined,  and 
appropriate  activities  carried  out  to  identify 
and  reduce  the  risk  areas  of  the 
configuration  prior  to  basic  design  ("lines") 
freeze. 

Typically,  project  cost  and  timescale 
constraints  limit  the  amount  of  dedicated 
test  data  which  can  be  acquired  during  the 
early  part  of  the  Development  Phase. 
Usually  it  would  be  much  more  useful  to 
have  a  dedicated  afterbody  model  tested 
before  design  freeze,  but  in  practice, 
because  of  cost,  this  model  is  often  one  of 
the  last  to  be  manufactured.  This  limitation 
forces  a  reliance  on  data  from  generic  and 
supporting  research,  theoretical  and 
empirical  methods,  and  information  from 
published  data. 

Following  the  basic  design  freeze,  detailed 
design  activities  are  required  to  be 
supported.  The  design  of  the  afterbody  is 
refined  and  definitive  performance 
information  is  generated.  At  this  stage,  a 
fully  representative  aircraft  afterbody 
model  is  commonly  tested,  often  in 
conjunction  with  a  model  build  which  is 
representative  of  the  appropriate 
six-component  forces  and  moments  model 
used  for  overall  configuration  stability, 
control,  and  drag  investigations.  Inputs  are 
generated  to  the  aircraft  drag  datasets  and 
throttle-dependent  engine  installation 
datasets. 

The  input  to  clearance  for  flight  is  mainly 

via  such  performance  inputs  to  the  aircraft 
Operating  Data  Manual  (ODM),  and  does 
not  usually  involve  safety-critical  items. 
However,  the  increasing  use  of  thrust 
vectoring  for  control  purposes  for 
configurations  having  either  high  airframe 
agility  or  deliberately  reduced  "traditional" 
aerodynamic  control  necessitates  the 
generation  of  a  detailed,  comprehensive, 
and  accurate  description,  including  a 
numerical  model,  of  jet  effects  on  all  forces 
and  moments.  In  such  circumstances  the 
afterbody  aerodynamicist  is  required  to 
co-operate  closely  with  specialists  in  flight 
mechanics  and  Integrated  Flight  and 
Powerplant  Control  Systems  (IFPCS)  as  well 
as  with  powerplant  manufacturers. 

In  addition,  experience  on  recent 
high-performance  aircraft  has  led  to  an 
increased  emphasis  on  the  prevention  of 
adverse  airflow  behaviour  in  the  afterbody 
region,  which  may  take  the  form  of  airflow 
separation  effects  on  stability  and  control. 


buffet,  vibration,  or  hostile  acoustic 
environment.  Not  all  such  phenomena  are 
yet  identified  in  flight  clearance 
requirements,  but  there  is  an  increasing  need 
to  ensure  their  elimination  from  the  design 
and  to  demonstrate  their  absence  prior  to 
flight. 

Prototype  or  development  test  aircraft  are 
usually  constrained  to  a  minimum  of 
instrumentation,  for  which  all  of  the  various 
engineering  specialisations  must  compete. 
It  is  therefore  unusual  for  the  afterbody 
aerodynamicist  to  play  more  than  a 
monitoring  role  during  development  flight 
testing,  possibly  with  some  support  to 
performance  verification. 

The  identification  and  solution  of 
aerodynamic  problems  during  flight  testing 
are  costly,  time  consuming,  highly  visible, 
and  hence  extremely  undesirable, 
emphasising  the  need  for  care  and  attention 
to  detail  during  the  preceding  design  stages. 


4)  Production  Phase 

During  the  Production  Phase  the  afterbody 
aerodynamicist  may  be  called  on  to  provide 
advice  and  guidance  on  changes  which  may 
be  made  to  configuration,  surface  finish, 
excrescence,  or  sealing  details,  particularly 
if  the  design  is  rationalized  to  expedite 
production.  If  such  configuration  changes 
are  made  or,  for  instance,  additional  sensors 
installed,  revised  performance  datasets  may 
be  required  for  the  production  standard 
flight  clearance  and  for  release  to  service. 
Apart  from  these  exceptions,  the 
involvement  of  afterbody  aerodynamics  in 
the  Production  Phase  is  not  usually 
significant. 

5)  Service 

Following  the  initial  release  to  service,  a 
successful  project  aircraft  will  usually 
proceed  through  several  marks,  variants, 
and  modification  standards.  Many  of  these 
may  involve  the  addition  of  such  items  as 
rearward-facing  sensors  or  countermeasures 
equipment,  the  installations  and  fairings  of 
which  may  require  careful  integration  with 
the  basic  design  in  order  not  to  compromise 
its  aerodynamic  behaviour.  In  addition,  it 
is  likely  that  information  will  be  required 
concerning  thermal,  acoustic,  and  vibration 
environments,  as  inputs  to  equipment 
requirements. 


6)  Supporting  and  Enabling  Research 

In  order  to  ensure  an  adequate  capability  to 
carry  out  project  design  tasks  when 
required,  it  is  prudent  to  conduct  a  parallel 
programme  of  supporting  and  enabling 
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research.  The  minimum  content  of  such  a 
programme  should  consist  of  a  regular 
survey  of  existing  knowledge,  for  example 
via  "open"  published  literature,  to  maintain 
awareness  of  the  state  of  the  art  and  compile 
suitable  databases. 

The  development  and  regular  use  of 
theoretical  and  empirical  methods  enable 
their  prompt  and  appropriate  use  when 
project  tasks  require  them,  secure  the 
benefits  from  the  investment  in  and  use  of 
CFD  techniques,  and  assist  in  developing 
and  maintaining  understanding  of  the 
contributory  flow  phenomena. 

Dedicated  wind  tunnel  experiments  are 
frequently  considered  to  be  expensive. 
Nevertheless,  wind  tunnel  testing  remains 
the  only  currently  practical  method  to  obtain 
information  about  novel  afterbody/nozzle 
configurations.  Care  should  therefore  be 
exercised  to  ensure  that  generic  wind  tunnel 
tests  produce  information  with  the  widest 
possible  relevance  and  applicability. 

In  special  circumstances  dedicated  research 
flight  testing  may  be  carried  out,  but  it  is 
the  most  expensive  method  of  gathering  data 
and  its  use  is  likely  to  be  identified  closely 
with  larger  research  or  demonstration 
programmes. 


3.1.3  Factors  Influencing  3-D  Afterbody  Design 

Throughout  the  design  process  the  afterbody 
aerodynamicist  is  required  to  interface  with  a 
number  of  other  specialisations,  whose 
requirements  often  conflict  with  those  of  purely 
aerodynamic  design.  The  key  issues  determine 
the  approach  to  the  design  and  influence  the  tools 
and  techniques  employed  to  solve  design  problems. 

3. 1.3.1  Performance 

The  fundamental  purpose  of  afterbody 
aerodynamic  design  is  to  achieve  the  highest 
possible  level  of  performance,  which  must  remain 
uppermost  in  the  objectives  of  the  afterbody 
aerodynamicist,  even  when  taking  account  of 
overall  aircraft  performance  and  manoeuvre 
requirements  and  practical  constraints.  The 
achievement  of  high  performance  requires  in  turn 
a  trade-off  between  drag,  weight,  and  engine 
thrust  subject  to  installation  effects,  leading  to  the 
choice  of  nozzle  type  and  propulsion  system 
philosophy. 

Having  selected  the  nozzle  type,  the  next  task  of 
the  afterbody  aerodynamicist  is  to  influence  the 
design  in  order  to  minimise  the  airframe  drag. 
Somewhat  difference  approaches  to  minimum  drag 
design  are  needed  for  subsonic,  transonic,  and 
supersonic  conditions. 


Sub-  and  transonic  drag  depends  primarily  on  the 
minimisation  of  effective  base  area  (see  Reference 
3.1-1)  and  judicious  choice  of  afterbody  boat-tail 
curvature  (see,  for  example.  Reference  3.1-3). 
Supersonic  afterbody  drag  is  more  dependent  on 
interferences  between  the  fuselage  and  flying 
surfaces  and  is  more  deeply  integrated  with  the 
drag  of  the  overall  configuration. 

References  3.1-4,  -5,  -6,  -7  and  -8  and  subsequent 
sections  of  this  report  contain  descriptions  of  jet 
and  configuration  effects,  and  outline 
methodologies  for  drag  prediction. 

Jet  effects  at  supersonic  conditions  for 
fully-expanded  convergent-divergent  nozzle 
installations  are  relatively  slight.  However,  for 
under¬ 
expanded  convergent  nozzles  they  become 
significant,  are  typically  much  more  pronounced 
than  at  subsonic  conditions  (see  Reference  3.1-6), 
and  can  be  a  significant  mechanism  within  the 
overall  aircraft  supersonic  zero-lift  drag. 

In  addition  to  the  overall  guidelines  for  drag 
minimisation,  some  particular  issues  require 
careful  attention.  These  include  the  avoidance  of 
the  "scrubbing"  of  the  jet  on  any  parts  of  the 
airframe  downstream  of  the  nozzle  exit,  which 
incurs  a  high  drag  penalty,  and  the  design  of  the 
"highly  matched"  propulsion  systems  which  were 
characteristic  of  earlier,  "point  design"  aircraft, 
typically  for  continuous  operation  at  high  super¬ 
sonic  Mach  numbers,  for  example  the  Lockheed 
SR- 71  and  supersonic  transports  (SST’s)  such  as 
Concorde.  In  the  case  of  Concorde,  nozzle  exit 
flow  conditions  were  not  only  carefully  controlled 
to  optimise  afterbody  performance,  but  also  closely 
integrated  with  the  nozzle  and  intake  secondary 
flows,  providing  shock  system  and  intake  spillage 
control  (see,  for  example.  Reference  3.1-9). 

At  the  same  time  as  providing  guidance  for  design 
for  optimum  performance,  it  is  also  necessary  to 
generate  data  for  performance  predictions.  For 
this  purpose,  a  knowledge  is  needed  of  the  weight 
of  the  nozzle  installation  and  how  it  varies  for 
different  possible  installations. 

At  this  stage  it  is  also  necessary  to  determine  the 
method  of  thrust  and  drag  accounting  (or 
book-keeping)  which  is  to  be  used.  This  leads  in 
turn  to  a  definition  of  the  reference  conditions 
for  that  part  of  the  aircraft  drag  which  is  to  be 
accounted  as  zero-lift  drag  of  the  airframe  and 
that  part  which  is  accounted  with  the 
throttle-dependent  drag  term  usually  assigned  to 
the  engine  performance  dataset  (often  termed  an 
"installation  dataset"). 

The  choice  of  accounting  method  is  influenced  by 
the  role  of  the  aircraft,  the  choice  of  engine,  the 
typical  operating  conditions  of  the  nozzle,  and  the 
custom  and  practice  of  both  airframe  and  engine 
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manufacturer.  It  is  therefore  inappropriate  to 
provide  recommendations  on  accounting  method, 
apart  from  the  need  to  ensure  consistency. 

3.13.2  Flow  Characteristics 

It  is  an  important  part  of  the  aerodynamic  design 
of  a  project  aircraft  afterbody  to  develop  an 
understanding  of  the  characteristics  of  the  airflow 
over  (and  possibly  within)  the  afterbody,  in  terms 
of  the  dominant  flow  mechanisms,  such  as  vortices 
and  principal  interferences,  and  details  such  as 
corners,  gullies,  and  leakage  paths,  paying 
particular  attention  to  gross  or  incipient  airflow 
separations. 

The  interactions  of  the  afterbody  flow  with  the 
overall  configuration  play  a  significant  part  in 
supersonic  drag;  at  subsonic  conditions  the 
presence  of  large  aerodynamic  interferences  can 
also  have  a  significant  effect  on  drag,  for  example 
via  strong  negative  pressure  fields,  which  can  also 
give  "early  warning"  of  possible  transonic  shock 
formations  and  the  risk  of  shock-induced 
separation.  Adjacent  flying  surfaces,  such  as  the 
empennage  or  delta  wings,  are  the  main 
contributors  to  such  effects,  which  are  further 
affected  by  control  surface  movement.  The 
tendency  towards  small,  compact  configurations 
also  results  in  close  coupling  of  aerodynamic 
phenomena  and  an  increased  likelihood  that 
external  stores  will  interfere  with  the  afterbody 
flowfield. 

Boundary  layer  development  is  of  great  importance 
in  determining  afterbody  flow  characteristics.  It 
is  easily  possible  for  boundary  layer  thicknesses 
at  the  end  of  the  afterbody  of  even  a  small  military 
combat  aircraft  to  exceed  0.15m  (bins.)  in  general, 
and  twice  that  thickness  in  gullies  or  corners.  The 
pursuit  of  low  drag  levels,  and  hence  of  minimum 
base  areas,  steep  boat-tail  angles,  and  high  base 
and  end-of-boat-tail  surface  static  pressures, 
results  in  high  adverse  pressure  gradients  which 
can  be  sufficient  to  separate  the  boundary  layer. 
This  effect  is  more  pronounced  in  corners,  such 
as  the  junctions  between  fuselage  and  flying 
surfaces,  where  boundary  layers  are  usually 
thicker,  and  in  gullies  where  the  three-dimensional 
divergence  of  the  effective  channel  tends  to 
increase  the  pressure  gradients  further. 

Airflow  separation,  particularly  if  unpredicted  or 
uncontrolled,  is  generally  undesirable  and  its 
avoidance  is  therefore  usually  a  design  aim.  It 
causes  increased  drag  (by  adding  to  the  effective 
base  area)  and  buffet.  The  separation  of  airflow 
on  flying  or  control  surfaces  can  degrade  aircraft 
stability  or  reduce  control  power  and  effectiveness. 
Separation  on  the  afterbody  is  further  exacerbated 
by  the  local  adverse  pressure  gradients,  which 
cause  any  separations,  once  established,  to  spread 
and  generally  preclude  the  possibility  of 
subsequent  re-attachment. 

Unavoidable  separations  ought  to  be  controlled, 
for  example  by  local  relaxation  of  boat-tail  angles 


at  the  expense  of  increased  base  area  or  by 
deliberately  fixing  the  separation  by  means  of  local 
surface  discontinuities.  In  extreme  circumstances, 
the  effects  of  afterbody  flow  separations  can  be 
ameliorated  by  the  use  of  standard  palliatives  such 
as  vortex  generators,  although  the  local  thickness 
of  the  boundary  layer,  together  with  possible 
requirements  to  minimise  or  avoid  excrescences 
and  achieve  the  smoothest  possible  external 
surface,  militate  against  the  use  of  conventional 
vortex  generators. 

The  susceptibility  of  the  boundary  layer  to  separate 
can  also  be  influenced  by  upstream  features  such 
as  vents  or  outlets,  particularly  boundary  layer 
bleed  outlets,  which  may  have  the  effect  of 
introducing  additional  low-energy  air  and  further 
thickening  the  afterbody  boundary  layer. 

The  buffet  caused  by  separation  on  the  afterbody 
is  not  only  transmitted  to  the  airframe  as  a  random 
vibration,  but  can  also  couple  with  particular 
airframe  vibration  modes.  Both  types  of  vibration 
can  have  detrimental  effects  on  aircrew  ride 
comfort  and  aircrew  and  sensor  performance  (see 
References  3.1-1  and  -2). 

In  addition  to  buffet  caused  by  separation,  the 
presence  of  energetic,  large-scale  turbulence  in 
the  base  region  and  in  the  jet  mixing  layer  can 
also  result  in  airframe  vibrations  without  apparent 
separation. 

The  need  to  incorporate  moving  parts,  such  as 
thrust  reverser  components,  or  to  accommodate 
relative  movement  of  engine  and  airframe  under 
aircraft  manoeuvre  loads  results  in  discrete  joints 
and  gaps  in  the  afterbody  external  surface.  If 
leakage  paths  exist  between  such  joints  and  regions 
of  high  local  pressure,  such  as  the  central  base, 
separations  can  be  provoked.  Care  is  therefore 
needed  to  ensure  adequate  sealing  in  the  afterbody 
region,  and  such  features  should  be  represented 
as  closely  as  possible  on  appropriate  wind  tunnel 
models. 

A  good  understanding  of  the  local  flow 
characteristics  is  also  necessary  in  order  to 
determine  the  best  locations  for  any  secondary 
inlets  and  outlets  which  may  be  required.  For 
example,  aircraft  environmental  control  system 
(ECS)  outlets  are  often  located  at  or  near  to  the 
rear  of  the  aircraft:  a  suitable  low-pressure  region 
is  essential  in  order  to  maintain  adequate  venting 
and  ECS  airflow  throughout  the  aircraft.  The 
effect  of  any  auxiliary  airflows  on  the  overall 
afterbody  flowfield  also  needs  to  be  understood. 

The  adoption  of  any  novel  or  exotic  nozzle  types 
or  arrangements  also  influences  the  overall 
afterbody  flowfield.  Examples  include  any  highly 
matched  propulsion  systems  involving  shock 
system  control,  or  any  configurations  in  which  the 
nozzle  exit  is  located  upstream  of  the  end  of  the 
afterbody  or  of  flying  surface  trailing  edges.  In 
the  latter  cases,  jet  impingement,  jet  "scrubbing". 
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or  Coanda  Effect  can  be  encountered  -  or,  indeed, 
be  deliberately  introduced.  The  interaction  of 
impinging,  attached,  or  entrained  jets  with 
adjacent  surfaces  is  highly  configuration 
dependent  and,  if  introduced,  is  likely  to  be  one 
of  the  dominant  flow  features  of  the  configuration. 
It  is  therefore  beyond  the  scope  of  the  general 
conclusions  of  this  report  and  will  not  be  discussed 
further. 

3. 1.3.3  Stability  and  Control 

The  degradation  of  stability  and  control 
characteristics  by  the  onset  of  airflow  separation 
and  the  possible  use  of  palliatives  to  restore 
adequate  margins  have  been  outlined  in  the 
preceding  section. 

Stability  and  aerodynamic  control  requirements 
are  the  main  drivers  of  the  choice  of  empennage 
size  and  location,  and  need  to  be  incorporated  in 
the  design  process  along  with  drag  and  other 
interference  considerations.  Thus,  close 
co-operation  is  required  between  the  afterbody 
aerodynamicist,  who  typically  represents  the 
interests  of  performance,  and  the  stability  and 
control  specialists  in  order  to  ensure  the  optimum 
compromise. 

Current  emphasis  on  manoeuvrability,  airframe 
agility,  vertical/short  take-off  and  landing 
(VSTOL),  advanced  short  take-off  and  vertical 
landing  (ASTOVL),  and  configurations  with 
deliberately  constrained  control  arrangements  lead 
to  an  increased  use  of  jets  for  force  (e.g.  lift)  and 
moment  generation.  The  use  of  thrust  vectoring 
is  of  particular  interest  to  the  afterbody 
aerodynamicist.  As  well  as  axisymmetric  or 
non-axisymmetric  nozzles  capable  of  vectoring  in 
one  or  more  axes,  use  is  also  made  of  novel  or 
exotic  nozzle  locations,  possibly  resulting  in  or 
making  use  of  jet  impingement  or  Coanda  Effect, 
which  were  briefly  described  in  the  preceding 
section. 

3. 1.3. 4  Buffet,  Vibration  and  Acoustics 

Mention  has  already  been  made  (Section  3. 1.3. 2) 
of  buffet  and  vibration  resulting  from  afterbody 
flow  instabilities,  both  with  and  without  actual 
airflow  separation.  Not  only  are  suitable 
prediction,  modelling,  and  analysis  techniques 
required  during  the  design  process:  some 

knowledge  is  also  needed  of  the  basic  vibration 
modes  of  the  complete  airframe. 

As  well  as  large-scale  buffet  and  vibration 
phenomena,  the  presence  of  the  jet  produces  an 
acoustic  environment  which  needs  to  be  taken  into 
account  and  which  can  be  hostile  or  damaging. 
Particular  examples  from  recent  experience 
include  twin  jet  plume  resonance,  sometimes  called 
"screech",  which  is  potentially  damaging  to 
structure  and  equipment,  particularly  nozzle 
components,  and  is  therefore  of  interest  to  both 


airframe  and  engine  manufacturers  (see,  for 
example.  Reference  3.1-10  and  Section  2.1  of  this 
report). 

The  acoustic  environment  is  also  of  importance  in 
the  choice  of  sensor  locations  and  the  qualification 
of  other  equipments.  For  configurations  with  the 
jet  exit  upstream  of  the  end  of  the  airframe, 
acoustic  fatigue  is  a  significant  structural  design 
factor. 

3. 1.3.5  Configuration  Integration 

The  interactions  of  afterbody  aerodynamic 
characteristics  with  the  overall  configuration  have 
been  discussed  in  the  preceding  sections.  The 
importance  of  nozzle  location  choice,  supersonic 
drag,  separations,  and  other  interferences  between 
the  afterbody,  empennage,  other  adjacent  flying 
surfaces  and  stores  indicate  the  necessity  of  the 
close  integration  of  afterbody  design  with  that  of 
the  total  configuration. 

3. 1.3.6  Engine  Installation  Requirements 

In  addition  to  the  engine/airframe  interfaces 
identified  in  the  preceding  sections,  certain 
features  and  requirements  of  the  powerplant 
system  impinge  upon  afterbody  aerodynamic 
design. 

For  example,  the  adoption  of  exotic  nozzle 
configurations  may  result  in  a  requirement  for 
particular  geometries  or  the  provision  of  secondary 
airflows. 

The  minimum  girth  of  the  afterbody  is  typically 
determined  by  the  engine  "space  envelope", 
including  an  allowance  for  deflections  relative  to 
the  airframe,  which  in  turn  leads  to  the  need  to 
decide  on  the  proportion  of  aerodynamic  load 
which  can  be  carried  on  the  engine  jet  pipe  and 
that  which  must  be  carried  on  the  airframe.  As 
the  rear  fuselage  structure  also  carries  significant 
loads  from  vertical  and  horizontal  tail  surfaces, 
and  sometimes  wing  attachments,  the  possible  use 
of  structurally  load-bearing  jet  pipes  should  be 
seriously  considered,  the  potential  benefits  being 
offset  against  issues  of  engine  removal,  hot/cold 
structure  interfaces,  and  maintainability.  The 
need  to  incorporate  engine  services  such  as  cooling 
air  inlets,  air  outlets,  drains,  and  system  purge 
outlets  must  also  be  taken  into  consideration. 

Engine  removal  requirements  dictate  the  size  and 
position  of  engine  bay  doors,  which  require  sealing 
and  the  definition  and  maintenance  of  acceptable 
surface  steps  and  gaps. 

If  a  particular  nozzle  is  chosen  and  designed  by 
the  airframe  -  rather  than  the  engine  - 
manufacturer,  it  is  necessary  to  ensure  that  the 
exit  area  and  any  area  variation  are  fully 
compatible  with  engine  operation. 
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3. 1.3.7  Structural  Considerations 

The  whole  of  a  project  aircraft  design  is  strongly 
driven  to  achieve  the  lowest  possible  weight.  This 
often  results  in  the  need  to  compromise  the  design 
away  from  a  purely  aerodynamic  optimum,  not 
least  in  the  afterbody  region.  The  afterbody 
aerodynamicist  can  help  to  ensure  that  the 
departure  from  that  aerodynamic  optimum  is  as 
small  as  possible  by  participating  as  closely  as 
possible  with  the  structural  design  process  and 
providing  the  most  timely  and  accurate 
information  when  required. 

The  key  structural  issues  affecting  afterbody 
aerodynamic  design  are  likely  to  be  structural 
space  or  volume  requirements,  cooling 
requirements  for  mechanical  or  material  purposes, 
and  the  acoustic  and  thermal  environments. 

3. 1.3.8  Equipment  Installations 

Much  of  the  equipment  installed  in,  on,  or  near 
the  afterbody  is  usually  associated  with  the 
powerplant  and  those  systems  which  extract  power 
from  the  engine,  such  as  hydraulics  and  electrical 
generation.  The  gearboxes  and  other  ancillary  and 
auxiliary  devices  and  services  typically  require 
space,  cooling  air,  and  adequate  venting,  which 
must  not  be  neglected  when  making  afterbody 
aerodynamic  design  assumptions. 

Particular  additional  mechanical  equipments 
frequently  incorporated  into  the  aircraft  afterbody 
include  a  brake  parachute  and  arrestor  hook,  both 
of  which  tend  to  violate  the  clean,  unbroken 
external  surface  which  is  aerodynamically 
desirable. 

The  afterbody  and  empennage  are  also  increasingly 
popular  locations  for  rearward-facing  sensors  or 
countermeasures  equipment,  which  usually  require 
a  space  envelope  significantly  larger  than  their 
basic  size,  to  incorporate  protection  from  the 
thermal  and  acoustic  environments. 

3. 1.3.9  Other  Considerations 

As  well  as  the  factors  specifically  referred  to  in 
the  preceding  sections,  a  number  of  other  general 
design  drivers  can  influence  the  ability  to  achieve 
an  aerodynamically  optimum  design.  These 
principally  include  manufacturing  process 
requirements;  cost;  reliability;  maintainability;  and 
accessibility. 

Afterbody  design  for  low  observables  is  a 
specialised  discipline  which  is  usually  role-  and 
configuration-specific  and  at  this  time  frequently 
sensitive.  Its  requirements  are  sufficiently 
over-riding  that  they  out  to  be  identified  clearly 
at  the  outset  of  the  design  process. 


3.1.4  Tools  and  Techniques 

As  in  other  aerodynamic  specialisations,  afterbody 
aerodynamics  rests  on  a  foundation  of  theory, 
experiment  and  experience  and  is  subject  to  the 
usual  advantages  and  disadvantages  of  each.  The 
current  state  of  the  art  in  each  area  is  described 
in  some  detail  in  the  other  sections  of  this  report. 

Theoretical  methods  encompass  increasingly 
capable  CFD  codes  used  in  isolation;  combinations 
of  simple  CFD  methods  with  correlations  of 
experimental  data;  and  empirical  methods  which 
often  consist  again  of  experimental  data  in 
conjunction  with  theoretical  techniques  such  as 
the  various  types  of  area  rule  or  area  transfer  rule 
applied  in  supersonic  design  optimisation. 

The  following  sections  of  this  report  discuss  the 
extent  to  which  existing  CFD  methods  are  capable 
of  accurately  predicting  the  various  aspects  of 
afterbody  aerodynamic  behaviour.  They  can 
already  be  used  judiciously  to  investigate 
particular  flow  features  in  detail  and  develop 
understanding  of  the  flow  mechanisms  present  on 
a  given  configuration,  and  to  predict  the  gross 
interferences  between  main  components.  It  is 
important  to  understand  the  limitations  of  the 
methods  which  are  available,  and  to  exploit  their 
respective  strengths  creatively  and  effectively. 

In  addition  to  CFD  methods  themselves,  the 
processing  of  experimental  data  from  unsteady  or 
high-response  pressure  measurements  makes 
increasing  use  of  the  theoretical  methods  common 
in  flutter  or  dynamic  analysis. 

Experimental  afterbody  aerodynamics  is  centred 
on  wind  tunnel  testing  of  subscale  models,  usually 
at  high  speed.  Standard  measurement  techniques 
of  forces,  moments,  steady  and  unsteady  pressures, 
and  flow  visualisation  are  employed,  with  some 
adaptation  to  enable  measurement  on  the  afterbody 
as  a  separate  component.  Particular  attention  is 
paid  to  the  minimisation  of  support  system 
interference  and  to  the  accurate  extraction  of 
balance  measured  force  data  (see,  for  example. 
Reference  3.1-11  and  Section  3.3  of  this  report). 
Static  rig  tests  may  also  be  used,  particularly  to 
characterise  nozzle  flows. 

Flight  tests  of  afterbody  aerodynamics  are 
uncommon,  and  usually  associated  with  the 
resolution  of  flight  problems.  However,  the 
information  which  they  yield  can  be  of 
considerable  value,  particularly  if  comparisons  are 
possible  between  flight  and  wind  tunnel  or 
theoretical  results,  and  between  different  flight 
measured  parameters  which  can  assist  in 
identifying  the  causes  and  effects  of  flow 
phenomena. 
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Flight  also  constitutes  a  significant  part  of 
experience,  but  one  to  which  quantitative  values 
can  only  infrequently  be  assigned.  There  is  now 
a  considerable  body  of  experience  in  afterbody 
aerodynamics,  and  most  of  the  phenomena  of 
interest  have  been  known  of  for  a  considerable 
time.  The  main  challenge  facing  the  afterbody 
aerodynamicist  is  to  interpret  the  large  amount 
of  available  information  in  order  to  derive 
design  guidelines  and  develop  design 
methodologies.  Previous  experience  assists  in 
developing  a  physical  understanding  of  the  flows 
both  at  and  off  the  surface  and  in  deriving 
correlations  and  approximations.  Experience 
from  other  aerodynamic  specialisations  also 
contributes  through  the  adaptation  and 
application  of  results  and  guidelines. 

3.1.5  Concluding  Remarks 

The  design  of  aircraft  is  a  process  which 
frequently  starts  at  the  front  and  finishes  at  the 
back:  thus,  the  afterbody  is  the  region  of  the 
aircraft  where  all  the  upstream  assumptions  and 
approximations  tend  to  be  resolved.  Similarly, 
afterbody  aerodynamic  characteristics  are 
dominated  by  the  effects  of  viscosity, 
compressibility,  and  turbulence  and  so  the 
common  simplifying  assumptions  of 
aerodynamic  theory  provide  an  incomplete  - 
and  at  times  quite  misleading  -  solution  to 
afterbody  flow  prediction. 

Therefore,  the  methods  employed  in  afterbody 
aerodynamic  design  are  of  necessity  hybrid. 
Judicious  and  careful  use  must  be  made  of  a 
mixture  of  theoretical  and  experimental 
techniques,  supplemented  by  experience  which 
may  be  obtained  either  directly  or  from  the 
published  experience  of  those  working  in  the 
field. 

The  process  is  further  coniplicated  by  the  highly 
three-dimensional  nature  of  real  aircraft 
afterbodies,  the  particular  interactions 
characteristic  of  a  specific  configuration,  and 
the  large  number  of  non-aerodynamic  design 
drivers  and  influences  in  the  region. 

Sufficient  knowledge  and  techniques  do, 
however  exist  to  enable  the  twin  aerodynamic 
objectives  of  high  performance  and  good  airflow 
quality  to  be  achieved.  Current  developments 
offer  the  prospects  of  reduced  design  timescales 
and  costs;  reduced  risk;  and  continuing 
improvements  in  the  range  of  configurations 
which  can  be  confidently  dealt  with  and  the 
degree  of  performance  which  can  be  achieved. 

Successful  afterbody  design  relies  on  the  careful 
integration  of  existing  knowledge,  proven 
techniques,  and  new  developments  into  a 
coherent  design  process. 
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3.2  The  Role  of  Empirical,  Analytical  and  CFD  Methods  in  the  Design  Process 


In  a  new  fighter  design,  the  airframe  propulsion 
system  integration  has  become  significantly  more 
important  and  complex  with  the  advent  of  the 
multimission  aircraft  in  the  70's  and  in  the  last 
decade,  when  new  technologies  like  enhanced 
manoeuvrability,  high  angle  of  attack  capability  and 
stealth  have  been  integrated  into  this  type  of 
aircraft.  The  mutual  interaction  that  occurs  between 
the  nozzle  exhaust  and  the  external  flow  field  can 
alter  the  pressure  distribution  on  the  afterbody 
region  and  can  produce  both  internal  and  external 
flow  separation.  Such  interactions  can  result  in 
significant  penalties  in  both  aircraft  drag  and  thrust, 
as  experienced  by  some  early  twin  engine  designs 
(for  example  G91Y,  Tornado,  F15). 

During  a  new  fighter  type  aircraft  development, 
different  phases  must  be  fullfilled  by  the  design 
team  and  for  each  phase  the  proper  design  tools 
(able  to  predict  the  aforementioned  penalties)  must 
be  used,  with  the  aim  to  obtain  an  optimized  final 
result  at  minimum  time  and  cost.  Usually  this 
design  process  involves  the  use  of  the  following 
methods  (excluding  the  experimental  tests): 

empirical/analytical  methods  can  be  applied  in 
the  early  stages  of  the  design  process, 
contributing  to  the  configuration  trade  studies 
and  providing  preliminary  performance 
prediction 

computational  fluid  dynamics  (CFD)  can  be 
useful  in  a  subsequent  desfgn  phase  in  order  to 
obtain  a  better  understanding  of  experimental 
test  results  and  solution  to  enhance  geometrical 
details. 

3.2.1  Description 

As  previously  said,  the  most  suitable  methods  for 
preliminary  design  are  those  based  on  empirical 
correlations  of  parametric  wind  tunnel  tests  whereas 
when  a  configuration  is  selected  CFD  methods  are 
preferred. 

The  present  chapter  will  describe  the  following 
semiempirical  methods: 

Integral  Mean  Slope,  IMS 
Integral  Mean  Slope  Truncated,  IMST 
Engine/Airframe  Integration  Methods 
Empirical  Supercirculation  Effect  Correlations 

and  the  latest  advances  in  CFD  analysis  and  design 
methods.  The  need  for  semiempirical  methods  had 
its  origin  in  the  70's,  with  the  advent  of 
multimission  aircraft,  due  to  inefficiency  in 


afterbody  drag  prediction  based  on  pure  analytical 
methods  like  linearized  theory  for  bodies  of 
revolution  or  potential  flow  for  three  dimensional 
configurations.  These  methods  were  available  and 
compatible  with  the  computer  speed  and  memory  of 
those  years.  An  example  of  analytical  methods 
validation  is  given  in  [3.2-1],  where  some  of  these 
methods  were  evaluated  for  predicting  the  thrust 
and  afterbody  drag  for  a  twin-nozzle  aircraft 
configuration.  A  summary  list  of  the  analytical 
methods  investigated  in  those  years  is  presented  in 
the  following  table. 


1  APPUCATION 

METHOD 

SUOSONIC  EXTERNAL  FLOW 

-  EouivAUtrr  body/potential  flow 

ANALYSIS 

-  •  3-D  POTENTIAL  FLOW 

■  "PAWA  3-D  TRANSONIC  ANALYSIS 

-  SECTOR  ANALYSIS/MOC 
•  •  CORRELATION 

SUPERSONIC  EXTERNAL  FLOW 

-  EQUIVALENT  BODYIMOC 
•  WAVE  DRAO  ANALYSIS 

-  SECTOR  ANALYSIS/MOC 

-  •  CORRELATION 

1  INTERNAL  FLOW 

■  •  AEDC-ETF  TIME  DEPENDENT 

ANALYSIS 

-  SECTOR  ANALYSIS/MOC 

-  *  CORRELATION 

1  ANNULAR  BASE 

-  KORST  ANALYSIS 
•  *  MODIFIED  BRAZZEiyHENDERSON 
EMPIRICAL  1 

*  :  Recommended  Methods 


[3.2-1]  concluded  that  "of  the  analytical  methods 
investigated,  none  are  recommended  for  predicting 
afterbody  drag".  Thus,  to  understand  the  flow 
behaviour  around  a  complex  3D  aircraft  afterbody 
and  define  design  guidelines,  a  series  of  parametric 
wind  tunnel  tests  were  developed.  This  wind  tunnel 
campaign,  carried  out  both  in  USA  and  Europe 
[3.2-1  -  3.2-6],  were  focused  on  exploring  the 
effects  of  the  most  important  parameters  affecting 
the  afterbody  drag  like: 

Mach  number,  nozzle  pressure  ratio,  Reynolds 
number,  boundary  layer  displacement  thickness, 
jet  temperature 

Aft  end  area  distribution,  twin  nozzle  spacing 
ratio,  boattail  angle,  interfairing  type  and 
length,  presence  of  tails  and  position,  base  area 

Nozzle  type,  i.e.  convergent, 
convergent-divergent  with  and  without 
secondary  flow,  unshrouded  and  shrouded  plug, 
single-expansion  ramp  nozzle  (SERN),  2D 
nozzle  etc. 
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In  recent  years  the  improvement  in  computer  speed 
and  memory  has  allowed  efficient  solutions  of  the 
Euler  and  Navier  -  Stokes  equations.  The  use  of 
CFD  methods  is  still  too  expensive  for  an  extensive 
application  in  preliminary  design.  However  good 
advances  have  been  made  in  the  last  years,  to 
define  efficient  CFD  analysis  and  design  methods 
[3.2-7  -  3.2-10].  CFD  analysis  methods  are  very 
useful  to  understand  flow  physical  phenomena  in 
the  propulsion  integration  area.  These  phenomena 
include  3-D/vortical  flow,  thick  boundary  layer  with 
adverse  pressure  gradients,  separated  flow, 
boundary  layer/shock  interactions,  shear  layer 
mixing  and  internal  flow  interactions.  These 
phenomena  usually  have  very  complicated  structure 
and  sometimes  are  seldom  identified  from 
experimental  test  results  and  visualizations,  so  CFD 
analysis  methods  help  to  locate  afterbody  zones 
affected  by  the  described  phenomena.  Present  CFD 
design  methods  can  be  categorized  as  follows: 
Design  by  analysis 
Inverse  design 
Optimization 

but  the  use  of  them  has  been  limited  up  to  now  for 
several  reasons.  These  reasons  can  be  summarized 
by  the  following  observation: 

in  order  to  model  the  correct  flow  physics, 
higher  order  codes  must  be  used 

use  of  higher  order  codes  implies  difficulty  in 
code  tuning,  so  that  the  validation  phase  of  the 
code  appears  to  continue  endlessly  and  the 
design  application  never  seems  to  start 

CFD  design  techniques  can  involve  many 
iterations  of  CFD  solutions,  so  this  design 
process  can  become  expensive  very  rapidly 

except  for  design  by  analysis,  the  design  logic 
for  more  automated  applications  is  still  in  an 
early  stage  of  development. 

3.2. 1.1  Integral  Mean  Slope 

As  a  result  of  the  mentioned  parametric  wind  tunnel 
tests  (examples  are  in  [3.2-1  -  3.2-6]),  data  banks 
were  established  which  allowed  the  definition  of  a 
drag  correlating  parameter  or  shape  factor,  based  on 
the  fact  that  the  pressure  drag  is  significantly 
affected  by  cross  sectional  area  distribution, 
especially  in  transonic  and  supersonic  speed 
regimes,  as  proved  by  Whitcomb  et  al.  with 
the  area  rule  concept  [3.2-11  -  3.2-13].  Swavely 
and  Soileau  [3.2-14],  from  area  rule  considerations, 
defined  this  shape  factor,  supposing  that  it  was 


related  to  the  rate  of  progression  of  afterbody  cross 
section.  The  relation  which  came  out  was  the 
projected  area  weighted,  non-dimensionalized  slope 
of  the  cross  sectional  area  distribution  of  the 
afterbody.  This  shape  factor  was  named  the  Integral 
Mean  Slope,  IMS  [fig.  3.2-1] 
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When  afterbody  drag  data  for  afterbodies  of 
different  geometrical  characteristics  were  plotted  as 
a  function  of  the  relative  IMS  parameter,  a  good 
correlation  was  found  [fig.  3.2-2]. 

3.2.1.2  Integral  Mean  Slope  Truncated,  IMST 

Data  obtained  from  tests  performed  after  the 
original  correlation  showed  that  IMS  failed  for 
certain  configurations  characterized  by  afterbody 
cross  section  distributions  where  regions  with  steep 
slopes  caused  flow  separation.  A  correction  of  this 
problem  was  found  [3.2-15]  by  defining  a 
maximum  slope  of  the  non-dimensional  area 
distribution  which  can  be  used  in  the  IMS 
calculation  [figs.  3.2-3,  3.2-4].  The  defined 
maximum  slope  is  substituted  for  the  real  slope  at 
each  step  of  the  IMS  calculation  where  the  real 
slope  exceeds  the  maximum.  The  best  data 
correlation  was  obtained  by  defining  an  optimum 
maximum  slope  as  a  function  of  Mach  number. 
Further  correlations  demonstrated  that  the  data 
considered,  when  corrected  by  a  ACD  for  tail  type, 
varied  almost  exactly  as  the  IMST  parameter  raised 
to  the  2.77  power  and  so  a  drag  parameter,  function 
of  Mach  number  only,  was  defined  [fig.  3.2-5  and 

3.2- 6].  This  drag  parameter  allows  a  first 
preliminary  afterbody  drag  estimation.  However  it 
is  not  enough  when  a  determination  of  integrated 
airframe-nozzle  performance  is  required.  For 
conducting  mission  analysis  studies,  during  the 
preliminary  design  of  a  fighter  type  aircraft  and  in 
order  to  define  a  baseline  configuration  on  which  to 
perform  initial  wind  tunnel  tests,  a  better  empirical 
method  is  required. 

3.2.1.3  Engine/Airframe  Integration  Methods 

Methods  able  to  predict  internal  nozzle  performance 
and  aft-end  drag  have  been  developed  [3.2-1, 

3.2- 16,  3.2-17].  These  methods  are  based  almost 
entirely  on  empirical  correlation  of  parametric 
experimental  data  and  they  are  capable  of 
generating  the  installed  thrust-minus-drag  data, 
required  for  conducting  mission  analysis  studies  of 
fighter  type  aircraft.  Usually,  to  predict  the  nozzle 
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thrust  and  discharge  coefficients,  semiempirical 
correlations  are  employed  in  conjunction  with 
one-dimensional  flow  theory  relationships.  To 
estimate  the  aft-end  pressure  drag,  correlations 
based  on  IMST  coupled  with  relationships  from 
analytical  methods,  are  adopted  to  interpolate  the 
cited  experimental  data  base.  The  commonly  used 
analytical  methods  relationships  are  those  coming 
from: 

linearized  theory  for  bodies  of  revolution 
potential  flow  for  3D  configurations 
method  of  characteristics. 

Depending  on  the  flow  regime  on  which  the 
estimation  has  to  be  made.  To  predict  annular  base 
drag,  other  empirically  based  correlations  are 
adopted  in  the  engine/airframe  integration  methods, 
like  that  of  Brazzel-Henderson  [3.2-18],  just  to  cite 
one  of  the  most  famous  and  useful.  Analysing  and 
correlating  experimental  data  bases,  other 
semiempirical  corrections  have  been  developed  and 
integrated  in  these  methods  in  order  to  account  for 
the  effect  of : 

-  empennage  presence  and  position  [3.2-19-3:2- 
22]  see  fig.  3.2.7  and  3.2.8 
interfairing  type  and  length  [3.2-1,  3.2-2,  3.2- 
16]  see  fig.  3.2-9  and  3.2-10 
non-axisymmetric  nozzle  [3.2-19,  3.2-21  and 
3.2-22],  see  fig.  3.2-7  and  3.2-11  -  3.2-14 

on  the  afterbody  drag. 

Figures  3.2-15a,  3.2-15b  and  3.2-16  shown 
examples  of  logical  organization  for  the  described 
methods. 

3.2.1.4  Empirical  Supercirculation  Effect 
Correlations 

Non-axisymmetric  nozzles  are  typically  employed 
to  enhance  manoeuvrability,  high  angle  of  attack 
capability  and  stealth  characteristics  on  new 
generation  advanced  fighters. 

When  nozzle  exits  are  located  near  or  at  the  trailing 
edge  of  a  primary  lifting  surface,  the  vectoring  of 
the  jet  induces  a  favourable  external  aerodynamic 
effect,  by  means  of  the  so  called  "supercirculation 
effect",  improving  the  lift  to  drag  ratio  at  positive 
thrust  vector  angles  [3.2-23  -  3.2-26].  Some 
dedicated  wind-tunnel  tests  have  been  performed 
[3.2-27,  3.2-28]  and  from  these  results,  correlations 
of  the  induced  effects  [CL  r  ,  CD  p  and  Cm  p  ) 
have  been  formulated  [3.2-29]  in  order  to  provide 
generalized  design  guidelines  and  performance 
prediction  (see  fig.  3.2-17  -  3.2-20).  These 
correlations  have  been  developed  considering  the 
similarities  between  the  effects  of  a  trailing  edge 


flap  deflection  and  a  vectored  jet  on  a  lifting 
surface.  The  jet  deflection  affects  the  wing 
circulation  like  a  flap  by  means  of  its  jet  sheet. 
However,  unlike  the  flap,  the  vectored  jet  has  a 
variable  penetration  depth  which  is  dependent  upon 
the  classical  parameters: 

Mach  number 
Nozzle  Pressure  Ratio 
Thrust  vector  angle 
Power  setting 

3.2.1.5  CFD  Design  Methods 

As  previously  stated  present  CFD  design  methods 
can  be  categorized  as  follows: 

Design  by  analysis 
Inverse  design 
Optimization 

The  first  design  process  implies: 

CFD  analysis  Of  a  defined  configuration 
Modify  the  configuration  on  the  basis  of  CFD 
results 

CFD  analysis  of  the  modified  configuration 
Iterating  as  necessary 

Of  course  the  success  of  this  trial  and  error  design 
method,  depends  on  a  lot  of  factors  that  can  include 
experience,  intelligence  and,  why  not,  luck  of  the 
team.  An  example  of  a  design  by  analysis  is  in 
[3.2-30]  (see  fig.  3.2-21). 

The  inverse  design  process  utilizes  a  CFD  code 
with  a  design  logic  which  will  output  the  required 
configuration  geometry  to  provide  the  input  design 
pressure  distributions.  Of  course  this  requires  prior 
knowledge  of  the  optimum  or  desired  flow  property 
on  the  part  of  the  CFD  analysts. 

Configuration  optimization  by  means  of  CFD 
design  application  implies  computing  the  geometry 
required  to  optimize  vehicle  performance,  for 
example  lift,  drag  or  thrust,  rather  than  providing  a 
geometry  for  some  predetermined  flow  property 
(pressure  distribution  or  velocity  profile  for 
example)  which  may  or  may  not  be  an  optimum. 
The  logic  involved  with  this  design  process  requires 
that  a  large  matrix  of  geometry  modifications  must 
be  computed,  to  define  which  geometry  parameters 
to  modify  and  how  to  modify  them.  Of  course  this 
procedure  must  be  iterated  until  an  optimum  is 
reached.  Because  of  cost  most  CFD  design 
optimization  to  date  have  used  lower  order  codes  or 
simple  geometry. 

The  last  two  design  methods  are  still  in  an  early 
stage  of  development  and  up  to  now  it  has  not  been 
possible  to  collect  references  with  examples  of 
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applications  in  the  field  of  engine/airframe 
integration  for  complex  3D  afterbodies. 

In  genera]  terms  CFD  analysis  offers  a  more 
rigorous  approach  to  define  afterbody  performance 
during  the  design  phase,  with  substantially  increased 
complexity  and  cost,  if  compared  with  other 
methodology.  The  necessity  for  global  assumptions 
regarding  the  flow  is  avoided,  although  localized 
assumptions  (turbulence  model)  are  required.  CFD 
has,  in  general,  three  types  of  roles  in  the  design 
process.  These  different  roles  are  to  provide  : 
Qualitative  predictions  describing  the  key  features 
of  the  flowfield,  to  gain  understanding  (e.g., 
graphics  identifying  key  boundary  layer 
interactions). 

Incremental  predictions  to  quantify  the  differences 
in  the  flows  due  to  variations  in  geometry  or  flow 
conditions  (e.g.,  jet  effects  drag  increments). 
Quantitative  predictions  to  produce  absolute  values 
of  key  performance  parameters  such  as  afterbody 
drag. 

At  present,  the  chief  contribution  of  CFD  probably 
is  in  the  area  of  qualitative  predictions,  and  some 
types  of  incremental  predictions. 

Qualitative  Predictions 

Realistic  3-D  afterbody  flowfields  feature  very 
complex  viscous  interactions.  These  involve  both 
boundary  layer  interactions  and  free  shear 
layer/wake  interactions.  To  improve  the  design, 
detailed  information  is  needed  on  the  behavior  and 
the  key  contributors  to  these  interactions.  This 
information  can  be  obtained  through  complex  and 
expensive  wind  tunnel  testing,  through  designers’ 
insight,  through  correlations  of  existing  data,  or 
through  CFD  analysis. 

In  this  role,  either  Euler  or  Navier-Stokes  analyses 
can  be  valuable.  The  key  interactions  are  all  viscous 
dominated.  However,  important  design  guidance 
often  can  be  obtained  more  rapidly  through 
interpretation  of  inviscid  (Euler)  predictions.  These 
inviscid  predictions  provide  key  information  on 
pressure  gradients,  shock  locations  and  strengths, 
and  convergence  or  divergence  of  streamlines. 
Much  information  on  boundary  layer  behavior  can 
be  inferred  from  these  data  by  a  knowledgeable 
engineer. 

A  more  direct  approach  is  to  compute  the  viscous 
flow  directly  using  a  Navier-Stokes  method.  This 
application  places  high  demands  on  the  turbulence 
model  (see  previous  discussion.  Section  2.3). 

A  key  to  success  is  to  understand  any  biases  in  the 
CFD  tools  that  are  employed.  The  CFD  code  need 
not  be  perfect,  so  long  as  the  engineer  understands 


the  limitations  in  its  predictions. 

For  example,  does  the  code  tend  to  predict 
separation  adequately,  but  predict  reattachment  too 
far  downstream?  With  a  good  understanding  of  any 
systematic  prediction  errors,  valuable  and  detailed 
insight  into  the  physical  flowfield  can  be  gained  . 


Incremental  Predictions 

CFD  methods  are  being  used  increasingly  to 
provide  quantitative  predictions  of  the  incremental 
differences  in  performance  quantities  such  as 
afterbody  drag.  These  increments  may  be  in  either 
of  two  forms: 

Geometry  Increments  -  to  quantify  the  impact  of 
changes  in  the  design,  and 
Flow  Condition  Increments  -  to  compute  the 
variations  in  drag  (for  example)  due  to  changes  in 
Mach  number  or  nozzle  pressure  ratio. 

Two  key  assumptions  are  embedded  in  this 
approach  :  (1)  any  errors  in  the  CFD  predictions, 
while  they  may  be  unknown,  are  of  a  bias  rather 
than  random  nature,  and  (2)  these  errors  depend 
(mainly)  on  parameters  which  are  not  varied.  With 
maximum  consistency,  a  systematic  bias  error  ( 
though  it  may  be  unknown)  can  be  eliminated  from 
the  incremental  data. 

An  incremental  prediction  is  untrustworthy  if  either 
solution  in  the  increment  involves  flow  physics  for 
which  the  CFD  method  exhibits  (apparently) 
random  errors.  A  key  example  of  this  would  be 
afterbody  flows  with  extensive  boundary  layer 
separation. 

Thus,  incremental  predictions  usually  find  their 
highest  value  in  evaluating  modest  changes  of 
geometry  changes  which  do  not  alter  the  main 
characteristics  of  the  flow.  Further,  it  is  essential  (at 
present)  to  maintain  consistency  in  the  grid,  the 
operation  of  the  turbulence  model,  and  other 
elements  of  the  solution. 

Quantitative  Predictions 

The  goal  of  all  flow  analysis  methods  is  to  provide 
reliable  quantitative  predictions  of  key  performance 
parameters  (e.g.,  drag)  to  a  meaningful  level  of 
precision.  Portion  of  the  Review  of  CFD 
Predictions  (Section  3.5)  is  directed  toward  this 
issue. 

However,  it  seems  safe  to  say  that  the  ability  of 
CFD  analysis  to  provide  quantitative  predictions  of 
drag  consistently  to  useful  accuracy  (say,  within 
two  drag  counts)  is  not  yet  accepted.  Exception  can 
be  found  only  in  well-tested  narrow  classes  of 
relatively  simple  configurations.  Accurate 


predictions  of  drag  for  complex  3-D  afterbodies 
apparently  will  continue  to  be  a  challenge  to  the 
CFD  community  for  several  years. 

3.2.2.  Use 

The  semiempirical  methods  described  find  their 
correct  application  in  the  conceptual/preliminary 
design  phase  of  aircraft  characterized  by  a  complex 
3D  afterbody.  During  this  phase,  the  design  team 
must  develop  the  most  effective  configuration 
which  meets  the  defined  requirements. 

The  final  configuration  is  the  result  of  a  lot  of 
system  integration  iterations.  Therefore  in  this  phase 
the  designer  needs  tools  that  summarize  experience 
and  new  technologies  in  each  field. 

A  draft  method  like  IMST  is  of  course  too  simple 
to  be  used  in  complex  trade  studies,  but  a  proper 
role  can  be  found  in  conceptual  activities  aimed  at 
first  screening.  Methods  like  those  of  [3.2-1, 3.2-16, 
3.2-17  ]  are  very  useful  in  the 

conceptual/preliminary  design  phase,  because  of 
their  ability  to  drive  the  designer  in  trade  studies  of 
the  engine/airframe  integration  concept  and  to  give 
parametric  trends  on  which  to  weigh  the  pros  and 
cons  of  different  solutions. 

The  use  of  CFD  analysis  and  design  methods,  due 
to  their  complexity  both  in  grid  generation  and 
methods  definition,  is  recommended  during  final 
stage  design  phase  with  the  aim  to  well  understand 
physical  flow  phenomena  to  enhance  the  final 
configuration. 

3.2.3.  Needs 

To  continue  their  effectiveness  in  the  design 
application,  the  described  methods  need  to  be 
further  developed,  in  order  to  enhance  the  quality  of 
their  results.  The  following  needs  are  recognized  : 

validation  and  upgrading  of  experimental  data 
base,  considering  new  advances  in  airframe  and 
engine  technology 

development  of  CFD  methods,  to  obtain  better 
experimental  data  correlations 

increased  exchange  among  experimental  and 
CFD  specialists  in  order  to  enhance  CFD 
design  logic 

increased  computer  sp)eed  and  memory  in  order 
to  allow  a  real  optimization  design  with  higher 
order  CFD  codes. 
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Fig.  3.2-2  Integra]  Mean  Slope  Correlation 
of  Afterbody  Data,  from  [3.2-14] 
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Fig.  3.2-3  IMS  and  IMST  Data  Correlation,  from  [3.2-15] 
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Fig.  3.2-4  Drag  Correlation  for  Single  and  Twin  Vertical  Tail  Configuration,  from  [3.2-15] 
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Fig.  3.2-5  Correlation  Method  Errors,  from  [3.2-15] 
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Fig.  3.2-6  Drag  Prediction  Procedure,  from  [3.2-15] 
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Fig.  3.2-7  Effect  of  horizontal  and  vertical  tails-on  total  nozzle/afterbody  drag 
a  =  0*,  scheduled  NPR,  dry  power,  from  [3.2-19] 
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Fig.  3.2-11  Drag  comparison  for  model  with 
various  nozzle  types  a=0° , 
scheduled  NPR,  dry  power,  and 
HT/VT-off,  from  [3.2-19] 


Fig.  3.2-12  Drag  comparison  for  model  with 
various  nozzle  types  a=0°, 
scheduled  NPR,  dry  power,  and 
HT/VT-on  (aft  location),  from  [3.2-19] 
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Fig.  3.2-13a  Area  distributions  for  the  twin- 

engine  configurations,  from  [3.2-19] 
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Fig.  3.2- 13b  Wave  drag  calculations  for  the  twin-engine 
configurations,  from  [3.2-19] 


Fig.  3.2-15a  Equivalent  Body  of  Revolution  Methodology  Using  GAC-BOAT  Code, 
from  [3.2-16] 
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Fig.  3.2- 15b  Level  11  Nozzle/Afterbody  Installed  Performance  Prediction  Program, 
ref.  [3.2-16] 
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Fig.  3.2-16  Engine/Airframe  Integration  Method 
Computer  code  flow  chart  example, 
from  [3.2-1] 
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Fig.  3.2-17  Advanced  aeropropulsion  aircraft  configuration,  from  [3.2-25] 
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Fig.  3.2-18  Correlation  of  thrust  vector-induced  lift,  from  [3.2-28] 
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Fig.  3.2-20  Correlation  of  thrust  vector-induced  drag, 
from  [3.2-28] 


Fig.  3.2-19  Correlation  of  thrust  vector-induced  pitching  moment, 
from  [3.2-28] 
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Fig.  3.2-21  Single  engine  afterbody/nozzle  pressure  distributions  on  top  centerline.  M  =  0.6,  alpha=0® , 
from  [3.2-7] 
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3.3  State  of  the  art  assessment  of  testing  techniques  for  aircraft  afterbodies. 


3.3.1  Introduction. 

The  methods  to  obtain  the  effects  of  the  exhaust  on  the 
aerodynamics  of  fighter  aircraft  afterbodies  has  not  changed 
significantly  over  the  last  several  years.  The  AGARD 
report  of  working  group  08,  Ref  1,  outlines  the  model 
support  methods,  balances  and  inherent  problems  for 
obtaining  the  required  jet  effects  data  from  force 
measurements.  All  of  these  basic  techniques  are  currently 
employed  with  only  subtle  changes  to  improve  particular 
aspects. 

As  the  use  of  computational  analysis  improves,  and  its 
contribution  to  the  understanding  of  afterbody  flows 
expands,  it  is  important  to  focus  on  the  basic  afterbody 
problem  as  it  applies  to  actual  development  of  fighter 
aircraft.  For  this  reason  the  following  synopsis  is  given 
of  the  testing  method  used  to  obtain  the  jet  effects  on  the 
afterbody  forces  during  the  typical  development  of  the 
modem  day  fighter.  By  understanding  the  requirements  for 
the  airplane  configurator,  the  direction  that  Computational 
Fluid  Dynamics  needs  to  evolve  to  be  of  assistance  to  the 
airplane  design  process  becomes  clearer. 


3.3.2  Thrust-Drag  Bookkeeping. 

Figure  3.3.1  shows  the  components  of  a  bookkeeping 
method  to  calculate  airplane  performance  associated  with  a 
typical  fighter  airplane  having  either  a  single  or  twin 
axisymmetric  or  2D  nozzle  arrangement. 


All  the  elements  for  the  provision  of  airplane  performance 
are  shown.  Jet  effects  models  determine  the  jet  influence 
on  all  six  components  of  force  and  moments.  The 
following  discussion  deals  with  thrust-drag  bookkeeping, 
this  being  the  main  parameter  upon  which  aircraft  cruise 
performance  depends,  however,  the  principals  apply  to  the 
other  components  of  force  and  moments. 

Airplane  development  begins  in  the  traditional  manner 
with  evaluation  of  the  aerodynamics  of  the  airplane.  The 
models  are  called  Force  and  Moment  models  (F  &  M). 
Empennage  and  wing  positions  are  determined  by 
stability  and  maneuverability  requirements  of  the  airplane. 
The  aerodynamicist  will  conduct  tests  and  adjust  his  base 
design  configuration  moving  wings  and  tails  to  meet  his 
stability  and  control  (S&C)  criteria.  Drag  is  usually  not  a 
driver  in  this  configuration  search.  These  tests  are 
conducted  with  "flow  through"  inlets.  The  inlets  have  the 
correct  inlet  lip  geometry  and  are  connected  by  a  tube  to 
simulated  exhaust  nozzles.  Historically  most  models  of 
this  type  are  almost  invariably  mounted  on  an  aft  sting 
which  ensures  the  least  interference  with  the  airplane 
aerodynamics.  The  whole  model  is  on  the  balance  in  order 
that  all  aerodynamic  forces  in  six  components  can  be 
determined.  The  inlets  on  a  "flow  through"  model 
experience  ram  pressure.  The  inlet  flow  passes  through 
the  model  to  convergent  exhaust  nozzles  which,  in  order 
to  pass  mass  flow  with  as  little  loss  as  possible,  must  be 
larger  than  those  on  the  real  airplane.  Moreover,  in  order 
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Figure  3.3.1  Thrust  Drag  Bookkeeping  of  Typical  Fighter  Aircraft. 
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to  accommodate  the  rear  sting  support  and  the  nozzle,  or 
nozzles,  the  available  real  estate  has  to  be  increased.  This 
almost  always  results  in  an  aftend  which  does  not  have 
real  airplane  contours  either  for  the  nozzles  or  aftbody. 

The  definition  of  "jet  effects"  ,  as  defined  in  the 
bookkeeping  system  described,  is  relative  to  the  flow 
through  nozzle  configurations.  The  "Jet  effects"  of  the 
flow  through  condition  on  all  force  and  moments  is 
automatically  included  by  reason  of  the  Aero  model 
configuration.  For  this  reason  the  reference  condition  is 
considered  to  have  no  jet  effect.  In  actuality,  relative  to  a 
nozzle  with  no  flow,  there  is  a  jet  effect  but  this  is 
automatically  incorporated  in  the  reference  drag  polar.  The 
no  flow,  or  engine  out  condition,  is  dealt  with  separately 
as  a  propulsion  increment.  The  aero  models  have  the  least 
drag  afterbody  configuration.  It  is  important  to  appreciate 
that  the  bookkeeping  system  described  is  one  of  many 
that  could  be  used  and  therefore  the  definition  of  "jet 
effects"  as  described  herein  is  unique  to  the  bookkeeping 
system  used. 

The  aero  F  &  M  models  generate  sbt  components  of  force 
(axial,  normal  and  side  forces  and  pitching,  yawing  and 
rolling  moments)  for  the  aircraft  at  all  angles  of  attack  and 
yawed  flow  conditions  of  the  airplane.  All  these  forces 
include  the  effects  of  the  low  drag  afterbody.  To  generate 
the  reference  drag  polar,  the  effects  of  the  airplane  model 
support  sting  and  the  associated  aftbody  must  be 
determined.  In  addition,  to  complete  the  drag  increments 
required  to  determine  the  airplane  thrust-drag  performance, 
the  incremental  effects  of  the  jet  on  drag  (and  the  other 
five  force  components  for  S  &  C)  must  be  determined. 
These  are  determined  by  a  "Jet  effects"  model  which 
stresses  afterbody  configuration  integrity. 

The  jet  effects  model  is  built  with  a  different  support 
system  than  the  aero  F  &  M  model  in  order  to  determine 
the  sting  increment.  This  will  usually  be  either  a  lower 
body  strut,  or  wing  tip  support.  The  model  is  also  built 
to  accommodate  three  separate  nozzle  types: 

1.  Nozzles  and  afterbody  identical  to  the  F  &  M 
aero  model  used  to  determine  the  aero  performance:  flow 
through  nozzles  with  the  throat  at  the  exit,  distorted 
afterbody  and  a  "dummy"  sting.  This  non-metric  sting  is 
identical  to  that  used  for  the  aero  testing  except  it  is 
positioned  close  to,  but  detached  from,  the  afterbody. 
(Since  either  the  whole  model  or  the  afterbody  is  metric 
on  the  jet  effects  model,  the  influence  of  the  sting  on  the 
afterbody  can  be  determined  without  measuring  the  forces 
on  the  sting  itself.) 

2.  The  model  is  then  tested  with  a  nozzle  having 
the  correct  external  contours  but  with  an  "Aero  reference" 
nozzle.  This  nozzle  has  the  correct  external  contours,  but 
like  the  F  &  M  nozzle  has  a  throat  at  the  exit.  This  step 
is  really  an  option  in  that  it  can  be  eliminated  if  the 
effects  of  the  sting,  distorted  afterbody  and  the  jet  effects 
are  combined  for  comparison  with  the  aero  F  &  M  model. 
However,  the  understanding  of  the  true  "jet  effects"  is 
better  determined  by  including  this  intermediate  step, 
thereby  isolating  the  sting  and  distorted  aftbody  effects 
from  the  true  jet  effect.  The  Aero  Reference  nozzle  is  run 
at  flow  through  nozzle  pressure  ratios  identical  to  those 


used  for  the  F  &  M  model  test.  The  difference  between  the 
results  with  the  Aero  reference  and  the  F  &  M  nozzle  with 
dummy  sting  determines  the  effects  of  the  distorted 
aftbody  and  the  sting  on  afterbody  drag  and  the  other  five 
components  of  force.  This  increment  is  added  to  the  forces 
determined  with  the  aero  F  &  M  model  test  to  produce  the 
reference  drag  polar  and  flow  through  S  &  C  base.  A 
typical  axial  force  sting  correction  as  a  function  of  Mach 
number  is  shown  in  Figure  3.3.2. 


Figure  3.3.2.  Typical  distorted  afterbody  and 
sting  support  drag  Increment.  Aero  Reference 
without  sting  -  F  &  M  Reference  with  sting. 

3.  The  "jet  effects"  increment  for  the  real  airplane  nozzles 
is  determined  by  testing  the  actual  nozzle  geometries, 
including  thrust  vectored  nozzles,  and  subtracting  the 
performance  of  the  Aero  Reference  nozzle  at  the  particular 
flow  through  pressure  ratio  for  the  test  Mach  number. 

Each  of  the  six  force  or  moment  parameters  is  plotted 
versus  angle  of  attack  (AOA)  for  various  nozzle  pressure 
ratios  (NPR)  at  fixed  Mach  number  conditions.  The 
incremental  difference  between  the  real  nozzle  performance 
at  operating  pressure  ratio  and  the  Reference  nozzle  at 
flow  through  pressure  ratio  is  obtained  by  differencing.  A 
cross  plot  of  the  delta  change  in  force  as  a  function  of 
NPR  at  constant  AOA  is  then  obtained. 

These  jet  effects  or  throttle  dependent  force  increments, 
including  the  effects  of  thrust  vectoring,  are  used  to 
modify  the  aero  parameters  as  a  function  of  the  propulsion 
system  thrust  performance  which  is  also  defined  as  a 
function  of  NPR.  The  propulsion  system  performance  is 
then  used  with  the  Reference  drag  polar  to  generate  the 
airplane  performance. 

Modem  day  fighters  do  not  necessarily  have  conventional 
axisymmetric  or  2D-CD  nozzles.  Other  nozzle  types  are 
treated  in  the  same  way  as  described  above.  Single 
expansion  ramp  nozzles  (SERN)  apply  exactly  the  same 
techniques  as  above,  the  only  difference  being  that  the 
changes  in  scmbbing  drag  between  the  Aero  Reference  and 
the  airplane  nozzles  becomes  part  of  the  "jet  effects”. 

3.3.3  Current  Test  Methods. 

Ref  2.  gives  an  update  of  the  state-of-the-art  of  testing 
techniques  since  the  Ref  1.  report.  The  paper  concludes 
that  the  test  techniques  in  use  today  are  no  different  than 
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were  employed  ten  years  ago  but  the  nozzle  geometries 
now  being  considered  or  in  use  are  more  complex  and  the 
integration  of  these  into  aircraft  afterbodies  is  becoming 
of  correspondingly  greater  complexity.  Highly  integrated 
nozzle/afterbody  designs  and  future  designs  which  may 
move  away  from  what  is  now  the  conventional  single  or 
twin  nozzle  exits  will  still  need  to  respond  to  some  form 
of  the  bookkeeping  system  outlined  above.  The 
techniques  may  be  different  but  the  end  product  will  be  the 
same. 

Within  the  confines  of  the  current  testing  techniques  there 
is  a  fairly  general  consensus  that  no  particular  model 
support  technique  can  be  considered  to  have  overwhelming 
advantage.  Similarly  the  need  for  all  metric  or  partially 
metric  models  is  determined  more  by  the  aims  of  the 
experiment  than  one  particular  method  being  superior.  It 
has  become  obvious  diat  the  different  methods  should  be 
regarded  as  different  approaches  to  try  to  satisfy  the 
experimental  aims  within  the  restraints  imposed  by  the 
test  hardware  and/or  facility  being  used  for  the  testing. 

3.33.1  Support  Methods: 

Different  experimenters  have  usually  used  several  methods 
to  obtain  the  "jet  effects"  data  they  require.  However,  it  is 
important  to  understand  that  in  the  realm  of  jet  effects 
testing  all  the  final  data  is  obtained  in  the  form  of 
increments.  The  question  then  becomes  one  of  whether 
the  support  method  has  a  greater  or  lesser  affect  on  the 
increments  measured  and  whether  the  effects  are  identical 
for  the  real  nozzle  configurations  viz  a  viz  the  Reference 
to  which  it  is  related. 

We  have  already  seen  that  the  aero  configuration  testing 
almost  invariably  involves  a  rear  sting.  For  twin  nozzle 
configurations  this  has  generally  been  a  sting  connected  to 
the  rear  of  the  aftend  between  the  nozzles.  Single  nozzle 
configurations  can  conveniently  employ  a  concentric  sting 
or  a  tail  support.  This  still  results  in  a  distorted  afterbody 
or  vertical  tail  in  order  to  pass  the  required  airplane  nozzle 
flows  and  withstand  the  model  loads.  These  support 
methods  while  protecting  the  forebody,  midbody,  wing 
and  horizontal  tail  aerodynamic  integrity,  inevitably  result 
in  some  part  of  the  model  being  geometrically  incorrect. 
The  effects  of  these  distortions  of  the  real  contours  must 
be  determined. 

In  order  to  obtain  the  aftend  corrections  it  is  essential  to 
test  the  model  supported  in  some  other  way  and  the  most 
common  forms  are  either  wing  tip  support  or  lower  body 
strut.  Jet  effects  models  are  expensive  and  the  body  strut 
has  the  advantage  of  lesser  cost  and  less  risk  in 
manufacture.  Gun  drilling  of  thin  airfoil  sections  over 
considerable  length  is  risky  and  the  need  to  drill  both 
wings  for  a  wing  tip  support  system  doubles  the 
possibility  of  manufacturing  errors.  The  thin  body  strut 
causes  little  interference  with  the  afterbody  and  until 
recently  has  been  the  preferable  method  because  of  the 
ability  to  yaw  the  model  without  yawing  the  strut. 

Ref  3.  states  categorically  that  yaw  testing  should  not  be 
conducted  with  strut  support  systems.  If,  however,  the 
strut  remains  within  the  butt  line  contours  of  the  model 


when  the  model  is  yawed,  which  may  limit  the  yaw  angle 
to  quite  small  amounts  (less  than  ten  degrees),  it  has  been 
surmised  that  the  jet  effect  increments  on  rudder 
effectiveness  in  the  yawed  condition  will  be  valid. 

In  the  absence  of  a  yaw  requirement  and  provided  the  risk 
is  acceptable,  the  wing  tip  support  would  undoubtedly  be 
preferable.  The  advantage  is  that  there  is  less  argument 
about  the  effects  of  the  outboard  wing  distortion  required 
to  adequately  support  the  model  than  with  the  body  strut 
support  which  inevitably  must  produce  some  wake 
interference. 

The  wing  tip  support  adds  more  blockage  with  AOA 
unless  the  more  complex  method  of  wing  tip  gimbals  is 
employed.  This  technique  adds  rather  more  complexity  to 
the  model  support  and  air  supply  systems  than  providing 
a  body  strut  capable  of  bottom  or  top  mounting  on  the 
model  for  high  AOA  testing.  A  gimbled  support  system 
has  the  advantage  of  maintaining  the  model  in  the  same 
place  in  the  tunnel  independent  of  AOA.  This  has 
advantages  in  both  occupying  the  best  position  in  the  test 
section  and  better  control  of  the  interference  due  to  wall 
reflections  and/or  stratified  flow  angularity  within  the 
tunnel  flow. 

A  modification  of  the  wing  tip  support  has  been 
developed  by  DRA  and  used  by  Rolls  Royce,  Ref  4. 
Figure  3.3.3  shows  the  use  of  a  single  sided  wing  tip 
support.  The  model  is  symmetrical  about  a  center  line 
with  about  one  third  of  the  wing  in  contour.  The  outer 
wing  is  clipped  to  match  the  part  incorporated  in  the 
single  strut  support.  The  whole  model  and  strut  is  metric. 
The  model  is  of  modular  construction  to  permit  easier 
changes  of  configuration. 


Figure  3.3.3.  Single  sided  wing  tip  support 
system  (Ref  4) 

This  method  might  appear  to  have  an  additional 
disadvantage  to  the  all  metric  model  in  that  the  balance 
must  also  measure  the  forces  on  the  strut  support. 
However,  the  removal  of  the  balance  to  a  position  where 
it  is  not  restrained  by  the  model  geometry  affords  the 
luxury  of  being  able  to  design  the  balance  to  be 
conditioned  to  the  air  feed  arrangement.  This  results  in  a 
system  where  tare  corrections  are  minimized  and  has  been 
demonstrated  as  capable  of  resolving  configuration  change 
effects  to  two  drag  counts.  The  interference  of  the  strut  at 
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AOA  is  probably  small  and  certainly  no  worse  than  the 
conventional  wing  tip  support.  If  measurements  were 
confined  to  the  outer  part  of  the  model  away  from  the 
strut  the  interference  would  be  zero.  The  method  does 
appear  to  limit  the  ability  to  yaw  the  model.  However,  as 
a  tool  to  investigate  the  jet  effects  during  early 
configuration  development  the  configuration  freedom 
offered  would  appear  to  have  considerable  merit. 

3.3.32  Metric  break. 

a)  All  Metric  Models. 

There  are  three  common  designs  of  metric  break.  The  all 
metric  strut  mounted  model  isolates  the  strut  from  the 
balance  and  measures  all  the  body  forces  on  the  balance. 
The  modified  strut  design  described  above  includes  what  is 
essentially  the  strut  forces  as  part  of  the  modified  wing 
through  which  the  high  pressure  air  for  the  nozzles 
passes.  The  balance  in  this  case  is  external  to  the  model 
relieving  much  needed  space  and  permitting  easier 
configuration  changes,  but  it  does  include  an  unwanted 
part  of  the  support  system.  Both  of  these  complete 
metric  model  approaches  have  the  problem  of  measuring 
small  force  changes  in  the  axial  direction  by  differencing 
large  force  measurements  (thrust  -  drag)  and  thrust,  to 
obtain  drag.  This  leads  to  methods  where  the  thrust  is 
eliminated  from  the  balance  readings. 

b)  Afterbody  Metric/Metric  Thrust  Models. 

Both  the  strut  and  wing  tip  supported  models  can  be  used 
with  a  partially  metric  model.  A  partially  metric  model 
has  the  advantage  of  eliminating  a  large  part  of  the  model 
that  is  not  influenced  by  the  jet  flow  or  where  the  jet 
effects  are  so  small  that  they  can  be  ignored.  However,  it 
may  be  difficult  to  determine  where  on  the  model  the  jet 
effects  are  small  enough  to  be  ignored.  The  forces  being 
measured  are  still  subject  to  the  corrections  of  momentum 
tares  in  the  balance  and  the  elimination  of  the  thrust  to 
obtain  drag  increments.  It  is  important  that  any  distortion 
of  the  afterbody  which  will  be  tested  with  a  partially 
metric  model  should  be  well  behind  the  metric  br^. 

When  thrust  is  included  in  the  force  measured  by  the 
balance  the  thrust  associated  with  the  internal  nozzle 
performance  must  be  eliminated  in  order  to  acquire  the  "jet 
effects"  data.  The  elimination  of  the  thrust  forces  is 
normally  accomplished  by  calibrating  the  nozzles  for 
thrust  either  on  a  separate  balance  system  or  preferable 
using  the  model  internal  balance  and  conducting  a  wind- 
off  calibration  in  the  tunnel.  These  calibrations  usually 
employ  the  technique  of  lowering  the  tunnel  static 
pressure  to  levels  commensurate  with  the  operating 
conditions  to  be  experienced  with  the  wind-on.  This 
enables  the  model  to  be  designed  to  withstand  only  the 
internal  pressures  required  to  calibrate  the  nozzles  to 
relatively  low  pressure  ratios  at  ambient  static  pressure 
and  obtain  the  higher  nozzle  pressure  ratios  by  lowering 
the  back  pressure. 

Calibration  of  nozzles  installed  in  the  model  will  include 
all  the  effects  of  the  installation.  Certain  configurations 
may  exhibit  the  effects  of  entrained  flow  over  the  aftbody 
by  the  nozzles  especially  on  nozzles  which  are  embedded 
in  any  channel  formed  by  the  vertical  empennages. 


Comparison  of  the  results  of  the  installed  nozzles  may 
well  yield  slightly  different  results  than  would  be  obtained 
in  a  static  calibration  of  the  nozzle  in  an  isolated  nozzle. 
Figure  3.3.4 


Figure  3.3.4  Comparison  of  Installed  and 
uninstalled  Nozzle  velocity  Coefficient. 

The  problem  is  how  to  deal  with  this  drag  increment.  If 
the  installed  thrust  level  is  used,  then  a  portion  of  the 
"jet  effect",  namely  that  imposed  by  the  jet  statically,  will 
be  included  in  the  thrust  correction  and  not  as  a  zero  Mach 
number  jet  effect.  This,  however,  is  the  easiest  approach 
and  has  in  the  past  been  the  most  common.  In  most  cases 
this  may  be  the  most  reasonable  approach  but  with 
increasingly  integrated  propulsion  systems  the  effects  of 
the  installation  cannot  be  ignored.  The  purist  would 
desire  to  remove  this  force  from  the  thrust  calibration. 
Non-metric  shields  to  prevent  entrainment  have  been  used 
successfully  by  engine  manufacturers  to  ensure  only 
internal  nozzle  performance  is  measured  during  full  scale 
engine  tests  and  a  similar  technique  could  be  used  on  the 
model.  A  second  method  could  use  a  separate  calibration 
of  the  isolated  nozzles  to  obtain  the  installation 
increment.  The  importance  of  using  such  data  as  an 
increment  to  be  added  to  the  installed  calibrations  should 
be  emphasised  because  it  is  important  to  always  determine 
the  static  thrust  levels  on  the  fully  assembled  model  in 
the  tunnel  thereby  ensuring  that  any  bias  errors  are 
corrected  when  the  static  data  is  subrtacted  from  the  wind- 
on  data.  A  decision  must  be  made  as  to  what  portion  of 
the  nozzle  constitutes  the  basis  of  the  thrust  to  be 
extracted.  If  only  internal  thrust  is  required  then  methods 
to  eliminate  all  external  effects  must  be  developed.  If 
however,  the  nozzle  mechanically  cannot  be  built  without 
including  some  part  of  the  external  surfaces  then  any 
forces  generated  on  those  surfaces  ligitamatly  belongs  in 
the  static  thrust. 

c)  Afterbody  Metric,  Non-metric  Thrust 
There  is  an  inherent  attraction  to  measure  the  forces  of 
interest  directly  rather  than  to  measure  forces  one  doesn't 
need  and  have  the  problem  of  extracting  them  from  the 
required  answer.  This  approach  requires  a  clearance 
between  the  inner  and  outer  nozzle  contours  and  a  freely 
supported  shell  for  the  afterbody  in  addition  to  the 
conventional  metric  break  separating  the  metric  afterbody 
from  the  non-metric  forebody.  This  technique  lends  itself 
to  conventional  single  flow  axisymmetric  or  2D-CD 
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nozzles.  Ref  1  points  out  that  for  the  highly  integrated 
nozzles  such  as  the  single  expansion  ramp  (SERN)  type 
or  blow-in  door  ejector  nozzles,  the  design  of  the  nozzle 
metric  break  becomes  a  real  challenge.  The  need  for 
physical  clearences  between  the  inner  and  outer  nozzle 
contours  results  in  some  non-geometric  similitude  relative 
to  the  real  nozzles  and  this  problem  is  aggravated  by 
smaller  model  scales.  This  clearance  (usually  about  0.050- 
0.070")  is  kept  as  small  as  possible  to  limit  the 
geometric  differences  and  allow  sufficient  movement  for 
the  balance  deflections  to  prevent  fouling  over  the  angle 
of  attack  range  required  for  the  test. 

Historically,  such  models  are  severely  limited  as  to  the 
maximum  AOA  they  can  accommodate  and,  if  the 
empennages  are  also  on  the  balance,  the  amount  of  tail 
deflection  that  can  be  obtained.  Such  models  have  the 
option  of  incorporating  the  empennages  on  the  balance, 
on  separate  balances,  or  non-metric.  Most  known 
instances  of  this  technique  have  included  the  empennages 
on  the  balance  with  or  without  separate  balances  to  record 
empennage  loadings. 

There  is  no  requirement  to  determine  the  thrust,  but  only 
to  know  the  operating  pressure  ratio  to  which  the 
increments  can  be  related.  Since  the  nozzle  thrust  is  off 
balance  the  phenomenon  of  drag  due  to  entrained  external 
flow,  which  occurs  on  the  all  metric  model,  becomes  part 
of  the  "jet  effect"  drag  measurement,  where  it  belongs,  on 
the  non-metric  thrust  model. 

The  balance  in  this  model  type  measures  drag  directly  and 
for  this  reason  the  balance  force  ranges  are  much  less  than 
in  the  fully  metric  or  metric  thrust  configurations. 
Moreover,  Ais  allows  the  use  of  much  smaller  balances 
which  can  be  placed  well  aft  in  the  model  and  therefore 
further  reduce  the  magnitude  of  the  pitching  moment 
forces  they  are  required  to  measure.  This  affords  the  best 
potential  to  measure  forces  accurately.  If  carefully 
executed  this  method  has  the  potential  to  be  very  accurate 
but  there  is  also  the  potential  for  complete  failure.  The 
metric  break  corrections  on  such  models  are  sometimes  as 
big  or  bigger  than  the  balance  readings.  These  metric 
break  corrections  require  the  determination  of  the  tare  force 
on  the  afterbody  due  to  pressure  differentials  across  the 
metric  break  and  also  internally  within  the  afterbody 
cavity  correcting  for  the  projected  area  of  the  afterbody 
minus  the  nozzle  exit  projected  area.  If  differential 
pressures  occur  in  the  cavity  due  to  extraneous  leaks  or 
differential  pumping  caused  by  the  nozzle  flow  over  an 
asymmetric  aft  metric  break,  the  accuracy  of  this 
technique  can  very  rapidly  deteriorate.  However,  operated 
correctly  the  potential  to  measure  drag  differences  of  one 
or  two  drag  counts  can  be  achieved  with  this  method. 

3. 3. 3. 3  Balances. 

Balance  selection  has  not  changed  since  the  AGARD 
report  of  1986  (Ref.  1).  Propulsive  test  balances  for 
thrust  metric  models  fall  into  two  major  categories,  Flow 
through  and  force  cancellation  types.  The  former  date  from 
ten  to  fifteen  years  ago  and  work  with  a  choked  flow 
through  the  balance.  Figure  3.3.5  shows  a  typical  cross 
section  of  a  flow  through  balance  of  this  type. 


Figure  3.3.5  Flow  through  type  balance. 

The  momentum  and  pressure  tares  are  large.  However, 
since  the  flow  is  choked  through  the  balance  the 
determination  of  an  accurate  momentum  depends  on  the 
accuracy  of  determining  mass  flow.  Residual  momentum 
tares  are  determined  by  means  of  a  zero  thrust  box  or  with 
calibration  nozzles,  such  as  ASME  nozzles,  with  well 
defined  thrust  performance.  Calibration  is  usually 
performed  so  as  to  relate  the  momentum  tares  to  throat 
Reynolds  number. 
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Figure  3.3.6  Force  cancellation  balance 

Force  cancellation  balances  are  now  in  general  use.  Figure 
3.3.6  shows  the  internal  arrangement  of  the  force 
cancellation  type  balance. 

These  balance  systems  considerably  reduce  the  magnitude 
of  the  momentum  correction  by  destroying  the 
momentum  as  much  as  possible  in  the  axial  direction  by 
two  ninety  degree  flow  passage  direction  changes. 
Momentum  corrections  for  these  balances  are  very  small 
but  bellows  tares  must  still  be  determined.  There  appear 
to  have  been  no  major  changes  in  flowing  balance  design 
since  the  AGARD  08  working  group  report  (Ref.  1). 

3. 3. 3. 4  Surface  pressures 

Jet  effects  models  generally  contain  a  small  number  of 
surface  pressure  measurements.  These  are  usually  for 
diagnostic  purposes.  Models  to  determine  loads  are 
usually  built  without  balances  and  use  surface  pressure 
integration.  This  technique  is  seldom  used  for  jet  effects 
testing  in  the  development  of  an  aircraft  because  the 
pressure  integration  does  not  lend  itself  well  to  obtaining 
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the  components  needed  for  S  &  C  data  but  it  is  often 
applied  to  drag  studies.  It  forms  the  major  conelation 
method  with  CFD  at  this  time.  However,  in  order  to 
adequately  obtain  accurate  drags,  a  large  number  of 
pressure  orifices  are  required.  Whereas  well  behaved  flows 
(e.g  afterbodies  without  empennages)  often  give  good 
correlations  with  force  data,  the  problem  is  compounded 
when  empennages  are  added.  The  number  of  static 
pressures  required  to  adequately  define  the  surface  pressure 
contours  becomes  prohibitive  mechanically  and  increases 
cost.  In  addition  the  skin  friction  portion  is  not  measured 
and  must  be  calculated.  This  becomes  particularly  difficult 
where  boundary  layer  build-up  or  separation  occurs  over 
parts  of  a  complex  geometry. 

3.3.35  Pressure  Indicating  Paint  (PIP) 

Surface  pressure  measurement  methods  have  the  potential 
of  being  elevated  to  new  possibilities  with  the 
development  of  Barometric  or  Pressure  Sensitive  Paint. 
Pressure  indicating  paints  are  coatings  which  contain 


laser,  favoured  by  the  Russians,  to  the  more  common 
ultra  violet  light  (either  continuous  or  flash),  and  even 
normal  artificial  light  (McDonnell  Douglas),  Ref  5.  The 
change  in  luminescence  is  recorded  by  black  and  white 
video  CCD  cameras.  Figure  3.3.7  is  a  schematic  of  the 
measurement  system  used  in  Ref.  5. 

The  grey  scale  image  is  correlated  with  either  surface 
pressure  measurements  on  the  model  or  independent 
calibration  using  a  pressure  cell.  An  image  is  recorded 
prior  to  the  wind  on  conditions.  This  image  contains  all 
the  effects  of  paint  thickness  variation,  surface  curvature 
and  shadows.  A  reference  image  is  required  at  each  of  the 
conditions  to  be  analyzed.  This  reference  image  is  divided 
electronically  into  the  recorded  images  taken  with  the 
wind  and  jet  on.  By  selecting  parts  of  the  image  where 
static  pressures  are  recorded  a  calibration  of  the  ratioed 
image  grey  scale  to  the  local  pressure  can  be  obtained. 
Figure  3.3.8  shows  such  a  correlation  as  presented  in 
Ref.5.  The 


Figure.  3.3.7  Schematic  of  measurement  system  based  on  pressure  sensitive  paint.Ref.3. 


photoluminescent  materials  in  which  the  luminescence 
reaction  is  quenched  by  the  presence  of  oxygen.  When 
applied  like  conventional  paint  to  the  surface  of  the 
model,  and  illuminating  the  surface  with  light  of 
appropriate  wavelength,  luminescence  intensity 
distributions  appear  which  can  be  directly  correlated  with 
the  pressure  adjacent  to  the  surface.  The  intensity  of  the 
luminesces  is  inversely  proportional  to  the  partial 
pressure  of  oxygen  which  in  turn  is  dependent  on  the 
pressure  in  contact  with  the  treated  surface.  These  paints 
have  been  developed  more  or  less  independently  by 
various  aerospace  companies  in  the  USA,  NASA,  and 
universities.  Parallel  developments  have  occurred  in  what 
was  the  Soviet  Union  by  the  Central  Aero  and 
Hydrodynamic  Institute  (TsAGI)  and  marketed  through 
INTECO  of  Italy.  Illumination  techniques  vary  from 


Figure  3.3.8.  Linear  least  square  fit  of  the 
calibration  data.(Ref  5.) 
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black  and  white  image  can  be  color  enhanced  for  better 
interpretation  of  the  surface  phenomena.  Ref  5.  gives  a 
very  clear  synopsis  of  the  method,  the  theory  and  the 
results  that  have  been  obtained  for  four  different  wind 
tunnel  experiments.  Data  reduction  equipment  is  very 
portable  and  does  not  require  elaborate  set-up. 

Figure  3.3.9  illustrates  a  comparison  of  PIP  with 
measurements  of  surface  static  pressures  on  a  supersonic 
wing.  The  process  is  still  relatively  new  and  requires 
considerable  development  before  it  bwomes  a  reliable  and 
accurate  pressure  measurement  tool.  Several  companies  in 
the  USA  and  Europe,  either  independently  or  in 
combination  with  Universities  or  Government  facilities, 
such  as  NASA,  are  in  the  process  of  developing  the 
techniques. 


Figure  3.3.9.  A  comparison  of  the  pressure 
distributions  on  the  wing  of  a  high  performance 
fighter  model  at  Mach  1.2  and  0  deg.  angle  of 
attack,  measured  with  pressure  sensitive 
paint  and  wall  taps.(Ref  5.) 


The  process  promises  the  eventual  measurement  of  surface 
pressures  at  any  point  where  paint  can  be  applied  and 
where  a  camera  can  view  the  illuminated  surface.  The 
lighting  can  be  from  almost  any  direction  provided  all  the 
surface  to  be  investigated  is  illuminated.  Good  results 
have  been  obtained  for  surfaces  which  include  the  surface 
irregularities  associated  with  wing  flaps  or  two 
dimensional  nozzle  flap  discontinuities.  Its  major 
contribution  will  be  the  extrapolation  of  measured 
pressure  data  from  surface  pressure  taps  to  areas  where  it 
is  physically  impossible  to  install  pressure  taps,  and  to 
interpolate  between  the  static  taps  to  map  the  entire 
surface.  The  number  of  surface  pressures  could  be 
dramatically  reduced  by  this  method.  Current  paints  are 
subject  to  deterioration  by  the  light  used  to  cause  the 
phosphorescence.  They  are  sensitive  to  paint  thickness, 
temperature,  mechanical  handling,  and  their  performance 
is  impaired  by  an  oily  atmosphere.  The  current  paints 
function  best  at  high  Mach  number  conditions  but  have 
been  successful  over  a  Mach  range  of  0.6  to  2.0. 


3.3.4  Future  Needs. 

33.4.1  Balance  development 

Traditionally,  afterbody/nozzle  integration  has  been  a  large 
contributor  to  the  drag  on  fighter  aircraft  and  the  success 
of  the  aircraft  may  very  well  hinge  on  the  ability  to 
successfully  integrate  the  propulsion  system  in  the  aircraft 
afterbody.  The  foregoing  discussion  of  current  techniques 
suggests  that  particular  techniques  may  fit  the 
requirements  of  a  particular  experiment  better  Aan  others. 
For  instance,  for  die  determination  of  jet  effects  drag  it  is 
suggested  that  the  use  of  the  metric  afterbody  with  non- 
metric  (inner)  nozzles  provides  the  most  direct 
measurements  of  the  parameter  being  investigated. 
However,  it  has  been  commented  that  this  technique  is 
limited  in  AOA  capability  and  the  amount  of  tail  angle 
which  can  be  applied  because  of  afterbody  deflection  on 
the  balance.  Studies  of  methods  to  maintain  the  required 
metric  clearances  under  load  could  offer  the  best  advance  in 
balance  technique  permitting  the  non-metric  thrust  method 
to  be  extended  to  all  airplane  operating  conditions.  This 
may  require  the  afterbody  to  become  the  balance  itself. 

The  determination  of  S  &  C  data  will  almost  always 
require  an  all  metric  model  for  which  any  one  of  the  all 
metric  techniques  discussed  in  this  section,  with  their 
traditional  balance  approach,  would  provide  an  adequate 
platform 

3.3. 4.2  Test  Techniques. 

There  is  an  inherent  problem  with  the  current 
development  methods  used  in  industry.  Aero  testing  of 
simple  models  is  relatively  inexpensive.  Configuration 
development  progresses  with  this  type  of  model  until  a 
configuration  is  frozen.  Jet  effects  models,  which  are 
always  expensive,  are  then  built  of  the  configuration  and 
tested  to  determine  the  throttle  dependent  drags. 

The  jet  effects  on  the  longitudinal  and  lateral  stability  of 
the  aircraft  can  be  either  favorable  or  unfavorable 
depending  mainly  on  Mach  Number  and  the  geometry  of 
the  operating  nozzle.  The  majority  of  the  S  &  C  effects 
are  favorable  to  the  aerodynamics  of  the  airplane  and 
therefore  their  determination  as  an  end  item  is  at  least  an 
acceptable  approach. 

However,  the  jet  effects  on  drag,  which  may  determine  the 
acceptability  of  a  configuration,  are  highly  configuration 
dependent.  Jet  effects  at  supersonic  speeds  are  almost 
always  favorable  but  at  transonic  speeds  the  design  may 
well  determine  whether  the  jet  effects  are  significant  or 
not.  For  this  reason  the  determination  of  at  least  the  jet 
effects  on  drag  should  be  accomplished  during  the 
development  of  the  configuration. 

It  is  not  known  with  any  precision  at  this  time  whether 
true  optimum  performance  could  be  obtained  for  a  fighter 
aircraft  if  an  attempt  were  made  to  optimize  the 
configuration  with  the  power  on.  Since  jet  effects  are 
very  configuration  dependent,  the  magnitude  of  the  effect 
will  be  larger  or  smaller  depending  on  the  afterbody 
empennage  arrangement  and,  much  more  importantly,  the 
location  of  the  jets  relative  to  the  vertical  tails.  Figure 
3.3.10  shows  the  configurations  investigated  in  Ref  6 
which  has  conducted  experiments  along  these  lines. 
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Figure  3.3.10.  Tall  position  variations  tested 
by  Ref  6 


Figure  3.3.11  shows  these  effects  can  be  significant.  The 
question  remains,  however,  as  to  how  to  determine  which 
configuration  is  optimum  within  the  confines  of  the 
overall  airplane  stability  and  maneuverability 
requirements.  The  problem,  certainly,  is  that  the  intemd 
arrangement  of  the  jet  effect  model  with  its  high  pressure 
flow  passages,  balance  etc.  does  not  lend  itself  to 
configuration  modification  nearly  so  easily  as  does  the 
aero  flow-through  model.  Moreover,  the  need  to  provide 
internal  flow  passages  which  will  not  choke  when  the 
Reference  nozzles  are  being  evaluated  applies  a 
considerable  constraint  to  the  model  design.  The  flow 
passages  have  to  be  so  large  that  the  configuration  mold 
lines  for  a  tightly  wrapped  low  drag  fighter  configuration 
almost  always  bwome  the  duct  outer  wall.  This  is  a  direct 
outcome  of  the  bookkeeping  system  described  herein. 
Were  it  possible  to  somehow  eliminate  the  need  for 
Reference  nozzles  with  exit  choking  from  the  jet  effects 
models  then  more  generic  models  which  could 
accommodate  configuration  changes  of  significance  could 
be  designed.  Barring  that  as  a  solution  the  only  remaining 
approach  would  be  to  have  separate  internal  duct 
arrangements  for  the  Reference  configurations  and  smaller 
internal  ducts  for  the  real  airplane  nozzles  thereby 
alleviating  the  difficulties  of  providing  a  generic  afterbody 
development  model.  However,  the  cost  would  necessarily 
escalate. 

Industry  has  been  slowly  realizing  that  there  may  be  some 
potentid  benefit  to  determining  what  the  influences  of  the 
afterbody  configuration  are  on  the  overall  aircraft 


Figure  3.3.11.  Effect  of  tall  arrangement  on 
static  pressures  at  18  degrees  from  TDC  at 
Mach  s  0.9  and  AOA  =  0  Deg.  (Ref  6.) 


performance  during  the  early  stages  of  configuration 
development.  Ref  7.  investigates  the  effects  of  boattail 
angle  for  isolated  non-axisymmetric  afterbodies  on  drag  at 
transonic  Mach  numbers  but  without  empennages.  These 
data  while  providing  excellent  experimental  data  for  the 
evaluation  of  CFD  codes,  and  for  that  reason  are  very 
necessary,  add  very  little  to  the  real  world  problem  other 
than  reemphasizing  the  influence  that  nozzle  boattail 
angle  has  on  afterbody  drag.  Ref  8  contains  a  wealth  of 
experimental  data  related  to  twin  axisymmetric 
configurations.  However,  the  experimentation  limited 
itself  to  currently  operational  twin  axisymmetric 
configurations  where  the  exhaust  nozzles  were  either  level 
with,  or  protruded  beyond,  the  trailing  edges  of  the 
empennages.  Thrust  vectoring  non-axisymmetric  nozzles 
on  fighter  aircraft  where  maneuverability  is  enhanced  has 
brought  with  it  a  more  difficult  integration  challenge 
because  the  interference  and  interaction  of  empennages  and 
nozzles  is  more  severe. 

Both  Ref  3  and  Ref  8  showed  that  vertical  tail  incidence 
can  be  used  to  create  favorable  flow  effects  on  the 
jet/afterbody  flow  interactions.  One  aircraft  has  used 
differential  rudder  control  to  optimize  the  drag  at  subsonic 
conditions  but  the  effect  was  over  a  very  small  Mach 
range  and  provided  no  advantage  at  other  conditions. 
Experiments  with  vectored  nozzles  have  shown  that  trim 
vectoring  can  improve  the  drag  even  when  the  jet  induced 
lift  must  be  counteracted  by  tweeking  the  aero  surfaces. 
Might  this  suggest,  however,  that  the  configurations 
developed  from  aero  testing  alone  may  be  deficient  in 
optimizing  the  configuration  for  the  presence  of  the  jet 
and,  therefore,  has  not  provided  the  optimum  jet-on 
configuration?  It  is  obvious  that  this  is  an  area  of 
experimentation  that  should  be  investigated. 

3. 3. 4. 3  Experimental  Investigations  Required. 

The  development  of  optimization  factors  for  3D 
afterbodies  will  probably  require  several  experiments 
similar  to  those  of  Ref  8.  to  acquire  enough  generic  data 
to  support  the  airplane  configurator. 

Twin  tail  angle,  spacing,  toe-in/out,  span  and  position 
relative  to  the  jet  are  probably  the  most  fundamental 
parameters  to  be  studied.  However,  it  would  appear  that 
the  effect  of  different  types  of  nozzle  on  jet  effects  has  not 
been  extensively  examined,  at  least  not  to  the  point  of 
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comparing  types  to  determine  whether  type  plays  any  part 
in  afterbody  optimization  particularly  with  the  highly 
integrated  configurations. 

It  is  apparent  from  the  jet  effects  testing  conducted  to  date 
that  the  jet  effects  in  terms  of  drag  increase  are  more 
pronounced  on  the  upper  afterbody  surfaces  than  on  the 
lower  surfaces.  This  is  undoubtedly  associated  with  the 
effect  of  the  jet  flow  on  the  interaction  of  the  upper  body 
flow  and  the  vertical  empennages.  The  lower  surfaces 
without  the  empennages  seem  to  be  more  tolerant  of 
steeper  boattail  angles  than  the  upper  surface  and  of  course 
the  situation  improves  on  the  lower  surface  as  AOA 
increases.  The  degree  of  "interference"  is  obviously 
associated  with  the  relative  positions  of  the  nozzles  and 
the  vertical  tails.  However,  there  may  be  a  case  for 
reducing  the  upper  body  effects  by  designing  the  nozzles 
to  have  near  optimum  boattail  angle  on  the  upper  surface 
and  accommodate  the  majority  of  nozzle  area  change 
requirements  on  the  lower  side  of  the  afterbody.  This 
could  really  be  considered  as  a  type  of  the  SERN  nozzle 
concept  but  without  the  upper  nozzle  flaps  being  fixed  or 
of  unequal  length.  It  would  be  important  to  try  and 
maintain  axial  flow  with  such  a  geometry  in  order  to 
reduce  the  introduction  of  vectored  flow  which  would 
rapidly  erode  any  afterbody  drag  improvement.  The 
geometry  of  such  nozzles  might  require  the  nozzle  throat 
plane  to  digress  from  the  traditional  symmetry  relative  to 
the  engine  centerline  and  vary  in  waterline  height.  The 
geometry  for  independent  operation  of  upper  and  lower 
flaps  is  already  provided  with  the  development  of  the 
vectoring  nozzle.  This  concept  does  not,  therefore,  demand 
any  major  concept  change  but  only  the  testing  to 
investigate  for  possible  advantages.  This  concept  could 
benefit  subsonic/transonic  drag  by  transferring  nozzle 
geometry  changes  to  the  more  benign  side  of  the 
afterbody. 

Historically  Jet  effects  models  are  very  expensive.  For 
that  reason  there  is  a  tendency  to  refrain  from  jet  effects 
testing  until  the  configurations  has  at  least  established 
some  kind  of  permanence.  This  tends  to  make  the  jet 
effects  models  some  of  the  last  in  the  development  chain. 
One  of  the  problems  which  jet  effects  tests  inherit  by 
being  the  last  link  in  the  chain  of  airplane  aerodynamics 
development  is  that  the  model  designs  become  very 
project  orientated.  This  implies  that  they  will  only 
investigate  the  parameters  associated  with  a  particular 
design  and  since  the  design  has  been  "frozen",  only 
relatively  small  geometry  modifications  will  be  allowed. 
Moreover,  because  of  the  cost  and  number  of  variables 
associated  with  the  testing,  the  instrumentation  provided 
in  the  model  will  investigate  only  those  phenomena 
directly  associated  with  the  required  data. 

Most  jet  effects  testing  does  not  include  the  flow 
interrogation  required,  such  as  Laser  Doppler  velocity 
evaluations  (LDV)  to  understand  flow  phenomena  or  for 
CFD  analysis  validation.  Moreover,  because  the  tests  are 
aimed  at  providing  S&C  data  for  the  airplane  envelope, 
they  cover  a  large  range  of  conditions  and  the  time  needed 
to  conduct  LDV  surveys  may  be  cost  prohibitive  in  some 
tunnels.  However,  until  such  experiments  are  conducted. 


the  panaceas  to  aircraft  afterbody  problems  will  continue 
to  be  pragmatic  and  configuration  dependent  with  seldom 
an  understanding  of  exactly  the  cause  of  any  problem. 

Investigation  of  flow  field  phenomena  requires  more  than 
the  customary  surface  pressure  instrumentation  even 
though  this  is  currently  the  information  used  to  correlate 
with  CFD  analysis.  It  is  important  to  determine  why 
certain  things  improve  or  degrade  performance  and  for  this 
the  flow  in  the  free  field  is  essential.  There  is  a  great  need 
for  such  fundamental  testing  not  only  to  determine  the 
experimental  effects  but  to  assist  in  the  development  of 
the  complex  computer  codes  needed  to  evaluate  and 
understand  the  flow  phenomena  to  ensure  that  the  code 
will  not  only  reproduce  the  known  flow  phenomena  of  a 
particular  afterbody  configuration  but  that  it  may  be  relied 
upon  to  predict  the  flows  for  afterbodies  not  as  yet 
experimentally  tested.  There  still  appears  to  be  no 
concerted  effort  to  determine  the  forcing  functions  that 
control  the  development  of  low  drag  afterbodies. 

3.34.4  Synergistic  Optimization 

Each  system  on  an  aircraft  should  perform  a  required 
major  function.  However,  that  system  may  have  an 
ability  to  influence  another  system  which  if  worked  in 
combination  will  result  in  an  improved  overall  efficiency. 
This  technique  is  called  synergism.  A  problem  that  works 
against  synergism  in  the  modem  fighter  aircraft  is  the 
unwritten  rule  that  the  aircraft  must  be  recoverable  from 
stall  by  the  use  of  aerodynamic  surfaces  only.  This  almost 
always  requires  the  aircraft  to  have  larger  horizontal 
control  surfaces  than  would  be  required  were  the  forces 
induced  by  the  jet,  either  directly  or  by  thrust  vectoring, 
permitted  in  the  stability  equation.  The  reasoning  behind 
this  is  that  the  power  system  cannot  be  relied  upon  to 
operate  at  all  conditions  and  the  loss  of  the  airplane  might 
occur  if  there  is  insufficient  control  with  power  off.  Until 
this  particular  philosophy  is  modified  or  alternate 
emergency  recovery  systems  can  be  devised  which  weigh 
less  than  the  current  methods,  airplanes  will  continue  to 
carry  around  more  control  power  than  is  absolutely 
necessary. 

3.3. 4  J  Data  Manipulation  Development. 

Jet  effects  testing  is  aimed  at  acquiring  incremental  effects 
on  control  surfaces  to  determine  the  effect  of  the  jet  on 
longitudinal  and  lateral  stability  of  the  airplane.  As  fighter 
aircraft  become  more  and  more  agile  these  effects  become 
of  more  significance.  Because  there  are  at  least  four 
variables  associated  with  the  jet  alone,  throat  area,  nozzle 
area  ratio  (A9/A8),  vector  angle  and  nozzle  pressure  ratio, 
the  number  of  configurations  to  test,  to  ensure  adequate 
coverage  of  all  the  possible  effects,  escalates.  Add  to  these 
the  combinations  of  angle  of  attack,  yaw  angle,  horizontal 
and  rudder  angle  and,  of  course  Mach  number,  and  the 
extent  of  the  data  matrix  becomes  dauntingly  apparent. 
There  is  a  tendency  to  want  to  examine  as  many 
combinations  of  these  variables  as  possible.  If  that 
approach  is  taken  then  in  situations  where  cost  is  a 
significant  player  the  amount  of  data  acquired  per  run  (An 
alpha  sweep  with  a  nozzle,  at  a  NPR,  at  one  horizontal  or 
rudder  angle,  at  one  Mach  number)  is  often  limited  to 
single  runs.  The  problem  is  that  in  experimental  data, 
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force  and  moment  measurement  repeatability  is  dependent 
on  a  combination  of  parameters  which  will  far  exceed 
those  above.  Increments  based  upon  single  run 
comparisons  while  permitting  an  answer  to  be  obtained, 
could  in  fact  be  subject  to  considerable  error  and  worse, 
have  such  inconsistency  with  say  Mach  Number,  as  to 
make  the  determination  of  trends  almost  impossible. 

Most  experimenters  would  desire  to  take  several  repeat 
runs  of  each  configuration.  If  this  were  undertaken  with 
the  whole  matrix  the  cost  and  time  involved  would  be 
prohibitive  and  therefore  token  repeats  are  indulged  to 
ensure  no  real  anomalies  exist.  However,  to  obtain 
reliable  data  there  is  no  substitute  for  run  repeats  and  the 
experimentation  should  be  designed  to  allow  for  this.  It  is 
far  better  to  limit  the  matrix  and  obtain  reliable  and  more 
accurate  data  for  a  few  conditions  than  unreliable  and 
questionable  data  at  many  conditions. 

The  design  of  the  experiment  should  aim  at  a  minimum 
of  three  runs  per  configuration.  To  deal  wholly  with  all 
the  possible  variables  these  should  preferable  include  at 
least  one  model  rebuild  of  the  configuration.  That  may  be 
a  secondary  effect  which  the  experimenter  is  reluctant  to 
include.  By  taking  three  runs  per  configuration  statistical 
analysis  of  variance  could  be  applied  to  the  data.  It  would 
enable  the  within  run  and  run  to  run  variance  to  be 
determined  and  an  accurate  determination  by  "F"  test  as  to 
whether  the  increments  between  configurations,  or  the  jet 
effects  on  one  configuration,  were  significant  or  not  at  Ae 
95%  confidence  level.  This  approach  could  be  built  into 
the  data  reduction  equations  which  would  need  to  combine 
runs  and  would  determine  which  increments  are  significant 
and  which  are  not. 

Pre-test  estimates  of  data  accuracy  are  usually  built  upon 
the  capabilities  of  the  balance  and  associated  pressure  and 
temperature  measurements.  However,  by  far  the  more 
interesting  data  is  that  finally  achieved  in  the  test  itself 
where  all  the  parameters  which  affect  the  final  result  are 
active.  Only  by  examining  the  overall  scatter  of  the  data, 
and  that  requires  at  least  a  run  duplication  for  each 
configuration  and  preferably  more,  can  the  significance  of 
the  data  being  determined  be  evaluated.  Tunnel  operators 
should  continuously  monitor  the  capability  of  models 
tested  in  their  facilities  and  apply  statistical  analysis  of 
variance  to  the  results  with  the  purpose  of  determining 
experimental  techniques  which  result  in  the  highest 
quality  data.  Moreover,  such  analysis  would  considerably 
benefit  the  users  who  could  evaluate  before  testing 
whether  his  experiment  was  capable  of  defining  the 
particular  data  he  is  looking  for  and/or  influence  his 
testing  technique  to  ensure  he  obtains  reliable  data.  Some 
experiments  might  never  be  conducted  were  such 
information  a  part  of  designing  the  experiment! 

3. 3. 4.6  Model  design  challenge. 

Jet  effects  testing  aims  to  determine  the  S  &  C  influences 
of  the  jet  on  the  airplane  aerodynamics.  One  major  player 
in  this  equation  is  the  nozzle  geometry.  Aircraft  in  which 
the  nozzle  is  positioned  well  aft  of  the  empennages  have 
less  effect  on  the  aerodynamic  control  surfaces  than 
nozzles  which  are  situated  between  and  often  ahead  of  the 
trailing  edge  of  the  horizontal  control  surfaces.  In  these 


cases  the  jet  effects  can  be  very  significant.  In  order  to 
investigate  the  effects  of  nozzle  geometry,  both  throat  and 
area  ratio  effects,  a  series  of  nozzles  are  built  covering  the 
expected  nozzle  operational  characteristics.  The  problem  is 
that  for  highly  tuned  systems  the  nozzle  geometry  varies 
considerably  with  power  setting,  Mach  number  and 
whether  dry  or  afterWning  power  is  being  simulated.  A 
fixed  area  throat  and  area  ratio  may,  therefore,  only 
simulate  the  "correct"  conditions  at  one  point  in  the 
envelope.  Since  jet  effects  testing  aims  to  determine  the 
effects  over  the  whole  envelope  this  necessitates  building 
a  multitude  of  nozzles  and,  to  cover  the  operating 
envelope,  testing  with  these  nozzles  at  conditions  where 
they  would  never  operate  with  the  designed  in  geometry  in 
the  real  airplane.  One  answer  is  to  build  more  fixed 
geometry  nozzles.  However,  nozzle  build  and  the 
changing  necessary  during  testing  are  both  expensive 
solutions.  Much  more  efficient  testing  and  exact 
representation  of  real  life  conditions  would  be  provided  by 
building  a  remotely  actuated  variable  throat  and  area  ratio 
nozzle  into  the  model 

The  small  size  of  the  test  hardware,  often  1/1 0th  scale 
or  less,  makes  this  a  real  challenge  to  the  designer. 
Mastery  of  such  a  design  would  lead  to  a  substantial 
advance  in  jet  effects  testing.  To  date  it  is  doubtful  if  any 
small  scale  powered  nozzle  has  ever  been  successful. 
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3.4  Description  of  Group  B  Test  Cases 

3.4.1  Introduction 

Significant  advancements  have  been  made  during  the 
past  decade  on  the  use  of  computational  fluid  dynamics 
(CFD)  for  propulsion  aerodynamic  problems.  Except 
for  separated  flow  regimes,  isolated  2-D  afterbody/nozzle 
external  and  internal  flow  fields  are  routinely  computed 
with  reasonable  accuracy.  The  internal  performance  of 
complex  nozzles  is  computed  with  increasing  confidence 
and  the  ability  to  handle  ever  increasing  configuration 
complexity  (twin  engines,  installed  tail  surfaces,  3-D 
lozzles,  etc.)  has  improved.  CFD  applications  have 
Inally  started  to  impact  the  aircraft  design  process. 

critical  review  of  CFD  codes  available  to  the 
iVorking  Group  was  undertaken,  by  applying  them  to 
selected  experimental  "design"  test  cases.These  "design" 
est  cases  were  selected  to  evaluate  CFD  codes  which 
nay  be  useful  in  the  design  process.  Past  experience 
las  shown  that  this  "test  case"  approach  i^  a  generally 
revealing  and  constructive  activity.  It  clarifies  the  scope 
3f  the  various  codes  and  gives  some  indication  of  their 
current  relative  standing.  It  must  be  emphasized  at  the 
outset,  however,  that  a  limited  review  of  the  type 
undertaken  here  can  never  provide  a  full  assessment  of 
the  present  accuracy  of  predictions  or  of  the  relative 
merit  of  the  different  modelling  or  computational 
procedures  for  further  development. 

For  (CFD)  codes  to  be  completely  accepted  as 
engineering  tools  for  analysis  and  design  of  complex  3- 
D  afterbodies,  they  must  accurately  predict  the  effects  of 
geometric  (tail  position  and  deflection;  nozzle  type, 
shape  and  closure;  engine  spacing;  etc.)  and  flight 
condition  (Moo,  NPR,  a.  Re,  etc.)  variables.  To 
adequately  predict  these  effects,  CFD  codes  must  be 
capable  of  simulating  the  complex  physical  phenomena 
that  are  associated  with  the  propulsion  integration  area. 
Some  of  these  phenomena  are  3-D/vortical  flow,  thick 
boundary  layers  with  adverse  pressure  gradients, 
separated  flow,  boundary  layer/shock  interactions,  shear 
layer  mixing  and  intemal/extemal  flow  interactions. 
During  selection  of  the  test  cases,  the  Working  Group 
considered  both  the  variables  and  physical  phenomena 
which  must  be  simulated  by  CFD  codes. 

In  addition  to  the  effects  of  geometric  and  flow 
condition  variables,  the  Working  Group  was  also 
interested  in  evaluating  the  effects  of  code  related 
variables  such  as  code  type,  grid  technique,  grid  density, 
turbulence  model,  etc.  The  evaluation  of  these  effects 
could  not  be  driven  by  test  case  selection  and  the 
Working  Group  relied  on  voluntary  contributions  to 
cover  them. 

3.4.2  Group  B  Test  Case  Selection 

The  group  B  or  "design"  test  cases  were  selected  using 
the  following  criteria: 

(i)  the  number  of  cases  should  be  small 


(ii)  they  should  be  confined  to  3-D  afterbody 
configurations 

(iii)  they  should  cover  the  major  variables 
involved: 

free  stream  Mach  number 
nozzle  pressure  ratio 
aftend  shape 
tail  position 
single  and  twin  engines 

(iv)  they  should  encompass  cases  in  which 
boundary  layer  separation  did  and  did  not  occur 
on  the  aftbody/nozzle 

(v)  the  experimental  information  should  be  as 
accurate  and  as  comprehensive  as  possible, 
with  emphasis  on  surface  measurements 

(vi)  there  should  be  no  restrictions  on  the 
publication  of  the  data,  so  that  the  cases 
would  be  available  for  research  workers  to 
test  their  own  codes  in  the  future. 

Table  3.4-1  shows  the  "design"  test  cases  selected;  it 
can  be  noted  that  each  of  the  variables  mentioned  in  (iii) 
is  covered  at  least  once.  All  "design"  test  cases  were 
contributed  by  Mr.  Bobby  L.  Berrier  of  NASA  Langley 
Research  Center,  MS  280,  Hampton,  VA  23681-0001. 
Test  cases  were  selected  from  experiments  on  an 
axisymmetric,  single  engine  afterbody  with  and  without 
tails;  a  twin  engine  afterbody  (axisymmetric  nozzles) 
with  tails:  and  a  nonaxisymmetric  aftbody/nozzle.  In 
each  experiment,  only  two  or  three  test  points  from  the 
range  of  test  conditions  potentially  available  could  be 
chosen.  The  test  case  geometry  and  experimental  data 
were  provided  to  all  organizations  that  participated  in 
this  study. 

3.4.3  Accuracy  of  Test  Results 
No  estimates  have  been  made  of  the  accuracy  of  the 
quoted  results.  In  each  of  the  experiments,  there  will 
have  been  quantifiable  random  inaccuracies  resulting 
from  normal  instrumentation  inaccuracies,  but  such 
errors  in  this  type  of  test  would  not  be  significantly 
large  in  the  context  of  the  present  comparisons  with 
theory.  However,  the  possibility  of  important  bias 
errors  in  this  type  of  test  -  especially  affecting  the  net 
drag  coefficient  -  is  recognized.  Such  errors  could  arise 
from  non-uniform  entry  flow,  from  model  support 
interference,  or  from  minor  model  defects.  They  cannot 
by  their  nature  be  quantified  by  the  experimenter. 
However,  the  selected  tests  were  conducted  by  teams 
with  great  experience  in  these  and  other  experimental 
pitfalls.  Furthermore,  tests  were  chosen,  as  far  as 
possible,  to  allow  comparisons  to  be  made  of  the  effect 
of  changing  one  parameter  within  a  single  test  series,  so 
as  to  minimize  the  importance  of  any  bias  errors.  It 
should  be  noted  that  no  attempt  was  made  to  apply  wind 
tunnel  blockage  corrections  to  the  quoted  results  since 
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all  of  the  selected  experiments  were  conducted  in  a  very  V.  References 
large  wind  tunnel  which  resulted  in  extremely  low 

values  of  model  blockage.  3.4-1,  3.4-2,  3.4-3,  3.4-4,  3.4-5,  3.4-6 

3.4.4  Test  Cases  3.4.42  Test  Cases  B. 3  -  NASA  Langley  Twin 

Brief  details  of  the  test  cases  follow.  Their  full  Engine  Afterbody  with  tails 

experimental  results  are  tabulated  in  Appendix  B.  I.  Model  Configuration  (see  Figures  3.4-8  and  3.4-9) 


3. 4.4.1  Test  Cases  B.l  and  B.2  -  NASA  Langley 

Single  Engine  Afterbody  with  (B.l)  and 
without  (B.2)  tails 

I.  Model  Configuration  (see  Figures  3.4-1  and  3.4-2) 

A.  Forebody  -  Axisymmetric  ogive,  24  in.  in 

length  with  14  deg.  initial  angle  followed  by 
a  constant  area  cylinder  (see  Figure  3.4-1) 

B.  Aftbody  -  Axisymmetric  with  closure 

representative  of  a  typical  single-engine 
fighter  (see  Figure  3.4-3) 

C.  Nozzle  -  Axisymmetric  convergent-divergent 

with  expansion  ratio  of  1.02  (see  Fig.  3.4-4) 

D.  Tails  (see  Figure  3.4-5) 

Test  Case  B.l  -  None 

Test  Case  B.2  (see  Figure  3.4-6) 

Vertical  -  NACA  64  series  in  a 
forward  location 

Horizontal  -  NACA  64  series  in  an  aft 
location 

n.  Model  Installation  in  Tunnel  (see  Figure  3.4-7) 
0.148%  blockage 

IILNominal  Free  Stream  and  Jet  Conditions 

M«,  =  0.90 

Ptoo  =  14.7  psi 

qoo  =  4.94  psi 

T^^  =  590  °R 

Re  =  2.24  X  10^  based  on  model  length 

a  =0° 

NPR  =  2.033  for  case  B.  1 . 1 

=  4.991  for  case  B.1.2 
=  2.027  for  case  B.2.1 
=  2.997  for  case  B.2.2 
=  5.033  for  case  B.2.3 
Ttj  =  530  °R 

IV.  Data  Available 

Following  data  are  available  on  a  3.5"  floppy  disk 
in  either  MS-DOS  or  MAC-OS  by  contacting 
Bobby  L.  Berrier 
Mail  Stop  280 

NASA  -  Langley  Research  Center 
Hampton,  Virginia  23681-0001 
USA 


A.  Forebody  -  Circular  cross-section  up  to 

simulated,  faired-over,  side  mounted, 
rectangular  inlets  attached  to  a  constant  area 
rectangular  cross-section  (10  in.  x  5  in.) 
with  rounded  comers  (1  in.  radius)  and  high 
wing.(see  Figure  3.4-8) 

B.  Aftbody  -  Twin  nacelles  joined  with  engine 

interfairing  which  terminates  with  a 
horizontal  knife  edge  at  nozzle  connect 
station,  (see  Figure  3.4-10) 

C.  Nozzle  -  Twin  axisymmetric  convergent- 

divergent  with  expansion  ratio  of  1.15  (see 
Figure  3.4-11) 

D.  Wing  -  Aspect  ratio  =  45;  Taper  ratio  =  0.5; 

leading  edge  sweep  =  45°;  cranked  trailing 
edge;  thickness  ratio  =  0.067  at  root; 
thickness  ratio  =  0.10  at  tip  (Wing  doubles 
as  part  of  model  support  system  with  tips 
being  unrealistically  thick  to  carry  loads. 
Wing  tip  booms  attach  model  to  tunnel 
support  system.)  (see  Figure  3.4-8) 

E.  Tails 

Horizontal  -  NACA  64  series  in  a  mid 
location,  (see  Figures  3.4-12  and 
3.4-13) 

Vertical  -  Twin  NACA  64  series  tails 
(see  Figures  3.4-12  and  3.4-13) 

Test  case  B.3.1  -  Vertical  tails  in  mid 
location 

Test  case  B.3.2  -  Vertical  tails  in  aft 
location 

Test  case  B.3.3  -  Vertical  tails  in 
forward  location 

II.  Model  Installation  in  Tunnel  (see  Figure  3.4-14) 
0.257%  blockage 

III.  Nominal  Free  Stream  and  Jet  Conditions 

M.,,  =  0.90 

Ptoo  =  14.7  psi 

Qoo  =  4.94  psi 

Tt^  =  590  °R 

Re  =  5.61  X  10^  based  on  wing  mean 

aerodynamic  chord 
a  =0° 

NPR  =  3.4 

Tg  =  530  °R 


A.  External  surface  pressures  on  aftbody,  nozzle  IV.  Data  Available 

and  tails 

B.  Drag  coefficients  Following  data  are  available  on  a  3.5"  floppy  disk 

in  either  MS-DOS  or  MAC-OS  by  contacting 
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Bobby  L.  Berner 
Mail  Stop  280 

NASA  -  Langley  Research  Center 
Hampton,  Virginia  23681-0001 
USA 

A.  External  surface  pressures  on  aftbody,  nozzle 

and  tails 

B.  Drag  coefficients 
V.  References 

3.4- 7,  3.4-8 

3. 4.4.3.  Test  Cases  B.4  -  NASA  Langley  2-D  C-D 
Single  Isolated  Nozzle 

I.  Model  Configuration  (see  Figures  3.4-15  and 

3.4-16) 

A.  Forebody  -  Conical  nose  tip  which  transitions 

to  a  superelliptical  cross  section  at  x  =  26.5 
in.  that  was  nearly  rectangular  with  large 
rounded  comers  The  cross-sectional  area  and 
external  geometry  remained  constant  from 
X  =  26.5  in.  to  x  =  55.8  in.  at  which  point 
the  nozzle  external  contour  begins.(see 
Figure  3.4-15) 

B.  Nozzle  -  Single  2-D  C-D  nozzle  with  a  nozzle 

expansion  ratio  of  1.25  and  a  throat  aspect 
ratio  (ratio  of  nozzle  throat  width  to  nozzle 
throat  height)  of  2.38.  (see  Figure  3.4-17) 

E.  Tails  -  None 

n.  Model  Installation  in  Tunnel  (see  Figure  3.4-16) 
0. 144%  blockage 

III.  Nominal  Free  Stream  and  Jet  Conditions 

Moo  =  0.60  for  Case  B  .4. 1 
=  0.94  for  Case  B.4.2 
Ptoo  =  14.7  psi 

qoo  =  2.90  psi  for  Case  B.4.1 

=  5.13  psi  for  Case  B.4.2 

Tt^  =  600  °R 

Re  =  1.73  X  10^  for  Case  B.4.1 
=  2.10  X  10^  for  Case  B.4.2 
based  on  model  length 
a  =0° 

NPR  =4.00 

Ttj  =  545  °R 

IV.  Data  Available 

A.  External  surface  pressures  on  nozzle 

B.  Internal  surface  pressures  on  nozzle  flaps 

C.  Pitot  pressure  in  jet  exhaust,  shear  layer  and 

free  stream  at  and  downstream  of  nozzle  exit 

V.  References 

3.4- 9,  3.4-10,  3.4-11,  3.4-12,  3.4-13 


3.4.5  References 

3.4- 1  Berrier,  Bobby  L.;  Effect  of  Nonlifting 

Empennage  Surfaces  on  Single-Engine 
Afterbody/Nozzle  Drag  at  Mach  Numbers 
From  0.5  to  2.2.  NASA  TN  D-8326,  1977. 

3.4- 2  Henderson,  William  P.;  and  Burley,  James 

R.,  II:  Effect  of  Empennage  Arrangement  on 
Single-Engine  Nozzle/Afterbody  Static 
Pressures  at  Transonic  Speeds.  NASA 
TP-2753,  1987. 

3.4- 3  Berrier,  Bobby  L.:  Effect  of  Empennage 

Interference  on  Single-Engine  AJFterbody/ 
Nozzle  Drag.  AIAA  Paper  No.  75-1296, 
1975. 

3.4- 4  Burley  James  R.,  11;  and  Berrier,  Bobby  L.: 

Effects  of  Tail  Span  and  Empennage 
Arrangement  on  Drag  of  a  Typical  Single- 
Engine  Aft  End.  NASA  TP-2352,  1984. 

3.4- 5  Burley,  James  R.,  II;  Carlson,  John  R.;  and 

Henderson,  William  P.;  Experimental  and 
Numerical  Results  for  a  Generic 
Axisymmetric  Single-Engine  Afterbody 
With  Horizontal  and  Vertical  Tails  at 
Transonic  Speeds.  NASA  TM-87755,  1986. 

3.4- 6  Jones,  William  T.;  and  Abdol-Hamid, 

Khaled  S.:  Computational  Analysis  of  Drag 
Reduction  Techniques  for  Aftertody/Nozzle/ 
Empennage  Configurations.  SAE  Paper 
No.  912127,  1991. 

3.4- 7  Leavitt,  Laurence  D.:  Effect  of  Empennage 

Location  on  Twin-Engine  Afterbody/Nozzle 
Aerodynamic  Characteristics  at  Mach 
Numbers  From  0.6  to  1.2.  NASA 
TP-2116,  May  1983. 

3.4- 8  Leavitt,  Laurence  D.;  and  Bare,  E.  Ann: 

Effects  of  Twin- Vertical-Tail  Parameters  on 
Twin-Engine  Afterbody/Nozzle  Aerodynamic 
Characteristics.  NASA  TP-2158,  May  1983. 

3.4- 9  Putnam,  Lawrence  E.;  and  Mercer,  Charles 

E.:  Pitot-Pressure  Measurements  in  Row 
Fields  Behind  a  Rectangular  Nozzle  With 
Exhaust  Jet  for  Free-Stream  Mach  Numbers 
of  0.00,  0.60,  and  1.20.  NASA  TM-88990, 
November  1986. 

3.4- 10  Compton,  William  B.,  Ill;  Thomas,  James 

L.;  Abeyounis,  William  K.;  and  Mason, 
Mary  L.:  Transonic  Navier-Stokes  Solutions 
of  Three-Dimensional  Afterbody  Rows. 
NASA  TM-4111,  July  1989. 

3.4- 11  Compton,  W.;  and  Abdol-Hamid,  K.: 

Navier-Stokes  Simulation  of  Transonic 
Afterbody  Rows  with  Jet  Exhaust.  AIAA 
Paper  No.  90-3057,  August  1990. 


184 


3.4- 12  Compton,  William  B.,  Ill;  and  Abdol- 

Hamid,  Khaled  S.:  Navier-Slokes 
Simulation  of  Nozzle- Afterbody  Hows  With 
Jets  at  Off-Design  Conditions.  AIAA  Paper 
No.  91-3207,  September  1991. 

3.4- 13  Compton,  W.  B.,  Ill;  Abdol-Hamid,  K.  S.; 

and  Abeyounis,  W.  K.:  Comparison  of 
Algebraic  Turbulence  Models  for  Afterbody 
Hows  with  Jet  Exhaust.  AIAA  Journal, 
Vol.  30,  No.  11,  pp.  2716-2722,  November 
1992. 


IDENTIFICATION 

FREE-STREAM  CONDITIONS 

JET  FLOW  CONDITION 

POSITION 

Case 

Horiz.  tail 

Vert,  tail 

#of 

engines 

nozzle 

shape 

boattail 

separation 

Norn, 
doc.  Psi 

Norn. 

Tt„°R 

NPR 

Norn. 

T,j”R 

a,  deg. 

B.1.1 

None 

None 

One 

Axi. 

Yes 

0.901 

4.94 

590 

2.033 

530 

0.010 

B.1.2 

None 

None 

One 

Axi. 

Yes 

0.901 

4.94 

590 

4.991 

530 

0.009 

B.2.1 

Aft 

Fwd 

One 

Axi. 

Yes 

0.900 

4.94 

590 

2.027 

530 

0.021 

B.2.2 

Aft 

Fwd 

One 

Axi. 

Yes 

0.900 

4.94 

590 

2.997 

530 

0.021 

B.2.3 

Aft 

Fwd 

One 

Axi. 

Yes 

0.900 

4.94 

590 

5.033 

530 

0.021 

B.3.1 

Mid 

Mid 

Two 

Axi. 

Yes 

0.901 

4.94 

590 

3,407 

530 

-0.004 

B.3.2 

Mid 

Aft 

Two 

Axi. 

Yes 

0.899 

4.94 

590 

3.400 

530 

-0.004 

B.3.3 

Mid 

Fwd 

Two 

Axi. 

Yes 

0.899 

4.94 

590 

3.402 

530 

0.031 

B.4.1 

None 

None 

One 

Rect. 

No 

0.600 

2.90 

587.8 

4,00 

541.2 

-0.02 

B.4,2 

None 

None 

One 

Reel. 

Yes 

0.938 

5.13 

619.3 

4.02 

549.9 

-0.02 

Table  3.4-1:  "Design"  test  cases.  All  from  NASA  experiments. 
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Sketch  of  NASA  Langley  Research  Center  single  engine  afterbody  with  tails.  (All  linear 
dimensions  are  in  inches) 
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Sta. 

71.70 

Sta.  40. 89  /  \ 

Sla.  64.89 

6  equally  spaced  |  y  \ 

1 

nozzles  exiting  /  \ 

/-Nozzle 

1 

Horizontal  tails  (aft  position) 


— \  *  •  •  .  ■ 

•\ 


Horizontal  tailsiforward  position) 


Section  A -A 


Nozzle/afterbody  external  geometry 


X,  in.  I  r.  in. 


Pressure  taps  are  on  the  left  side 
of  the  afterbody  and  nozzle  when 
looking  upstream. 


Section  A  —  A 


Figure  3.4-4:  Sketch  of  nozzle  showing  important  dimensions.  (Linear  dimensions  are  in  centimeters) 


Staggered  tails 


Body  only 


Figure  2,4-5:  Planform  view  of  test  case  tail  arrangements.  (Dimensions  are  infractions 

of  body  length) 
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Vertical  tail  geometry 


Airfoil  sections 


Tip . NACA  64-003 

Root . NACA  64-005 

2 

Area  (exposed,  not  inciuding  filler),  m  .  0.0881 

Tail  height  (root  to  tip),  cm .  33.68 

Tip  chord,  . . 

Root  chord,  cm . ^1-66 

Taper  ratio . 0-^56 

Aspect  ratio  (exposed) . 1-288 


Distance  from  model  cehter  line 
varies  slightly  with  tail  location 


■  Filler  contoured  for 
each  tail  location 


Vertical  tail. 


Horizontal  tail  geometry 

Airfoil  sections 

Tip  . . NACA  64-003 

Root . NACA  64-005 

■> 

Area  (one  side  exposed,  not  including  filler),  m" .  0.0488 

2 

Area  (total,  aft  tail  location),  m  . 0.1631 

Span  (aft  tail  location),  cm . 69.24 

Tip  chord,  cm .  5.59 

Root  chord,  cm .  32,26 

Taper  ratio .  0,173 

Aspect  ratio  (exposed) .  2.724 

Aspect  ratio  (aft  taii  location) .  2.939 


|<-5.59-^ 


Distance  from  model  center  line 
varies  slightly  with  tail  location 


-Filler  contoured  for 
each  tail  location 


Horizontal  tails. 


Figure  3.4-6:  Sketches  of  empennage  surfaces.  (All  dimensions  are  in  centimeters) 
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Photograph  of  test  case  B.2  installed  in  the  NASA  Langley  Research  Center 
16-Foot  Transonic  Tunnel. 


Wing/Centfrtody 
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Photograph  of  NASA  Langley  Research  Center  twin-engine  afterbody  model  with  tails. 
(Test  case  B. 3. 3) 


,4-14:  Photograph  of  test  case  B.3  installed  in  the  NASA  Langley  Research  Center  16-Foot 

Transonic  Tunnel  on  the  wing-tip  support  system. 
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isure  3.4-15:  Sketch  of  NASA  Langley  Research  Center  single  jet  2-D  C-D  model.  (All  linear 

dimensions  are  in  inches.) 
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P  holograph  of  test  case  BA  installed  in  the  NASA  Langley  Research  Center  16-Foot 
Transonic  Tunnel. 


10.860  radius 


Fisure  3.4-17:  Sketch  of2-D  C-D  nozzle  configuration  showing  important  dimensions.  (All  linear 
dimensions  are  in  inches.) 
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3.5  Computatioiial  Results  for  Engineering  Cases 


The  cases  in  Series  B  were  chosen  for  their  resemblance  to 
engineering  requirements,  while  the  preceding  Series  A  cases 
were  chosen  for  the  availability  of  more  fundamental  data  to 
assess  prediction  accuracy.  The  organizations  contributing 
data  to  these  comparisons  are  indicated  in  Figure  3.5-1, 
below. 


contributors  applied  recently-developed  CFD  codes  to  these 
test  cases  -  codes  with  advanced  technology  but  Uttle 
operational  experience.  Some  contributors  assigned 
experienced  staff  to  this  task,  while  others  viewed  this  effort 
as  an  opportumty  to  develop  people,  codes,  and  technology. 
Several  contributors  experienced  instability  and  lack  of 
continuity  in  staffing  these  tasks  over  the  two-year  duration 
of  the  study. 

Therefore,  the  reader  is  urged  to  interpret  these  data  as  a 
summary  of  the  current  state  (1993-94)  with  indication  as  to 
the  challenges  which  remain  before  us.  The  authors  have 
drawn  certain  conclusions  based  on  comparisons  among  the 
various  sets  of  data  provided  to  the  Working  Group.  The 
reader  must  bear  in  mind,  however,  that  these  conqiarisons 
lack  a  consistent  approach.  Therefore,  any  conclusions  based 
on  comparisons  between  different  codes  or  different  cases 
must  be  considered  with  caution. 

Most  of  the  comparisons  with  experimental  data  are  made  in 
terms  of  wall  static  pressure.  Additional  comparisons  are 
made  in  terms  of  intrusive  Pitot  probe  surveys,  pressure- 
integrated  drag,  and  total  drag  (measured  by  a  force  balance). 
Unfortunately,  only  limited  comparisons  are  available  for  the 
direct  predictions  of  CFD  analysis:  Off-body  velocity, 
pressure,  and  temperature,  and  turbulence  parameters  such  as 
turbulent  kinetic  energy  or  Reynolds  stress.  Additional 
numerical  diagnostic  data  are  presented  in  some  cases,  such 
as  convergence  histories.  Other  qualitative  interpretive  data 
also  are  presented  for  some  cases:  simiriated  oil  flow 
visualizations,  off-body  plots  of  velocity  vector  fields,  Mach 
number  contours,  etc. 


Figure  3.5-1  -  Summary  of  Submitted  Cases 

The  submitted  data  are  presented  in  this  Section,  organized 
by  test  case.  This  presentation  approach  was  chosen  to 
facilitate  comparisons  between  methods,  for  assessing  the 
current  state  of  the  art.  The  reader  should  be  aware,  no  clear 
winners  or  losers  are  revealed  in  these  comparisons.  Each 
method  did  particularly  well  on  some  cases,  and  poorly  on 
others.  These  comparisons  should  be  viewed  as  a  sampling 
of  the  state  of  the  art  as  it  existed  in  1993.  Guidelines  were 
given  to  the  contributors  regarding  the  geometry  and  flow 
conditions  to  be  modeled,  and  the  data  plots  to  be  provided. 
No  guidance  was  given  regarding  key  modeling  issues  such 
as  grid  density,  or  transition  and  turbulence  modeling. 
Therefore,  the  results  were  not  produced  on  a  consistent 
basis. 

Further,  various  organizations  approached  this  process  in 
different  ways.  One  contributor,  for  example,  used  a  code 
and  personnel  with  a  backgroimd  emphasizing  pltune  flow- 
field  predictions.  Naturally,  their  approach  was  well 
developed  for  that  portion  of  the  flowfields.  Several 


Experimental  Uncertainty  -  The  test  cases  were  chosen 
based  on  the  evaluated  high  quality  of  their  data.  It  is 
believed,  for  example,  that  wind  tunnel  wall  corrections  are 
not  needed  for  these  cases.  No  contributors  performed  any 
of  these  corrections.  Also  (and  somewhat  more  debatedly) 
we  have  not  asked  contributors  to  consider  the  effects  of  the 
wind  tunnel  support  system  for  the  test  models. 

Estimated  uncertainties  in  the  experimental  data  have  been 
provided  by  the  organization  contributing  the  B-series  test 
cases.  These  estimated  uncertainties  are: 

•  Surface  pressiure  coefficient  (Cp)  +0.005 

•  Drag  coefficient  as  measured  on  a  balance,  ±0.0050  in 
terms  of  maximum  cross-section  area  of  the  forebody- 
aftbody-nozzle  combination,  and  ±0.0005  in  terms  of  a 
representative  aircraft  wing  area. 

•  Drag  coefficient  as  obtained  from  integration  of 
measured  surface  pressures,  ±0.0100  in  terms  of 
maximum  cross-section  area  of  the  forebody-aftbody- 
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nozzle  combination,  and  ±0.0010  in  terms  of  a 
representative  aircraft  wing  area. 


3.5.1  Case  B.1 

Case  B.l  is  a  single  axisymmetric  nozzle,  tested  at  zero  angle 
of  attack  and  sideslip.  Due  to  the  simplicity  of  this  case,  it 
is  a  fundamental  test  of  basic  capabilities  for  afterbody 
flowfleld  modeling.  This  geometry  is  illustrated  in  Figure 
3.5-2. 


All  CFD  contributions  have  included  the  internal  nozzle  flow 
upstream  of  the  jet  exit,  in  their  analyses  (see  Figtue  3.5-3). 
This  approach  avoids  the  necessity  of  prescribing  flowfield 
boundary  conditions  at  the  exit  plane,  where  the  flow  is  not 
necessarily  tmiform.  Preferably,  the  exhaust  flow  comp¬ 
utation  begins  upstream  of  the  throat,  where  the  flow  is 
subsonic.  Any  non-physical  character  in  the  assumed  inflow 
boundary  conditions  will  be  dissipated  quickly  in  the 
subsonic  flow.  A  similar  error  in  a  supersonic  flow  region 
would  persist  indefinitely  in  the  plume,  in  a  shock-expansion 
wave  system. 


Figure  3.5-3  -  Afterbody  and  Nozzle  Geometry  for 
Cases  B.1.1  and  B.1.2 


This  geometry  features  relatively  gradual  surface  cmwature, 
except  in  the  comer  at  the  nozzle  lip.  Therefore,  grid  density 
requirements  are  driven  by  nattuaUy-occurring  flowfield 
gradients,  rather  than  by  sharp  variations  in  the  surface 
geometry.  This,  actually,  is  a  complication  since  the  location 
of  sharp  flowfield  gradients  is  not  known  in  advance  (e.g., 
boimdary  layer  separation  and  reattachment  pomts). 
Therefore,  application  of  those  codes  which  lack  a  solution- 
adaptive  capability  (i.e,,  most  of  the  codes)  must  compensate 


for  this  uncertainty  by  providing  a  high  grid  density  over 
most  of  the  afterbody. 

The  viscous  interaction  and  (potential)  boimdary  layer 
separation  arises  through  a  gradual  evolution  of  the  turbulent 
boundary  layer.  Thus,  accurate  prediction  of  this  flowfield 
is  a  test  mainly  of  the  turbulence  model.  The  two  cases, 
B.1.1  and  B.1.2,  are  both  at  Mach  0.9,  a=0°.  They  differ 
only  in  the  NPR  which  is  at  a  value  of  2.033  (Case  B.1.1) 
and  4.991  (Case  B.1.2). 

Nozzle  Base  Area  -  The  geometry  as  tested  in  the  B.l  cases 
had  a  small  blunt  base  area  (See  Figure  3.5-4).  The  reference 
geometry  as  provided  to  the  contributors  provided  a 
somewhat  idealized  representation  of  the  nozzle  trailing  edge. 
The  inner  and  outer  nozzle  contours  were  represented  in  the 
analysis  as  coming  to  a  sharp  comer,  without  rearward-facing 
base  area.  This  reference  geometry  is  illustrated  in  Figure 
3.5-5.  One  of  the  contributors  (N09)  analyzed  the  B.1.1  case 
to  assess  the  impact  of  the  actual  vs.  nominal  trailing  edge 
geometry,  and  concluded  that  this  feature  has  negligible 
impact  on  the  predictions  (these  results  are  presented  below, 
in  the  discussion  of  predictions  for  Case  B.1.1).  Another 
contributor  (NIO)  investigated  this  issue  in  a  more 
comprehensive  manner,  and  concluded  the  details  of 
modeling  the  trailing  edge  can  have  a  significant  impact  on 
the  pressure  distributions.  This  latter  investigation  is 
presented,  in  some  detail,  in  Section  3. 5.1. 3  (below). 


Figure  3.5-4.  Bhmt  Trailing  Edge  Geometry  for  Cases 
B.1.1  and  B.1.2  (Grid  from  Contribution  N09) 
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Figure  3.5-5  -  Nominal  Geometry  Provided  for  Cases 
B.1.1  and  B.1.2  (Grid  from  Contribution  N09) 


3.5.1. 1  Case  B.1.1 

For  case  B.1.1,  the  freestream  Mach  number  is  0.9  and  the 
angle  of  attack  is  zero.  The  nozzle  pressing  ratio  (NPR)  is 
2.033,  producing  a  near-design  exit  flow  condition.  The 
flowfield  is  (nominally)  axisymmetric. 

The  general  natme  of  this  flowfield  is  illustrated  in  Mach 
number  contour  plots  which  are  presented  in  Figure  3.5-6. 
Two  plots  are  presented,  from  an  inviscid  (Euler)  solution, 
and  a  viscous  (Navier-Stokes)  solution.  The  obvious 
difference  between  the  two  solutions,  of  course,  is  the 
omission  of  viscous  effects  in  the  boxmdary  layer  and  plume 
free  shear  layer,  in  the  Euler  solution.  The  boxmdary  layer 
thickens  significantly  on  the  final  portion  of  the  external 
nozzle  in  the  Navier-Stokes  solution.  Inside  the  nozzle, 
where  the  boxmdary  layer  has  been  subjected  to  a  sxistained 
favorable  pressxire  gradient,  the  boxmdary  layers  are  very 
thin. 

Other  differences  can  be  noted,  too.  The  Exiler  solution 
shows  a  modest  subsonic  expansion  at  the  nozzle  shoxtlder 
(say,  x=65  in  the  dimensional  units  of  this  Figure).  A 
subsonic  compression  is  present  in  the  external  flow, 
centered  on  the  comer  at  the  lip  (i.e.,  trailing  edge)  of  the 
nozzle.  In  the  Exiler  solution,  the  plume  internal  flow 
remains  subsonic  past  the  geometric  throat.  This  is  due  to 
the  high  pressure  in  the  external  stream  at  the  nozzle  exit. 
Due  to  the  external  stream  compression  at  the  exit,  the 
external  pressxne  at  the  nozzle  exit  is  sxifficiently  high  as  to 
prevent  the  internal  flow  from  expanding  to  supersonic 
speeds. 

In  the  Navier-Stokes  solution,  strong  viscous  interactions  in 
the  external  stream  prevent  the  external  pressxne  from  rising 


very  strongly  at  the  nozzle  exit.  Consequently,  a  lower 
ambient  (exit)  pressxne  is  imposed  on  the  internal  jet  flow, 
and  a  sufficient  pressxne  ratio  exists  for  the  internal  stream 
to  expand  to  supersonic  speeds  inside  the  nozzle,  downstream 
of  the  geometric  throat. 

About  one  plxxme  diameter  downstream  of  the  nozzle  exit, 
both  the  Euler  and  Navier-Stokes  flow  predictions  again 
become  comparable. 

It  seems  that  this  interesting  aspect  of  subsonic  or  supersonic 
flow  in  the  internal  nozzle,  downstream  of  the  throat,  may 
depend  on  the  maimer  in  which  the  internal  flow  solution  is 
initialized.  In  the  present  case,  it  appears  the  internal  flow 
in  the  Euler  solution  was  initialized  to  a  subsonic  condition, 
allowing  a  Ml  pressxue  interaction  between  the  external  and 
internal  streams  at  the  nozzle  exit.  In  other  examples,  where 
the  internal  flow  downstream  of  the  geometric  throat  is 
initialized  to  supersonic  conditions  (i.e.,  a  simple  flow 
approximation  is  used  to  initialize  the  solution),  the 
supersonic  domain  of  dependence  in  the  internal  stream 
would  prevent  an  upward-running  interaction,  and  the 
internal  flow  probably  would  remain  supersonic. 

Surface  Pressure  Comparisons  -  Comparisons  of  the 
predicted  and  measured  surface  pressures  for  this  case  are 
presented  in  Figure  3.5-7,  These  data  show  most  of  the  CFD 
methods  provided  good  accuracy  in  the  relatively  benign 
region  approaching  the  shoulder  of  the  nozzle  (for  X/L  < 
0.90).  However,  the  flow  at  the  minimum  pressure  point  on 
the  nozzle  (about  X/1-  =  0.93)  is  fairly  sensitive  to  the 
turbulence  modeling  and  the  grid,  and  results  at  this  point 
varied. 

The  rexxompression  region  approaching  the  nozzle  trailing 
edge  also  is  very  sensitive  to  viscous  modeling  effects.  Most 
methods  did  well  in  the  initial  portion  of  the  recompression 
region  (X/L  =  0.94  to  0.98),  but  difficulties  were  encoxmtered 
in  the  final  portion  of  the  recompression  region  (X/L  >  0.98) 
where  the  viscous  effects  are  the  strongest.  Each  method 
over-predicted  the  pressure  at  the  trailing  edge.  This 
suggests  that  either  (1)  the  viscous  interaction  is  modeled  too 
weakly,  or  (2)  the  local  effect  of  plxxme  entrainment  is  xmder- 
predicted.  Other  possibilities,  related  to  the  details  of  the 
geometry  and  grid  used  in  the  analyses,  are  reviewed  in 
Section  3.5. 1.3. 

Contribution  N09  explored  the  impact  of  three  different 
txubulence  models,  and  the  impact  of  the  nominal  vs  actual 
test  geometry  (see  Figures  3.5-4  and  3.5-5).  Except  for 
necessary  differences  due  to  the  modeling  of  the  blxmt  nozzle 
trailing  edge,  the  grids  in  these  comparisons  were  identical. 

The  three  turbulence  models  xxsed  were  the  algebraic 
Baldwin-Lomax  model  (axmotated  as  "B-L"),  the  one- 
equation  (i.e.,  one  partial  differential  equation  or  PDE)  model 
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Figure  3.5-6. 


Euler  Solution 
(Contribution  EOS) 


.6 


Navier-Stokes  Solution 
(Contribution  NOS) 


Mach  Number  Contours,  Case  B.1.1 


04  0.7  08  0.0  1.0 


Contribution  N04 


Contribution  EOS 


Contribution  NOS 


Contribution  NIO 


B-L 

B-B  (no  base) 
B-B  (with  baK 
Chien 


■  ^hien 

=  =^-B  (no  base) 
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Contribution  N09 
(Several  Turbulence  Models) 


Contribution  N 16 


Figure  3.5-7.  Comparison  of  Surface  Pressures  (Cp  vs.  X/L),  Case  B.1.1 
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of  Baldwin-Bartli  ("B-B"),  and  the  two-equation  k-e  model 
of  Chien  ("Chien").  In  addition,  the  Baldwin-Barth 
turbrulence  model  was  used  in  an  assessment  of  the  impact  of 
the  nominal  vs.  actual  nozzle  base  geometry. 

Significant  differences  were  seen  in  the  comparisons  between 
the  three  turbulence  models.  Further,  there  was  not  a  clear 
"winner"  between  the  models  tested.  In  the  shoulder 
expansion  region,  the  boundary  layer  is  responding  to  first  a 
favorable  pressure  gradient,  then  the  onset  of  the  adverse 
gradient.  The  Baldwin-Barth  model  gave  the  best  results 
here,  coming  very  close  to  the  measmed  pressures.  The 
other  two  models  hinted  at  the  shape  of  the  pressure 
distribution  here,  but  captured  it  with  clearly  less  accuracy. 
Significantly,  the  other  models  all  predicted  pressure  t(X) 
high,  i.e.,  a  premature  onset  of  the  recorr^ression.  This 
outcome  may  result  from  a  prediction  of  too-rapid  boundary 
layer  thickening  in  the  adverse  pressure  gradient. 

In  the  final  recompression  region,  the  boundary  layer  is 
thickening  substantially.  Generally  speaking,  the  boundary 
layer  is  most  likely  to  separate  at  this  location,  though  it 
does  not  appear  that  separation  was  actually  present  in  Case 
B.1.1.  Here,  the  more  sophisticated  k-e  model  of  Chien 
seenrs  to  have  produced  the  best  results,  with  the  results  of 
both  Baldwin-Barth  and  Baldwin-Lomax  imderpredicting  the 
strength  of  the  viscous  interaction.  However,  it  is  noted  that 
the  Chien  model  of  Contribution  N09  was  less  accurate  then 
the  other  models  in  the  expansion  region  (predicted  pressure 
higher  than  the  experimental  data). 

Drag  Predictjons  -  Three  of  the  contributors  provided 
complete  drag  predictions  for  this  case.  Two  of  the  results 
were  for  Navier-Stokes  CFD  computations,  and  the  third  was 
for  the  semi-empirical  method  described  previously. 

The  axial  buildup  of  drag,  from  the  beginning  of  the  after¬ 
body  to  the  nozzle  exit,  is  presented  in  Figure  3.5-8.  This 
figure  presents  pressure  drag,  integrated  from  the  model 
centerbody  to  a  variable  axial  position. 

JXIL^J 

where,  Idrag  ^  ^  vector  in  the  drag  direction,  and  A  is 
a  vector  differential  unit  of  area.  As  is  seen  in  this  equation, 
the  drag  in  the  B.l  series  of  test  cases  is  normalized  by 
Aj^jaxs  the  maximum  cross-section  area  of  the  body. 

The  value  of  this  integral  at  the  nozzle  exit  {X/L=1.00)  is  the 
net  pressiue  drag  of  the  aftbody-nozzle  combination.  This 
type  of  plot  (Figure  3.5-8)  is  very  useful  in  identifying  the 
regions  of  the  model  where  drag  errors  are  encountered. 


has  generally  done  quite  weU.  A  slight  error  builds  up 
steadily  over  the  final  recompression  region  (as  was 
suggested  in  the  surface  pressure  comparisons).  The  Euler 
method.  Contribution  EOS,  predicts  excess  drag  (low 
pressure)  the  shoulder  and  then  steadily  tmder-predicts  drag 
due  to  excess  pressures  in  the  recoir^ression  region.  The 
Navier-Stokes  version  of  this  method  (Contribution  NOS), 
however,  underpredicts  the  drag  in  the  shoulder  expansion 
region,  then  sustains  this  error  in  the  recompression  region. 
Thus,  it  seems  that  the  chief  issue  for  the  prediction  of 
Contribution  NOS  lies  in  the  expansion  shoulder  region.  The 
same  can  be  said  for  Contribution  NIO.  The  drag  buildup 
integral  is  accurate  up  to  about  X/L=0.92,  then  a  significant 
error  builds  up  rapidly  from  X/L  =  0.92  to  about  0.96  (i.e., 
the  expansion  shoidder  region).  This  error  seems  to  remain 
nearly  constant  over  the  final  recompression  region. 

The  net  values  of  predicted  drag  are  presented  in  Figure  3.5- 
9.  Data  for  both  pressure  drag  and  total  drag  are  presented. 
Both  CFD  contributors  achieved  good  results  for  the  aftbody 
pressure  drag  Cpp^.  Nozzle  pressine  draggplp  ,  was 
measured  as  a  negative  value  (i.e.,  thnist  in  this  accounting 
system)  and  both  contributors  predicted  a  more  negative 
value  (i.e.,  predicted  more  thrust  than  was  measured).  This 
is  consistent  with  the  tendency  of  the  codes  to  overpredict 
pressure  in  both  the  expansion  shoulder  and  in  the  final  re¬ 
compression  region.  Both  contributors  did  reasonably  well 
(particidarly  well,  in  one  case)  on  the  total  drag  comparison 
(Cdtt)  with  data  measured  by  a  force  balance. 

The  semi-empirical  methods  produced  extremely  good  results 
for  the  pressxue  component  of  drag,  and  good  results  for  the 
total  drag.  The  drag  results  are  summarized  below. 


Pressure  Drag 


Drag  Predictions: 


Contrib. 

CnPN 

CflPA 

CpipT 

Exp. 

-0.0015 

0.0291 

0.0276 

±0.0100 

SOI 

0.0277 

N04 

-0.0145 

0.0297 

0.0152 

EOS 

0.0054 

NOS 

0.0129 

NIO 

-0.0209 

0.0260 

0.0051 

The  comparison  between  test  data  (integrated  experimental 
pressure  data)  and  predictions  indicate  that  Contribution  N04 


Contribution  N04 


Contribution  EOS 


Contribution  NOS 
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Figure  3.5-8.  Comparison  of  Pressure  Drag  Buildup,  Case  B.1.1 
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Prediction  Errors  (Cj,p-p); 


Contrib. 

AC^pt 

%  Error 

Exp 

Uncertaiuty 

±36.2% 

SOI 

+0.0001 

+0.0% 

N04 

-0.0124 

-44.9% 

EOS 

-0.0222 

NOS 

-0.0147 

NIO 

-0.0225 

-81.5% 

Total  Drag 


Drag  Predictions: 


Contrib. 

Cdtn 

Cdta 

c 

v^DTT 

Exp. 

0.0500 

±0.0050 

SOI 

0.0586 

N04 

-0.01094 

0.05966 

0.04872 

NOS 

0.0332 

NIO 

-0.0162 

0.0551 

0.0389 

Prediction  Errors  (Cp-j-j-l: 


Contrib. 

ACpjTT 

%  Error 

Exp 

Uncertainty 

±0.0050 

Uncta-tainty 

±10.0% 

SOI 

+0.0086 

+  17.2% 

N04 

-0.0013 

-2.6% 

NOS 

-0.0164 

NIO 

-0.0111 

-22.2% 

In  these  drag  predictions,  the  semi-empirical  method  of 
Contribution  SOI  did  quite  well.  The  CFD  methods  also  did 
a  reasonable  job  with  total  drag.  However,  it  is  important  to 
note  that  the  CFD  methixls  provided  poor  estimates  of 
pressure  drag,  and  did  better  on  total  drag.  The  under¬ 
prediction  of  pressure  drag  is  consistent  with  the  tendency  to 
over-predict  pressures  at  the  nozzle  trailing  edge,  and  in 
some  cases  at  the  nozzle  shotilder. 


Because  the  CFD  predictions  of  total  drag  were  more 
accurate  than  the  predictions  of  pressure  drag,  it  appears  tliat 
there  were  offsetting  errors  in  tlie  estimate  of  viscous 
(friction)  contributions  to  the  total  drag.  The  friction  forces 
probably  were  over-predicted,  and  this  served  to  offset  an 
under-prediction  of  pressure  forces. 

Discnssion  -  Several  factors  could  have  influenced  this 
situation.  Any  attempt  to  assess  the  key  causes  must  be 
considered  as  speculation.  Many  Navier-Stokes  CFD 
methods  initialize  solutions  with  zero  boundary  layer 
thickness  and  a  no-slip  wall  condition.  As  the  solution 
proceeds,  the  boundary  layer  begins  to  set  up  -  first  locally, 
in  response  to  the  waU  no-slip  condition,  then  in  a  more 
global  manner  as  the  velocity  deficits  from  upstream  regions 
are  convected  downstream. 

This  means  that  the  tisual  pattern  of  skin  friction  predictions 
is  to  begin  with  a  huge  over-prediction  of  friction  (the 
boimdary  layer  is  far  too  thin);  the  friction  drops  slowly  as 
the  solution  evolves  and  the  boundary  layer  grows.  Thus, 
one  speculative  possibility  is  that  the  Navier-Stokes  solutions 
may  continue  to  evolve  (if  further  iterations  are  performed), 
with  a  further  reduction  in  friction  drag  and  an  increase  in 
pressure  drag 

3. 5. 1,2  Case  B.1.2 

Case  B.1.2  is  identical  to  the  previous  case  except  the  NPR 
is  increased  from  2.0  to  5.0.  The  off-body  features  of  the 
flow  are  similar  to  those  for  Case  B.1.1. 

Contour  plots  of  Mach  Number  are  presented  in  Figure  3.5- 
10.  For  the  external  flow  ahead  of  the  nozzle,  exit,  the  Mach 
number  distributions  are  quite  similar  to  those  in  the  previous 
case  (see  Figure  3.5-6).  At  tliis  higher  NPR,  tlie  internal 
flow  has  a  sufficiently  high  pressine  that  it  expands  to 
supersonic  speeds  in  both  the  Euler  and  Navier-Stokes 
predictions. 

The  free  shear  layer  between  the  jet  and  the  external  flow  is 
undulating  in  response  to  a  shock/expansion  wave  system  in 
the  jet.  The  free,  shear  layer  is  unexpectedly  quite  similar  in 
both  the  Euler  and  Navier-Stokes  solutions.  This  could 
indicate  tliat  the  Euler  solution  is  subject  to  liigh  numerical 
dissipation. 

Surface  Pressure  Comparison  The  submitted  comparisons 
of  surface  pressure  predictions  with  experimental  data  for  this 
case  are  presented  in  Figure  3.5-11.  One  contributor 
provided  both  Euler  and  Navier-Stokes  solutions  for  this 
case.  The  Euler  computation  showed  the  expected  behavior, 
producing  too  low  a  presstne  at  the  nozzle  shoulder,  and  re¬ 
compressing  too  high  at  the  nozzle  trailing  edge.  The 
Navier-Stokes  analyses  were  clearly  an  improvement,  though 
prediction  problems  persisted  particularly  at  the  difficult 


Figure  3.5-1 1.  Comparison  of  Surface  Pressures  (Cp  vs.  X/L),  Case  B.1.2  ((|)=108° ) 
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final  recompression  region  where  the  viscous  interactions  are 
most  important.  Generally,  the  computed  pressure 
distributions  on  the  model  are  nearly  identical  to  those  from 
the  previous  cnse.  The  effect  of  the  different  NPR  can  only 
be  seen,  slightly,  in  the  immediate  vicinity  of  the  nozzle  exit 
-  say,  X/L  >  0.98.  In  this  region,  aU  of  the  predictions  show 
a  slight  increase  in  surface  pressure  (as  would  be  expected) 
compared  with  the  corresponding  results  from  the  previous 
case  (see  Figure  3.5-7). 

Drag  Comparison  -  The  axial  buildup  of  integrated  drag  is 
presented  in  Figure  3.5-12.  These  results  are  generally  quite 
similar  to  those  of  Case  B.l.I  (see  Figure  3.5-8).  Very  close 
to  the  nozzle  exit,  the  present  results  show  slightly  lower 
drag  than  was  seen  by  the  same  Contributions  for  Case  B.1.1. 

Comparisons  of  the  net  pressure  and  total  drag  are  presented 
in  Figure  3.5-13.  These  comparisons  present  data  from  the 
semi- empirical  method  (Contribution  SOI)  and  one  Navier- 
Stokes  CFD  methods  (Contribution  NIO). 

The  outcome  here  is  similar  to  that  for  Case  B.1.1.  The  CFD 
analysis  (Contribution  NIO)  underpredicted  the  nozzle 
pressure  drag,  Cpp^j.  As  before,  this  means  the  prediction 
was  for  too  much  nozzle  aerodynamic  thrust  in  the  context 
of  this  accomiting  system.  The  aftbody  pressure  drag,  Cppy^, 
shows  better  accuracy.  The  total  pressure  drag,  Cp,pp,  is  too 
low  -  producing  a  net  thrust  rather  than  drag.  The  semi- 
empirical  method,  however,  has  done  quite  well  in  predicting 
both  the  pressure  drag  and  the  total  drag. 

For  total  drag.  Contribution  NIO  was  somewhat  more 
accurate.  Since  the  method  significantly  underpredicted  the 
pressure  drag,  one  concludes  that  the  friction  drag  is  over¬ 
estimated.  This  over-prediction  of  friction  drag  coidd  arise 
from  many  causes  -  such  as,  weaknesses  in  the  turbulence 
model,  or  inadequate  convergence  of  the  solution. 

The  semi-empirical  method  did  very  well  for  both  the 
pressure  drag,  and  the  total  drag,  in  this  case.  As  was 
observed  for  the  previous  case  (B.1.1),  the  accuracy  was 
better  for  pressure  drag  than  for  total  drag.  These  drag 
comparisons  are  summarized  below. 


Pressiue  Drag 


Drag  Predictions; 


Contrib. 

Cdpn 

^DPA 

Cdpt 

Exp. 

-0.0096 

0.0296 

0.0191 

±0.0100 

SOI 

0.0218 

EOS 

-0.0171 

NOS 

-0.0065 

NIO 

-0.0330 

0.0253 

-0.0077 

Prediction  Errors  (Cpp^): 


Contrib. 

ACnpT 

%  Error 

Exp 

Uncertainty 

±0.0050 

Uncertainty 

±52.4% 

SOI 

+0.0027 

+14.1% 

EOS 

-0.0362 

NOS 

-0.0256 

NIO 

-0.0268 

-140.3% 

Total  Drag 


Drag  Predictions: 


Contrib. 

CnTN 

CnTA 

CoTT 

Exp. 

0.0423 

±0.0050 

SOI 

0.0527 

NOS 

0.0302 

NIO 

-0.0280 

0.0543 

0.0259 
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Figure  3.5-12.  Comparison  of  Pressure  Drag  Buildup,  Case  B.1.2 
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Figure  3.5-13.  Comparison  of  Drag  Predictions,  Case  B.1.2 
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Predictioa  Errors 


Contrib. 

ACpTT 

%  Error 

Exp 

Uncertainty 

±0.0050 

Unceilainty 

±11.8% 

SOI 

-r0,0104 

-r24.6% 

N08 

-0.0121 

NIO 

-0.0164 

-38.8% 

Discnssion  -  This  case  proved  more  difficult,  in.  terms  of 
drag  prediction  accuracy.  Each  contribution  (SOI  and  NIO) 
produced  over-predictions  of  the  friction  drag  (i.e.,  total  drag 
minus  pressure  drag).  The  semi-empirical  method  did  rather 
well  on  pressure  drag  (not  as  well  as  it  did  on  the  previous 
case),  while  the  CFD  method  gave  quite  poor  results  for 
pressure  drag. 

3. 5. 1. 3  Sensitivity  to  Trailing  Edge  Modeling  Technique 

Toward  the  end  of  the  activities  coordinated  by  this  Working 
Group,  staff  at  the  NASA  Langley  Research  Center 
conducted  an  investigation  of  the  various  modeling 
techniques  for  the  trailing  edge.  The  B.l.I  test  case  was 
used  for  this  study.  In  addition  to  the  “standard”  solution 
which  was  presented  in  Section  3. 5. 1.1,  four  additional 
solutions  were  executed.  These  additional  solutions  are 
presented  here. 

The  test  geometry  has  a  small  blunt  base  at  the  trailing  edge 
of  the  norale.  The  rearward-facing  base  area,  in  turn, 
consists  mainly  an  annular  gap  (a  metric  break)  provided  to 
isolate  the  non-metric  internal  nozzle  duct  from  the  metric 
aerodynamic  shell  of  the  forebody,  aft  body,  and  nozzle.  This 
geometry  is  illustrated  in  Figure  3.5-14. 


Figure  3.5-14  -  Detail  at  Nozzle  Trailing  Edge 


This  trailing  edge  region  poses  two  difficulties  for  fast  CFD 
analysis.  First,  the  blimt  base  area  requires  sfiecialized 
modeling  in  constructing  the  grid.  Second,  the  metric  gap 
between  the  external  and  internal  shells  of  the  nozzle  is  very 
difficult  to  model  accurately.  Further,  the  argument  is  made 
that  the  flow  is  separated  behind  the  bhmt  base,  and  ttierefore 
local  details  of  the  base  geometry  are  inconsequential.  One 
approximation  is  to  ignore  the  metric  gap,  and  to  model  the 
blimt  base  as  being  filled  (solid  wall). 

A  second  approximation  is  to  eliminate  the  blunt  base  in  the 
CFD  model,  in  the  supposition  that  it  is  “small”  compared  to 
the  thickness  of  the  external  boundary  layer,  and  therefore 
the  bhmt  base  has  negligible  impact  on  the  overall  flowfield. 
In  this  latter  approach,  a  modified  geometry  is  created. 
Usually,  the  external  nozzle  aer<5dynamic  surface  is  held 
fixed,  and  a  revised  internal  aerodynamic  surface  is  defined. 
The  common  approach  is  to  maintain  the  internal  nozzle  wall 
flow  angles,  but  increase  the  internal  flow  diameter  slightly 
to  eliminate  the  blunt  base.  It  also  is  important  to  maintain 
the  proper  area  ratio  between  the  throat  and  the  exit; 
therefore,  the  throat  is  slightly  repositioned  upstream. 

The  impact  of  these  various  modelmg  techniques  was 
investigated  by  NASA  Langley  Research  Center 
(Contribution  NIO).  Tlie  “standard”  solution  was  presented 
in  Section  3. 5.1.1,  using  the  sharpened  traUing  edge 
approximation  and  a  standard  grid  density.  Their  “standard” 
solution  is  generally  comparable  to  the  other  contributions 
presented  in  Section  3. 5. 1.1. 
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As  a  first  step  in  the  CFD  investigation,  additional  axial  grid 
density  was  provided  near  the  trailing  edge  of  the  nozzle. 
The  underlying  geometry  came  to  a  sharp  trailing  edge,  using 
the  same  geometry  definition  as  in  the  “standard”  solution  by 
these  contributors  (NIO)  and  most  of  the  other  contributors. 
This  technique  produced  a  prediction  of  a  well-behaved 
flowfield,  as  is  seen  in  Figure  3.5-15.  (In  this  and  the 
subsequent  figures,  the  multiple  blocks  of  the  grid  have  been 
slightly  displaced  for  clarity.  In  fact,  the  blocks  abutted  each 
other  without  any  gaps). 

Next,  the  actual  blunt  base  height  of  the  nozzle  trailing  edge 
was  modeled.  However,  the  base  area  was  modeled  as  a 
solid  boundary,  through  which  no  flow  could  pass.  This  is 
the  maximum  degree  of  modeling  fidelity  used  by  any  of  the 
contributors  in  the  solutions  presented  in  Section  3.5. 1.1. 
This  level  of  modeling  provided  prediction  of  a  clear 
recirculation  region  behind  the  base,  as  might  be  expected 
(see  Figure  3.5-16).  The  downward  curve  of  the  external- 
flow  streamlines  as  they  pass  over  the  nozzle  trailing  edge  is 
clearly  visible  (compare  with  Figure  3.5-15).  The  curvature 
seen  here  is  associated  with  a  reduced  pressure  on  the 
external  surface  very  near  the  nozzle  exit.  This  analysis 
level  wUl  be  identified,  below,  as  the  “Blunt  Base  Model.” 

For  the  next  level  of  enhanced  modeling,  the  entire  base  area 
was  opened  to  the  flow.  An  open  cavity  was  modeled  in  the 
annular  gap  of  the  metric  break.  The  inner  and  outer  walls 
of  the  annular  gap  were  assumed  to  have  zero  thickness,  and 
a  computational  grid  was  provided  extending  several  gap 
heights  forward  into  the  model.  This  approach  featured  an 
established  vortex  standing  inside  the  cavity,  and  it 
eliminated  the  recirculating  vortex  which  had  stood  behind 
the  blunt  base  in  the  previous  example  (the  blunt  base 
model).  This  result,  called  the  “Cavity  Model,”  is  presented 
in  Figure  3.5-17. 

Next,  the  true  thickness  of  the  inner  and  outer  walls  was 
modeled,  providing  an  accurate  representation  of  the  cavity 
and  base  region.  This  approach  pnjduced  generally  the  same 
results  as  the  previous  case  behind  the  base,  but  it  presented 
a  different  forced  vortex  pattern  inside  the  cavity.  These 
results,  which  are  called  the  “Cavity/Base  Model  (Grid  1),” 
are  seen  in  Figure  3,5-18. 

Finally,  a  variant  of  the  previous  case  was  analyzed,  with 
additional  grid  provided  in  the  axial  direction  near  the 
trailing  edge  of  the  model  (this  is  called  “Cavity/Base  Model, 
Grid  3").  Tliese  results  are  presented  in  Figure  3.5-19. 

Among  the  approaches  which  included  the  cavity,  an 
important  issue  was  to  include  the  real  thickness  of  the  walls. 
The  shape  of  the  dividing  streamline  off  the  upper  (external) 
edge  of  the  base,  for  the  three  cavity  cases,  is  presented  in 
Figure  3.5-20.  The  two  cases  which  included  modeling  of 
the  wall  (base)  thickness  produced  similar  results,  while  the 


cavity  case  (zero  thickness  walls)  produced  a  different 
dividing  streamline. 

Each  of  these  modeling  techniques  also  produced  a  different 
pressure  distribution  on  the  aftbody  and  nozzle.  The  pressme 
distributions  for  the  standard  case  (as  presented  previously  in 
Figure  3.5-7)  and  four  of  the  enhanced  cases,  are  presented 
in  Figure  3.5-21.  The  standard  case  is  denoted  by  a  series  of 
“x”  on  the  figure.  It  is  noted  that  the  first  enhancement, 
increasing  the  grid  density  near  the  sharp  trailing  edge, 
eliminated  about  half  the  error  in  predicted  pressure  at  the 
nozzle  exit.  The  next  enhancement,  modeling  the  blmit  base, 
produced  some  additional  improvement.  The  cavity  model 
(i.e.,  zero  thickness  base  and  walk)  produced  excellent 
agreement  with  the  experimental  data.  However,  the 
prediction  agreement  deteriorated  when  the  actual  thickness 
of  the  walls  and  the  base  was  modeled.  This  latter  outcome 
k  unexpected,  and  an  Interpretation  of  thk  result  has  not  yet 
been  estabUshed. 


S.5.1.4  Discussion  of  Results 

These  CFD  solutions  experienced  consistent  difficulties  in 

accuracy,  in  two  regions: 

•  Nozzle  shoulder  region,  where  the  geometry  k  most 
highly  curved  in  the  longitudinal  direction,  and  the 
pressure  gradient  is  changing  from  a  mild  favorable 
gradient  to  a  stronger  adverse  gradient  (x/L  =  0.85  to 
0.95),  and, 

•  Nozzle  trailing  edge  region,  where  the  vkcous  effects 
and  the  interaction  with  the  plume  are  the  strongest  (x/L 
=  0.98  to  1.00). 


To  assess  the  relative  importance  of  each  region,  the 
associated  rearward-facing  areas  have  been  computed: 


Region 

Range 

Rearward-Facing 

(x/L) 

Area  as  Fraction 

of 

Shoulder 

0.85  to  0.95 

0.324 

Nozzle  Trailing 

0.98  to  1.00 

0.12S 

Edge 

These  data  show  that,  for  this  geometry,  more  rearward¬ 
facing  area  is  found  in  the  expansion  shoulder  region  than  in 
the  nozzle  recompression  region.  Thus,  accurate  prediction 
of  pressure  in  the  aftbody- nozzle  expansion  shoulder  region 
k  of  at  least  comparable  importance  as  accuracy  in  the 
nozzle  trailing  edge  region. 

Based  on  the  drag  buildup  data  (Figure  3.5-8  and  3.5-12),  it 
appears  the  drag  errors  mainly  were  produced  at  the  nozzle 


(a)  Grid  Detail  Near  Trailing  Edge 
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(a)  Afterbody-Nozzle  Surface  Pressures 
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(b)  Detailed  View  of  Pressures  Near  Trailing  Edge 


Figure  3.5-21,  Effect  of  Trailing  Edge  Modeling  on  Surface  Pressure,  Case  B.1.1 

(Contribution  N 10) 
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shoulder,  and  the  error  grew  somewhat  larger  in  the  final 
recompression  region.  Presumably,  this  situation  is 
controlled  mainly  by  grid  density,  turbulence  modeling,  and 
operational  practices  (convergence  criteria). 

Drag  Variation  Due  to  NPR  -  Drag  prediction  has  proven 
to  be  very  difficult.  This  has  long  been  recognized  as  a  de¬ 
ficiency  in  current  aero-propulsion  technology.  As  a  partial 
response,  engineering  staff  frequently  use  the  predictive- 
methods  to  assess  the  increment  in  drag  due  to  certain 
changes.  The  operative  assumption  is  that  the  methods  will 
predict  trends  and  differences  accurately,  even  though  the 
underlying  individual  data  are  not  highly  accurate.  From 
another  perspective,  this  approach  rests  on  an  assumption  that 
the  prediction  errors,  while  they  are  not  understood,  are 
nevertheless  consistent  and  generally  repeatable  among 
closely  related  solutions.  Therefore,  in  computing  a  drag 
difference,  the  repeatable/consistent  error  is  eliminated  and 
a  reliable  estimate  of  drag  variation  is  produced. 

The  data  of  Cases  B.1.1  and  B.1.2  were  examined  to  assess 
the  accuracy  of  the  predicted  drag  increments  due  to  the 
variation  in  NPR  from  2  (Case  B.1.1)  to  5  (Case  B.1.2). 
These  data  are  presented  below. 


Contrib. 

CpTT 

NPR=2 

(B.1.1) 

Cjjtt 

NPR=5 

(B.1.2) 

ACpTT 
(NPR  5-2) 

Exp. 

0.0500 

0.0423 

-0.0077 

SOI 

0.0586 

0.0527 

-0.0059 

NIO 

{“standard” 

solution) 

0.0389 

0.0259 

-0.0130 

Both  methods  predicted  the  general  trend  of  drag  reduction 
with  increased  NPR.  The  semi-empirical  method  (SOI)  did 
quite  well  on  this  rather  classical  trend,  while  the  CFD 
method  (NIO)  over-predicted  the  NPR  impact,  significantly. 

The  study  of  the  trailing  edge  modeling  techniques,  presented 
in  Section  3.5. 1.3,  clearly  showed  that  the  choice  of 
modeling  approach  can  affect  the  residts  at  the  levels  of 
precision  which  are  sought  today.  This  study  considered 
only  geometry  and  grid  issues;  the  same  turbulence  model 
was  employed  in  all  the  cases.  However,  it  is  yet  imclear 
whether  this  outcome  was  influenced  by  additional  variations 
such  as  changes  in  CFD  code  application  practices,  or 
perhaps  by  variations  in  grid  quality  factors  such  as 
stretching  or  orthogonality.  Nevertheless,  the  study  clearly 
shows  that  other  issues  in  addition  to  turbulence  modeling 
should  be  considered  in  seeking  high  acciuacy  for  these 
flowfields. 

A  solution  by  the  method  of  Contribution  NIO  was  provided 
to  the  Working  Group  for  the  jet-off  condition  (same  Mach 


number  and  Reynolds  number  as  test  cases  B.1.1  and  B.1.2). 
Since  this  condition  was  not  part  of  the  established  test  cases, 
no  other  group  analyzed  this  flow  condition.  The  predicted 
surface  pressures  for  this  jet-off  case  are  presented  in  Figure 
3.5-21. 


Figure  3.5-22  -  Comparison  of  Surface  Pressures  (Cp  vs 
X/L)  at  Jet-Off  Condition  for  the  Geometry  of 
Test  Case  B.l  (Contribution  NIO) 


The  jet-off  condition  was  executed  using  the  “standard  grid” 
of  Contribution  NIO,  as  employed  for  the  solutions  presented 
in  Sections  3.5.1 .1  and  3. 5. 1.2.  This  solution  did  not  use  the 
improved  trailing  edge  mcxleling  techniques  which  were 
discussed  in  Section  3. 5. 1.3.  Therefore,  wall  pressures  for 
the  jet-off  solution  are  properly  compared  with  other 
solutions  as  were  presented  in  Figures  3.5-7  and  3.5-1 1. 

Comparison  of  the  result  in  Figure  3.5-22  (jet  off)  with  the 
result  in  Figure  3.5-7  (NPR=^2)  shows  that  the  solution 
accxuacy  near  the  nozzle  trailing  edge  is  noticeably  better  in 
the  jet-off  case. 

The  results  for  drag  vs.  NPR  for  Contribution  NIO  are 
presented  in  Figure  3.5-23.  This  figure  includes  pressure 
drag  results  for  the  jet-off  condition  (these  data  are  plotted  as 
NPR=1).  This  figure  confirms  the  results  presented  earlier  in 
this  section,  for  the  drag  variations  between  NPR=2  and 
NPR=5.  However,  it  is  noted  that  the  prediction  of  pressure 
drag  is  noticeably  more  accurate  for  the  jet-off  condition, 
than  for  either  of  the  cases  with  the  flowing  jet.  In  reality, 
the  accuracy  of  the  predictions  was  worst  at  the  highest  NPR 
condition. 

This  outcome  suggests  that  the  presence  of  the  jet  leads  to 
degraded  accuracy  in  the  predictions  of  trailing  edge  pressure 
and  pressure  drag.  This  outcome  is  not  necessarily  obvious, 
since  the  jet-off  condition  is  likely  to  entaU  much  higher 
curvature  in  the  external  streamlines  at  the  nozzle  exit, 
combined  with  an  interaction  with  the  low-energy  flow 
behind  the  non-flowing  nozzle  exit.  Thus,  one  might  expect 
degraded  accuracy  in  the  jet-off  analysis. 


1 


2 


3 


^PR 

Pressure  Drag 


Figure  3.5-23.  Comparison  of  Drag  Variations  Due  to  NPR, 
Cases  B.1.1  and  B.1.2 
(Contribution  NIO) 
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From  this  outcome,  it  seems  possible  to  conclude  that  the 
presence  of  the  jet  introduces  a  significant  modeling 
inaccuracy.  Stated  in  another  way,  the  jet  effects  do  not 
seem  to  be  modeled  properly.  These  effects  center  on  the 
freestream/jet  mixing  and  entrainment  processes.  As  the 
influence  of  the  jet  is  enhanced  at  higher  NPR,  the  modeling 
accuracy  seems  to  become  worse.  Since  Contribution  NIO 
is  based  on  a  state-of-the-art  two-equation  turbulence  model, 
which  has  done  very  well  in  many  applications  (as  is  shown 
throughout  this  Section),  it  seems  this  set  of  comparisons 
allows  us  to  identify  a  fundamental  limitation  in  current 
turbulence  modeling. 


3.5.2  Case  B.2 

The  geometries  for  Cases  B.2.1,  B.2.2,  and  B.2.3  are 
identical;  the  cases  differ  only  in  the  NPR  value.  The 
geometry  consists  of  a  single  vertical  fin  and  a  pair  of 
horizontal  fins,  placed  on  a  simple  axisymmetric  body.  The 
axisymmetric  body  is  identical  to  that  of  the  B.l  cases. 
Thus,  the  body  length  L  which  is  used  to  normalize  the 
spatial  coordinate  also  is  the  same  as  in  the  B.l  test  cases. 
This  geometry  is  illustrated  in  Figure  3.5-24. 


Figure  3.5-25  -  Surface  Grid,  Cases  B.2.X 


Therefore,  the  chief  interaction  of  interest,  in  comparison 
with  the  previous  B.l  cases,  is  the  flowfield  impact  of  the 
horizontal  and  vertical  tails.  The  pressure  fields  from  these 
tails  will  interact  with  each  other,  and  with  the  turbident 
boundary  layer  on  the  axisymmetric  body,  in  a  complex 
manner. 

The  chief  viscous  interactions  are  those  on  the  main  body 
(where  the  boimdary  layer  is  thicker  than  on  the  tails),  in  the 
region  alongside  the  tails  where  the  boundary  layer  is  subject 
to  the  pressure  fields  caused  by  the  presence  of  the  tails.  A 
secondary  viscous  interaction  will  occiu  at  the  junction 
between  the  fuselage  and  the  leading  edge  of  a  tad  surface. 
Here,  a  classical  horseshoe  vortex  forms  in  the  fuselage 
boundary  layer,  immediately  forward  of  the  body-tail 
junction.  This  vortex  will  stream  aft  m  the  body-tail  comer 
on  either  side  of  the  tail,  swee:ping  flow  down  the  tail  and 
away  on  the  body. 

Three  cases  are  presented  in  the  B.2  series.  They  differ  only 
in  the  NPR.  For  each  case,  the  horizontal  tail  is  at  an  aft 
location  and  the  vertical  tail  is  (relatively  speaking)  forward. 
This  arrangement  is  illustrated  in  Figiue  3.5-25. 

The  B.2  series  can  be  viewed  as  being  a  classical  jet  effects 
test  case.  Experience  has  shown  that  the  effect  of  the  jet  on 
the  flowfield  is  quite  complex.  The  effect  of  the  jet  on 
induced  stability  and  control  parameters,  drag,  and  other  data 
of  engineering  interest  is  configuration  dependent.  Results 
from  one  configuration  shotdd  not  be  interpreted  as  being 
typical,  or  representative  of,  any  other  configuration. 

In  each  case,  the  freestream  Mach  number  is  0.900  and  the 
angle  of  attack  is  nominally  zero  (actually  0.02°).  A  cold 
exhaust  jet  (T,j=  530°R)  was  flowing  in  each  case.  The  only 
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variable  between  cases  is  the  Nozzle  Pressure  Ratio  (NPR  = 


Case 

NPR 

B.2.1 

2.027 

B.2.2 

2.997 

B.2.3 

5.033 

Circumferential  locations  on  the  body  are  identified  by  then- 
angular  coordinate,  cj).  The  vehicle  top  centerline,  which  is 
in  the  plane  of  the  vertical  tail,  is  <j)  =  0°.  The  horizontal 
tails  are  mounted  at  a  synmietrical  position,  <|)  =  90°.  For 
this  series  of  test  cases,  the  drag  coefficients  are  based  on  the 
maximum  cross  sectional  area  of  the  body  which  is 

the  approach  used  as  weU  in  the  B.  1  series. 

The  “landmarks”  of  this  geometry  are: 


Feature 

Location 

(X/L) 

Vertical  Tail,  leading  edge 
at  fuselage 

0.64 

Horizontal  Tail,  leading 
edge  at  fuselage 

0.78 

Vertical  Tail,  trailing  edge 

0.87 

Aftbody/Nozzle  .hmetion 

0.91 

Horizontal  Tail,  trailing 
edge 

0.96 

The  horizontal  and  vertical  tails  have  a  significant  impact  on 
the  surface  pressures  on  the  aftbody  and  nozzle.  Generating 
a  suitable  grid,  and  obtaining  an  accurate  solution,  can  be 
fairly  difficult  as  grid  generation  for  the  tail  surfaces  entails 
different  strategies  from  grid  generation  for  the  afterbody 
surfaces.  Most  of  the  CFD  contributors  focused  then- 
modeling  efforts  on  the  afterbody  and  plume.  As  a  result, 
several  contributors  have  commented  that  they  do  not  expect 
the  highest  accuracy  near  the  tails.  This  expectation  is  borne 
out  by  the  comparisons  of  surface  pressures  on  the  horizontal 
and  vertical  tails  (to  be  presented  below).  All  of  the  CFD 
contributions  over-predicted  the  presstires  on  the  tails  near 
the  mid-chord  (i.e.,  the  predicted  pressure  did  not  drop  as 
low  as  the  presstue  in  the  experimental  data).  Errors  in  CP 
of  up  to  -*^0.05  (i.e.,  too  high)  were  seen  in  many  of  the 
predictions  for  the  tail  surfaces,  near  the  mid-chord  location. 


3.5.2. 1  CaseB.2.1 

This  case  was  computed  by  fotu  of  the  CFD  contributors. 
One  contributor  (EOS)  performed  Euler  analysis,  and  the 
others  performed  Navier-Stokes  analysis.  In  addition,  drag 
computations  were  presented  based  on  the  semi-empirical 
method,  SOI. 

The  contours  of  Mach  number  in  the  vertical  symmetry  plane 
(i.e.,  the  plane  of  the  vertical  tail)  are  presented  in  Figure 
3.5-26.  These  data  were  produced  by  an  inviscid  analysis 
(Contribution  EOS)  and  therefore  they  do  not  show  the 
viscous  wake  from  the  vertical  tail.  These  contoius  show  a 
simple  subsonic  expansion  over  the  shoulder  of  the  model  (X 
from  about  64  to  68,  in  the  dimensional  units  of  this  figure). 
This  is  followed  by  a  subsonic  compression,  centered  in  the 
nozzle  lip.  A  comparison  of  the  results  for  Cases  B.1.1  and 
B.2.1  suggests  that  a  slightly  higher  compression  at  the 
nozzle  was  achieved  for  Case  B.1.1  (body  alone,  no  tails). 
The  nozzle  internal  flow  also  is  well  behaved,  with  a 
localized  compression  seen  in  the  comer  at  X=67,  and  an 
expansion  at  the  throat. 

It  should  be  noted  that,  due  to  the  modest  NPR  (about  2.0) 
and  the  elevated  external  pressure  near  the  nozzle  exit  in  this 
inviscid  prediction,  the  nozzle  internal  flow  remains 
subsonic.  This  was  the  case,  too,  in  the  corresponding 
inviscid  solution  for  Case  B.1.1  (see  Figure  3.5-6).  The 
comparable  Navier-Stokes  solution  for  Case  B.1.1  (same 
Figure)  achieved  a  much  reduced  external  flow  pressure  at 
the  nozzle  lip.  With  the  reduced  external  pressure,  the 
internal  nozzle  flow  became  choked  at  the  throat,  and 
accelerated  to  Mach  1.2  to  1.3  at  the  nozzle  exit. 
Presumably,  the  same  is  true  for  the  present  case.  We  may 
expect  that  the  inviscid  (Euler)  solutions  will  be 
characterized  by  subsonic  flow  throughout  the  internal  nozzle 
(due  to  higher  external  pressure),  while  the  Navier-Stokes 
solutions  will  reach  sonic  speeds  near  the  geometric  throat, 
and  accelerate  to  supersonic  speeds  in  the  final  diverging 
portion  of  the  internal  nozzle.  Both  classes  of  solution 
produce  similar  plume  flow  predictions,  starting  about  one  jet 
diameter  do-wnstream  of  the  nozzle  exit. 

Snrface  Pressure  Comparisons  -  The  impact  of  the  tails  on 
the  body  pressures  can  be  seen  by  comparing  the  surface 
pressure  distributions  (following  next)  with  the  data  for  Case 
B.1.1,  presented  in  Figure  3.5-7. 

The  first  comparison.  Figure  3.5-27,  presents  surface  pressure 
at  <j)  =  0°.  This  is  the  vertical  symmetry  plane  and  the 
mounting  position  for  the  vertical  tail,  thtts  the  data  have  a 
gap  at  the  location  of  the  tail.  The  pressure  field  predicted 
by  both  Contributions  N09  and  NIO,  forward  of  the  tail, 
shows  good  agreement  with  the  test  data,  with  the  surface 
pressure  rising  sharply  just  before  the  leading  edge  of  the 
tail. 
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Aft  of  the  tail,  these  pressiire  taps  are  in  the  viscous  wake 
from  the  taU.  Therefore,  the  boundary  layer  flow  along  this 
line  of  taps  is  modified  by  the  tail  wake  interaction.  The 
minimum  pressure  due  to  the  body  alone  occurs  around 
x/L=0.93  (see,  for  esiample.  Figure  3.5-7).  For  both  cases 
(taik-on  and  taik-off)  the  minimum  value  k  about  C^=-0.15 
(the  flow  becomes  sonic  at  Cp*=-0.188).  However,  the  body 
pressure  k  reduced  to  low  values  forward  of  X/L=0.93  by  the 
presence  of  the  horizontal  tails  mid-chord  expansion  (say, 
x/L=0.88  to  0.92).  The  shape  of  the  pressure  profile  near  the 
minimum  k  flattened  and  lengthened,  thus  adding  pressure 
drag  to  the  aftbody  and  nozzle.  Both  CFD  predictions  show 
this  interaction,  with  Contribution  N09  showing  slightly 
better  accuracy. 

Since  the  flow  in  thk  region  is  in  the  viscous  wake  of  the 
vertical  taU,  one  would  expect  a  slight  reduction  in  the 
pressures  achieved  on  the  external  surfaces  in  the  final 
recompression  approaching  the  nozde  exit.  Thk  k  seen  in 
the  experimental  data,  which  reach  a  slightly  below  0.2 
in  the  present  case  (taik-on)  and  slightly  above  0.2  in  Case 
B.1.1  (tails-off).  Both  CFD  predictions  over-predict  the 
pressure  significantly,  near  the  nozzle  exit.  However, 
Contribution  NIO  (using  a  k-e  turbulence  model)  indeed 
shows  a  reduction  in  pressure  at  the  nozzle  trailing  edge, 
compared  with  predictions  by  the  same  method  in  the 
equivalent  taik-off  case.  For  Contribution  N09,  using  a  one- 
equation  model,  a  slight  increase  in  pressure  k  noted  near  the 
nozzle  trailing  edge,  compared  with  Case  B.1.1. 

The  next  row  of  pressure  taps  is  at  <J)=18°,  which  k  near  the 
top  centerline  of  the  model  (see  Figure  3.5-28).  Thk  row  of 
taps  runs  cleanly  alongside  the  vertical  tail,  and  a  continuous 
comparison  can  be  made.  The  three  contributors'  predictions 
are  all  in  good  agreement  with  the  featiues  of  the  flow  at  this 
location. 

Approaching  the  leading  edge  of  the  vertical  tail  (with,  of 
course,  a  small  lateral  displacement),  the  pressure  rises.  The 
pressure  then  drops  to  a  local  minimum  in  running  past  the 
mid-chord  point  of  the  vertical  tail  (about  x/L  =  0.75),  and 
shows  some  recompression  as  nearing  the  trailing  edge  of  the 
vertical  tail  and  the  leading  edge  of  the  horizontal  tail  (X/L 
~  0.80  to  0.85). 

Downstream  of  thk  point,  these  pressure  taps  are  affected  by 
the  wake  of  the  taU,  but  they  are  not  directly  in  the  wake. 
The  pressure  drops  again  due  to  the  expansion  curvature  of 
the  nozzle  (see  body-alone  case.  Figure  3.5-7)  to  a  minimum 
of  roughly  the  same  value  as  the  body-alone  case,  B.1.1,  at 
about  X/L  =  0.93.  From  thk  point,  a  continuous 
recompression  occtus  to  the  nozzle  trailing  edge,  with  an 
increasing  viscous  interaction  setting  in  as  the  botuidary  layer 
continues  growing  rapidly. 

Each  method  captures  well  the  compression  approaching  the 
leading  edge  of  the  vertical  taU  (X/L  =  0.60  to  0.65).  All 


three  methods  provide  pressure  predictions  which  are  slightly 
high  in  the  favorable  pressure  gradient  region  along  the 
forward  portion  of  the  vertical  taU  root  (X/L  =  0.65  to  0.75). 
Quite  possibly,  this  is  due  to  the  overprediction  of  pressures 
near  the  mid-chord  of  each  tail  siuface  (thk  issue  will  be 
further  discussed,  below). 

In  the  mUd  adverse  recompression  region  (X/L  =  0.76  to 
0.86),  the  methods  are  more  accurate.  Surprkingly,  the  Euler 
data  from  Contribution  E08  appear  to  be  somewhat  more 
accurate  in  this  region.  In  the  shoulder  region,  the  Euler 
method  shows  a  low-pressure  excursion  which  k  not  present 
in  either  Navier- Stokes  solution.  However,  this  excursion 
ako  was  seen  in  the  B.1.1  solution  (no  taUs)  by  the  same 
method  (see  Figure  3.5-7).  Due  to  a  gap  in  the  experimental 
data  at  this  point,  the  validity  of  this  predicted  feature  cannot 
be  verified.  However,  it  does  not  seem  physically  pkusible. 

In  the  nozzle  compression  region  (X/L  >  0.9),  each  method 
provides  similar  good  accuracy  for  most  of  the  points,  up  to 
the  final  recompression  aft  of  the  vertical  taU  trailing  edge. 
The  Euler  method,  as  would  be  expected,  predicts  unrealistic 
high  recompression.  The  two  Navier- Stokes  methods  show 
reduced  recompression  (compared  with  the  Euler  prediction), 
though  the  trailing  edge  pressure  by  these  methods  ako  is 
higher  than  indicated  by  the  experimental  data. 

The  next  location,  (|)=45°  (Figure  3.5-29),  k  equidktant  from 
the  vertical  and  horizontal  tails.  Due  to  increased  lateral 
(circumferential)  distance  from  the  vertical  tail  leading  edge, 
only  a  slight  pressure  rise  is  seen  at  X/L  -  0.63.  The 
minimum  pressure  from  the  vertical  tail  mid-chord  k  at  about 
the  axial  location  of  the  horizontal  tail  leading  edge.  These 
two  perturbations  nearly  cancel  at  this  location,  producing 
only  a  modest  wiggle  in  the  pressure  distribution.  Sustained 
expansion  then  k  noted,  driven  by  first  the  thickness  of  the 
horizontal  tail  and  then  by  the  nozzle  surface  curvature.  The 
pressure  in  this  region  is  predicted  too  high,  which  may  be 
due  to  problems  with  over-prediction  on  the  tail  surfaces, 

Due  to  the  effect  of  the  slight  compression  of  the  horizontal 
tail  trailing  edge,  the  minimtun  pressure  point  k  slightly 
forward  of  its  body-alone  location  (Case  B.l.l).  However, 
the  value  of  minimum  pressure  is  roughly  the  same.  The 
recompression  to  the  nozzle  trailing  edge  k  quite  iruld  at 
first,  then  it  becomes  severe.  In  thk  region,  no  experimental 
data  are  available. 

The  two  Navier- Stokes  predictions  are  quite  similar  in  thk 
region  of  the  data  (which  excludes  the  final  recompression 
region).  The  predicted  pressures  are  higher  than  the 
measured  data  in  the  region  of  X/L  "  0.75,  where  the 
offsetting  interactions  from  the  two  tail  surfaces  are  present. 
The  flow  in  thk  region,  influenced  by  both  talk,  probably  k 
very  complex  -  placing  high  demands  on  the  turbulence 
models.  Contribution  N09  provides  slightly  better  agreement 
with  data  near  the  minimum  pressure  point  (say,  x/L  =  0.90). 


Contribution  EOS 


Contribution  NIO 


Figure  3.5-28.  Comparison  of  Surface  Pressures,  Case  B.2.1,  <|)=18 
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Contributiott  N09  predicts  higher  recompressioa  at  the  nozzle 
trailing  edge,  compared  with  Contribution  NIO.  No 
experimental  data  are  available  in  this  region,  but  based  on 
other  comparisons  it  seems  safe  to  say  that  the  experimental 
pressure  at  the  trailing  edge  is  lower  than  either  prediction 

The  next  comparison  (Figure  3.5-30)  is  for  (j)=72°.  This 
comparison  could  be  considered  the  coimterpart  of  Figtire 
3,5-28,  as  this  case  is  displaced  18°  from  the  centerline  of 
the  horizontal  taO.  The  flow  expands  gradually  up  to  about 
X/L=0.74  due  to  the  longitudinal  curvature  of  the  aftbody. 
These  pressures  are  very  similar  to  those  in  the  body-alone 
case,  B.1.1  (see  Figine  3,5-7).  A  sharp  rise  is  then  felt, 
caused  by  proximity  to  the  leading  edge  of  the  horizontal 
tad. 

The  pressiue  next  drops  rather  steeply  from  x/L  =  0.80  to 
0.87  under  the  combined  influences  of  the  flow  expansion 
over  the  aftbody  and  the  horizontal  tad.  The  minimum 
pressure  is  significantly  further  forward  than  in  the  body- 
alone  case  (X/L-O.SS  as  compared  with  0,94),  as  would  be 
expected,  and  the  minimum  value  of  presstne  is  almost  0.1 
lower  (in  terms  of  Cp)  than  the  minimrun  in  the  body-alone 
case.  Since  the  minimum  pressure  occurs  much  further 
forward  than  in  the  body-alone  case,  the  adverse  pressure 
gradient  to  the  nozzle  trading  edge  is  in  some  sense  less 
severe,  since  it  occurs  over  a  larger  distance.  An  inflection 
is  seen  in  the  pressure  distribution  near  x/L=0.92 
(contributions  EOS  and  NIO),  where  the  body-alone  minimum 
pressure  point  occms.  Each  prediction  is  in  good  agreement 
up  to  the  final  minimum  pressiue  point  The 

good  agreement  of  the  Euler  method  (Contribution  EOS) 
demonstrates  that  viscous  interactions  are  not  critical  in  this 
region.  Further,  ad  the  methods  exhibit  a  simdar  inaccxuacy 
close  to  the  minimiun  pressiue.  This  consistency  indicates 
that  viscous  effects  are  not  responsible  for  this  error,  and  it 
raises  the  pc.ssibdity  that  the  geometry  definition  is 
inaccurate. 

In  the  final  recompression  (X/L  >  0.96)  the  Euler  method,  as 
would  be  expected,  predicts  pressures  too  high.  The  two 
Navier-Stokes  methods  provide  simdar  residts  in  this  final 
recompression  region:  one  method  (Contribution  N04)  seems 
slightly  more  acciuate  near  the  minimiun  pressiue  point, 
whde  the  other  method  (Contribution  NIO)  seems  better  near 
the  nozzle  trailing  edge. 

The  circiunferential  location  of  the  horizontal  tail,  (|)=90°, 
was  plotted  by  ad  four  contributors  (Figiue  3.5-31).  The 
comparisons  at  this  location  are  interrupted  between  X/L  - 
0.78  and  0.92,  where  the  line  (j)=90°  lies  buried  inside  the 
tail-body  junction. 

Forward  of  the  horizontal  tad  leading  edge,  the  pressure 
initiady  is  dropping  due  to  the  gradual  curvature  of  the 
aftbody  surface  (this  is  seen,  too,  in  the  body-alone  data  of 
Figure  3.5-7).  Approaching  the  leading  edge  of  the 


horizontal  tad,  the  pressure  rises  sharply.  The  Euler  method 
does  not  capture  the  initial  portion  of  this  rise  as  wed  as  the 
Navier-Stokes  methods.  This  situation  suggests  that  the 
preciusor  of  the  pressure  rise  is  a  viscous  effect  which  passes 
forward  more  effectively  through  the  boundary  layer  rather 
than  the  inviscid  stream  (where  the  local  Mach  number  is 
somewhat  above  0.9).  Ad  of  the  methods  capture  the  final 
sharp  pressure  rise  accurately,  approaching  the  leading  edge 
(X/L  =  0.74  to  0.78). 

In  the  region  aft  of  the  trailing  edge  of  the  horizontal  tad 
(i.e.,  after  X/L  -  0.92),  there  is  a  steady  adverse  pressure 
gradient  up  to  the  no7.zle  exit.  The  pressure  rise  is  about  the 
same  as  in  the  body-alone  case,  but  it  occurs  over  a  slightly 
longer  axial  distance  and  is  therefore  sdghtly  less  severe. 
However,  at  this  circumferential  location  the  wake  from  the 
horizontal  tad  is  in  continuous  contact  with  the  fuselage 
boundary  layer. 

Three  of  the  comparisons  are  incomplete  in  the  initial  portion 
of  the  recompression  region,  though  the  data  presented  in 
previous  Figures  suggest  that  ad  the  methods  (both  Euler  and 
Navier-Stokes)  are  in  reasonable  agreement  with  test  data 
untd  X/L  >  0.96.  In  this  final  recompression  region,  die 
Elder  method  of  course  over-predicts  the  pressure.  One 
Navier-Stokes  method  (N09)  also  over-predicts  significantly, 
whde  the  other  two  methods  over- predict  by  a  more  modest 
amount.  However,  each  viscous  method  underestimates  the 
pressure  modification  of  this  final  viscous  interaction. 

The  final  comparison  on  the  body  surface  is  presented  for 
4)=135°(Figure  3.5-32).  The  pressure  distribution  shows  the 
expected  slow  drop  initiady  (X/L  -  0.6  to  0,75)  due  to  the 
longitudinal  curvature  of  the  aftbody.  A  slight  upward 
perturbation  is  seen  near  X/L  =  0.78  due  to  the  leading  edge 
of  the  horizontal  tail.  A  steady  drop  in  pressure  then  ensues 
under  the  influence  of  bodi  the  horizontal  tail  and  the  body 
longitudinal  curvature.  Throughout  this  region,  both 
prediction  methods  show  simdar  results. 

The  pressure  reaches  a  nunimum  at  about  the  same  location 
as  was  seen  at  previous  circumferential  lines  near  the 
horizontal  tail  (i.e.,  X/L  “  0.88)  and  about  the  same 
minimiun  value  of  pressure.  The  method  of  Contribution 
N04  captures  this  region  fairly  wed,  while  Contribution  N 10 
predicts  sdghtly  elevated  pressures  (compared  with  the 
experimental  data)  and  an  inflection  point.  This  inflection 
point  is  a  litde  forward  of  the  body-alone  minimum  pressure 
point  (Case  B.l.I,  see  Figure  3.5-7)  and  therefore  the  source 
of  this  inflection  is  uncertain. 

A  sustained  adverse  pressiue  gradient  is  present  from  the 
minimum  at  X/L=0.90  up  to  the  nozzle  exit.  Both  methods 
do  quite  wed  in  the  recompression  pressure  rise,  and  they  are 
fairly  close  (but  above)  the  final  surface  pressure  ahead  of 
the  nozzle  trading  edge.  Each  method  shows  lower 


recompression  (i.e.,  better  accuracy)  for  this  case  compared 
with  the  tails-off  case  (e.g.,  Figure  3.5-7). 
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Pressure  data  for  a  chordwise  row  of  taps  on  the  horizontal 
tail,  near  the  root  (y/b=0.1),  are  presented  in  Figure  3.5-33. 
None  of  the  prediction  methods  provide  accurate  data  in  this 
region.  The  reader  is  referred  to  Appendix  C  for  data  on  the 
computational  grids  used  in  this  region.  Two  contributors 
(N09  and  NIO)  indicated  their  modeling  techniques  may  have- 
been  relatively  crude  in  this  region,  in  their  ability  to  model 
flows  over  the  horizontal  tail.  Each  method  used  an  H-grid 
over  the  leading  edge  (except  for  Contribution  N04,  which 
used  an  unstnictured  grid).  The  grid  over  the  main  portion 
of  the  tail  was  coarse,  compared  with  accepted  practice  for 
modeling  a  wing  (tail)  to  high  accuracy.  The  problem  of 
grid  generation  for  the  horizontal  tail  may  have  been 
complicated  by  the  axial  (longitudinal)  location  of  this 
surface,  which  is  alongside  the  mid-chord  portion  of  the 
vertical  tail.  This  axial  overlap  of  the  two  aerodynamic 
surfaces  provides  a  complication  in  some  grid  generation 
methods,  thus  (potentially)  degrading  the  solution  accuracy. 

Similar  comparisons,  for  the  vertical  tail  surface,  are 
presented  in  Figure  3,5-34.  As  in  the  previous  comparison, 
the  chordwise  pressure  data  are  close  to  the  root  of  the  tail 
(z/b=0.1).  All  four  CFD  methods  again  overpredict  the 
pressures  on  the  tail,  though  perhaps  not  by  as  wide  a  margin 
as  was  seen  on  the  horizontal  tad.  This  slight  improvement 
in  accmacy  perhaps  can  be  explained  by  the  vertical  tail 
leading  edge  being  forward  of  the  neighboring  horizontal  tail, 
thus  simplifying  somewhat  the  grid  generation  process. 
Interestingly,  each  method  shows  improved  accmacy  in  the 
aft  portion  of  the  vertical  taU,  in  a  sustained  adverse  pressure 
gradient. 

Drag  Comparisons  -  A  comparison  of  the  measured 
pressures  (just  above)  has  shown  that  no  CFD  method  is 
consistently  more  accurate  than  the  other  methods. 
Tabulated  data  on  experimental  and  predicted  drag  for  this 
case  are  presented  immediately  below. 


Pressure  Drag 


Drag  Predictions: 


Contrib 

CDPN 

CDPA 

CDPHT 

CDPVT 

CDPT 

Exp. 

-0.0130 

0.0410 

SOI 

0.0494 

N04 

-0.0069 

0.04111 

0.01859 

0.01908 

0.07192 

NIO 

-0.0304 

0.0426 

0.0054 

0.0103 

0.0279 

Total  Drag 


Drag  Predictions; 


Contrib, 

CDTN 

CDTA 

CDTHT 

CDTVT 

CDTT 

Exp. 

0.1055 

±0.0050 

SOI 

0.1051 

N04 

-0.00.5601 

0.05438 

0.03781 

0.03421 

0.1208 

NIO 

-0.0269 

0.0698 

0.0362 

0.0371 

0.1163 

Prediction  Errors: 


Contrib. 

ACpT-T 

%  Error 

Exp 

Unc^ainly 

±4.7% 

SOI 

-0.0004 

-0.4% 

N04 

+0.0153 

+  14.5% 

NIO 

+0.0108 

+  10.2% 

These  drag  data  also  are  presented  graphically  in  Figure  3.5- 
35. 

Discussion  -  Each  CFD  method  over-predicted  the  drag  for 
this  case.  For  the  same  body,  same  NPR,  and  no  tails  (Case 
B.1.1),  the  same  CFD  methods  both  mder-predicted  drag. 
The  observed  errors  in  pressure  on  the  aftbody  and  nozzle  at 
the  external  nozzle  shoulder  and  the  trailing  edge  would  tend 
to  under-predict  drag.  These  errors  are  present  with  the  body 
alone  (Case  B.  1. 1)  and  the  body  with  tails  (Case  B.2.2). 

The  two  CFD  methods  agree  that  the  drag  contributions  are 
roughly  equal  from  the  aftbody-nozzle  combination,  the 
horizontal  taU,  and  the  vertical  tail.  Presumably,  the  effect 
of  CFD  prediction  errors  on  the  aftbody  and  nozzle  is  to 
under-predict  drag.  For  both  tail  surfaces,  the  experimental 
data  do  not  permit  an  assessment  of  CFD  accuracy  in  the 
critical  leading  edge  and  trailing  edge  regions.  Based  on  the 
available  data,  the  predictions  for  the  horizontal  tail  are  fairly 
good  on  the  forward  section  (x/c  =  0.1  to  0.3.5)  and  on  the 
aft  section  (x/c  =  0.7  to  0.9).  However,  the  predictions  are 
quite  poor  in  the  mid-chord  region  for  each  method.  For  the 
vertical  tail,  all  four  CFD  methods  over-predicted  pressure  on 
the  forward  part  of  the  tail  (x/c  =  0.1  to  0.5)  and  they  were 
more  accurate  on  the  aft  part.  This  situation  would  lead  to 
an  over-prediction  of  drag. 
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Figm-e  3.5-33.  Comparison  of  Surface  Pressures,  Horizontal  Tail  Upper  Surface  ,  Case  B.2.1 
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It  should  be  noted  that  only  one  row  of  pressure  taps  is 
available  to  support  this  assessment  of  drag  prediction  error 
sources.  Pressme  data  are  not  available  over  the  main 
portion  of  the  tail  surfaces.  However,  the  hmited  data 
available  to  us  strongly  suggests  that  these  errors  in  drag 
prediction  are  largely  derived  from  the  pressures  on  the  tads. 

3.5.2.2  CaseB.2.2 

Case  B.2.2  features  geometry  which  is  identical  to  that  of 
Case  B.2.1  (previous  case).  The  only  difference  is  that  the 
NPR  is  increased  from  2  to  3.  As  a  reminder,  the  body 
geometry  also  is  identical  to  that  of  Cases  B.l.x.  However, 
a  direct  comparison  with  data  from  Cases  B.l.x  will  not 
serve  to  identify  tail  effects  in  Case  B.2.2,  since  the  B.l 
series  does  not  include  an  NPR  similar  to  the  present  case. 
A  comparison  with  the  data  of  Case  B.2.1  (previous  case) 
will  highlight  the  effect  of  NPR  in  these  data. 

Contours  of  off-body  Mach  number  in  the  vertical  syiiunetry 
plane,  as  computed  using  an  Euler  method  (Contribution 
EOS),  are  presented  in  Figure  3.5-36.  These,  data  may  be. 
compared  with  similar  data  for  Case  B.2.1,  which  differ  from 
the  present  case  only  in  that  the  NPR  is  lower.  Very  little 
difference  is  seen  in  the  external  flow.  Slight  changes  are 
noted  in  the  external  flow  compression  at  the  nozzle  lip,  but 
it  is  difficult  to  say  whether  the  magnitude  of  the 
compression  is  different. 

The  internal  flow,  however,  is  changed  substantially  in  the 
inviscid  prediction.  With  the  increased  NPR  (now  3,  instead 
of  2  previously)  the  internal  nozzle  flow  is  supersonic  from 
the  throat  to  (and  beyond)  the  nozzle  exit.  In  the  previous 
case  (see  Figme  3.5-26)  the  predicted  internal  flow  was 
subsonic  (but  this  was  judged  to  be  due  to  excessive  external 
recompression  in  the  inviscid  solution,  rather  than  being  a 
physically  realistic  prediction. 

Surface  Pressure  Comparbons  -  Comparisons  of  surface 
pressture  data  with  CFD  predictions  for  41=18°  are  presented 
in  Figure.  3.5-37.  The  effects  of  the  NPR  variation  can  be 
gauged  by  comparing  this  Figure  (NPR=3)  with  Figme  3.5- 
28  (NPR=2).  The  two  methods  presented  in  the  present  ease 
were  both  applied  to  Case  B.2.1,  thus  a  direct  comparison 
can  be  made.  The  residts  for  the  present  case  are  virtually 
identical  to  those  of  B.2.1,  for  each  method.  It  appears  that 
an  effect  of  NPR  can  be  seen  (only  slightly)  at  the  trailing 
edge  in  Contribution  N04.  Otherwise,  these  data  serve 
mainly  to  show  that  the  CFD  results  are  repeatable  in  the  two 
cases. 

Similar  conclusions  can  be  drawn  for  4>=45°  in  Figure  3.5-38 
(compare,  with  Figure  3.5-29),  ^=12°  in  Figure  3.5-39 
(compare  with  Figme  3.5-30),  for  4>=90°  in  Figure  3.5-40 
(compare  with  Figure  3.5-31),  and  for  4)=135°  in  Figure  3.5- 
41  (compare  with  Figiue  3.5-32).  The  NPR  variation  from 


2  to  3  seems  to  have  almost  no  visible  impact,  in  terms  of 
the  surface  pressure  distributions. 

This  outcome  also  is  seen  in  the  results  of  empennage 
pressures.  The  horizontal  tail  pressures  (Figure  3.5-42)  and 
the  vertical  tail  pressures  (Figure  3.5-43)  are  virtually 
identical,  in  both  the  CFD  predictions  and  the  experimental 
data,  with  the  results  for  the  lower  NPR  (compare  with 
Figures  3.5-33  and  3.5-34). 

Drag  Comparisons  -  The  drag  predictions  for  the  semi- 
empirical  method  (Contribution  SOI)  and  one  of  the  Navier- 
Stokes  methods  (Contribution  N04)  are  presented  graphically 
in  Figure.  3.5-44.  The  drag  data  also  are  tabulated  below. 


Pressure  Drag 


Drag  Predictions: 


Contrib. 

CDPN 

CDPA 

CDPHT 

CDPVT 

CDPT 

Exp. 

-0.0121 

0.0410 

SOI 

0.0482 

N04 

-0.0088 

0.0410 

0.0181 

0.0191 

0.0719 

Total  Drag 


Drag  Predictions: 


Contrib. 

CDTN 

CDTA 

CDTHT 

CDTVT 

CDTT 

Exp. 

0.1060 

±0.0050 

SOI 

0.1039 

N04 

-0.0075 

0.05424 

0.03875 

0.03428 

0.1198 

Prediction  Errors  (Cp.j.j.): 


Contrib. 

%  Error 

Exp 

Uncertainty 

±4.7% 

1  SOI 

-0.0021 

-2.0% 

1  N04 

+0.0138 

+13.0% 

The  drag  data  present  the  same  conclusion  as  the  pressure 
data.  The  effect  of  NPR  (varying  from  2  to  3)  is  negligible. 
In  the  experimental  data,  this  variation  produces  a  net  drag 


Contribution  N04 


Contribution  EOS 


Figure  3.5-37.  Comparison  of  Surface  Pressures,  Case  B.2.2,  <|)=18 


Contribution  N04  Contribution  EOS 


Figure  3.5-39.  Comparison  of  Surface  Pressures,  Case  B.2.2,  <|)=72° 
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Figure  3.5-40.  Comparison  of  Surface  Pressures,  Case  B.2.2,  <|)=90 
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Contribution  EOS 


Figlire  3.5-43.  Comparison  of  Sxirface  Pressures  (Cp  vs.  Xt/C),  Case  B.2.2,  Vertical  Tail 
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Figure  3.5-44  Comparison  of  Drag  Predictions,  Case  B.2.2 
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increase  of  +0.0005  (say,  0.5%).  This  minor  variation 
certainly  falls  within  the  range  of  experimental  uncertainty. 
Method  N04  predicts  the  afterbody  pressure  drag  remarkably 
well,  but  is  less  accurate  for  the  nozzle  pressing  drag.  No 
data  are  available  to  assess  the  pressure  drag  accuracy  on  the 
tail  surfaces.  However,  the  errors  in  predicting  total  drag  are 
not  explained  in  terms  of  aftbody  and  nozzle  pressure  drag. 
As  in  the  previoixs  case,  the  drag  on  the  tails  probably 
exceeds  the  drag  on  the  aftbody  and  nozzle.  Presumably, 
therefore,  the  largest  portion  of  the  drag  prediction  error  is 
due  to  overpredicting  drag  on  the  tails,  and  due  to 
underpredicting  friction  forces  on  the  aftbody  and  nozzle. 

Discussion  -  Compared  with  Case  B.2.1,  the  present 
Contribution  SOI  shows  a  drag  change  of  -0.0012  (-1.1%), 
and  Contribution  N04  shows  a  change  of  -0.0010  (-1.0%). 
There  is  general  agreement  among  all  the  data  that  the  NPR 
variation  from  2  to  3  has  negligible  impact.  A  comparison 
of  these  two  cases  illustrates  mainly  the  level  of  repeatability 
in  the  data. 


S.5.2.3  CaseB.2.3 

This  case  also  features  the  same  geometry  as  Cases  B.2. 1  and 
B.2.2.  Again,  the  body  for  this  geometry  (i.e.,  excluding 
tails)  is  identical  to  the  axisymmetric  body  of  Case  B.1.2. 
The  only  difference  in  the  present  case  is  that  the  NPR  is 
increased  to  5,  from  the  previous  values  of  2  and  3  (Cases 
B.2.1  and  B.2.2,  respectively). 

The  contours  of  Mach  number  in  the  vertical  symmetry  plane 
((j)=0°)  are  presented  in  Figure  3.5-45.  These  predictions  by 
an  Euler  method  (Contribution  EOS)  naturally  do  not 
illustrate  the  boundary  layer  and  wake  flows.  The  external 
and  internal  flows  forward  of  the  nozzle  exit  are  virtually 
identical  with  the  previous  case  (see  Figure  3.5-36). 

Due  to  the  higher  NPR,  the  jet  velocities  downstream  of  the 
nozzle  exit  are  much  higher  than  in  the  previous  case.  Jet 
Mach  numbers  above  2.0  are  predicted,  compared  with 
maximum  values  of  about  1.3  in  the  previous  case.  Perhaps 
due  to  the  increased  magnitude  of  the  velocity  gradient 
between  the  jet  and  the  external  flow,  a  much  thicker 
“mixing  layer”  is  predicted  in  the  present  case.  This, 
however,  is  (apparently)  due  to  numerical  diffusion,  since  the 
prediction  of  an  Euler  method  should  produce  a  contact 
discontinuity  rather  than  a  continuous  gradient. 

Surface  Pressure  Comparisons  -  Surface  pressures  for  the 
vertical  symmetry  plane,  (t)=0°,  are  presented  in  Figure  3.5- 
46.  These  predictions  may  be  compared  with  similar  data, 
for  lower  NPR,  in  Figure  3.5-27.  A  gap  is  present  in  these 
data  where  this  line  falls  inside  the  vertical  tail. 


Forward  of  the  vertical  tail,  the  CFD  prediction  and  the 
experimental  data  show  clearly  the  pressure  rise  up  to  the 
leading  edge  of  the  tad. 

Aft  of  the  tail,  near  the  minimum  pressure  point,  the 
predicted  pressure  is  slightly  elevated,  compared  with  both 
the  experimental  data  (Figure  3.5-46)  and  with  the  same 
prediction  method  at  lower  NPR  (Figure  3.5-27),  The 
increase  in  surface  pressure  with  higher  NPR  is  perhaps  to  be 
expected,  though  it  is  not  seen  in  the  corresponding 
experimental  data.  This  combination  of  observations  could 
suggest  that  the  CFD  methods  captured  the  shape  effect  of 
the  NPR  variation  (this  would  cause  increased  afterbody 
pressure)  but  perhaps  they  failed  to  capture  the  increased 
entrainment  (which  wotild  cause  decreased  afterbody  surface 
pressure). 

In  the  recompression  region,  the  experimental  data  are 
virtually  unchanged  from  the  case  at  lower  NPR.  However, 
the  CFD  prediction  (Contribution  NIO)  is  considerably  more 
accurate.  At  this  NPR  (now  about  5  rather  than  the  previous 
2)  the  turbulence  model  is  (apparently)  much  more  acciuate. 
Of  course,  the  effect  of  increased  NPR  may  be  felt  in  either 
the  inviscid  shape  effect  or  in  viscous  entrainment.  Any 
impact  of  plume  shape  should  be  seen  in  the  experimental 
surface  pressures  -  but  it  is  not  there,  Therefore,  we  might 
conclude  that  the  improvement  in  accuracy  is  due  to  more 
accurate  turbulence  modeling  in  the  plume  entraimnent 
region.  Another  possibility  is  that  the  turbulence  model  may 
have  captured  the  wake  of  the  vertical  tail  more  accmately 
at  this  condition. 

The  next  pressure  comparison  is  for  c|)=18°  (Figure  3.5-47). 
These  data,  for  tails  on  at  NPR=5,  can  be  compared  with 
similar  data  for  the  same  geometry  at  lower  NPR  (Figmes 
3.5-28  and  3.5-37),  and  for  the  same  body,  without  tails,  at 
the  same  NPR  (Figure  3.5-11). 

The  comparison  in  the  present  case  is  very  similar  to  the  data 
for  the  same  geometry  at  the  two  lower  NPR  values.  The 
pressure  Is  over-predicted  alongside  the  tails,  as  was  seen  in 
the  previous  two  cases.  A  slight  elevation  in  the  trailing 
edge  pressure  can  be  seen  in  the  Navier-Stokes  data 
(Contribution  NIO)  compared  with  Case  B.2.1  (NPR=2).  The 
pressure  rise  in  the  CFD  prediction  appears  to  be  less  than 
the  rise  in  the  experimental  data  due  to  the  NPR  variation. 
In  other  words,  the  usual  CFD  over-prediction  of  pressure  at 
(he  trailing  edge  of  the  nozzle  appears  to  have  lessened 
(again)  at  the  higher  NPR.  The  overprediction  of  pressure  by 
the  Euler  method  remains  quite  large,  as  would  be  expected. 

Comparisons  of  surface  pressure  for  cj)=45°,  midway  between 
the  vertical  and  horizontal  tails,  are  presented  in  Figure  3.5- 
48.  In  the  region  where  experimental  data  are  present,  the 
comparison  is  essentially  identical  with  the  results  from  the 
two  previous  cases.  Again,  the  CFD  prediction  rises  to  a 
lower  final  pressure  at  the  nozzle  exit,  compared  with 


Contnbution  EOS 


Contribution  NIO 


Figure  3.5-48.  Comparison  of  Surface  Pressures  (Cp  vs.  X/L),  Case  B.2.3,  <j>=45 
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previous  cases  at  lower  NPR.  Based  on  other  comparisons, 
this  outcome  may  be  more  accurate  but  no  experimental  data 
are  available  for  confirmation. 

Similar  results  are  seen  at  (j>=72°  (Figure  3.5-49,  to  compare 
with  Figures  3.5-30  and  3.5-39).  A  variation  in  the 
predictions  due  to  the  change  in  NPR  from  2  to  5  is  only 
seen  in  the  nozzle  pressures  (say,  X/L  >  0.97).  The  Navier- 
Stokes  prediction  of  Contribution  NIO  is  somewhat  more 
accurate  (i.e.,  lower  pressure)  in  this  region  at  the  higher 
NPR,  compared  with  its  performance  at  NPR=2. 
Interestingly,  the  experimental  data  indicate  a  slight  increase 
in  pressure  at  the  nozzle  exit  due  to  increased  NPR.  These 
trends  are  sustained  at  the  other  two  locations  of  body 
pressure  comparisons,  4)=90‘’  and  <|)=135°  (Figures  3.5-50 
and  3.5-51). 

The  comparison  in  pressure  on  the  horizontal  tail  (Figure  3.5- 
52)  are  essentially  identical  to  those  results  achieved  in  the 
other  two  cases  of  this  series.  The  agreement  between 
predictions  and  test  data  on  this  tail  smface  is  not  good. 

Surface  pressure  on  the  vertical  tail,  just  above  the  juncture 
with  the  body  (y/b=0.I),  are  presented  in  Figure  3.5-53.  The 
comparison  with  experimental  pressure  data  shows  the 
(expected)  relatively  poor  agreement.  Comparison  with  the 
data  for  NPR=2  (Figme  3.5-34)  suggests  little  change  in  the 
Navier-Stokes  results  of  Contribution  NIO,  though  the  Euler 
results  of  Contribution  EOS  seem  to  have  experienced  a  slight 
increase  in  pressure  all  along  the  vertical  tail  chord,  in  the 
present  case  at  the  higher  NPR. 

Drag  Comparisons  -  Drag  data  are  presented  graphically  in 
Figiue  3.5-54,  for  a  semi-empirical  method  (Contribution 
SOI)  and  a  Navier-Stokes  CFD  method  (Contribution  NIO). 
These  data  also  are  tabulated  below. 


Pressme  Drag 


Drag  Predictions: 


Contrib. 

CDPN 

CDPA 

CDPHT 

CDPVT 

CDPT 

Exp. 

-0.0196 

0.0404 

SOI 

0.0435 

NIO 

-0.0300 

0.0409 

0.0059 

0.0113 

0.0281 

Total  Drag 

Drag  Predictions; 


Contrib. 

CDTN 

CDTA 

CDTHT 

CDTVT 

CDTT 

Exp. 

0.0960 

±0.0050 

SOI 

0.0992 

NIO 

-0.0265 

0.0684 

0.0343 

0.0414 

0.1226 

Prediction  Errors  (Cj3.]-j.); 


Contrib. 

^^nTT 

%  Error 

Exp 

Uncertainty 

±5.2% 

SOI 

+0.0032 

+3.3% 

NIO 

+0.0266 

+27.7% 

The  semi-empirical  method  again  produces  very  good 
agreement  with  the  experimental  data  (ACj,.j-j.=+0.0032,  or  an 
error  of  3.3%).  This  prediction,  in  fact,  falls  within  the 
experimental  uncertainty  of  ±5.2%.  The  Navier-Stokes 
method  of  Contribution  NIO  experienced  some  anomalies 
compared  with  that  method’s  solution  for  Base  B.2.1  (see 
previous  discussion  of  surface  pressure  comparisons).  The 
reasons  for  this  anomalous  behavior  are  unknown. 


3. 5. 2. 4  Discussion  of  Results 

A  consistent  pattern  was  noted  of  over-predicting  the 
pressures  on  the  horizontal  and  vertical  tads,  on  the  forward 
portion  of  the  tads  back  to  the  mid-chord  region.  This 
overly-high  presstire  also  is  noted  on  the  aftbody,  alongside 
the  tails.  In  the  case  where  the  tails  were  not  present  (Case 
B.1.1)  this  region  of  the  afterbody  was  predicted  much  more 
accurately.  While  we  cannot  say  why  the  predictions  were 
poor  in  this  region,  it  shotdd  be  noted  that  more  than  one 
contributor  stated  that  their  grid  generation  techniques  were 
not  wed-suited  to  providing  accuracy  over  the  tads  in  close 
proximity  to  the  afterbody  smface.  One  can  easdy  question 
the  turbulence  modeling  also,  in  the  comer  between  the  tails 
and  the  afterbody. 

A  common  use  of  CFD  analysis,  today,  is  to  predict  the 
increment  (or,  the  difference)  in  a  figure  such  as  drag,  due  to 
a  simple  variation  among  two  or  more  flowfields.  In  this 
section,  two  types  of  incremental  predictions  wdl  be 
reviewed  based  on  these  data:  The  ability  to  predict  the  drag 
increment  due  to  adding  tads,  and  the  drag  increment  due  to 
NPR  variations. 


Contribution  EOS 


Contribution  N 10 


Figure  3.5-49.  Comparison  of  Surface  Pressures  (Cp  vs  X/L),  Case  B.2.3,  d)=72 
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Figure  3.5-50.  Comparison  of  Surface  Pressures  (Cp  vs  X/L),  Case  B.2.3,  4>=90 
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A  note  of  caution  should  be  taken.  The  CFD  community 
generally  agrees  that  accurate  drag  increments  can  be 
obtained,  provided  that  careful  and  consistent  procedures  are 
used  in  obtaining  both  solutions  to  be  used  in  producing  the 
drag  increment.  The  solutions  which  were  contributed  to  this 
working  group,  for  the  present  report,  were  generated  on  a 
single-case  basis.  The  contributors  were  not  advised  of  a 
need  to  produce  acctuate  drag  increments,  and  therefore  they 
may  not  have  used  appropriate  consistent  procedures. 
Therefore,  it  is  possible  that  these  results  do  not  represent  the 
current  state  of  the  art  in  computing  drag  increments  for  tail 
effects  and  NPR  variations. 

Tail  Drag  Increments  -  A  comparison  of  data  among  Cases 
B.1.1,  B.1.2,  B.2. 1,  and  B.2.3  allows  an  assessment  of  the 
ability  to  predict  drag  increments  due  to  tail  installation. 
These  data  are  compared  at  two  values  of  NPR  (2  and  5). 
The  numerical  drag  data  are  presented  below: 


Total  Drag  (Cdtt).  NPR=2: 


Case 

Tad  Off 
(B.1.1) 

Tad  On 
(B.2.1) 

Increment 
(On  minus 
Off) 

Exp 

0.0500 

0.1055 

+0.0555 

SOI 

0.0586 

0.1051 

+0.0465 

N04 

0.0487 

0.1208 

+0.0721 

NIO 

0.0389 

0.1163 

+0.0774 

Total  Drag  (Cott).  NPR=5; 


1  Case 

Tad  Off 
(B.1.2) 

Tail  On 
(B.2.3) 

Increment 
(On  minus 
Off) 

Exp 

0.0423 

0.0960 

+0.0537 

SOI 

0.0527 

0.0992 

+0.0465 

NIO 

0.0259 

0.1226 

+0.0967 

The  semi-empirical  method  (SOI)  underpredicted  the  drag 
increment  due  to  the  tails,  at  both  values  of  NPR. 
Interestingly,  the  method’s  increment  due  to  tails  was  exactly 
the  same  at  both  NPR  values. 

The  Navier- Stokes  method  drag  increments  could  only  be 
computed  at  the  lower  NPR  value.  Bodi  methods  (N04  and 
NIO)  predicted  almost  the  same  drag  increment,  and  this 
value  was  about  60%  larger  than  the  experimental  drag 
increment. 


NPR  Drag  Increments  -  The  drag  increments  due  to  NPR 
are  tabulated  below.  Further,  the  data  for  one  Navier-Stokes 
prediction  (Contribution  NIO)  are  presented  graphically  in 
Figtu-e  3.5-55. 


Case 

NPR= 

2 

(B.2.1) 

NPR 

=3 

(B.2.2) 

NPR= 

5 

(B.2.3) 

ACdtt 

(NPR 

3-2) 

ACjj.j.j 

(NPR 

5-2) 

Exp 

.1055 

.1060 

.0960 

+.0005 

-.0095 

SOI 

.1051 

.1039 

.0992 

-.0012 

-.0059 

N04 

.1208 

.1198 

-.0010 

NIO 

.1163 

.1226 

+.0063 

The  experimental  data  show  that  the  difference  in  drag 
between  NPR  of  2  vs  3  is  negligible  -  about  0.5%.  The 
prediction  methods  generally  are  consistent  with  this,  though 
Contribution  NIO  shows  a  noticeably  larger  (positive)  drag 
increment. 

Over  the  larger  range  of  NPR  (from  2  to  5)  a  more 
significant  drag  increment  was  measured  experimentally. 
The  semi-empirical  method  SOI  also  predicted  a  significant 
increment,  though  not  of  comparable  magnitude  to  that 
which  was  measured.  The  CFD  method  also  showed  a  fairly 
large  impact,  but  with  the  incorrect  sign.  The  observations 
and  speculations  related  to  this  issue  were  discussed  in 
Section  3.5.2.3. 

Conclusions  -  From  the  B.2  series  of  test  cases,  we  can 
conclude  that: 

•  CFD  methods  can  be  used  to  predict  interference  effects 
of  tails  on  the  afterbody. 

•  Within  the  range  of  their  database,  semi-empirical 
methods  can  perform  very  well  at  drag  prediction 
including  empennage. 


3.5.3  Case  B.3 

The  three  test  cases  in  the  B.3  series  feature  a  geometiy 
similar  to  that  of  a  twin-engine  fighter.  The  geometry  has 
two  axisyrametric  exhaust  nozzles,  and  two  vertical  tails 
mounted  toward  the  outboard  side  of  each  nozzle.  The 
horizontal  tails  also  are  moimted  on  each  nozzle.  This 
geometry  was  illustrated  previously,  in  Figures  3.4-12  and 
3.4-13. 


Total  Drag 


Figure  3.5-55.  Comparison  of  Drag  Variations  Due  to  NPR, 
Cases  B.2.1  and  B.2.3 
(Contribution  NIO) 
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The  three  test  cases  differ  only  in  the  placement  of  the 
vertical  tails.  Therefore,  the  chief  interaction  of  interest  is 
the  drag  impact  of  the  vertical  tails,  at  various  placements. 
The  pressure  fields  from  the  vertical  and  horizontal  tails  will 
interact  with  each  other,  and  with  the  turbulent  boundary 
layer,  in  different  manners  depending  on  whether  the 
horizontal  and  vertical  tails  are  aligned  with  each  other  or 
staggered,  and  their  placement  with  regard  to  the  expansion 
and  compression  fields  on  the  fiiselage  and  body. 

The  flow  conditions  are  identical  for  all  three  cases: 

Freestream  Conditions: 

M^0.90 

a  =  Q° 

=  14.7  psia 

T,„  =  590°R 

=  5.61  X  10® 

Jet  Exhaust  Conditions: 

NPR  =  3.4 

T,j  =  SSO^R 

The  horizontal  tails  are  moimted  (fore-and-aft)  at  the  "mid" 
location  (see  Figures  3.4-12  and  3.4-13). 

Horizontal  Tail  Location: 

Leading  Edge  intersects  fuselage  at  X/L=0.7S2. 

Trailing  Edge  intersects  fuselage  at  approximately 
X/L=0.950. 

The  only  difference  between  the  cases  is  the  mounting 
location  of  the  vertical  tails,  as  shown  below. 


Case 

Vertical  Tail 
Location 

B.3.1 

Mid 

B.3.2 

Aft 

B.3.3 

Forward 

The  pressure  data  are  presented  along  longitudinal  lines,  at 
various  angles  of  ({),  the  circumferential  angle.  This  angle  is 
measured  from  the  top  centerline  of  the  nozzle  (<{)  =  0°) 
aroimd  the  inboard  side  of  the  nozzle,  to  the  bottom 
centerline,  to  the  outboard  side  of  the  nozzle.  For  the  B.3 


test  cases,  the  drag  data  are  normalized  by  the  reference  wing 
area.  Thus,  the  drag  coefficient  values  should  not  be 
compared  directly  with  data  from  the  other  series  of  test 
cases  (B.l,  B.2,  and  B.4). 

3..5.3.1  CaseB.3.1 

The  first  case  to  be  examined  is  Case  B.3.1.  This  case  has 
the  vertical  tails  moimted  at  the  mid  location.  At  this 
configuration,  the  leading  edges  of  both  the  vertical  and 
horizontal  tails  intersect  the  fuselage  at  the  same  axial 
location. 

The  key  locations  for  this  case  are: 

X/L=0.782  Leading  edge  of  horizontal  and  vertical 
tails 

X/L=0.922  Trailing  edge  of  vertical  tail. 

X/L=0.948  Junction  of  aftbody  and  nozzle  (slope 
discontinuity);  trailing  edge  of  nozzle  inter- 
fairing. 


X/L=0.950  Trailing  edge  of  horizontal  tail. 


(Contribution  N09) 
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Figure  3.5-57.  Geometry  Model  for  Case  B.3.1 
(Contributiou  N09) 


Two  contributors  submitted  Navier-Stokes  solutions  for  this 
case,  and  one  contributor  provided  a  semi-empirical  drag 
analysis  for  comparisons. 

OU  flow  simulations,  as  predicted  in  Contribution  N09,  are 
presented  in  Figures  3.5-58  and  3.5-59.  These  predictions 
indicate  the  viscous  flow  gaieraUy  is  weU-behaved  on  the 
fuselage,  wings  and  tails.  However,  substantial  viscous 
interactions  are  occurring  on  the  nozzle,  particularly  on  the 
upper  surface.  There  is  clear  evidence  of  wakes  and  vortices 
separating  from  the  model  surface  in  this  region.  Another 
strong  viscous  interaction  is  occurring  along  the  inboard  side 
of  the  junction  between  the  vertical  tail  and  the  afterbody. 
This  interaction  is  quite  strong  in  the  aft  portion  of  this  tail- 
body  junction,  and  the  flow  is  separated  in  this  comer. 
Furflier,  based  on  these  oft  flow  simulations  it  seems  a  vortex 
is  departing  from  the  model  surface  just  inboard  of  the 
trailing  edge  of  the  vertical  tail. 

Sniface  Pressure  Comparison  -  The  first  comparison 
(Figure  3.5-60)  is  for  the  top  centerline,  of  the  nozzle:  (j)=0°. 
Initially,  the  pressures  rise  slowly  approaching  the  axial 
location  of  the  leading  edges  of  all  the  tail  surfaces  (X/L  - 
0.77). 

Downstream  of  this  point,  the  data  at  this  value  of  <()  lie 
inboard  of  the  vertical  tail  and  the  pressures  drc^  sharply  as 
the  flow  passes  alongside  the  tail.  The  flow  accelerates  to 
supersonic  speeds,  as  indicated  by  the  low  surface  pressure. 
The  flow  then  compresses  rapidly  -  the  experimental  data  and 
one  CFD  solution  (NIO)  suggest  a  fairly  strong  shock  is 
present,  while  the  second  CFD  solution  suggests  a  slightly 
softer  pressure  rise  (N09).  This  smearing  of  the  shock  in 
Contribution  N09  may  be  due  to  a  coarse  grid  density  here. 
Recompression  continues  to  the  nozzle  exit,  with  good 
accuracy  provided  by  both  CFD  methods.  An  inflection  is 
seen  in  the  pressure  data  near  X/L=0.95.  This  is  in  the 
vicinity  of  three  geometry  discontinuities:  (1)  the  trailing 


edges  of  the  nozzle  interfairing,  (2)  the  trailing  edge  of  the 
horizontal  tail,  and  (3)  the  junction  between  the  aftlxxfy  and 
the  nozzle,  which  is  the  location  of  a  slope  discontinuity.  Of 
these,  the  latter  is  probably  most  responsible  for  the  pressure 
inflection  in  these,  results. 

The  second  comparison  {c|)=45°)  is  in  the  upper  inboard 
sector  of  the  nozzle.  These  coiiq)arisons  are  presented  in 
Figure  3.5-61.  At  the  point  where  the  experimental  data 
begin,  the  flow  has  expanded  to  supersonic  speeds  (Cp  =  -0.5 
corresponds  to  a  local  Mach  number  of  about  1.18).  The 
comparison  begins  with  a  sharp  pressure  rise  in  the  range  of 
X/L  =  0.87  to  0.90.  This  rise  is  due  to  a  shock  standing 
between  the  nozzles  on  the  upper  surface  of  the  interfairing 
(this  shock  will  be  seen  at  the  same  location,  X/L=0.88  on 
the  upper  surface,  in  other  data  as  well. 

The  experimental  and  predicted  pressures  show  a  modest 
plateau  around  X/L  =  0.90  to  0.94,  the  region  of  the  trailing 
edges  of  both  the  vertical  tail  and  the  interfairing  between 
the  nozzles.  One  CFD  prediction  (N09)  shows  a  clear 
localized  pressure  drop  on  the  nozzQe  surface,  at  the  afdxxfy- 
nozzle  junction.  It  seems  this  prediction  has  not  modeled  an 
adequate  viscous  interaction  at  this  location  on  the  inter¬ 
fairing,  and  the  prediction  has  the  flow  following  the 
interfairing  curvature  too  closely.  The  other  solution  (NIO) 
shows  a  plateau  which  is  also  seen  in  the  experimental  data. 
Both  these  features  are  often  associated  with  a  flow 
separation  point.  From  this  point,  a  sustained  recompression 
is  present  to  the  nozzle  exit. 

Data  comparisons  for  <j)=60‘’  are  presented  in  Figure  3.5-62. 
The  prediction  of  Contribution  N09  displays  generally  the 
same  features  as  in  the  previous  circumferential  location. 
These  features  include  a  local  minimum  pressure  prediction 
at  about  x/L=0.95  which  is  related  to  slope  discontinuity 
between  the  aftbody  and  the  nozzle.  A  more  mild  interaction 
is  seen  in  the  experimental  data  at  this  location. 

The  comparisons  on  the  nozzle  inboard  surfaces,  just  above 
the  interfairing,  are  presented  in  Figiue  3.5-63  for  (j)=75‘’.  At 
this  angle  of  <j>,  most  of  the  nozzle  external  surface  is  buried 
in  the  interfairing  except  for  the  aft-most  portion.  The 
experimental  and  predicted  data  both  show  a  gradual  pressure 
rise  to  the  trailing  edge  of  the  nozzle  and  interfairing. 

The  inboard-most  portion  of  the  nozzle  surface  (4)=90°)  is 
presented  in  Figme  3.5-64.  These  data  fall  in  the  small  gap 
between  the  nozzle  external  flaps,  and  the  interfairing.  The 
CFD  prediction  (N09)  shows  the  same  slopje  as  the  data,  but 
at  a  somewhat  higher  pressure.  Both  the  experimental  and 
predicted  data  suggest,  by  the  low  values  of  recompression 
achieved,  that  the  boimdary  layer  is  very  thick  and 
dominating  the  flow  properties  in  this  regiom 

The  next  several  conparisons  are  for  the  lower  inboard 
quadrant  of  the  aftbody  and  nozzle.  Data  for  (j)=105°  are 
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Figure  3.5-58.  Predicted  Surface  Oil  Flow  Patterns,  Case  B.3.1 
(Contribution  N09) 
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indicates  complete 
flow  separation. 


Figure  3.5  -  59.  Predicted  Surface  Oil  Flow  Patterns  with  Annotations,  Case  B.3.1 

(Contribution  N09) 
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Figure  3.5-60.  Comparison  of  Surface  Pressures  (Cp  vs  X/L),  Case  B.3.1,  <j)=0 
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Figure  3.5-61.  Comparison  of  Surface  Pressures  (Cp  vs  X/L),  Case  B.3.1,  (|>=45 
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Figure  3.5-62.  Comparison  of  Surface  Pressures  (Cp  vs  X/L),  Case  B.3.1,  <|)=60 


Figure  3.5-64.  Comparison  of  Surface  Pressures  (Cp  vs  X/L),  Case  B.3.1,  <|>=90 
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presented  in  Figure  3.5-65.  These  data,  taken  15°  below  the 
horizontal  symmetry  plane  of  the  model,  show  the  same 
gradual  pressure  rise  that  was  noted  at  a  similar  distance 
above  the  horizontal  plane  (4)=75°,  Figure  3.5-63).  The 
pressure  minimum  at  about  x/L=0.95,  as  seen  previously,  is 
associated  with  the  slope  break  at  the  beginning  of  the 
nozzle. 

Data  further  down  around  the  nozzle  are  presented  in  Figure 
3.5-66,  for  4>==120°.  These  comparisons  show  good  accuracy 
in  predicting  the  flow  along  the  nozzle  external  surface, 
leading  up  to  the  expansion  at  the  beginning  of  the  nozzle  at 
x/L=0.948.  At  this  circumferential  location,  the  experimental 
data  reproduce  the  local  pressure  minimum  which  this 
solution  contained  at  other  circumferential  locations. 
Downstream  of  this  point,  the  prediction  is  qualitatively 
correct  (gradual  presstue  rise)  but  an  excess  recovery  of 
pressure  is  predicted  leading  up  to  the  trailing  edge  of  the 
nozzle  (x/L=I.OO). 

The  same  general  features  are  seen  also  at  the  next  circum¬ 
ferential  station,  <|)=135°  (Figure  3.5-67).  Both  solutions 
reproduce  the  features  of  the  solution.  Contribution  N09 
seems  more  accurate  on  the  nozzle  upstream  of  the  inter¬ 
fairing  (x/L  <  0.948)  but  exhibits  an  overprediction  of 
pressure  on  the  aft-most  portion  of  the  nozzle.  Contribution 
NIO,  however,  is  very  accurate  on  the  aft  nozzle  and  less 
accurate  on  tlie  afterbody  up  to  the  end  of  the  interfairing. 

Pressures  along  the  extended  lower  centerline  of  the  nozzle 
(4)=180°,  Figure  3.5-68)  are  quite  benign  up  to  the  end  of 
the  interfairing  and  the  beginning  of  the  nozzle  (x/L=0.95). 
Downstream  of  this  point,  a  steady  compression  occurs  to  the 
nozzle  exit.  Both  predictions  are  in  good  agreement  with  the 
data  throughout. 

The  next  two  comparisons  are  located  along  the  lower 
outboard  quadrant  of  the  aftbody  and  nozzle.  The  first  of 
these  is  at  (j)=225°  (Figure  3.5-69).  Both  CFD  predictions 
are.  in  generally  good  agreement  with  the  data  throughout. 
Interestingly,  both  predictions  show  a  slight  and  nearly 
identical  over-estimate  of  the  surface  pressure  in  the  region 
of  x/L  =  0.88  through  0.94,  alongside  the  horizontal  tail. 
This  over-prediction  is  reminiscent  of  the  restilts  observed 
previously  in  the  B.2  series  of  test  cases.  Contribution  N09 
contains  a  slight  over-prediction  of  the  pressure  at  the  nozzle 
exit,  while  Contribution  NIO  does  quite  well  here. 

Figure  3.5-70  presents  data  at  c|)=267°.  This  location  is 
essentially  at  the  outboard-most  point  on  the  circumference 
of  the  aftbody  and  nozzle.  Data  are  missing  in  the  region 
x/L  from  0.795  (approximately)  through  0.92,  where  the 
horizontal  tails  are  attached  to  the  vehicle.  Both  CFD 
contributions  model  the  pressures  approaching  the  tails  (x/L 
<  0.795)  though  N09  may  do  so  with  slightly  better 
accuracy.  Aft  of  the  tails,  N09  shows  a  small  negative 
pressure  excursion  at  the  beginning  of  the  nozzle  which 


seems  credible,  though  it  is  not  validated  by  the  experimental 
data.  Further  downstream,  this  N09  prediction  is  quite  close 
to  the  measured  data  up  to  the  nozzle  exit.  Contribution  NIO 
also  shows  a  (smaller)  negative  excursion  at  the  same  point 
(X/L=<0.96),  and  a  slight  under-prediction  of  the  pressures  on 
the  nozzle. 

Pressures  on  the  upper  outboard  surface  of  the  nozzle  are 
presented  in  Figure  3.5-71,  for  the  line  of  pressure  taps  at 
ct)=315°.  The  gap  in  the  data  is  the  location  of  the  vertical 
tail.  The  pressure  taps  forward  of  the  tail  are  also  outboard 
of  the  tail  (due  to  the  angle),  and  the  taps  aft  of  the  tail  are 
also  inboard  of  the  vertical  tail.  Contribution  N09  agrees 
closely  with  the  measured  data  on  the  afterbody,  approaching 
the  vertical  tail  (X/L  <  0.82).  Contribution  NIO  in  this 
region  also  exhibits  the  same  behavior,  though  the  local  high 
pressure  alongside  the  leading  edge  of  the  tail  is  not  resolved 
as  well. 

Aft  of  the  vertical  tail  (x/L  >  0.88)  the  solutions  show  some 
qualitative  differences:  N09  indicates  a  small  region  of  nearly 
constant  pressure  is  present  (locally  supersonic  speeds), 
followed  by  a  sharp  pressure  rise  (a  shock  wave)  and  then  a 
more  gradual  conqjression  on  the  nozzle.  Contribution  NIO 
suggests  a  more  distributed  pressure  rise,  with  only  an 
indication  of  a  precursor  constant-pressme  region.  The 
resolution  of  the  experimental  data  does  not  allow  us  to 
assess  which  prediction  is  more  realistic.  At  the  nozzle 
f railing  edge.  Contribution  N09  overpredicts  the  pressure. 
Both  CFD  predictions,  however,  show  a  sustained  pressure 
rise  to  the  nozzle  exit  (i.e.,  attached  flow)  while  the 
experimental  data  show  a  constant  pressure  plateau  for  x/L 
>  0.96  which  suggests  the  flow  is  separated. 

Limited  experimental  data  also  are  available  on  the  top 
centerline  (symmetr)'  plane)  of  the  model,  as  presented  in 
Figure  3.5-72.  Contributions  N09  and  NIO  are  in  good 
agreement  with  the  few  data  points.  It  should  be  noted:  the 
model  geometry  on  this  plane  terminates  at  x/L=0.948,  the 
trailing  edge  of  the  interfairing.  At  this  point,  the  CFD 
prediction  shows  a  discontinuity.  The  CFD  data  presented 
downstream  of  this  point  are  in  free  space,  along  an  extended 
line  in  the  plane  of  the  nozzle  axis  (this  is  also  the  case  in 
the  next  comparison). 

A  larger  amount  of  experimental  data  are  provided  on  the 
bottom  centerline  of  the  model  (Figure  3.5-73).  Again, 
Contribtitions  N09  and  NIO  show  good  agreement  with  the 
full  extent  of  these  data. 

A  comparison  of  Figure  3.5-72  (model  top  centerline)  with 
Figure  3.5-73  (model  bottom  centerline)  reveals  the  main 
differences  between  the  flow  on  the  top  and  on  the  bottom 
of  the  boattail.  The  flow  on  the  bottom  is  fully  subsonic  and 
smooth,  whereas  the  flow  on  the  top  becomes  supersonic  due 
to  the  channeling  and  accelerating  effects  of  the  vertical  tails. 
This  supersonic  pocket  also  can  be  recognized  in  other  data 


'’w'*  nowi 


Contribution 


Contribution  N09  (B-B) 


Contribution  N 10  (J-L*) 


Figure  3.5-66.  Comparison  of  Surface  Pressures  (Cp  vs  X/L),  Case  B.3.1,  <|)=120 


275 


VMkirilill 

•(■nsIMion 


V«nlOilMI 

•p«na«alioit 


Contribution  N09  (B-B)  Contribution  N 10  (J-L*) 


Figure  3.5-67.  Comparison  of  Surface  Pressures  (Cp  vs  X/L),  Case  B.3.1,  (1>=135 
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Figure  3.5-68.  Comparison  of  Surface  Pressures  (Cp  vs  X/L),  Case  B.3.1,  <j)=180' 
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Figure  3.5-72.  Comparison  of  Surface  Pressures  (Cp  vs  X/L),  Case  B.3.1,  Model  Top  Centerline 
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on  the  upper  surface  between  the  tails  (c.f.  Figures  3.5-60,  - 
61,  -62).  It  is  thus  of  considerable  lateral  extent  -  fully 
spanning  the  distance  between  the  vertical  tails,  based  on  all 
available  data  from  experimental  and  CFD  sources.  This 
supersonic  pocket  is  terminated  by  a  shock  somewhat 
upstream  of  the  trailing  edge  of  the  interfairing. 


Drag  Comparison  -  Drag  data  for  this  case  were  provided 
from  the  semi-empirical  method  SOI,  and  from  the  Navier- 
Stokes  methods  N09  and  NIO.  These  drag  data  are  tabulated 
herein,  and  they  are  presented  graphically  in  Figure  3.5-74 
(excluding  Contribution  N09).  The  reader  is  reminded  that 
these  drag  area  are  normalized  by  wing  area,  rather  than  the 
maximum  forebody-afterbody  cross-sectional  area  (as  was 
done  in  previous  cases). 


Pressure  Drag  Predictions: 


Cojitrib. 

CDPN 

CDPA 

CDPHT 

CDPVT 

CDPT 

Exp. 

-0.0020 

SOI 

0.0044 

N09 

(B-B) 

-0.0025 

0.0042 

0.0003 

0.0018 

0.0037 

NIO 

-0.0020 

0.0045 

0.0006 

0.0025 

0.0055 

Total  Drag  Predictions: 


Contrib. 

CDTN 

CDTA 

CDTHT 

CDTVT 

CDTT 

Exp. 

0.0084 

±0.0005 

SOI 

0.0087 

N09 

(B-B) 

-0.0025 

0.0053 

0.0015 

0.0035 

0.0078 

NIO 

-0.0019 

0.0061 

0.0021 

0.0043 

0.0106 

Total  Drag  Prediction  Errors  (C]3.j..j.): 


The  most  accurate  results  were  produced  by  the  semi- 
empirical  method,  SOI.  The  two  CFD  methods  differed 
widely  in  the  total  drag.  Method  N09  underpredicted  drag, 
which  might  be  expected  since  this  method  had  a  consistent 
tendency  to  overpredict  pressures  slightly  on  the  nozzle. 
Surprisingly,  Meth<xl  NIO,  which  generally  was  quite 
accurate  on  the  nozzle,  show'ed  a  larger  drag  discrepancy. 
Additional  experimental  drag  data  are  not  available  to 
resolve  this  discrepancy.  Method  N09  produced  drag 
estimates  which  were  always  lower  than  those  of  Method 
NIO,  on  every  vehicle  component,  by  about  the  same 
amount:  0.0006  to  0.0008.  The  available  experimental  data 
do  not  allow  an  assessment  as  to  whether  this  is  more 
accurate,  on  a  component  basis. 

Discussion-  In  this  complex  geometry,  it  is  difficult  to  reach 
a  meaningful  conclusion  in  assessing  the  CFD  results.  The 
differences  which  were  observed  can  easily  be  attributed  to 
minor  differences  in  grid  generation,  usage  practices  (e.g., 
convergence  level)  and  other  small  factors.  The  approach  of 
Method  N09  perhaps  did  better  on  the  aftbody  and  near  the 
tails,  while  Method  NIO  gave  tetter  re^iults  on  the  nozzle. 
A  solid  explanation  for  the  differences  in  predicted  drag  has 
not  been  established. 


S.S.3.2  CaseB.3.2 

In  this  case,  the  vertical  tails  are  mounted  at  the  aft  location. 
The  geometric  points  of  interest  are: 

X/L=0.782  Leading  edge  of  horizontal  tad. 

X/L“0.833  Leading  edge  of  vertical  tad. 

X/L=0.948  Trading  edge  of  nozzle  interfairing. 

X/L=0.950  Trading  edge  of  horizontal  tad. 

X/L=0.973  Trailing  edge  of  vertical  tail. 

The  ordy  data  submitted  for  this  case  were  semi-empirical 
predictions  of  vehicle  drag  (Contribution  SOI). 


Contrib. 

Error 

%  Error 

Exp. 

Unc^ftainty 

±6.0% 

SOI 

+0.0003 

+3.6% 

N09  (B-B) 

-0.0006 

-7.1% 

NIO 

+0.0022 

+26.2% 

Surface  Pressure  Compailson  -  Tlie  sitmi-empirical  medwsd 
of  SOI  does  not  produce  a  full  description  of  tlie  flowfield. 
Consequently,  no  comparisons  of  surface  pressiue  predictions 
are  available  for  this  case. 

Drag  Comparison  -  The  drag  predictions  of  tlie  semi-em- 
pirical  method  SOI  are  presented  below.  These  data  are 
presented  graphically  in  Figure  3.5-75  (normalized  by 
reference  wing  area). 
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Figure  3.5-75.  Comparison  of  Drag  Data,  Case  B.3.2 
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Pressure  Drag  Predictions: 


1  Connib. 

CDPN  1  CDPA  1  CDPirr 

CDPVT 

CDPT 

1  Exp. 

1  SOI 

0.0028 

Total  Drag  Predictions; 


I  Ccmtiib. 

CDTN 

CDTA 

CErrar 

CDTVT 

CDTT 

0.0082 

±0.0005 

1  SOI 

0.0081 

Total  Drag  Prediction  Errors  (Cj,^): 


Figure  3.5-76.  Modeled  Geometry  for  Case  B.3.3 
(Contribution  NIO) 


This  case  was  performed  by  one  contributor  using  a  Navier- 
Stokes  analysis,  and  by  another  contributor  using  a  semi- 
en^irical  drag  estimation  method.  These  comparisons  with 
the  measured  data  are  presented  next. 


Coptiib. 

Error 

(AQyrr) 

%  Ecor 

Exp. 

Uncertainty  | 
±6.1%  1 

SOI 

-0.0001 

-1.2%  1 

For  this  case,  method  SOI  produced  an  outstanding 
prediction  of  the  total  drag.  This  prediction  is  exact,  within 
the  experimental  uncertainly  of  the  test  data. 

Discussion  -  The  semi-empirical  method  produced  an 
amazing  drag  prediction  for  this  case.  This  should  not  be 
viewed  as  fortuitous,  since  the  prediction  for  the  mid  tail 
location  (Case  B.3.1)  also  was  very  good. 

J.5.3.3  Case  B.3.3 


The  surface  pressure  distributions  on  the  aftbody,  nozzle,  and 
tails  are  presented  qualitatively  in  Figure  3.5-77  (predictions 
from  Contribution  NIO).  The  most  noticeable  feature  is  a 
low  pressure  region  running  down  the  vertical  tail  fiom  the 
tip  at  mid-chord.  This  minimum  pressure  region  runs  down 
to  the  root  of  the  vertical  tail,  and  across  the  afterbody.  This 
pressure  is  sufficiently  low  that  the  local  flow  is  reaching 
supersonic  speeds  in  the  partially  enclosed  charmel  between 
the  vertical  tails.  Presumably,  this  type  of  behavior  also  was 
present  in  Cases  B.3.1  and  B.3.2. 

Simulated  local  oil  data  (from  Contribution  NIO)  are 
presented  in  Figure  3.5-78.  These  data  show  that  the 
boundary  layer  is  well  behaved  on  the  inboard  vertical  tail 
and  on  the  afterbo^.  The  boundary  layer  also  is  very 
“clean”  on  most  of  the  nozzle  circumference,  exhibiting 
strong  viscous  interactions  only  on  the  most  inboard  portion 
of  the  nozzle,  aft  of  the  termination  of  the  interfairing.  In 
this  region,  very  localized  in  terms  of  circumference,  a  clear 
flow  separation  is  noted. 


This  case  features  the  vertical  tails  at  the  forward  location. 
The  key  geometric  points  of  interest  are: 

X/L=0.727  Leading  edge  of  vertical  tail 

X/L=0.782  Leading  edge  of  horizontal  tail. 

X/L=0.867  Trailing  edge  of  vertical  tail. 

X/L=0.948  Jrmction  of  aftbody  and  nozzle  (slope 
discontinuity);  trailing  edge  of  nozzle  inter¬ 
fairing. 

X/L-0.950  Trailing  edge  of  horizontal  tail. 

The  geometry  for  this  case  is  presented  in  Figure  3.5-76. 


Snrface  Pressure  Comparison  -  The  first  comparison  of 
surface  pressure  is  on  the  top  centerliue  of  the  nozzle,  ({)=0®. 
These  data  are  presented  in  Figure  3.5-79. 

The  flow  in  the  larger  portion  of  this  region,  from  X/L  = 
0.65  to  0.92,  is  domiaated  by  the  vertical  tails.  The  pressure 
distribution  in  this  case  (forward  fails)  is  the  same  as  in  case 
B.3.1  (mid  tails)  except  the  flow  features  occtu  further 
forward.  The  flow  shows  a  gradual  pressure  rise  as  it  comes 
alongside  the  leading  edge  of  the  vertical  tail  at  3^=0.727. 
From  that  point  aft,  a  steady  expansion  is  present  along  the 
chord  of  the  vertical  tail,  reaching  a  very  low  pressure  (C^= 
-0.55,  equivalent  to  Mach  1.21). 

This  low  pressure  is  terminated  by  a  shock  wave  at  about 
X/L  =  0.85,  which  raises  the  pressure  to  near-ambient  values. 
The  pressure  thai  remains  constant,  at  about  ambient 
freestream  pressure,  over  the  range  X/L  from  0.88  to  0.95. 
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Figure  3.5-77.  Predicted  Surface  Pressures,  Test  Case  B.3.3 
(Contribution  N1 0) 
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A  strong  pressure  rise  is  seen  on  the  nozde  (X/L  from  0.96 
to  1.00).  The.  prediction  (Contribution  NIO)  is  in  g(»d 
agreement  with  the  test  data  nearly  everywhere.  Slight 
discrepancies  are  seen  near  the  shock  wave,  at  about  X/L  = 
0.86.  A  slight  downward  “tick”  is  seen  at  about  X/L=0.95, 
where  the  aftbody  ends  and  tlie  nozzle  begins.  This  hxalized 
low  pressure  is  due  to  the  discontinuity  in  surface  slope  at 
this  point. 

The  next  comparisons,  presented  in  Figure  3.5-80,  are  in  the 
inboard  quadrant  of  the  nozzle,  at  4>=45°.  Data  only  are 
available  aft  of  X/L=0.88,  where  the  nozzle  at  this 
circumferential  angle  emerges  from  the  interfairing,  The 
initial  set  of  data  are  in  the  nearly- constant  pressure  region 
between  the  vertical  tails,  aft  of  the  shock.  Here  the  melh(5d 
is  in  generally  good  agreement  with  the  test  data,  though  the 
prediction  is  slightly  low  in  pressure.  The  recompression  on 
the  nozzle  is  predicted  very  well.  Similar  results  also  are 
seen  at  the  location  (|)=60°,  presented  in  Figure  3.5-81. 

Surface  pressures  are  compared  closer  to  the  interfairing,  at 
4)=75°,  in  Figure  3.5-82.  At  this  angle,  the  nozzle  is 
exposed  only  aft  of  X/L-  0.93.  The  aft  portion  of  the 
constant  pressure  region  between  the  nozzles  is  captured, 
with  (again)  a  slight  underprediction  of  the  pressure.  The 
subsequent  recompression  on  the  nozzle  is  predicted  with 
good  accuracy. 

Pressures  at  the  inboard  side  of  the  nozzle,  (|i=90“,  are 
presented  in  Figure  3.5-83.  Only  a  small  portion  of  the 
nozzle  siuface  is  exposed,  in  the  region  aft  of  the  trailing 
edge  of  the  interfairing.  Good  accuracy  is  seen  in  predicting 
the  slow  pressure  rise  to  the  nozzle  exit  location. 

Pressures  in  the  lower  inboard  quadrant  of  the  nozzle  are 
compared  for  cf)=120'’  (Figure  3.5-84)  and  (J)=135°(Figure 
3.5-85).  In  this  region,  the  flow  is  largely  shielded  from  the 
influence  of  the  vertical  tails.  The  pressiues  (both  test  and 
prediction)  show  a  gradually  rising  presstire  up  to  about 
X/L=0.92,  then  a  sharp  drop  approaching  the  trafting  edge  of 
the  interfairing  and  the  beginning  of  the  nozzle  at  about 
X/L=0.95.  The  nozzle  recompression  to  the  exit  plane 
begins  at  X/L=0.96.  The  predictions  are  in  good  agreement 
with  the  test  data  throughout. 

Pressure  along  the  bottom  centerline  of  the  nozzle  ((j)“180°) 
are  shown  in  Figure  3.5-86.  Along  this  angle,  the  flow  is 
quite  benign  up  to  the  aftbody-nozzle  junction  at  X/L=0.96. 
Slight  variations  in  surface  pressure  were  measured,  and  they 
were  captured  accurately  by  the  predictions.  The  final 
recompression  on  the  nozzle  (X/L  >  0.96)  also  was  captured 
well  by  Contribution  NIO,  though  for  the  first  time  in  this 
test  case,  a  noticeable  overprediction  of  pressiue  occurs 
near/at  the  nozzle  exit. 

Surface  pressure  data  in  the  lower  outboard  quadrant  of  the 
aftbody  and  nozzle,  4)=225°,  are  presented  in  Figure  3.5-87. 


Along  this  angle,  the  flow  is  influenced  by  the  horizontal 
tails,  which  intersect  the  aftbody  in  die  region  of  X/L  from 
0.78  to  0.95.  The  predictions  generally  capture  the  pressure 
variations  alongside  the  horizontal  tail,  though  the  predicted 
oscillations  seem  to  be  leading  the  measured  oscillations 
slightly.  A  minor  low-pressure,  inflection  is  noted  at 
X/L=0.95.  This  is  the  location  of  the  junction  between  the 
aftbody  and  the  nozzle,  where  a  slope  disi;ontinuity  occurs. 
Aft  of  this  point,  the  recompression  on  the  nozzle  is 
predicted  accurately,  all  the  way  to  the  nozzle  exit. 

The  pressures  at  the  outboard  side  of  the  aftb<xly  and  nozzle 
(<t)=267°)  are  presented  in  Figure  3,5-88,  A  large  gap  occurs 
m  these  data,  where  the  locating  angle  falls  inside  of  the 
horizontal  tail. 

Forward  of  the  horizontal  tail,  the  prediction  (Contribution 
NIO)  captures  quite  weU  the  pressure,  rise  leading  up  to  the 
leading  edge  of  the  tail.  Aft  of  the  trailing  edge,  the 
recompression  is  modeled  well,  though  the  prediction  is 
consistently  a  little  low  compared  with  the  test  data. 

Pressures  on  the  upper  outboard  quadrant  of  the  nozzle,  at 
(|)=315°,  are  presented  in  Figure  3.5-89.  The  gap  in  these 
data  is  at  the  location  of  the  vertical  tail.  Forward  of  the 
data  gap  (i.e,,  the  tail)  this  line  of  data  lies  outboard  of  the 
axis  of  the  vertical  tail.  Aft  of  the  data  gap,  these  data  lie 
inboard  of  the  axis  of  the  vertical  tail.  Pressures  here  are 
heavily  influenced  by  the  vertical  tail  and  in  the  aft  segment 
of  the  data  these  pressure  data  are  shielded  from  any 
influence  of  the  horizontal  tail. 

About  X/L=0.73  (at  the  left  edge  of  tlie  plotted  data)  the 
pressure  reaches  a  local  maximum.  This  point  is  alongside 
the  leading  edge  of  the  vertical  tail,  and  the  prediction 
method  shows  good  accuracy.  Aft  of  the  leading  edge  (X/L 
from  0.73  to  0.80)  the  pressure  drops  slowly  under  the 
influence  of  the  expansion  along  the  forward  chord  of  the 
vertical  tail,  just  above  the  afterbody  siirface. 

From  X/L  =  0.80  (approximately)  to  0.87,  the  location  of  the 
trailing  edge  of  the  vertical  tail,  a  gap  is  present  in  the  data. 
Aft  of  the  trailing  edge  of  the  vertical  tail,  where  the  data 
resume,  the  nearly-constant  pressure  region  behind  the  tail- 
afterbody  shock  is  noted.  The  prediction  at  this  location  is 
consistent  with  the  predictions  of  pressure  in  the  region,  at 
other  circumferential  locations  on  the  afterbody  upper 
smface.  However,  the  first  experimental  data  point  aft  of  the 
vertical  tail  trailing  edge  is  slightly  elevated  compared  with 
the  next  experimental  point.  This  relative  trend  is  not 
captured  in  the  prediction.  The  recompression  on  the  nozzle, 
from  X/L  =  0.96  to  1 .00,  is  captured  accurately. 

Data  on  the  model  top  centerline,  between  the  nozzles,  are 
presented  in  Figure  3.5-90.  The  experimental  data  are  quite 
sparse,  but  the  CFD  prediction  of  Contribution  NIO  is  in 
good  agreement  with  the  few  data  points.  The  test  data 
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Figure  3.5-90.  Comparison  of  Surface  Pressures  (Cp  vs  X/L),  Case  B.3.3,  Model  Top  Centerline 
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suggest  that  the  flowfield  is  benign  along  this  line,  but  the 
CFD  data  and  the  test  data  from  nearby  points  both  show  the 
sharp  variations  due  to  the  shock  which  spans  the  region 
between  the  vertical  tails. 

Pressure  comparisons  along  the  bottom  centerline  of  the 
model  are  presented  in  Figure  3.5-91.  Both  the  test  data  and 
the  predictions  indicate  that  only  minor  pressure  variations 
are  occurring  along  this  line  of  pressure  taps. 

Drag  Comparison  -  The  drag  data  from  the  experiment,  the 
semi-empirical  method,  and  the  Navier-Stokes  method  are 
presented  below,  and  in  graphical  form  in  Figure  3,5-92 
(normalized  by  reference  wing  area). 


Pressure  Drag  Predictions: 


I  ConiTib. 

CDPN 

CDPA 

CDPHT 

CDPVT 

CDPT 

1  Exp. 

-0.0022 

1 

0.0022 

f  NIO 

-0.0022 

0.0042 

0.0005 

0.0029 

0.0054 

Total  Drag  Predictions: 


1  Contrib. 

CDTN 

CDTA 

CDTOT 

CDTVT 

CDTT 

1  Exp. 

im 

0.0078 

±0.0005 

1 

0.0064 

liBBWi 

-0.0020 

0.0058 

0.0019 

Total  Drag  Prediction  Errors 


Contrib. 

%  Error 

Exp. 

Uncertainty 

±6.4% 

SOI 

-0.0014 

-17.9% 

NIO 

•K).0024 

+30.8% 

The  drag  prediction  of  the  semi-empirical  method  (SOI)  is 
significantly  worse  for  this  case  (forward  vertical  tads), 
compared  with  the  other  two  cases  (mid  and  aft  vertical 
tails).  One  can  speculate  that  the  tail  location  in  the  present 
case  is  outside  the  data  base  which  was  used  to  build  Method 
SOI. 

The  drag  data  from  the  CFD  method  (Contribution  NIO)  are 
comparable  to  the  results  yielded  by  the  same  method  in 
Case  B.3.1.  The  prediction  of  pressure  drag  on  the  nozzle  is 


excellent,  and  the  wetted  area  is  quite  small  leading  to  the 
conclusion  that  the  total  drag  on  the  nozzle  also  is  quite 
good.  Data  are  not  available  to  suppwrt  further  conclusions. 
One  might  speculate,  however,  that  the  drag  of  the  tads  is 
difficult  to  predict  with  accuracy,  and  that  frictional  drag  on 
the  large  wetted  area  of  the  afterbody  also  could  have 
contributed  to  the  discrepancy  with  the  measured  data. 

3. 5. 3. 4  Discussion  of  Results 

Geometrically,  these  are  the  most  complex  test  cases  in  this 
study.  It  is  very  difficult  to  produce  grids  modeling  a 
complete  configuration  with  full  fidelity.  Under  these 
circumstances,  the  predictions  of  the  CFD  methods  probably 
represent  a  fair  sample  of  the  state  of  the  art,  excluding 
(perhaps)  results  from  a  major,  focused  study  operating  with 
large  resources  (people,  time,  and  computers). 

The  most  interesting  result,  however,  was  the  very  good 
predictions  of  the  semi-empirical  method  in  Cases  B.3.1  and 
B.3.2. 

Drag  Incremeut  Due  to  Tail  Location  -  The  data  provided 
by  Contributions  SOI  and  NIO  allow  an  assessment  of  the 
ability  to  predict  the  drag  variation  due  to  changes  in  the 
location  of  the  vertical  tails.  These  drag  data  are  tabulated 
below. 


Drag  Increment  Due  to  Tail  Ixication 


Contrib. 

CDTT 

Mid 

Tan 

CDTT 

Aft 

Tail 

CDTT 

Fwd 

Tail 

ACDTT 

Aft 

minus 

Mid 

ACDTT 

Fwd 

minus 

Mid 

B.3.1 

B.3.2 

B.3.3 

E-xp 

0.0084 

0.0082 

0.0078 

-0.0002 

-0.0006 

SOI 

0.0087 

0.0081 

0.0064 

-0.0006 

-0.0023 

NIO 

0.0106 

0.0102 

-0.0004 

The  experimental  data,  perhaps  surprisingly,  show  little 
impact  of  vertical  taU  l<3cation  on  total  drag.  The  semi- 
empirical  method  is  in  general  agreement  with  the 
experimental  increment  in  the  variation  between  aft  and  mid 
tails,  but  it  greatly  oveipredicts  the  increment  between 
forward  and  mid  tails.  This  situation  reflects  the  single-case 
prediction  accuracy  demonstrated  by  this  method  (more 
particularly,  the  reduction  in  accuracy  for  Case  B.3.3). 

The  result  achieved  by  the  Navier-Stokes  method  is  more 
interesting,  perhaps.  This  method  showed  significant  errors 
in  predicting  Cp^j.  for  both  the  forward  and  mid  tail 
configuration  (jerror  in  C^jtI  ^  0.0030  in  both  cases). 
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However,  the  incremeat  in  drag  is  calculated  with  much 
better  accuracy  within  0.0002).  This  approach  can  be 

seen  as  supporting  die  use  of  CFD  analysis  for  computing 
drag  increments,  even  where  the  single-point  value  of  the 
drag  prediction  is  subject  to  significant  error  or  uncertainty. 

The  B.3  series  of  test  cases  features  a  complex  three- 
dimensional  transonic  flowfield,  with  substantial  viscous 
interactions.  In  general,  the  prediction  methods  did  quite 
well  in  modeling  this  complex  flowfield.  Regions  of  both 
attached  and  separated  flow  were  predicted  with  good 
accuracy,  even  in  the  presence  of  several  complicating 
geometric  features  (e.g.,  horizontal  and  vertical  tails,  gaps 
between  nozzles,  interfairing).  These  cases  may  be  said  to 
exemplify  the  progress  which  has  occurred  since  the  previous 
investigation  of  afterbody  flows  by  AGARD,  ten  years  ago. 


3.5.4  Case  B.4 

The  B.4  geometry  is  a  single,  isolated  two-dimensional 
nozzle,  tested  at  two  Mach  numbers.  For  the  Mach  0.6 
flowfield  (Case  B.4.1),  the  boundary  layer  is  attached.  For 
the  Mach  0.94  flowfield  (Case  B.4.2),  the  boundary  layer  is 
extensively  separated.  This  deceptive  geometry  poses 
interesting  challenges  for  those  who  would  predict  its 
flowfield. 


Internal 

Nozzle 

Geometry 


Figure  3.5-93.  External  and  Internal  Aerodynamic 
Geometry  for  Case  B.4  (Contribution  N09) 


The  external  and  internal  surface  geometry  for  this  aftbody 
and  nozzle  is  presented  in  Figure  3.5-93.  The  B.4  test 
geometry  is  nominally  symmetric  both  left/right,  and 
top/bottom.  The  figure,  for  example,  shows  only  the  left  half 
of  the  model.  Most  of  the  CFD  groups  took  advantage  of 
the  symmetry,  and  modeled  only  half  of  the  geometry  (a  few 
groups  used  both  symmetries,  and  modeled  only  a  quarter  of 
the  geometry). 

As  was  mentioned  previously,  CFD  analysts  frequently  prefer 
to  model  the  internal  nozzle  geometry,  starting  at  a  point 
upstream  of  the  throat.  This  approach  makes  it  easier  to 
ensure  that  the  computational  flow  properties  are  physically 
consistent.  This  geometry  featrues  a  circular  feed/plenum 
chamber,  transitioning  to  a  throat  with  a  rectangular  cross 
section,  and  a  two-dimensional  supersonic  expansion  passage. 

The  geometry  is  identical  for  both  test  cases.  The  only 
variation  is  the  Mach  number,  which  is  0.60  in  Case  B.4.1 
and  it  is  0.94  in  Case  B.4.2.  The  NPR,  for  both  cases,  is 
nominally  4.00;  the  freestream  total  pressure  is  14.7  psia,  the 
freestream  total  temperature  is  600'’R,  and  the  jet  total 
temperature  is  545°R. 


3.5.4.]  Case  B.4.1 

This  case,  at  a  freestream  Mach  number  of  0.6,  does  not 
feature  extreme  pressure  gradients.  This  is  seen,  for  example, 
in  the  mapping  of  predicted  surface  pressure  that  is  presented 
in  Figure  3.5-94. 


The  boundary  layer  remains  fairly  well-behaved  in  this  case. 
No  evidence  of  separation  is  observed  in  these  computations. 
The  predicted  velocity  field  (Contribution  NIO)  shows  a 
well-behaved  boundary  layer  all  the  way  to  the  trailing  edge 
of  the  nozzle  (Figure  3.5-95).  The  pressure  field  (static, 
Pitot,  and  total  pressure)  also  shows  clean  attached  flow  in 
both  the  vertical  symmetry  plane  (Figme  3.5-96)  and  the 
horizontal  symmetry  plane  (Figure  3.5-97).  The  Mach 
number  contours  also  are  predicted  to  be  quite  benign  (see 
Figure  3.5-98).  A  simulation  of  oil  flow  patterns  was 
provided  from  Contribution  N02.  These  data  also  show  that 
the  boundaiT  layer  is  well  behaved  over  the  entire  aftbody 
and  nozzle  (Figure  3.5-99). 

The  data  which  are  presented,  are  organized  according  to 
physical  location.  In  other  words,  aU  predictions  at  the  same 
location  (thus,  results  which  are  to  be  compared  with  the 
same  set  of  experimental  data)  will  be  presented  together. 

The  reader  is  cautioned  that  the  solutions  presented  below 
are  based  on  a  wide  range  of  methods.  The  solutions  are 
consistent  only  in  that  they  used  the  same  geometry  and  flow 
conditions,  and  results  were  provided  at  set  locations.  No 
consistency  is  present  in  grid  constniction,  flow  solution 
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Figure  3.5-96,  Predicted  OfT-Body  Pressure  Contours,  Case  B.4.1,  Vertical  Symmetry  Plane 
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Figure  3.5-97.  Predicted  Off-Body  Static  Pressure  Contours,  Case  B.4.1,  Horizontal  Symmetry  Plane 


Contribution  N03 


Figure  3.5-98.  Predicted  Off-Body  Mach  Number  Contours,  Case  B.4.1 


310 


Contribution  N02 
(Cebeci-Smith  Turbulence  Model) 


Figure  3.5-99.  Predicted  Surface  Flow  Patterns,  Case  B.4.1 
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algorithms,  turbulence  models,  usage  practices,  or  post- 
priDcessing  algorithms. 

The  authors  will  attempt  to  point  out  differences  in  results 
among  the  methods.  However,  it  is  inappropriate  to  draw 
larger  conclusions,  beyond  the  scope  of  this  study,  based  on 
these  results.  These  results  shotild  be  viewed  as  a  sampling 
of  the  state  of  the  art  in  1992-94,  rather  than  as  a  systematic 
comparison  of  various  methods.  Further,  a  reader  who  is 
looking  for  a  clear  “winner”  or  a  “best  method”  will  be 
disappointed.  Each  method  produces  excellent  results  for 
some  comparisons,  and  poor  results  in  others. 

Surface  Pressure  Comparisons  In  this  section, 

quantitative  comparisons  are  presented  between  experimental 
data  and  various  CFD  predictions.  As  a  sub-theme, 
comparisons  also  will  be  made  between  different  levels  of 
analysis  (Euler  vs.  Navier-Stokes),  between  different  grid 
densities,  and  between  different  turbulence  models.  Brief 
descriptive  commentaiy  will  be  offered  in  the  following 
discussion,  and  smnmary  observations  and  conclusions  will 
be  presented  in  Section  3. 5.4. 3. 

For  this  case,  the  boundaiy  layer  remains  attached. 
Secondary  (lateral)  flows  are  present,  but  by  all  available 
data  they  are  not  large.  The  turbulence  modeling  focus  is  on 
attached  boundary  layers  in  a  sustained  adverse  pressure 
gradient.  The  flow  is  subcritical  (i.e.,  the  flow  does  not 
reach  sonic  speed  anywhere),  thus  no  shock  waves  are 
present.  Further,  the  geometry  is  rather  simple.  For  these 
reasons  -  simple  geometry  and  no  shock  waves  -  the  demands 
on  the  grid  generation  systenis  are  not  high. 

Surface  pressures  were  measured  in  the  wind  tunnel  at  five 
rows  of  taps.  These  rows  extend  circumferentially  along  one 
quadrant  of  the  nozzle  external  surface,  from  Row  1  (top 
centerline)  to  Row  5  (sidewall  centerline).  The  strongest 
viscous  interaction  is  found  on  Row  1,  and  the  most  complex 
interaction  (but  not  necessarily  dominated  by  viscous  effects) 
probably  occurs  in  Rows  2  and  3. 

Experimental  and  CFD  data  for  the  vertical  sjmimetry  plane 
(“Row  1")  are  presented  in  Figure  3.5-100.  In  general,  each 
solution  begins  w'ith  accurate  predictions  at  the  most 
upstream  point  of  the  comparison  region.  However,  most  of 
the  predictions  experience  difficulty  at  the  nozzle  expansion 
shoulder  (around  x/L  =  0.91)  where  the  pressiure  field  shifts 
from  a  favorable  gradient  to  an  adverse  gradient  in  a  region 
of  longitudinal  cmvature.  As  seen  in  previous  test  cases,  the 
pressure  field  is  in  a  sensitive  balance,  and  the  prediction 
quality  is  strongly  influenced  by  details  in  the  CFD  method¬ 
ology. 

The  majoritj’  of  the  methods  predict  too  low  a  pressure  in 
this  region,  i.e.,  the  flow  expands  too  strongly.  Ibis 
behavior  might  be  assumed  to  be  due  to  an  inadequate 
viscous  interaction.  Both  the  Euler  methods  (Contributions 


E05  and  Ell)  underpredict  the  pressure  by  .similar  degrees  in 
this  region. 

For  one  of  the  methods,  the  zero-equation  Cebeci-Smitli 
turbulence  model  gave  better  results  in  this  region  than  did 
a  two-equation  model  (Contribution  N02),  and  the  Baldwin- 
Lomax  model  (Nil,  N12)  also  did  quite  well.  The  two 
methods  using  the  one-equation  Baldwin-Barth  model  (N04 
and  N09)  exhibited  a  similar  tendency  for  delayed  onset  of 
the  adverse  pressure  gradient. 

Results  for  the  two-equation  turbulence  models  (N02,  N03, 
NIO,  and  N13)  do  not  exhibit  any  consistent  trend  in  this 
shoulder  region.  One  method  (NIO)  produced  excellent 
results  at  the  shoulder,  while  tlie  other  three  methods 
predicted  a  pressure  slightly  too  high  (this  might  be 
associated  with  an  early  onset  of  the  adverse  presstue 
gradient  and  early  boundary  layer  thickening)  in  the  viscous 
flow  interaction. 

Predictions  in  the  initial  recompression  region  (x/L  =  0.92  to 
0.97)  are  generally  good.  The  accuracy  here  seems  to 
depend  largely  on  the  accuracy  achieved  in  the  shoulder 
region.  This  is  seen  in  several  solutions  (Contributions  N04, 
E05,  N09,  NIO,  Nil,  and  N12).  Only  two  of  tlie  methods 
showed  improved  accuracy  in  the  initial  recompression 
region,  compared  with  the  accuracy  at  the  shoulder  (NOS  and 
N13). 

The  two  Euler  solutions  (E05  and  Ell)  produced  quite 
similar  results.  Both  predicted  an  overly-strong  expansion  of 
the  flow  around  the  nozzle  shoulder  (say,  X/L=0.89  to  0.93). 
Most  of  the  Navier-Stokes  meth<3ds  produced  noticeably 
better  accuracy  here.  This  observation  suggests  that  viscous 
interactions  play  an  important  role  in  the  pressure 
distribution  at  the  shoulder  (the  reader  is  reminded  of  a 
similar  observation,  for  attached  flow  over  the  B.l  test  cases 
geometries). 

The  final  recompression  region  (x/L  =  0.97  to  1 .00)  features 
stronger  viscous  interactions,  and  the  interaction  with  the 
plume.  The  plume  is  in  an  expanding  state  as  it  emerges 
from  the  nozzle,  due  to  the  internal  nozzle  expansion  angle. 
Thus,  the  local  effect  of  the  phmre  is  to  present  a 
compression  comer  at  the  nozzle  exit. 

The  two  Euler  niethixis  (Contributions  E05  and  Ell)  both 
over-predicted  presstires  in  this  region,  by  a  wide  margin. 
This  residt  is  to  be  expected,  since  this  methodology  does 
not  represent  the  important  viscous  interaction  near  the 
nozzle  trading  edge. 

Most  of  the  Navier-Stokes  methods  also  exhibited  the  now- 
familiar  tendency  to  over-predict  pressiues  in  this  region: 
N02  (C-S),  NIO  (J-L*),  Nil  (k-e),  N12  (B-L),  and  N 13  (k-€). 
Some  of  the  methods  did  very  well;  N03  (k-e),  N04  (B-B), 
and  N02  (k-e).  Contribution  N09  (B  B)  underpredicted  the 


Contribution  N04  (Coarse  Grid) 


Contribution  N64  (Fine  Grid) 


Figure  3.5-100  (First  Part).  Comparison  of  Surface  Pressures  (Cp  vs.  X/L),  Case  B.4.1,  Row  1 


Contributions  E05  and  N13 


Contribution  N09  (B-L  turbulence  model) 
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5-100  (Continued),  Comparison  of  Surface  Pressures  (Cp  vs.  XL),  Case  B.4. 1,  Row  1 
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Figure  3.5-100  (Concluded).  Comparison  of  Sxirface  Pressures  (Cp  vs  X/L),  Case  B.4. 1 ,  Row  1 
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pressure  in  the  final  recompression  region,  by  almost  the 
same  margin  as  in  tlie  shoulder  and  initial  recompression 
regions. 

It  is  difficult  to  draw  any  conclusions  regarding  tendencies 
of  the  Navier-Stokes  methods  based  on  these  results.  None 
of  the  algebraic  or  zero-equation  turbulence  models  did  well 
at  the  trailing  edge,  but  the  results  were  quite  mixed  for  the 
one-  and  two-equation  models. 

It  is  impossible  to  separate  the  effects  of  adverse  pressure 
gradient  from  the  effects  of  plimie  entrainment  in  these  data. 
However,  these  overprediction  errors  also  could  be  consistent 
with  an  underestimation  of  the  local  entrainment  of  the 
plume  close  to  the  nozzle  exit. 

One  comparison  of  the  effect  of  grid  density  is  pa-esented  in 
these  results.  Contribution  N04  was  computed  using  grid 
sequencing,  that  is,  die  solution  first  was  driven  to  a  partial 
state  of  convergence  on  a  coarse  grid.  'Fhose  results  were 
then  used  to  initialize  a  finer  grid  by  interpolation,  and  the 
solution  was  restarted  and  carried  to  convergence.  The 
Contributors  of  N04  provided  both  solutions  (coarse  and 
fine)  to  the  working  group.  These  results  are  not  a  fully 
controlled  grid  density  study,  but  they  can  be  used  to 
illustrate  some  points. 

The  solution  on  the  coarse  grid  exhibited  a  slighdy  delayed 
recompression  at  the  shoulder,  with  a  subsequent  under- 
prediction  of  pressure  by  a  nearly-constant  margin  throughout 
the  recompression  region  to  the  trailing  edge.  This  behavior 
is  similar  to  that  of  Contribution  N09,  though  the  grid 
density  used  hi  N09  seems  more  than  adequate.  The  solution 
of  N04  on  the  fine  grid  showed  improved  acciuacy,  though 
again  there  was  a  tendency  for  consistent  under-prediction  of 
pressure  hi  tiie  recompression  region  by  a  smaller  degree 
than  was  seen  on  the  coarse  grid. 

These  data  show  the  expected  trends.  The  grid  with  high 
density,  the  "fine  grid,"  shows  improved  accuracy  in  all 
regions  of  the  flowfield.  However,  one  cannot  determine 
from  this  Figure  whether  the  "fine  grid"  density  is  adequate. 
The  benefit  from  further  increases  in  grid  density  is 
unknown.  Another  issue,  not  addressed  in  these  data,  is  the 
topology  of  the  grid,  i.e.,  the  orientation  and  structure  of  the 
grid 

Data  for  Row  2  are  pre^jented  in  Figure  3.5-101.  ITiis  Row 
of  taps  is  on  the  nozzle  upper  surface,  part  of  the  way  to  the 
side  of  the  nozzle.  The  five  contributions  for  this  set  of  data 
produced  results  consistent  with  the  previous  group  of 
comparisons.  The  experimental  data  are  sparse  for  this  case, 
but  the  Navier-Stokes  CFD  results  showed  good  agreement 
witli  the  data.  The  Euler  result  of  Contribution  EOS  showed 
the  (now)  famtiiar  over- prediction  of  the  flow  expansion  near 
the  nozzle  shoulder.  No  pressiue  taps  were  provided  close 


to  the  nozzle  exit  in  this  row,  so  accuracy  in  the  final 
recompression  region  caimot  be  assessed  with  confidence. 

Row  3  is  along  the  upper/outboard  comer  of  this  two- 
dimensional  nozzle.  The  nozzle  upper  surface  (e.g.,  Rows  1 
aad  2)  experiences  a  strong  expansion  followed  by  a  strong 
compression.  Ihe  nozzle  sidewall  (Rows  4  and  5,  not  yet 
pre,sented)  has  minimal  expansion  near  tiie  shoulder  and  a 
much  smaller  degree  of  recompression.  The  present  location, 
Row  3,  is  in  the  transition  between  these  two  tjpes  of 
beliavior.  Since  Row  3  also  is  a  geometric  transition 
between  the  upp>er  and  sidewall  surfaces,  this  is  the  location 
where  problems  in  grid  generation  would  be  most  expecteri. 

In  this  region,  one  might  expect  to  find  organized  lateral 
flows  in  response  to  the  presstue  variations  on  the  nozzle 
upper  stuface.  In  the  shoulder  region,  the  flow  will  tend  to 
migrate  from  the  sidewall  up  onto  the  nozzle,  filling  in  the 
low-pressure  expansion  region.  Farther  aft,  the  reverse  will 
occur:  the  elevated  pressures  in  the  nozzle  recompression 
region  will  drive  flow  from  the  upper  surface  toward  the 
sidewall.  These  lateral  flows  will  be  the  strongest  at  the 
present  location,  Row  3.  These  flows  also  will  tend  to  set  up 
a  system  of  streamwise  vortices  in  the  external  flow, 
emanating  from  the  comer  location  (Row  3).  For  further 
discussion  of  this  phenomenon,  the  reader  is  referred  to  the 
discussion  in  Ref.  3.5  1  and  Ref.  3,5-2. 

The  pressure  data  comparisons  for  this  Row  are  presented  in 
Figure  3.5-102.  Each  prediction  method  does  very  well 
through  the  expansion  region  of  the  nozzle  upper  surface 
(around  x/L  =  0.91).  Differences  in  accuracy  cau  be  seen, 
however,  in  the  initial  recompression  region.  In  this  region, 
the  lateral  pressure  gradients  are  reversing  direction,  shifting 
from  flow  onto  the  nozzle  upper  surface,  in  favor  of  flow  off 
the  nozzle  upper  surface.  Tlie  secondary  flow  vortices  which 
have  been  (presumabl)')  created  alongside  the  shoulder  are 
now  interacting  with  new  vortices  of  opposite  sign,  created 
in  response  to  the  change  in  the  direction  of  the  lateral 
pressure  gradients  at  the  corner  between  the  upper  surface 
aud  the  sidewall. 

Several  of  the  prediction  methods  do  quite  well  in  this 
complex  flow  region:  N04  (B-B  turbulence  nuxlel),  N02  (C-S 
and  k  e),  NIO  (J  L  modified),  Ell,  and  N12  (B-L).  The 
success  of  the  Euler  method  Ell  suggests  that  local  features 
of  viscosity  modehng  may  not  be  critical  here  -  by 
implication,  the  flows  are  locally  inviscid  depending  more  on 
viscous  layers  ahead  of  this  region,  and  on  the  imposed 
pressure  fields.  Perhaps  issues  related  to  grid  resolution  are 
more  important  than  turbulence  modeling  concerns,  for  this 
region. 

Metiiods  EOS,  N12  (B-L),  and  N13  (k-e)  experience  a 
localized  instability,  then  they  regain  their  accuracy. 
Contributions  N03  (k-e)  and  Nil  (B-L)  both  overpredict 
pressure  here.  Interestingly,  none  of  the  methods  under- 


Figure  3.5-101.  Comparison  of  Surface  Pressures  (Cp  vs.  X/L),  B.4.1,  Row  2 
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Contribution  N 12 


Figure  3.5-102  (Concluded).  Comparison  of  Surface  Pressures  (Cp  vs.  X/L),  Case  B. 4.1,  Row  3 
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predicted  pressure  in  this  region,  even  though  several  of  them 
had  underpredicted  pressure  in  the  adjacent  shoulder  region 
on  the  nozzle  upper  surface  (e.g.,  Contribnitions  N04,  Ell, 
N13). 

Row  4  is  on  tlie  nozzle  sidewall,  down  part  way  to  the  lateral 
centerline.  These  comparisons  are  presented  in  Figure  3.5- 
103.  As  mentioned  previously,  the  aftbody  sidewall  has  very 
little  contouring  up  to  the  final  recompression  region  of  the 
nozzle.  A  pressure  minimum  is  seen  around  x/L  =  0.91 
(alongside  the  shoulder  on  the  nozzle  upper  surface)  but  the 
minimum  pressure  is  much  higher  (closer  to  ambient)  than 
was  observed  for  Rows  1  and  2.  The  recompression,  too,  is 
fairly  imld. 

Ten  solutions  were  contributed  for  this  set  of  data.  Each  of 
them  does  fairly  well,  though  none  goes  through  the  data. 
Interestingly,  every  method  over-predicts  pressure  in  the 
recompression  region  (to  varying  degrees). 

The  largest  differences  among  the  methods  are  seen  close  to 
the  nozzle  exit.  Three  of  the  predictions  (N02  both 
turbulence  models,  and  N12)  show  a  pressure  upturn  here, 
while  four  of  the  predictions  (N03,  EOS,  and  NIO,  N13)  show 
a  downturn.  Experimental  data  are  not  available  to  assess 
these  differing  trends. 

The  pressure  taps  of  Row  5  lie  along  the  center  of  the 
aftbody  and  nozzle  sidewall,  i.e.,  the  horizontal  symmetry 
plane  or  sidewall  centerline  of  the  model.  Eleven  sets  of 
solution  data  were  provided.  These  surface  pressure 
comparisons  are  presented  in  Figure  3.5-104. 

The  region  near  the  nozzle  shoulder  expansion  (x/L  from 
0.88  to  0.91)  again  caused  difficulty  for  several  of  the 
predictions.  The  Euler  methods  (EOS  and  Ell)  predicted 
excessive  expansion  through  this  region.  Their  predictions 
are  remarkably  similar  here.  One  Navier-Stokes  solution 
(N09)  showed  a  delayed  pressure  rise  aft  of  the  shotilder, 
consistent  with  its  predictions  at  other  rows  of  pressure  taps. 
The  other  Navier-Stokes  CFD  methods,  if  they  were  in  error 
here,  all  predicted  pressures  too  high.  This  suggests  the 
predicted  botmdary  layer  is  thickening  too  rapidly  over  this 
curved  surface,  with  a  premature  impact  of  the  beginning 
adverse  pressure  gradient. 

In  the  recompression  region,  all  the  predictions  including  the 
Etiler  methods  matched  the  presstne  gradient  (i.e.,  the  slope 
of  the  pressure  curve).  The  data  comparisons  indicate  the 
two  Euler  method  predictions  show  accuracy  similar  to  that 
of  the  Navier-Stokes  methods  for  the  initial  recompression 
region  (say,  x/L  from  0.92  to  0.97).  This  outcome  suggests 
the  pressure  distribution  is  not  strongly  modified  by  viscous 
effects  in  this  region. 

Along  the  final  recompression  region,  in  the  range  of  (say) 
x/L  from  0.97  to  1.00,  the  experimental  data  are  sparse.  It 


appears  that  this  location  also  is  not  strongly  affected  by 
viscous  interactions,  as  the  Euler  methods  show  accuracy 
similar  to  the  Navier-Stokes  methods  (setting  aside  the 
instability  in  Contribution  Ell  at  the  nozzle  trailing  edge). 

The  experimental  data  show  a  strong  downturn  in  pressure 
near  the  nozzle  trailing  edge.  This  feature  was  captured  by 
most  of  the  methods. 

Internal  Snrface  Pressnre  Comparisons  Experimental 
data  were  obtained  for  two  rows  of  taps  in  the  internal 
stufaces  of  the  nozzle  exit  duct.  In  this  region,  the  flow  is 
subjected  to  a  sustained  favorable  pressme  gradient. 
Therefore,  viscous  modeling  does  not  (presumably) 
contribute  greatly  to  the  achieved  accuracy.  However,  the 
geometry  is  transitioning  from  a  circular  cross-section  to  a 
rectangular  section  at  the  throat  and  the  nozzle  exit  (see  1). 
This  type  of  transitional  geometry  poses  some  interesting 
problems  in  grid  generation;  which  may  have  an  impact  in 
the  predictions.  Lateral  (secondary)  internal  flows  may  be 
created  in  this  transition  region,  giving  rise  to  streamwise 
vortices.  These  vortices  will  convect  downstream  into  the 
plume  free-  shear  layer,  where  they  will  have  an  impact  on 
the  shaping  of  that  feature. 

The  internal  duct  features  a  throat,  followed  by  an  expansion 
region.  The  NPR  is  sufficiently  high  that  the  flow 
downstream  of  the  throat  remains  sujjersonic.  Therefore,  this 
can  be  viewed  as  a  problem  in  internal  flow  only.  Since  the 
exhaust  flow  is  supersonic,  the  internal  flow  is  effectively 
independent  of  the  external  flow. 

Thus,  to  stunmarize; 

•  The  boundary  layers  are  subjected  to  a  strong  favorable 
gradient  throughout  the  nozzle.  Further,  the  jet  is  ex¬ 
hausting  into  the  external  flow  with  a  static  pressure 
somewhat  above  the  freestream  static  pressure  (i.e.,  the 
boundary  layer  is  not  subjected  to  any  adverse  gradient 
at  the  nozzle  exit,  due  to  the  external  stream).  Thus, 
viscous  interactions  should  be  minunal. 

•  The  flow  becomes  supersonic  before  leaving  the  nozzle. 
Therefore,  the  internal  flow  is  effectively  decoupled  from 
the  external  flow.  This  region  can  be  viewed  as  an 
independent  internal  flow. 

»  The  geometry  transition  from  circular  to  rectangular  duct 
cross-section  with  high  aspect  ratio  may  create  problems 
in  grid  generation,  whose  intact  possibly  will  be  seen  in 
the  flow  solutions. 

•  The  sharp  acceleration  of  the  flow  from  subsonic  to 
supersonic  speeds,  and  the  presence  of  high  gradients 
due  to  wall  curvature  (particularly  in  the  throat  region), 
may  lead  to  inaccuracies  in  the  flow  sohttions. 
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Contribution  N04  Contributions  EOS  and  N 13 


Figure  3.5-103  (First  Part).  Comparison  of  Surface  Pressures  (Cp  vs.  X/L),  Case  B.4.1,  Row  4 


Contribution  Nil 


Contribution  N12 


Figure  3.5-103  (Concluded).  Comparison  of  Surface  Pressures  (Cp  vs.  X/L),  Case  B.4.1,  Row  4 


323 


Contribution  N09  (B-L  turbulence  model) 


Q  Experiment,  NASA-LaRC/PAB 
- Prediction.  NASA-LaRC.r^AB/PABSO 


Contribution  NIO 


Contribution  El  1 


Contribution  N1 1 


Figure  3.5-104  (Continued).  Comparison  of  Surface  Pressures  (Cp  vs.  X''I., ).  Case  B.4  L  Row  5 
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Figure  3.5-104  (Concluded).  Comparison  of  Surface  Pressures  (Cp  vs.  X/L),  Case  B. 4.1,  Row  5 
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•  Several  of  the  CFD  solutions  captured  a  shock-expansion 
wave  structure  in  the  nozzle,  downstream  of  the  throat. 
The  experimental  data  are  too  sparse  to  confirm  this 
wave  structure,  however  it  is  believed  the  predictions  are 
correct.  This  feature,  too,  may  be  difficult  for  some 
methods  to  residve  if  the  grid  is  sparse  or  the  waves  are 
resolved  poorly  in  the  numerical  algorithm. 

•  Near  a  strong  pressure  gradient  (i.e.,  throat  region  in  this 
i:ase)  a  numerical  solution  may  exhibit  "ringing”,  which 
is  a  spurious  oscillation  in  the  predictions.  Or,  the 
solution  may  smear  the  wave  over  a  relatively  wide 
region.  Both  of  these  are  consequences  of  the  numerical 
algorithm  for  modeling  the  underlying  acoustic- 
convective  scales  of  the  flow. 

The  data  for  Row  6  (internal  top  centerline)  are  presented  in 
Figure  3.5-105,  Several  of  the  predictions  show  the  shock- 
expansion  wave  structure  which  was  mentioned  immediately 
above.  This  flow  feature  is  seen  in  Contributions  E05,  N 10, 
Ell,  and  Nil.  Each  of  these  predictions  is  in  agreement 
with  the  sparse  experimental  data  in  the  supersonic,  nozzle. 
The  four  predictions  also  exhibit  a  consistency  among 
themselves.  Therefore,  it  is  believed  that  this  structure  does 
in  fact  exist,  and  should  be  resolved  by  the  predictions. 

Contribution  N02  was  focused  on  providing  an  economical 
solution  for  the  external  aftbody  and  nozzle  plume  flow- 
fields.  The  grid  in  the  internal  nozzle  was  recognized  as 
being  too  sparse  for  accurate  resolution  of  wave  structures. 

Contribution  N04  shows  good  agreement  with  the 
experimental  data,  but  provides  no  hint  of  the  shock- 
expansion  wave  structure.  Upon  a  query  to  the  contributors, 
it  was  established  that  the  jjost-processing  procedtue  utilized 
CFD  data  only  at  the  locations  of  the  pressure  taps.  In 
between,  a  straight  line  was  drawn.  Therefore,  the  “missing” 
wave  structure  and  apparent  coarseness  of  the  computation 
are  quite  possibly  due  to  the  post-processing  scheme,  and  do 
not  represent  the  underlying  flow  solution. 

Contribution  N03  resolves  throat  acceleration  and  hints  at  the 
presence  of  wave  structures.  However,  the  gradients  are 
smeared  over  a  significant  distance,  indicating  that  a  high 
level  of  numerical  dissipation  may  have  been  employed  for 
this  region. 

Interestingly,  the  Euler  solution  E05  appears  to  resolve  the 
throat  expansion  better  than  the  companion  Navier-Stokes 
solution,  N13.  This  may  indicate  a  high  level  of  numerical 
dissipation  in  N13,  or  perhaps  a  lesser  state  of  convergence 
due  to  the  high  computing  requirements  of  the  Navier-Stokes 
methodology.  However,  E05  shows  a  possible  "ringing” 
upstream  of  the  throat.  Interestingly,  E05  shows  better 
accuracy  at  the  first  supersonic  data  point  (x/L  =  0.91)  but 
the  Navier-Stokes  solution  N13  shows  better  agreement  at 
other  supersonic  points.  This  is  probably  a  fortuitous  (non¬ 


significant)  outcome,  which  is  dependent  on  the  underlying 
supersonic  wave  system. 

Contributions  NIO,  Ell,  and  NH  all  do  very  well  in  this 
flowfield.  Several  of  the  solutions  show  a  small  upward 
deviation  in  pressure  at  X/L=‘0.89  to  0.90,  before  the  sharp 
expansion  begins.  This  positive,  “bhp”  is  due  to  the  inward 
turn  of  the  nozzle  internal  wall,  which  was  performed 
abruptly  in  the  test  article  and  in  most  of  the  CFD  models. 
Thus,  the  positive  deviation  seems  physically  plausible,  and 
should  not  be  taken  as  an  indication  of  a  numerical 
oscillation. 

Contribution  N12  provides  good  accuracy  at  the  throat. 
Downstream,  tlie  agreement  with  experimental  data  is  fair 
and  the  wave  structure  is  not  captured.  Perhaps  this  is  due 
to  using  a  coarse  grid,  or  high  numerical  dissipation. 

Row  7  is  the  nozzle  sidewall  (lateral)  centerline.  Along  tills 
Une,  the  wall  is  essentially  straight.  The  pressure  variations 
are  due  to  the  ctuvature  of  the  upper  and  lower  walls. 

Tlie  siuface  pressure  comparisons  for  Row  7  are  presented  in 
Figure  3.5-106.  These  data  are  generally  consistent  with  the 
data  for  Row  6,  which  were  just  discussed.  The  experimental 
data  are  quite  sparse  (four  presstue  taps).  As  before,  some  of 
the  solutions  consistently  show  a  shock- expansion  wave 
structure  in  tlie  supersonic  nozzle  flow,  which  cannot  be 
confirmed  based  on  the  sparse  experimental  data.  However, 
for  the  reasons  given  above  this  feature  (shock-expansion 
train  in  the  nozzle)  is  believed  to  be  present. 

As  was  noted  above,  the  grid  for  Contribution  N02  is 
relatively  coarse  inside  the  nozzle,  and  yielded  a  low 
resolution  solution.  The  post-processing  method  for 

Contribution  N04  utilized  CFD  data  only  at  tlie  experimental 
pressure  tap  locations  -  good  agreement  is  seen  at  those 
points,  but  the  plots  do  not  represent  any  featiues  in  the 
predictions  in  between  the  experimental  data  points. 

Contribution  N03  shows  good  agreement  with  the  test  data, 
and  a  relatively  “soft”  system  of  expansions  and 
compressions  inside  the  nozzle. 

The  Euler  solution  of  Contribution  EOS  shows  very  good 
agreement  with  the  data;  noticeably  better  than  the 
companion  Navier-Stokes  solution  N13.  One  could  speculate 
(as  before)  that  the  N13  solution  is  penalized  by  high 
numerical  dissipation  and/or  a  slow  convergence,  rate 
compared  with  the  Euler  solution. 

Two  solutions  (NIO  and  Ell)  are  in  agreement  with  the 
limited  experimental  data,  and  tliey  clearly  show  the  internal 
shock-expansion  wave  structure.  Contribution  Nil  also 
suggests  the  presence  of  the  wave  structure,  though  not  as 
strongly  as  in  NIO  and  Ell.  Contribution  N12  is  in  gcx)d 


Contribution  N04  (Coarse  Grid) 


Contribution  N04  (Fine  Grid) 


Figure  3.5-105  (First  Part).  Comparison  of  Surface  Pressures  (P/Ptj  vs.  X/L),  Case  B.4.1,  Row  6 


Figure  3.5-105  (Continued).  Comparison  of  Surface  Pressures  (P/Ptj  vs.  X/L),  Case  B.4.1,  Row  6 


Figure  3.5-106  (First  Part).  Comparison  of  Surface  Pressures  (P/Ptj  vs.  X/L),  Case  B.4.1,  Row  7 


Contribution  Ell 


Contnbution  N1 1 


Figure  3.5-106  (Continued).  Comparison  of  Surface  Pressures  (P/Ptj  vs.  X/L),  Case  B.4. 1 ,  Row  7 
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agreement  with  the  test  data,  though  there  is  no  hint  of  the 
(presumed)  shock-expansion  waves  downstream  of  the  throat. 

In  general,  the  internal  flow  predictions  did  not  show  the 
accuracy  that  might  be  expected  in  a  flow  with  a  sustained 
favorable  pressure  gradient,  in  a  nozzle  which  is  flowing  fuU. 
Several  of  the  contributors  commented  that  they  used  only  a 
coarse  grid  for  the  internal  nozzle,  thus  enabling  them  to 
provide  higher  resolution  in  the  external  flow  while 
minimizing  the  total  cost  of  the  CFD  solutions.  Based  on 
the  higher-resolution  results,  it  appears  that  an  internal 
structure  of  shock-expansion  waves  is  present  inside  the 
nozzle.  The  need  for  resolving  this  wave  system  is 
tmknown,  in  terms  of  impact  on  the  flow  predictions  for  the 
plume  and  the  external  nozzle. 

Plnme  Flowfleld  Comparisons  -  The  next  portion  of  this 
discussion  is  directed  toward  the  plume  flowfields,  in 
particular  the  free  shear  layer  or  mixing  layer  between  the  jet 
and  the  external  stream.  Experimental  data  were  obtained  by 
Pitot  probe  surveys  at  three  axial  locations:  the  nozzle  exit 
(X/L  =  1.00),  and  at  two  downstream  locations  (X/L  =■  1.08 
and  1.16).  The  surveys  at  the  nozzle  exit  could  be  viewed  as 
estabUshing  the  flow  properties  at  the  beginning  of  the 
plimie,  where  the  viscous  layer  is  mainly  the  aftbody-nozzle 
external  boundary  layer.  Comparisons  with  the  data  at  this 
location  serve  to  confirm  the  acciuacy  of  predicting  the 
external  flow  and  the  jet  exit  flow  approaching  the  nozzle 
exit. 

The  two  downstream  meastirement  locations  serve  to 
establish  the  ability  to  predict  the  plume  mixing  layer,  This 
region  is  a  difficult  test  of  the  turbulence  models.  Further, 
accuracy  here  is  dependent  on  accuracy  in  predicting  the 
upstream  flows  -  in  particular,  the  upstream  tinbulent 
boundary'  layer  properties  and  the  existem:e  of  any  stream- 
wise  vortices  in  the  free  shear  layer. 

Several  types  of  data  are  available  to  assess  the  modeling  of 
this  plume  flowfield.  First,  a  CFD  prediction  wiU  be 
presented  of  the  velocity  vector  field  at  the  nozzle  exit. 
Next,  a  qualitative  (visual)  comparison  will  be  made  of 
experimental  surveys  and  CFD  predictions  defining  the 
plume  shape  at  the  downstream  measurement  location  (X/L 
=  1.16).  Finally,  quantitative  comparisons  will  be  made 
between  test  data  and  predictions  for  two  circtunferential 
survey  angles,  at  aU  three  axial  siuvey  stations. 

This  can  be  viewed  as  a  demanding  prediction  for  the  CFD 
methods.  Clearly,  the  flows  in  the  plume  and  the  free  shear 
layer  depend  on  the  accuracy  of  the  upstream  predictions. 
Several  other  complicating  factors  also  are  present: 

•  Turbulence  models  have  uncertain  accuracy  for  phunes 
and  free  shear  layers,  in  general. 


•  Most  turbulence  models  contain  additional  terms  which 
differ  between  axisymmetric  and  planar  free,  shear  layers. 
The  combination  of  planar  flows  and  lateral  curvature  in 
the  Case  B.4  free  shear  layer  thus  poses  a  particular 
challenge. 

•  The  free  shear  layers  feature  periodic  interactions  with 
the  shock-expansion  wave  structure  inside-  the  supersonic 
jet.  These,  interactions  create  internal  pressure  gradients 
in  tile  mixing  layer  which  additionally  tax  the  turbulence 
models. 

•  The  large  gradients  present  in  the  plume,  both  axially 
and  laterally,  mean  that  high  grid  density  must  be 
provided  for  their  resolution.  If  adequate  grid  is  not 
provided,  accuracy  wiU  be  compromised.  If  a  high 
density  grid  is  used,  the  solution  convergence  rate  will 
be  penalized  and  (perhaps)  numerical  modeling 
deficiencies  will  come  to  the  fore. 

The  crossflow  velocity  vectors  in  the  nozzle  exit  plane,  as 
predicted  in  Contribution  N03,  are  presented  in  Figure  3.5 
107.  In  the  emerging  jet  flow  (lower  left  portion  of  the 
Figure),  the  flow  has  a  slight  upward  angle.  This  is  due  to 
the  slope  of  the  upper  and  lower  walls  of  the  internal  nozzle. 

The  internal  flow  also  shows  a  clear  counter-clockwise 
rotation  along  the  internal  nozzle  sidewall,  below  the 
junction  with  the  internal  upper  wall  (lower  center  portion  of 
the  Figure).  'Fhis  is  clear  evidence  of  a  predicted  streamwise 
vortex,  prestunably  arising  due  to  lateral  pressure  gradients 
from  the  internal  nozzle  shape  transition  and  the  ciuvature  of 
the  internal  upper  and  lower  walls. 

The  external  flow  (center  of  the  Figure)  shows  a  significant 
clockwise-rotating  vortex.  This  streamwise  vortex, 
presumably,  was  created  m  the  nozzle  recompression  region 
as  the  flow  “spUled”  over  the  sidewall  from  the  more 
contoured  upper  wall. 

The  external  flow  takes  a  general  trend  away  from  the  nozzle 
axis.  This  is  taken  to  be  a  result  of  the  general  compression 
of  the  external  flow  which  is  occurring  on  the  nozzle  stuface 
at  this  location. 

The  experimental  plume  free  shear  layer  was  extensively 
surveyed  at  the  downstream  location,  X/L  -  1.16.  CFD 
prexfictions  at  this  location  were  provided  by  seven 
contributors.  These  data  are  presented  in  Figure  3.5-108. 
For  reference,  the  Pitot  probe  survey  locations  for  the 
quantitative  comparisons  (foUowing)  also  are  noted  on  tliis 
Figure. 

The  experimental  data  show  a  fairly  thick  free  shear  layer  has 
formed  at  this  location.  However,  a  clear  inviscid  core 
persists  in  the  plume.  The  curvature  of  the  vertical  portion 
of  the  free  shear  layer  (the  portion  which  emerged  from  the 


Figiire  3.5-107.  Predicted  Plume  Velocity  Vectors,  Case  B.4.1,  X/L=1.00  (Nozzle  Exit  Station) 


Contribution  Ell 


Figure  3.5-108  (Concluded).  Predicted  Plume  Pitot  Pressure  Contours,  Case  B.4.1,  X/L=1.16 


336 


nozzle  sidewall)  suggests  the  shape  is  being  modified  by  a 
clockwise,  rotating  vortex.  This  vortex  (presumably)  came 
from  the  spillage  of  flow  from  the  nozzle  upper 
(compression)  surface  over  to  the  sidewall  in  the  nozzle 
recompression  region. 

The  CFD  predictions  all  show  a  thinner  free  shear  layer, 
compared  with  the  experimental  data.  Generally,  the  outer 
extent  of  the  free  shear  layer  is  predicted  about  right,  but  the 
inward  spread  of  the  mixing  layer  is  significantly  under¬ 
predicted,  ITie  influence  of  a  chxikwise  vortex  can  be  seen 
in  these  predictions. 

Quantitative  comparisons  are  presented  next,  based  on  the 
experimental  Pitot  probe-  surveys  at  two  circumferential 
locations.  The  first  location,  tj)j=24.3°,  passes  througli  the 
plume  comer  interaction  (see  Figure  3.5-108  for  location 
reference).  This  is  a  particularly  complex  portion  of  the 
flow,  which  poses  several  problems  for  CFD  predictions. 
The  second  location,  <1)2=69.2°,  passes  through  the 
(generally)  planar  portion  of  the  upper  free  shear  layer. 

These  comparisons  are  made  in  temis  of  Pitot  pressure, 
which  is  the  measurement  obtained  by  a  simple  measurement 
probe.  At  subsonic  speeds,  the  Pitot  pressure  is  the  same  as 
the  total  pressure.  At  supersonic.  spee<ls,  the  Pitot  presstue 
and  the  total  pressure  differ  because,  a  normal  shock  stands 
immediately  ahead  of  the  (blunt)  measurement  probe.  The 
total  pressure  in  the  flow  (ahead  of  the  probe  and  its 
associated  normal  shock)  is  reduced  by  flowing  through  the 
probe  shindoff  shock.  The  probe  measures  the  total  pressure 
behind  the  standoff  shock,  called  the  Pitot  pressure. 
However,  in  the  absence  of  the  probe,  the  flow  at  that 
location  would  be  at  the  local  total  pressure,  not  the 
measured  Pitot  pressure.  The  Pitot  presstire  depends  on  the 
local  total  pressure,  and  the  local  Mach  mmiber  (i.e.,  the 
strength  of  the  nonnal  standoff  shock). 

The  first  set  of  comparisons  (Figure  3.5-109)  are  located  at 
the  nozzle  exit  plane,  X/L  =  1.00.  These  comparisons  can  be 
viewed  as  an  assessment  of  accuracy  in  predicting  the  flows 
over  the  aft  portion  of  the  nozzle.  The  ability  to  predict  the 
free  shear  layer  is  not  assessed  in  these  first  comparisons. 

The  data  at  this  location  have  the  following  characteristics, 
starting  from  the  nozzle  axis  (the  lower  limit  of  each  plot); 

a)  The  nearly  uniform  core  of  the  jet  flow. 

b)  The  outer  edge  of  the  internal  boundary  layer,  seen  as  a 
gradual  reduction  of  velocity  over  several  of  the  closely- 
spaced  data  points. 

c)  The  large  velocity  jump  due  at  the  boundary  between  the 
internal  and  external  streams. 


d)  The  velocity  deficit  of  the  external  boundary  layer, 
which  gradually  recovers  to  the  uniform  external  free 
stream. 

Most  of  the  methods  capture  the  Pitot  pressure  at  the  jet 
core.  The  experimental  data  clearly  show  that  the  Pitot 
pressure  at  the  jet  axis  is  slightly  reduced;  a  short  distance 
from  the  axis  tire  Pitot  pressure  is  higher.  This  is  a 
consistent  result  in  the  experimental  data,  and  it  is  seen  in 
several  of  the  predictions  as  well  (N03,  N04,  NIO,  Nil), 
This  lower  Pitot  pressure  means  tliat  either  the  total  pressme 
is  lower  on/near  the  axis,  or  the  Mach  number  is  higher 
(leading  to  elevated  losses  as  the  flow  passes  through  the 
nonnal  shock  ahead  of  the  measuring  probe). 

Some  of  the  CFD  flow  predictions  indicated  that  a  shock- 
expansion  wave  system  may  exist  inside  the  nozzle  (but  this 
cannot  be.  established  with  the  available  experimental  data). 
In  that  event,  it  is  possible  that  higher  total  pressure  losses 
may  have  occurred  along  the  axis  of  the  jet  due  to  repeated 
crossings  of  the  shock  waves  in  this  prestmied  internal  wave 
system.  Further,  it  seems  plausible  that  some  of  the  shock 
intersection  on  the  axis  of  the  internal  nozzle  may  have 
Mach-type  reflections  on  the  sj-nmietry  axis,  producing  a 
small  nonnal  shock  rather  than  two  crossing  oblique  shocks. 
While  this  discussion  is  based  on  limited  evidence,  such  an 
interaction  could  account  for  a  deficit  in  total  pressure  with 
a  well-defined  boundary  in  the  experimental  data,  and  in 
some  of  the  CFD  solutions. 

The  distance  from  the  jet  axis  to  the  inner  edge  of  the 
mixing  layer  (i.e.,  die  Itigh  pressure  plateau)  is  predicted 
accurately  by  all  methods.  This  is  only  to  be  expected,  since 
the  loc'-ation  is  immediately  at  the  jet  exit. 

The  mixing  layer  has  minimal  tliickness  at  this  location.  The 
outer  edge  of  the  mixing  layer  clearly  shows  the  velocity 
deficit  of  the  external  nozzle  boundary  layer.  One  of  the 
Failer  methods  (El  1)  shows  a  clear  example  of  “ringing”  at 
both  limits  of  die  free-  shear  Fjer, 

Next,  we  will  consider  the  velocity  deficit  from  the  external 
boundary  layer  (normalized  distance  y  >  2.8  for  (j)j,  y  >1.2 
for  <!>2).  Since  the  free  shear  layer  only  forms  at  this  point, 
and  therefore  has  not  evolved  at  all,  these  comparisons  in 
some  sense  pertain  more  to  the  accuracy  of  modeling  the 
external  nozzle  wall  boimdary  layer,  rather  than  the  free 
shear  layer. 

The  Euler  methods  E05  and  Ell,  as  would  be  expected,  are 
in  poor  agreement  with  the  data  Most  of  the  Navier-Stokes 
methods  did  well  here  (the  reader  is  reminded  that  the 
boundary  layer  remains  attached  for  this  case). 

Most  of  the  methods  produce  the  correct  asymptotic  value  of 
uniform  Pitot  pressure  (or  total  pressure,  since  the  flow  here 
is  subsonic).  It  is  puzzling  to  note  that  the  data  from  con- 


Contribution  N04  (Fine  Grid) 


Contributions  EOS  and  N13 


Figure  3.5-109  (First  Part).  Comparison  of  Plume  Pitot  Pressures,  Case  B.4.1,  X/L=1.00  (Nozzle  Exit  Station) 


Contribution  Nil 


Contribution  N 12 


Figure  3.5-109  (Concluded).  Comparison  of  Plume  Pitot  Pressures  (P'/Pt,iof  vs  R),  Case  B.4.1,  X/L=1.00 

(Nozzle  Exit  Station) 
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tributioa  Ell,  however,  arrive  at  a  different  value  far  from 
the  jet. 

At  the  next  measurement  station  (x/L  =  1.08)  the.  free  shear 
layer  evolution  has  begun.  Pitot  pressure  comparisons  at  this 
station  are  presented  in  Figure  3.5-110.  The  features  of  the 
flowdield  at  this  point  include; 

•  The  Pitot  pressure  at  the  jet  axis  is  somewhat  reduced 
from  that  at  points  surrounding  the  axis.  This  may  be 
due  to  reduced  total  pressure  on  the  axis,  or  elevated 
Mach  number. 

•  A  clearly  defined  free  shear  layer  exists,  between  the  jet 
inviscid  core  and  the  external  freestream, 

•  A  velocity  deficit  remnant  of  the  external  nozzle  botmd- 
ary  layer  remains  at  the  outer  edge  of  the  free  shear 
layer. 

Both  Euler  methods  under-predict  the  Pitot  pressure  in  the 
core  of  the  jet.  If  we  can  presume  the  flow  to  be  inviscid 
here  (i.e.,  no  total  pressure  losses  up  to  this  point),  then  this 
discrepancy  must  be  due  to  the  predicted  Mach  number  being 
too  high,  or  therefore  the  static  pressure  is  too  low. 

The  Pitot  pressure  at  the  inviscid  core  of  the  jet  is  predicted 
accurately  by  most  of  the  Navier-Stokes  methods.  Most  of 
these  contributions  also  show  increasing  Pitot  pressure  in  the 
jet  core,  moving  away  from  the  axis. 

None  of  the  methods  did  particularly  well  at  the  free  shear 
layer.  Contribution  Ell  again  shows  classical  “ringing"  at 
both  limits  of  the  mixing  layer.  All  of  the  Navier-Stokes 
methods  placed  the  inner  edge  of  the  free  shear  layer  too  far 
from  the  jet  axis  -  i.e.,  inadequate  inward  spreading.  They 
did  much  better  at  locating  the  outer  edge  of  the  mixing 
layer. 

One  can  only  speculate  at  the  reasons  for  this  consistent  bias 
among  all  the  predictions.  The  results  nevertheless  are 
entirely  consistent.  This  behavior,  however,  has  been  noted 
(indeed,  it  is  a  classical  result)  in  comparing  predictions  for 
planar  and  axisymmetric  jet  mixing  layers.  In  general, 
turbulence  models  which  are  accurate  for  planar  free  shear 
layers,  predict  an  inadequate  inward  spreading  rate  for 
axisymmetric  free  shear  layers.  To  compensate  for  this, 
additional  terms  may  be  added  to  the  turbulence  model.  This 
observation  leads  to  the  suggestion  that  the  present  mixing 
layer,  at  least  at  its  inner  edge,  “behaves”  more  like  an 
axisymmetric  layer  rather  than  a  planar  layer.  It  also  may  be 
that  the  streamwise  vortices  present  in  the  flow  are  enhancing 
the  mixing  rate  preferentially  in  the  inward  direction. 

The  final  set  of  comparisons  is  for  the  downstream  station, 
x/L  =  1.16.  These  comparisons  are  presented  in  Figure  3.5- 
111.  The  reader  is  reminded  that  contotir  plots  of  Pitot 


pressure,  in  the  crossflow  plane,  were  presented  previously 
(see  Figure  3.5-108). 

The  experimental  data  indicate,  the  following  features  in  the 
flowfield  at  this  station: 

•  The  plume  retains  an  inviscid  core.  The  Pitot  pressure 
is  slightly  lower  on  the  jet  axis,  compared  with  nearby 
points  in  the  inviscid  portion  of  the  jet. 

•  The  free  shear  layer  is  being  modified  under  the  influ¬ 
ence  of  streamwise  vortices  which  were  generated  on  the 
internal  and  external  nozzle  surfaces. 

•  The  outer  edge  of  the  free  shear  layer  shows  no  remain¬ 
ing  trace  of  the  velocity  deficit  from  the  external  nozzle 
wall  boundary  layer. 

The  results  at  this  location  are  consistent  with  the  observa¬ 
tions  at  the  previous  location.  The  distinguishing  aspect  of 
the  comparisons  is  that  the  inward  spreading  rate  of  the  free 
shear  layer  is  predicted  too  low,  by  a  significant  degree. 
This  deficiency  is  seen  in  every  Navier-Stokes  contribution, 
to  varying  degrees.  Speculation  as  to  the  reasons  for  this 
behavior  in  the  predictions  was  presented  previously. 

Several  of  the  methods  als<j  underpredict  the  outward 
spreading  rate,  particularly  at  the  circumferential  location  4^. 
Five  contributions,  N02,  N03,  N04,  Nil,  and  N12,  show  a 
lingering  velocity  deficit  at  the  outer  edge  of  the  free  shear 
layer.  This  suggests  that  the  tiubulent  mixing  is  imder- 
predicted  at  the  outer  free  shear  layer,  apart  from  any  issue 
as  to  whether  the  inner  mixing  process  is  better  represented 
by  planar  or  axisymmetric  turbulence  model  techniques. 

Pressure  Drag  -  Experimental  data  are  not  available, 
therefore  a  quantitative  assessment  of  pressure  drag  cannot  be 
provided.  However,  some  interesting  observations  can  be 
made  based  on  the  distribution  of  pressiue  drag  buildup. 

This  pressure  drag  buildup  is  the  integrated  pressure  force,  in 
the  drag  direction,  from  a  location  forward  of  the  nozzle  up 
to  any  station  in  question.  In  mathematical  terms,  the 
quantity  can  be  defined  as: 

C„^x/L)=f^'-  C,  .  diAJA^) 


In  this  equation,  IpR^o  is  a  unit  vector  in  the  drag  direction, 
A  is  a  vector  differential  of  area,  and  Aj^^  (scalar) 

value  of  the  maximum  forebody -afterbody  cross-section  area, 
used  to  normalize  the  drag  coefficient.  Thus,  the  integrated 
pressiue  drag  to  the  nozzle  exit,  C|;)p(X/L=1.00),  is  the  total 
pressure  drag  on  the  aftbody  and  nozzle.  However,  the 
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Figure  3.5-1 10  (First  Part).  Comparison  of  Plume  Pitot  Pressures,  Case  B.4.1,  X/L=1.08 
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Figure  3.5-110  (Concluded).  Comparison  of  Plume  Pitot  Pressures  (P'/Pt,inf  vs  R),  Case  B.4.1, 
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Figure  3.5-11 1  (First  Part).  Comparison  of  Plume  Pitot  Pressures  (P'/Pt,inf  vs  R),  Case  B.4.1,  X/L=1.16 
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Figure  3.5-111  (Concluded).  Comparison  of  Plume  Pitot  Pressures  (P'/Pt,infvs  R),  Case  B.4.1 
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distributioa  of  drag  at  intermediate  value  of  x/L  can  be 
instructive. 

Three  contributors  provided  plots  of  the  buildup  of  pressure 
drag,  for  Case  B.4.1.  These  data  are  presented  in  Figure  3.5- 
112.  Of  course,  a  similar  plot  (or  total  drag  value)  is  not 
available  from  experimental  sources  to  assess  these  predic¬ 
tions. 

Each  Contribution  presents  a  similar  trend:  the  pressure  drag 
builds  up  rapidly  over  the  initial  portion  of  the  afterbody, 
where  the  pressures  are  below  ambient  and  the  geometry 
presents  rearward-facing  siufaces.  The  drag  drops  in  the 
recompression  region,  as  the  pressure  begins  to  exceed  the 
ambient  value.  The  three  contributions  (foin,  counting  the 
coarse/fine  grid  variations  in  Contribution  N04)  aU  have  the 
same  shape  of  the  ciuve,  but  they  each  reach  different 
maximum  values  before  the  integrated  drag  begins  to  drop. 

Two  of  the  contributions,  N03  and  N12,  reach  similar  values 
of  Cpp  ~  0.030  at  x/L  =1.00  (i.e.,  the  total  pressure  drag  on 
the  aftbody  and  nozzle).  The  third  contribution,  N04, 
reaches  a  significantly  lower  value  of  about  0.012.  Inter¬ 
estingly,  the  net  pressure  drag  from  Contribution  N04  on  the 
coarse  grid  is  significantly  higher  than  the  final  value  on  the 
fine  grid  (about  0.020  vs  0.012). 

3.5.4.2  CaseB.4.2 

The  geometry  for  Case  B.4.2  is  identical  to  the  previous 
case,  B.4.1.  Tlie  jet  conditions,  too,  are  identical.  The  only 
difference  is  the  Mach  number,  which  is  now  0.94  instead  of 
0.60. 

For  this  case,  the  external  flow  accelerates  to  supersonic 
speeds  as  it  flows  over  the  shoulder  onto  the  nozzle.  The 
flow  then  shocks  down  to  subsonic  speeds,  with  a  strong 
shock-boundary  layer  interaction.  The  surface  pressure- 
contours  for  this  case  are  presented  in  Figure  3.5-1 13. 

The  Mach  number  field  in  the  vertical  symmetry  plane  is 
presented  in  Figiue  3.5-114.  The  two  CFD  predictions  for 
this  Figiue  are  in  good  agreement,  showing  a  strong  shock 
wave  standing  on  the  shoulder  about  x/L  =  0.93.  This  shock 
is  of  sufficient  strength  to  separate  the  boundary  layer.  The 
boundary  layer  then  remains  separated  past  the  nozzle 
trailmg  edge. 

These  features  in  the  vertical  symmetry  plane  are  also 
revealed  in  visualizations  of  the  local  velocity  vectors  and 
the  static  pressure  field  (Figure  3.5-115).  Due  to  the  exten¬ 
sive  flow  separation,  the  extemal  flow  aft  of  the  shock  wave 
does  not  foUow  the  nozzle  contoiu.  The  effective  aerody¬ 
namic  flow  angle  is  substantially  less  than  the  geometric 
-  angle.  Only  a  very  weak  recompression  occius.  In  this 


nozzle  region  of  separated  flow,  the  pressure  gradients  are 
quite  mild. 

The  nozzle  sidewall  has  very  little  contouring.  Only  a  slight 
expansion  shoulder  is  present,  and  the  geometry  converges  at 
a  shallow  angle  to  the  nozzle  trailing  edge.  Predicted  off 
body  flow  properties  in  this  region  (horizontal  symmetry' 
plane)  are  presented  in  Figiue  3.5-1 16.  A  weak  shock  can  be 
noted  at  the  shoulder  region.  In  the  adverse  pressiue 
gradient  region,  from  the  shoulder  shock  to  the  nozzle 
trailing  edge,  the  boundary  layer  thickens  substantially. 
However,  no  extensive  flow  separation  occius  (indeed,  it  may 
be  there  is  no  flow  separation  at  aU). 

Graphics  illustrating  the  flows  on  the  nozzle  surface  are 
presented  in  Figure  3.5-117.  The  data  from  Contribution 
NOS  show  the  region  of  predicted  flow  separation,  illustrated 
by  distinctive  shading  on  the  nozzle  upper  surface.  Off-body 
flow  properties  in  both  symmetry  planes  also  are  presented. 
The  data  from  Contribution  NIO  simulate  a  classical  oil  flow 
test.  These  data  clearly  show,  based  on  the  NIO  results,  that 
the  boundary  layer  is  separated  laterally  all  along  the  nozzle 
upper  surface,  with  a  complex  recirculation  region  noted 
afterward.  However,  the  flow  remains  attached  in  these  data 
along  the  sidewall. 

The  contouring  on  the  sidewall  of  the  nozzle  is  much  less 
severe,  consequently  the  pressure  variations  also  are  weaker. 
As  a  result  of  this  disparity,  the  flow  interactions  are  highly 
three  dimensional  along  the  comer  between  the  nozzle 
upper/lower  surfaces  (significant  pressiue  variations)  and  the 
sidewall  (minimal  pressure  variations).  This  is  particularly 
true  in  the  region  downstream  of  the  shock-boundary  layer 
interaction,  where  the  boundary  layer  is  separated. 

These  data  show  that  the  flows  in  Case  B.4.2  are  substan¬ 
tially  more  complex  than  those  in  the  preceding  case.  Super¬ 
critical  flow  is  present  with  strong  shock  waves,  and  a  strong 
three-dimensional  shock-boundary  layer  interaction  is 
present. 

Comparison  of  External  Surface  Pressures  -  Data  compar¬ 
isons  for  Row  1,  on  the  top  centerline  of  the  nozzle,  are 
presented  in  Figiue  3.5-118.  Twelve  CFD  contributions  were 
provided  for  this  data  set. 

The  flow  along  the  top  centerline  features  a  strong  expansion 
to  a  value  of  Cp==-0.55,  terminated  by  a  relatively  strong 
shock  which  immediately  raises  the  pressure  coefficient  to, 
say,  -0. 15.  Based  on  both  the  experimental  pressure  data  and 
the  CFD  predictions,  this  shock  causes  immediate  and 
extensive  separation  of  the  boimdary  layer  across  most  of  the 
nozzle  upper  surface.  The  boundary  layer  remains  separated 
past  the  end  of  the  nozzle.  In  this  region,  only  a  weak  added 
pressure  rise  occurs,  reaching  Cp-0  at  the  nozzle  trailing 
edge. 
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Figure  3.5-1 14.  Predicted  Off-Body  Mach  Number  Contours,  Case  B.4.2,  Vertical  Symmetry  Plane 
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Figure  3.5-1 15.  Predicted  Off-Body  Velocity  and 


Pressure,  Case  B.4.2,  Vertical  Symmetry  Plane 
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Figure  3.5-116.  Predicted  Ofif-Body  Flow,  Case  B.4.2,  Horizontal  Symmetry  Plane 
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Figure  3.5-1 18  (First  Part).  Comparison  of  Surface  Pressures  (Cp  vs.  X/L),  Case  B.4.2,  Row  1 
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Figure  3.5-1 1 S  (Continued).  Comparison  of  Surface  Pressures  (Cp  vs.  X.-E),  Case  B.4.2,  Row  1 
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Figiire  3.5-118  (Concluded).  Comparison  of  Surface  Pressures  (Cp  vs.  X/L),  Case  B.4.2,  Row  1 
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'The  two  Euler  contributions,  E05  and  Ell,  both  agree  well 
with  the  experimental  data  through  the  initial  expansion 
region,  up  to  the  shock  location.  However,  they  each  place 
the  shock  too  far  downstream,  and  therefore  the  predicted 
flow  continues  to  expand  well  past  the  point  where  the  shock 
is  standing.  Both  Euler  methods  place  the  shock  at  about 
x/L~0.95,  and  the  predicted  shock  is  far  too  strong.  Conse¬ 
quently,  the  pressmre  rises  too  high  behind  the  shock,  and 
continues  to  rise  slowly  to  the  nozzle  exit  plane.  Contribu¬ 
tion  Ell  exhibits  numerical  “ringing”  behind  the  shock. 

From  these  results,  we  can  conclude  that  the  viscous  effects 
are  not  important  in  the  initial  expansion  region.  However, 
viscous  effects  play  an  important  role  in  establishing  the 
location  of  the  shock  and  its  strength. 

The  Navier-Stokes  methods  all  experienced  difficulty  with 
this  case.  Several  of  them,  for  example,  placed  the  shock  too 
far  downstream  and  consequently  they  over-predicted  the 
shock  strength  {N03,  N04,  N09  B-L,  and  N 13).  Presumably, 
this  occurred  because  the  strength  of  the  viscous  flow 
modification  behind  the  shock  was  underpredicted.  Interest¬ 
ingly,  Contribution  N02  provided  very^  go<5d  results  through 
the  expansion  region,  and  it  located  the  shock  more  accu¬ 
rately  than  several  of  the  other  methods,  using  the  (simple) 
algebraic.  Cebeci-Smith  (C-S)  turbulence  model.  With  the  k- 
e  model,  the  shock  was  placed  too  far  aft  and  it  was  as  a 
result  too  strong.  Contribution  NOP  did  very  well  indeed 
with  the  one-equation  Baldwin-Barth  (B-B)  turbulence 
model;  the  same  algorithm  on  the  same  grid,  using  the 
algebraic  Baldwin-Lomax  (B-L)  model  did  quite  poorly. 
Contribution  NIO,  using  a  two-e(3uation  Jones-Launder  (J  L) 
model,  predicted  the  expansion  and  shock  very  well,  and  did 
a  credible  job  in  the  separated  flow  region  from  the  shock  to 
the  nozzle  exit.  The  same  comments  also  may  be  applied  to 
Contribution  Nil,  though  it  did  not  do  quite  as  well  as  NIO 
in  the  separated  region  aft  of  the  shock. 

The  outcome  of  these  initial  comparisons  is  confusing.  No 
correlation  can  be  made  with  the  level  of  turbulence  model¬ 
ing.  Very  g(X)d  residts  were  achieved  with  algebraic  models, 
one-equation  models,  and  two-equation  models.  Each  class 
of  turbulence  model  also  did  poorly  in  other  contributions. 

The  flow  characteristics  along  Row  2  are  similar  to  the 
previous  results  for  Row  1.  These  latter  results  are  presented 
in  Figiue  3.5-119.  The  experimental  data  are  quite  sparse, 
and  they  do  not  define  very  well  the  expansion  region,  or  the 
shock  location  and  strength.  In  general,  the  outcome  is  the 
same  as  the  previous  comparisons  (Row  1). 

This  figure  illustrates  the  manner  in  which  CFD  analysis 
complements  experimentation.  The  test  data  for  this  row  are 
sparse,  but  they  depict  (apparently)  a  relatively  benign 
flowfield  of  nearly  constant  pressure.  The  CFD  data  show 
that  in  fact  a  shock  of  significant  strength  is  present  in  this 


row,  and  the  experimental  data  suggesting  benign  conditions 
are  misleading,  based  entirely  on  the-  tap  locations. 

Row  3  lies  along  the  comer  between  the  nozzle  upper  surface 
and  the  sidewall.  This  region  features  high  lateral  curvature, 
and  lateral  pressure  gradients  due  to  the  relatively  benign 
curvatiue  of  the  sidewall  in  contrast  with  the  high  pressure 
variations  due  to  curvature  of  the  upper  wall.  Due  to  the 
presence  of  high  curvature  in  the  lateral  direction,  this  region 
might  pose  difficulties  in  grid  generation  for  some  methods. 
These  comparison  data  are  presented  in  Figure  3.5-120. 

The  genera]  feahues  of  the  flow  are  similar  to  those  dis¬ 
cussed  previously.  The  strong  shock  is  in  about  the  same 
location,  with  about  the  same  strength.  TTie  flow'  appears  to 
be  separated  from  the  shock  to  the  nozzle  exit,  with  its 
presstue  over  that  region  rising  slowly  to  the  freestream 
ambient  pressrue. 

Eight  CFD  solutions  were  contributed  for  comparison  with 
this  set  of  data.  AU  the  contributions  show  afxurale  predic¬ 
tions  in  the  initial  expansion  region,  forward  of  the  shock. 
The  Euler  contribution  (EOS)  shows  die  expansion  continuing 
too  far  (i.e.,  the  shock  is  too  far  downstream)  and  the  shock 
then  is  too  strong  when  it  occurs. 

The  six  contributions  of  Navier-Stokes  solutions  generally 
place  the  shock  more  accurately  than  they  did  for  the 
previous  comparisons  along  Rows  1  and  2.  In  Contribution 
N02,  the  two  turbulence  models  about  straddle  the  shock 
location,  with  the  Cebeci-Smith  model  placing  the  shock 
slighdy  t<X)  far  upstream  and  die  k-e  model  erring  by  about 
the  same  amount  in  the  downstream  dkecdon.  The  best 
results  in  the  separated  region  from  the  shock  to  the  trading 
edge  might  be  attributed  to  Contribution  N02  (both  the  C-S 
and  .1-L  turbulence  models  seems  to  do  equally  well)  and 
Contribution  NIO  (modified  J-L  model). 

Row  4  nms  along  the  upper  portion  of  the  nozzle  sidewall. 
The  pressure  gradients  are  less  severe  here  also,  the  expcri 
mental  data  are  sparse.  The  surface  pressure  compari.sons  for 
this  row  of  taps  are  presented  in  Figure  3.5-121. 

A  distributed  pressure  rise  is  present  at  about  the  same  axial 
location  as  the  strong  shock  which  dominated  the  flows  over 
the  nozzle  upper  surface.  Based  on  the  surface  pressitre 
ahead  of  this  rise,  the  flow  is  clearly  supersonic.  However, 
both  the  experimental  data  and  the  CFD  predictions  sugge.st 
that  the  pressure  rise  is  distributed,  not  sharp,  and  has  not 
coalesced  into  a  single  sh<jck  wave. 

The  experimental  pressure  data  do  not  strongly  indicate 
whether  the  boundary  layer  is  attached  or  separated  behind 
this  pressure  rise.  The  CFD  predictions,  t(»,  are  mixed  on 
this  pwint. 
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Figure  3.5-1 19.  Comparison  of  Surface  Pressures  (Cp  vs.  X/L),  Case  B.4.2,  Row  2 


Figure  3,5-120  (First  Part).  Comparison  of  Surface  Pressures  (Cp  vs.  X/L),  Case  B.4.2,  Row  3 
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Figure  3.5-121  (Concluded).  Comparison  of  Sxirface  Pressures  (Cp  vs.  X/L),  Case  B.4.2,  Row  4 
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The  Euler  coatributiou  (£05)  is  surprisingly  accurate  for  all 
these  data.  The  initial  expansion  region  is  captured  well.  S(j 
is  the  pressure  rise,  though  it  is  placed  somewhat  too  far 
downstream  and  the  shape  of  the  pressure  profile  in  this 
region  is  unusual.  In  general,  the  Euler  comparison  suggests 
that  viscous  interactions  play  an  imj[x>rtant  role  in  tlie  shock 
and  post-shock  regions,  but  not  the  overwhelming  role  that 
they  played  in  the  previous  comparisons  for  this  case. 

The  Navier-Stokes  contributions  aU  located  the  shock 
reasonably  weU  -  particularly  Contributions  N02  (botli 
tiubulence  models),  N04,  NIO,  and  N13.  However,  success 
in  locating  the  shock  did  not  correlate  with  success  in 
modeling  the  post-shock  region.  For  example,  N13  did  well 
at  the  shock  but  over- predicted  tlie  dowuistream  pressures. 
Conversely,  N03  placed  the  shock  a  little  too  far  upstream, 
but  did  quite  well  behind  the  shock,  to  the  nozzle  exit. 

Row  5  is  located  on  the  centerline  of  the  ni'zzle  sidewall. 
Comparisons  of  measured  and  predicted  surface  pressure  for 
this  location  are  presented  in  Figure  3.5-122.  The  general 
features  are  the  same  as  in  Row  4.  The  initial  presstue  rise 
occurs  in  supersonic  flow,  but  it  is  distributed  over  some 
distance  and  is  not  coalesced  into  a  single  strong  shock 
wave.  Aft  of  this  region  (i.e.,  x/L  >  0.95)  the  pressure 
continues  to  rise  slowly,  reaching  freestream  ambient 
pressme  at  the  nozzle  exit.  The  experimental  data  are 
somewhat  ambiguous  regarding  the  state  of  the  boundary 
layer  in  this  region.  The  slow  pressure  rise  suggests  that  the 
bormdary  layer  is  not  separated.  However,  the  recompression 
only  to  the  freestream  ambient  pressure  could  be  an  indica¬ 
tion  of  flow  separation. 

Eleven  CFD  solutions  were  contributed  for  this  set  of  data. 
The  two  Euler  contributions  (E05  and  El  1)  again  do  well  in 
the  expansion  region,  and  they  locate  the  beginning  of  the 
pressure  rise  accurately.  This  suggests  that  in  this  region,  up 
to  about  x/L=0.91,  the  pressures  are  not  significantly  influ 
enced  by  viscous  interactions.  The  initial  pressure  rise  (x/L 
from  0.91  to  about  0,94)  is  modeled  smoothly,  but  with  an 
unusual  shape,  by  Contribution  £05.  Contribution  Ell 
exhibits  a  peculiar  oscillation  with  a  low-pressure  extreme, 
followed  by  a  strong  coalesced  shock.  These  Euler  results, 
compared  with  the  experimental  data,  indicate  that  aft  of  x/L 
=  0.91,  the  pressure  distribution  depends  significantly  on 
turbulent  or  viscous  interactions. 

Several  of  the  Navier-Stokes  solutions  show  the  expansion  is 
weakened  too  much  by  the  modeling  of  the  vis<;ous  interac¬ 
tions.  This  suggests  the  predicted  boundary  layer  is  thicken¬ 
ing  too  rapidly  in  response  to  the  initial  portion  of  the 
adverse  pressure  gradient. 

The  initial  portion  of  the  recoinpression  region  (say,  from 
X/L  =  0.93  to  0.96)  shows  a  continuous  pressm-e  rise, 
indicative  of  an  attached  boundary  layer.  The  two  Euler 
methods  both  show  an  inadequate  pressure  rise  in  the  early 


portion  of  this  recompression  region,  followed  by  a  shock 
near  X/L  =  0.95,  The  Navier-Stokes  solutions,  confimied  by 
the  experimental  data,  indicate  that  die  shock  may  or  may 
not  be  present  (i.e.,  coalesced);  the  pressure  at  the  wall  in 
any  event  is  distributed  over  a  significant  distance. 

The  final  portion  of  the  recompression  region,  X/L  >  0.96, 
proved  to  be  (as  expected)  more  difficult.  The  experimental 
data  exhibit  a  poorly-defined  plateau,  suggesting  that  the 
flow  possibly  is  separated.  No  exiierimental  oil  flow  data  are 
available,  on  this  poition  of  the  model,  to  establish  whether 
the  boundary  layer  is  attached  or  separated. 

The  Euler  metliods  both  over-predicted  the  pressure  in  this 
region,  though  they  bodi  captured  die  downturn  in  pressiue 
immediately  before  die  nozzle  trailing  edge. 

Most  of  the  Navier-Stokes  methods  matched  the  data  fairly 
well  -  very  well  in  two  or  three  cases.  This  success  was 
achieved  without  an  apparent  correlation  with  the  class  of 
turbulence  model  employed,  suggesting  that  the  local  details 
of  the  turbulence  field  may  not  be  as  important  as  the  overall 
state  of  the  velocity  deficit  approaching  the  recompression, 
in  acliieving  accuracy  here 

Comparison  of  Internal  Surface  Pressures  -  Rows  6  and 
7  present  wall  pressure  measuremeats  for  the  intemal  nozzle 
flow  (see  Figure  3.5-93  for  illustration  of  this  geometry).  As 
a  reminder  -  the  complication  here  is  related  to  the  change  in 
cross-section  of  the  flow  passage,  from  circular  to  rectangu¬ 
lar.  Ihe  flow  is  accelerated  through  the  exhaust  duct, 
therefore  the  pressure  gradients  for  the  most  part  are  favor¬ 
able  and  the  viscous  interactions  therefore  are  minimized. 

The  flow  from  the  throat  to  the  nozzle  exit  is  supersonic. 
Further,  the  NPR  for  this  case  is  the  same  as  in  the  preceding 
case  (B.4. 1)  and  the  duct  geometry  is  the  same.  Therefore, 
one  would  expect  the  experimental  data  and  the  CFD  data  to 
be  nearly  identical  as  for  Case  B,4.1,  Row  6  (Figure  3.5-105) 
and  Row  7  (Figure  3.5-106). 

The  data  for  Row  6  are  presented  in  Figure  3.5-123.  These 
data  show  the  expected  agreement  with  the  data  for  Case 
B.4.1  (Figure  3.5-105).  The  chief  feature  is  die  sharp 
acceleration  of  the  flow  through  the  throat,  around  X/L“ 
0.90.  The  flow  continues  to  accelerate  downstream  of  the 
throat,  in  the  divergent  2-D  passage.  All  the  CFD  methods 
capture  these  features,  In  comparing  Contributions  E05  and 
NI3,  the  reader  should  note  that  the  Navier-Stokes  grid 
(N13)  is  much  coarser  than  die  Eider  grid  (£05),  thus 
accomiting  for  the  unexpected  result  of  more  accurate 
predictions  from  the  Euler  method.  Also,  the  intemal  nozzle 
grid  in  Contribution  N02  is  considered  by  the  contributor  to 
have  been  very  coarse  inside  die  nozzle. 
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Figure  3,5-122  (First  Part).  Comparison  of  Surface  Pressures  (Cp  vs.  X/L),  Case  B.4.2,  Row  5 
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Figure  3.5-122  (Continued).  Comparison  of  Surface  Pressures  (Cp  vs.  X/L),  Case  B.4.2,  Row  5 
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Figiu^  3.5-122  (Concluded).  Comparison  of  Surface  Pressures  (Cp  vs.  X/L),  Case  B.4.2,  Row  5 


Figure  3.5-123  (First  Part).  Comparison  of  Surface  Pressures  (P/Ptj  vs.  X/L),  Case  B.4.2,  Row  6 
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Figure  3.5-123  (Continued).  Comparison  of  Surface  Pressures  (P/Ptj  vs.  X/L),  Case  B.4.2,  Row  6 
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Figure  3.5-1 23  (Concluded).  Comparison  of  Surface  Pressures  (P/Ptj  vs.  X/L),  Case  B.4.2,  Row  6 
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The  data  for  Row  7  are  presented  in  Figure  3.5  124.  These 
predictions,  nxi,  are  consistent  with  those  of  Row  6  (previous 
figure)  and  with  those  of  Case  B.4.1  Figure  3.5-106). 

Plume  Flowfield  Comparisoas  The  next  series  (5f  figures 
present  CFD  predictions  for  the  plunie  flowfield.  Unfortu¬ 
nately,  no  experimental  data  are  available  to  assess  the 
accuracy  of  these  predictions.  The  discussion,  therefore,  will 
proceed  on  the  basis  of  die  qualitative  features  of  the  jet  and 
the  mixing  layer. 

The  first  set  of  data  shows  the  predicted  flowfield  at  the 
nozzle  exit  plane  (Figure  3.5-125).  This  figure  shows  a 
simple,  well-behaved  flow  of  the  jet  at  the  exit. 

The  velocity  vector  field  in  the  crossflow  plane  (i.e.,  the 
lateral  plane)  at  the  nozzle  exit  is  presented  in  Figure  3.5 
126.  This  figure,  shows  several  interesting  features.  Within 
the  plume  flow  (lower  left  quadrant  of  the  Figure)  the  flow 
is  expanding  at  the  exit,  as  would  be  expected.  However, 
near  the  middle  of  the  oiitboard  wall  (i.e,,  the  bottom  of  the 
figure,  near  the  center)  the  vectors  show  some  circulation, 
indicating  a  vortex  may  be  present  in  tlie  jet  flow  at  the  exit. 

The  external  flow  shows  a  bulk  motion  upward  and  outward 
(left  center  of  the  Figure),  which  is  due  to  the  recompression 
(upward  motion)  and  the  spiU  of  the  fluid  laterally  over  the 
side  of  the  nozzle  (outward  motion).  This  lateral  spill  has 
created  a  strong  vortex  in  the  external  flow,  above  the  lateral 
comer  of  the  nozzle  (center  of  the  Figure). 

The  final  plume  Figure  shows  the  contours  of  Pitot  pressure 
some  distance  downstream  of  the  jet  exit,  at  X/L  =  1.16 
(Figure  3.5-127).  This  contribution  shows  a  moderately-thick 
free  shear  layer.  Based  on  the  previous  set  of  data,  for  Case 
B.4.1,  it  may  be  that  the  free  shear  layer  is  substantially 
thicker  than  is  indicated  in  this  Figure. 

Drag  Buildup  -  The  axial  buildup  of  pressure  drag,  for  one 
Navier-Stokes  contribution,  is  presented  in  Figure  3,5-128. 
These  data  are  consistent  with  the  results  for  the  previous 
case,  B.4.1.  For  these  calculations,  the  drag  is  normalized 
using  the  maximum  cross-section  area  of  the  model  forebody 
and  afterbody  (A^j,^j^).  The  results,  firstly,  show  that  the 
drag  is  over-predicted  on  the  coarser  grid.  Secondly,  the 
drag  level  is  established  in  the  region  X/L  from  0,88  to  0.94, 
i.e.,  the  region  of  attached  flow  forward  of  the  shock. 
Downstream  of  the  shock,  the  boundary  layer  is  separated 
and  the  wall  pressure  rises  to  near  ambient  levels.  As  a 
result,  almost  no  offsetting  recompression  is  achieved  to 
reduced  the  pressure  drag. 


3.5.43  Discussion  of  Results 

TTie  B.4  test  cases  pose  an  interesting  and  unexpeiUedly 
difficult  challenge  to  all  aspects  of  the  flow  prediction.  Tlie 
flow  at  Mach  0,6  (test  case  B.4,t)  remains  attached,  but  the 
pressure  field  on  the  aftbody  and  nozzle  is  significantly 
modified  by  viscous  interactions.  The  flow  at  .Mach  0.94 
(test  case  B.4. 2)  is  dominated  by  a  strong  skx-.k-boundarv’ 
layer  interaction,  which  causes  extensive  flow  separation  on 
the  nozzle  upper  surface.  Due  differing  expansion  and 
compression  fields  on  the  upper  stuface  and  the  sidewalls, 
lateral  pressure  gradients  are  created  which  reverse  sign  in 
moving  toward  the  exit  (both  test  cases).  These  lateral 
pressure  gradients  pn^duce  a  complex  pattern  of  streamwise 
vortices,  emanating  from  tlte  nozzle  lateral  comer,  wldch 
flow  into  the  plume  and  the  mixing  layer.  An  impact  of 
these  vortices  can  be  deduced  from  the  shape  of  the  mixing 
layer. 

Further,  some  evidence  based  on  CFD  solutions  was  noted, 
that  indicate.s  a  shock-expansion  wave  system  may  be  present 
in  the  supersonic  portion  of  the  nozzle  internal  flow.  This 
wave  system  (if  it  exists)  was  resolved  to  varying  degrees,  or 
not  at  all,  by  the  various  CFD  metliotls.  'Hie  impact  of  an 
accurate  definition  of  this  wave  system  on  the  plume 
flowfield  predictions  is  not  known. 

Each  of  these  factors  is  a  complication  of  the  fluid  dvitamic 
models  in  most  CFD  codes.  In  general,  prediction  accuracy 
for  the  B.4  test  cases  was  not  comparable  to  that  achieved  in 
the  other  test  cases.  Further  improvements  in  accuracy  may 
await  advances  in  turbulence  modeling  for  shock-separated 
flows,  strong  secondary  flows,  and  plumes  interacting  with 
streamwise  vortices.  The  poor  resolution  of  the  (presumed) 
shock-expansion  wave  system  inside  the  nozzle  serves  as  a 
reminder  that  it  may  not  be  possible  to  compromise  any 
element  of  a  CFD  s<dution,  if  the  goal  is  high  quantitative 
accuracy. 
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Figure  3.5-124  (Continued).  Comparison  of  Surface  Pressures  (P/Ptj  vs.  X/L),  Case  B.4.2,  Row  7 
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Figure  3.5-126.  Predicted  Plume  Velocity  Vectors,  Case  B.4.2,  X/L=1.00  (Nozzle  Exit  Plane) 
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3.6  Recommendation  for  Future  Work 


From  the  discussions  of  the  results  of  the  individual  test 
cases  the  following  major  conclusions  can  be 
summarized: 

0  The  semi-empirical  methods  produced  very  good 
results  for  test  cases  within  the  range  of  their  data 
bases.  They  neither  offer  flowfield  data  nor  a  drag 
breakdown. 

o  The  CFD  methods  showed  the  progress  predicted  by 
AGARD  Working  Group  08.  All  the  methods  are 
able  to  reasonably  predict  the  flow  about  complex 
three-dimensional  afterbodies  depicting  complex 
flow  phenomena  like  massive  separations, 
shock/boundary  layer  interactions,  vortices  and  free 
shear  layers.  Some  of  the  results  must  be  considered 
as  extremely  good  in  comparison  with  experimental 
data. 

0  However  the  CFD  results  presented  open  questions 
that  still  have  to  be  answered; 

-  These  investigations  could  not  determine  the 
effects  of  local  code  instabilities  and  numerical 
viscosity  on  the  results. 

-  The  same  is  true  for  the  differences  of  modeling  of 
vortices  and  their  interaction  with  boundary 
layers,  free  shear  layers  and  shocks. 

-  In  spite  of  the  tremendous  progress  in  turbulence 
models  it  is  not  clear  why  e.g.  the  same  turbulence 
models  in  different  codes  produced  different 
results  and  even  trends.  There  is  still  the  need  for 
"better"  turbulence  models  for  boundary  layers 
with  adverse  pressure  gradients,  separations,  free 
shear  layers  (2D,  axisymmetric  or  mixed,  and 
3D),  and  shoclohoundary  layer/vortex  interactions. 

-  How  much  can  elements  of  the  flow  problem  be 
compromised  without  impairing  accuracy?  E.g., 
can  the  geometry  of  nozzle  trailing  edges  be 
modified  or  must  it  be  modelled  in  every  detail? 

-  How  large  is  the  effect  of  consistency  of  CFD 
solutions,  i.e.  user  experience,  grid  quality, 
numerical  method,  on  the  reliability  and  accuracy 
of  the  absolute  and  incremental  drag  predictions 
by  CFD? 

-  Is  it  necessary  to  consider  the  support  and  tunnel 
interference  effects  for  improving  quantitative 
accuracy? 

-  Can  CFD  results  be  used  for  the  scaling  of  the 
results  of  cold  jet  flow  tests  or  calculations  to 
real  flight  conditions? 


From  these  conclusions  the  following  recommendations 

can  be  made: 

0  The  application  of  semi-empirical  models  should  be 
improved  by  extending  their  data  base  with  the 
results  of  additional  afterbody  experiments. 

o  For  CFD,  improvements  of  turbulence  models  and 
codes  should  still  be  pursued.  However  this  work 
cannot  be  within  the  scope  of  an  AGARD  working 
group.  This  work  should  be  and  is  on-going  at 
different  research  institutions  and  Universities.  For 
the  consideration  of  local  flow  problems  like 
separations,  shock  boundary  layer  interactions  or 
even  free  shear  layers,  geometries,  flow  conditions 
and  experimental  data  of  the  test  cases  considered 
by  this  working  group  should  be  used  as  a  basis  for 
these  developments. 

Turbulence  parameters  off  the  model  walls  could  be 
determined  by  simple,  basic  experiments. 

o  After  these  improvements  have  sufficiently  matured 
there  seems  to  be  the  need  for  a  major,  focused 
study.  This  study  should  comprise  both 
experimental  and  CFD  work  in  a  concerted  action. 

An  afterbody  model  geometry  should  be  selected  by 
CFD  and  experimental  people  with  regard  to  the 
flow  problems  to  be  expected.  For  this  afterbody  a 
model  should  be  designed  for  testing  in  different 
wind  tunnels.  Candidates  for  this  model  could  be 
one  of  the  model  geometries  considered  in  this 
working  group  or  any  other  geometry  of  interest  at 
that  time.  CFD  results  presented  in  this  report  or 
newly  performed  CFD  results  could  be  used  for  the 
selection  of  test  conditions  and  instrumentation  for 
the  model. 

Careful  experiments  should  produce  not  only 
surface  but  also  free  stream  data.  The  data  should 
also  include  measurements  of  friction  and  Reynold 
stresses  for  the  validation  of  turbulence  models. 
Testing  at  a  range  of  Reynolds  numbers  will  clarify 
the  effects  of  this  flow  parameter  on  the  results.  Of 
extreme  importance  will  be  the  determination  of  the 
flow  and  turbulence  parameters  at  the  inflow  and 
outflow  boundaries  of  the  CFD  solutions  to  be 
performed. 

Tests  should  also  be  performed  in  wind  tunnels  with 
solid  walls  in  order  to  produce  results  with  unique 
flow  boundary  conditions.  Measuring  pressures  on 
the  wind  tunnel  walls  will  help  to  investigate  the 
windtunnel  wall  effects  and  to  validate  the  flow 
modelling  of  the  CFD  methods. 

CFD  calculations  should  be  performed  for  the  exact 
known  test  conditions  without  the  knowledge  of  the 
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test  data  but  with  clearly  defined  goals  like  best 
absolute  or  incremental  drag  accuracy. 

Differences  between  the  nominal  and  the  actual 
model  geometry  should  be  investigated  by  CFD. 

Determination  of  accuracy  of  both  the  experimental 
and  the  numerical  methods  will  be  of  utmost 
importance. 

A  thorough  analysis  of  both  the  experimental  and 
numerical  results  and  the  comparisons  of  the  two 
will  demonstrate  the  state  of  the  art  and  the  progress 
achieved  compared  with  today. 

The  aim  of  the  work  during  the  years  to  come 
should  be  to  develop  CFD  from  a  "diagnostic  tool" 
(AGARD  WG08)  to  a  tool  that  can  be  used  in  a 
supplementary  way  with  the  wind  tunnel  for  the 
production  of  design  data. 

0  Unsteady  afterbody  flows  should  be  investigated 
experimentally  and  numerically. 

o  Full  scale  test  data  at  real  flight  conditions  are 
needed  to  validate  the  CFD  codes'  ability  to  predict 
afterbody  drag  (forces)  with  sufficient  accuracy  for 
the  aircraft  designer. 
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4.  CONCLUDING  REMARKS 

Nine  years  of  progress  in  experimental  and  theoretical  study 
of  flows  around  aircraft  afterbodies  has  significantly 
changed  and  improved  the  afterbody  design  process.  WG08 
predicted  that  future  needs  for  a  review  of  this  subject  would 
be  centred  around  methods  for  the  computation  of  3-D 
viscous  flows.  This  aspect  has  indeed  grown  to  virtually 
dominate  the  research  effort  and  seems  set  to  continue  to  do 
so  in  the  foreseeable  future.  The  role  of  these  methods  in  the 
design  process  is  now  both  established  and  well  understood. 
WG17  has  focused  on  the  effectiveness  of  current  methods 
in  modelling  the  fundamental  features  of  afterbody  flows 
and,  equally,  has  endeavoured  to  assess  their  usefulness  by 
applying  them  to  a  selection  of  design  oriented  test  cases. 
The  work  to  some  extent  provides  a  snapshot  of  current 
predictive  capabilities. 

Detailed  conclusions  and  recommendations  for  future  work 
are  given  in  each  of  the  main  sections  of  the  report.  The 
purpose  of  the  following  paragraphs  is  to  summarise  the  key 
findings  and  to  deliver  the  main  messages  of  WG17. 

4.1  Fundamental  Slow  Phenomena 

The  majority  of  Navier-Stokes  test  case  solutions  were 
regarded  as  providing  a  reliable  qualitative,  physical 
description  of  the  flowfield  under  consideration. 
Inadequacies  in  turbulence  modelling  were  noted  as  the 
main  contributor  to  poor  modelling  of  the  thickening 
boundary  layer  in  the  adverse  pressure  gradient  region  of  the 
afterbody.  Similarly,  the  free  shear  layer  just  downstream  of 
the  nozzle  exit  was  generally  not  well  modelled,  evident 
usually  from  insufficient  entrainment.  It  is  in  these  regions 
that  the  largest  drag  discrepancies  will  generally  be 
generated.  No  particular  turbulence  model  gave  consistently 
the  best  results,  and  no  recommendation  can  be  offered  as  to 
the  best  path  to  follow  in  this  respect  in  the  future.  The 
foregoing  remarks  echo  the  findings  of  WG08  fairly  closely, 
albeit  in  the  context  of  3-D  rather  than  2-D  (axisymmetric) 
predictions.  The  recommendations  of  WG08  for  code 
development  do  appear  to  have  been  largely  followed  in  the 
transition  to  fully  3-D  methods.  Despite  the  considerable 
advances  made  in  this  period,  turbulence  modelling  is  still 
the  critical  technology  for  the  prediction  of  afterbody  flows. 

The  development  of  computational  methods  for  the 
prediction  of  3-D  afterbody  flows  has  so  far  been 
underpinned  by  a  fairly  limited  amount  of  experimental 
data.  A  fundamental  need  exists  for  detailed  e:!q)erimental 
studies  on  complex  flows  around  realistic,  though  preferably 
geometrically  simple,  3-D  configurations  exploiting  both 
classical  intrusive  techniques  and  where  possible  the  latest 
advances  in  non-intrusive  experimental  techniques.  Pressure 
sensitive  paint,  infra  red  thermography,  LDV  and  laser 
spectroscopy  techniques  now  offer  the  prospect  of 
acquisition  of  a  virtually  complete  description  of  a  3-D 
afterbody  flowfield.  The  measurement  of  skin  friction  is 
highlighted  as  an  area  where  further  advances  are  needed 
and  accelerated  development  of  quantitative  pressure 
sensitive  paint  techniques  is  recommended.  Particular 
emphasis  should  be  placed  upon  achievement  of  high  data 
accuracy  and  appropriate  spatial  resolution  in  the 
measurement  of  quantities  both  on  the  body  surface  and  in 
the  flowfield. 


4.2  Design 

Semi-empirical  methods  can  provide  a  highly  effective  way 
of  inteipolating  and  to  some  extent  extrapolating  existing 
afterbody  drag  data  bases.  Heavy  reliance  is  placed  upon  the 
experience  and  insight  of  the  user  as  to  the  applicability  of 
the  underlying  correlation,  but,  where  there  is  confidence  in 
this  respect,  these  methods  can  provide  both  good  drag 
accuracy  and  unparalleled  cost-effectiveness.  They  are 
therefore  particularly  suited  to  use  in  the  initial  stages  of  the 
design  process  where  lack  of  insight  into  the  flow 
mechanisms  present  and  lack  of  drag  breakdown 
information  is  not  of  primary  importance.  There  is 
considerable  scope  and,  it  would  appear,  justification  for  the 
expansion  of  the  existing  experimental  data  base  to  widen 
the  range  of  configurations  to  which  such  methods  may  be 
applied. 

Reliable  prediction  of  certain  types  of  incremental  drag  has 
been  shown  to  be  possible  using  current  CFD  methods.  This 
is  the  way  that  these  methods  are  most  commonly  employed 
in  the  design  process  at  the  current  time.  With  careful 
attention  to  consistency  of  approach,  trends  and  to  some 
extent  sensitivity  to  particular  changes  will,  in  general,  be 
indicated  correctly.  In  addition,  a  valuable  insight  into  the 
flow  physics  responsible  for  these  incremental  effects  will 
be  available.  In  the  majority  of  situations,  this  information 
should  fulfil  most  of  the  needs  of  the  designer.  The  effect  of 
geometric  complexity  on  the  viability  of  this  process  is  best 
described  in  terms  of  the  following  simple  observation: 
Calculation  of  a  simple  flow  around  a  complex  3-D 
geometry  is  likely  to  be  more  successful  than  calculation  of 
a  complex  flow  around  a  simple  geomefry.  A  concerted 
effort  is  required  to  examine  ways  of  further  improving  the 
reliability  and  accessibility  of  current  methods  to  allow  their 
potential  to  be  fully  realised.  Mesh  generation,  robustness  of 
flow  solvers,  efficiency  of  flow  solvers  and,  in  some 
instances,  post-processing  are  particular  areas  where  such 
effort  could  rapidly  improve  accessibility.  Costs  will  be 
driven  downwards  at  the  same  time,  along  with  the  risk  in 
some  instances,  attached  to  the  use  of  CFD  in  design. 
Additional,  affordable,  computing  power  should  continue  to 
become  available  and  this  will  provide  an  underlying, 
additive,  trend  of  improving  accessibility.  The  need  for 
continual  focus  on  improvement  of  both  the  cost 
effectiveness  and  in  particular  the  user-friendliness  of  these 
methods  is  nevertheless  emphasised. 

Whilst  satisfactory  prediction  of  absolute  afterbody  drag 
using  current  CFD  methods  may  be  achievable  where  a  great 
deal  of  user  experience  has  been  accumulated  on  a  particular 
configuration,  prediction  of  completely  arbitrary  cases  is 
likely  to  be  problematic.  Absolute  afterbody  drag  prediction 
accuracy  should  now  be  one  of  the  main  focal  points  for  the 
continuing  development  of  CFD  methods.  However,  the 
ultimate  goal  of  acceptable  afterbody  drag  prediction 
accuracy  will  not  be  reached  at  a  single  point  in  time.  As  we 
have  seen  over  recent  years,  rapidly  evolving  design  drivers 
such  as  observables  and  STOVL  can  lead  to  step-changes  in 
nozzle  and  afterbody  complexity,  resulting  in  a  moving 
target  for  design  method  development.  A  point  should 
nevertheless  be  reached  where  the  drag  of  a  reasonably 
representative  benchmark  case  can  be  reliably  predicted  by 
the  majority  of  methods,  at  an  appropriate  level  of  cost. 
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The  impact  of  the  increasing  use  of  CFD  in  the  design 
process  on  the  way  in  which  wind  tunnels  will  be  used  in  the 
future  is  a  particular  point  of  interest.  WG08  suggested  that 
as  numerical  analysis  matured  it  would  increasingly 
supplement  the  wind  tunnel.  In  the  years  since,  this  has 
certainly  been  the  case  and  this  is  consistent  with  the  view 
of  the  current  WG  regarding  the  ongoing  relationship.  The 
two  are  also  broadly  complementary  in  terms  of  their 
current  cost  effectiveness.  This  point  is  illustrated  by  the 
table  below  which  presents  the  condensed  view  of  the  group 
on  the  cost  of  production  of  design  data  using  CFD  (where 
this  is  possible)  compared  to  experiment; 


FEW  DATA  POINTS 

FULL  DATABASE 

MONEY 

CFD  much  less 

CFD  much  greater 

TIME 

About  the  same 

CFD  much  greater 

4.3  General 

A  great  deal  remains  to  be  understood  regarding  the  effects 
of  jet  temperature  and  chemistry  on  drag  and  the  flow 
mechanisms  involved.  Complete  experimental  investigation 
of  these  effects  using  the  latest  techniques  is  required. 

Detailed  study  of  Reynolds  number  effects  is  recommended 
in  order  to  improve  confidence  in  the  use  of  CFD  for  the 
prediction  of  full  scale  flight  cases. 

The  computation  of  unsteady  afterbody  flows  and  the 
acquisition  of  suitable  experimental  data  for  method 
validation  is  likely  to  be  the  next  major  challenge  in  the 
field  of  afterbody  aerodynamics.  Both  numerical  and 
experimental  investigation  of  these  flows  is  encouraged. 

If  the  rate  of  development  of  CFD  techniques  seen  over  the 
last  nine  years  is  maintained,  it  may  well  be  possible  to 
include  these  aspects  in  a  future  review  of  the  field. 


APPENDIX  A:  EXPERIMENTAL  DATA  FOR  GROUP  A  TEST  CASES 
A.l.  Test  Case  A. 1.1  (Axisymmetric  Body  Without  Jet  at  Incidence) 


A. 1.1.  Surface  Pressure  Distribution 


Row  ^  =  0° 


^ !  ^max 

-0.58 

-0.0588 

-0.83 

-0.0931 

-1.17 

-0.0882 

-1.63 

-0.0294 

-2.08 

-0.0147 

-2.54 

-0.0098 

-3.00 

-0.0049 

Row  <p  =  90° 


Dmax 

Cp 

-0.33 

-0.0441 

-0.58 

-0.0588 

-0.83 

-0.0980 

-1.17 

-0.0980 

-1.63 

-0.0588 

-2.08 

-0.0490 

-2.54 

-0.0392 

-3.00 

-0.0343 

Row  (p  =  180° 


^ f  ^max 

-0.33 

-0.0196 

-0.58 

-0.0343 

-0.83 

-0.0686 

-1.17 

-0.0784 

-1.63 

-0.0343 

-2.54 

-0.0196 

-3.00 

-0.0098 

Base  pressure:  Cp^  =  -0.0751 


A. 1.2.  Boundary  Layer  Profiles 


Iff/Dmax  —  —1.2 


Row  9?  =  0°  Row  p  =  90°  Row  p  =  180° 


YjDmax 

"^lUfriax 

y/Dmax 

"^lUmax 

YlDmax 

‘^lUmax 

0.607 

0.000 

0.500 

0.000 

0.397 

0.000 

0.627 

0.435 

0.517 

0.589 

0.413 

0.764 

0.630 

0.450 

0.520 

0.623 

0.417 

0.812 

0.633 

0.481 

0.523 

0.666 

0.420 

0.853 

0.637 

0.505 

0.527 

0.705 

0.423 

0.889 

0.643 

0.543 

0.530 

0.743 

0.427 

0.917 

0.650 

0.576 

0.533 

0.777 

0.430 

0.941 

0.657 

0.598 

0.537 

0.805 

0.433 

0.958 

0.667 

0.629 

0.540 

0.852 

0.437 

0.972 

0.683 

0.671 

0.553 

0.922 

0.440 

0.982 

0.700 

0.697 

0.560 

0.967 

0.447 

0.993 

0.767 

0.770 

0.600 

0.999 

0.453 

0.997 

0.867 

0.850 

0.633 

1.000 

0.460 

0.999 

0.967 

0.932 

0.667 

0.999 

0.477 

1.000 

1.067 

0.989 

0.700 

0.999 

0.493 

1.000 

1.167 

0.998 

0.743 

0.998 

0.527 

1.000 

1.267 

1.000 

0.767 

0.998 

0.560 

1.000 

1.467 

1.000 

0.760 

0.827 

0.900 

1.000 

0.998 

0.997 

0.999 

0.999 

0.999 

0.999 

0.833 

0.693 

0.997 

0.999 

0.627 

1.000 

I 


YjDmax 

'^/Umax 

Y /  Dm  ax 

^/Umax 

YjDmax 

'^jUmax 

0.643 

0.000 

0.500 

0.000 

0.363 

0.000 

0.663 

0.415 

0.517 

0.580 

0.377 

0.837 

0.667 

0.421 

0.520 

0.604 

0.380 

0.868 

0.673 

0.469 

0.523 

0.647 

0.383 

0.898 

0.687 

0.527 

0.527 

0.686 

0.387 

0.925 

0.690 

0.552 

0.530 

0.721 

0.390 

0.947 

0.700 

0.591 

0.537 

0.797 

0.393 

0.963 

0.733 

0.672 

0.547 

0.884 

0.397 

0.976 

0.800 

0.760 

0.553 

0.927 

0.400 

0.984 

0.867 

0.824 

0.560 

0.960 

0.403 

0.991 

0.933 

0.883 

0.567 

0.979 

0.407 

0.994 

1.000 

0.994 

0.570 

0.986 

0.413 

0.997 

1.067 

0.986 

0.580 

0.992 

0.420 

0.999 

1.100 

0.994 

0.590 

0.998 

0.428 

0.999 

1.117 

0.996 

0.600 

0.999 

0.433 

0.999 

1.200 

1.000 

0.633 

0.999 

0.443 

1.000 

1.300 

1.000 

0.667 

1.000 

0.460 

1.000 

1.400 

1.000 

0.733 

0.999 

0.493 

0.999 

1.500 

1.000 

0.800 

0.999 

0.527 

0.999 

1.667 

1.000 

0.900 

0.999 

0.560 

0.999 

0.627 

0.999 

0.700 

0.999 

0.800 

0.998 

0.900 

0.997 

1.000 

0.997 

_ 1 

0.54  ,  X/D„„  =  -  1.2  ,  Row  (D 


0.54  ,  X/D_._  =  -  1.2  ,  Row  <p 


•  experiment 


•  experiment 


••  •  iP* 
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Fig.  A.1.1  -  Test  Case  A.1.1  :  Boundary  layer 
profile  at  X/Dj^3^  =  -  1.2  and  <p  =  0° 


Fig.  A.1.2  -  Test  Case  A.1.1  :  Boundary  layer 
profile  at  =  -  1.2  and  <p  =  90“ 


Fig.  A.13  -  Test  Case  A.1.1  :  Boundary  layer 
profile  at  =  -  1.2  and  cp  =  180° 


Fig.  A.1.5  -  Test  Case  A.1.1  :  Boundary  layer 
profile  at  =  -  1.6  and  (p  =  90° 


Fig.  A.1.4  -  Test  Case  A.1.1  :  Boundary  layer 
profile  at  X/D^3^  =  -  1.6  and  (p  =  0° 


Fig.  A.1.6  -  Test  Case  A.1.1  :  Boundary  layer 
profile  at  =  -  1.6  and  cp  =  180° 


V  experiment 


x/D 


Fig.  A.1.7  -  Test  Case  A.1.1  ;  Static  pressure  Fig.  A.1.9  -  Test  Case  A.1.1  :  Static  pressure 

coefficient  on  the  afterbody  on  row  <p  =  0°  coefficient  on  the  afterbody  on  row  (p  =  180 


H.  =  0.54  .  Row  *  =  90” 


Fig.  A.1.8  -  Test  Case  A.1.1  :  Static  pressure 
coefficient  on  the  afterbody  on  row  (p  =  90° 


Fig.  A.1.11  -  Test  Case  A.1.1  :  Mean  velocity  field  in  the  longitudinal  plane  Z/D 
(vector  scale:  1cm  =  125m/s  or  u/U„  =  0.702  for  U„  =  178m/s) 
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Fig.  A.1.16  -  Test  Case  A.1.1  :  Mean  velocity  field  in  the  transverse  planes  =  0.1 , 0.2 , 0.3 

and  0.4  (vector  scale:  1cm  =  40m/s  or  v/U^  =  0.225  for  U„  =  178m/s) 
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Fig.  A.1.17  -  Test  Case  A.1.1  :  Mean  velocity  field  in  the  transverse  planes  X/Dj^g^^  =  0.5 , 0.6 , 0.7 
and  0.8  (vector  scale:  1cm  =  40m/s  or  v/U„  =  0.225  for  U„  =  178m/s) 
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A. 2.  A2  Test  Cases  (Axisymmetric  Body  With  Jet) 
A. 2.1.  Test  Case  A. 2.1  (Cold  Jet  Flow) 

A. 2. 1.1.  Surface  Pressure  Distribution 


Row  l-<p  =  90°  Row  2  -  =  0“  Row  4  -  ip  ^  225“ 


^  ^  max 

-1.039 

-0.032 

-0.754 

-0.041 

-0.563 

0.021 

-0.469 

0.066 

-0.372 

0.089 

-0.278 

0.125 

-0.229 

0.134 

-0.180 

0.143 

-0.135 

0.168 

-0.086 

0.168 

^  /  ^max 

-1.039 

-0.028 

-0.754 

-0.057 

-0.563 

0.030 

-0.469 

0.073 

-0.372 

0.098 

-0.278 

0.132 

-0.229 

0.139 

-0.180 

-0.135 

0.168 

-0.086 

0.168 

^ !  ^max 

-1.039 

-0.043 

-0.754 

-0.073 

-0.563 

0.011 

-0.469 

0.048 

-0.372 

0.089 

-0.278 

0.116 

-0.229 

0.125 

-0.180 

0.143 

-0.135 

0.161 

-0.086 

0.177 

A.2.2.  Test  Case  A.2.2  (Hot  Jet  Flow) 
A. 2.2.1.  Surface  Pressure  Distribution 


Fig.  A.2.4  -  Test  Case  A.2.1  :  Cold  jet.  Static 
pressure  coefficient  on  the  afterbody.  Row  ip  =  225° 


M.  =  0.8  ,  NPR  =  4.8  .  T„  =  300K 


experiment 

e  f  s  90^  ,  Row  1 
■  9  =  0** ,  Row  2 

T  =  225** ,  Row  4 


Fig.  A.2.2  -  Test  Case  A.2.1  :  Cold  jet.  Static 
pressure  coefficient  on  the  afterbody.  Row  <p  =  90° 


Fig.  A.2.5  -  Test  Case  A.2.1  :  Cold  jet.  Static 
pressure  coefficient  on  the  afterbody.  Rows  (p  =  90  , 
0  and  225° 
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Fig.  A.2,12  -  Test  Cases  A.2.1  and  A.2.2  :  Cold 
and  hot  jets.  Static  pressure  coefficient  on  the 
afterbody.  Row  cp  =  225° 

M.  =  0.8  ,  NPR  =  4.8  ,  T,J  =  935K  ,  x/D^,  =  0.0413 
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Fig.  A.2.13  -  Test  Case  A.2.2  ;  Hot  jet.  Profile  of 
the  mean  longitudinal  velocity  component  at 
■  0  0413 

M.  =  0.8  ,  NPR  =  4.8  ,  T,J  =  935K  ,  x/D„„  =  0.0825 
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Fig.  A.2.14  -  Test  Case  A.2.2  :  Hot  jet.  Profile  of 
the  mean  longitudinal  velocity  component  at 
X/D„3x  =  0.0825 


M.  =  0.8  ,  NPR  =  4.8  ,  T,,  =  935K  ,  x/D„„  =  1.2871 


0.5 
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Fig.  A.2.15  -  Test  Case  A.2.2  :  Hot  jet.  Profile  of 
the  mean  longitudinal  velocity  component  at 
X/D„3x  =  0.484 

M.  =  0.8  ,  NPR  =  4.8  ,  T„  =  935K  ,  x/D„„  =  0.4840 


2/Dm.,  0.5 
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0  12  3  4 

u/U. 

Fig.  A.2.16  -  Test  Case  A.2.2  :  Hot  jet.  Profile  of 
the  mean  longitudinal  velocity  component  at 

X/D„a,  =  1-2871 
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Fig.  A.2.17  -  Test  Case  K1.1  :  Hot  jet.  Profile  of 

the  mean  radial  velocity  component  at  =  0.0413 
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M.  =  0.8  ,  NPR  =  4.8  ,  T,,  =  935K  ,  x/D„„  =  0.0825 


M.  =  0.8  ,  NPR  =  4.8  ,  T,  =  935K  ,  x/D„„  =  0.0413 
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Fig.  A.2.18  -  Test  Case  h22  :  Hot  jet.  Profile  of 

the  mean  radial  velocity  component  at  =  0.0825 


Fig.  A221  -  Test  Case  A.2.2  :  Hot  jet.  Profile  of 
the  fluctuating  longitudinal  velocity  component  at 
X/D^,x  =  0.0413 


z/D™,  0.5 


M.  =  0.8  ,  NPR  =  4.8  ,  T,|  =  935K  ,  x/D^„  =  0.4840 


M.  =  0.8  ,  NPR  =  4.8  ,  T„  =  935K  ,  x/D„,,  =  0.0825 
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o  Jet  seeding 
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Fig.  A.2.19  -  Test  Case  A22  :  Hot  jet.  Profile  of 

the  mean  radial  velocity  component  at  X/D^^x  ^  0.4840 


Fig.  A.222  -  Test  Case  A.2.2  :  Hot  jet.  Profile  of 
the  fluctuating  longitudinal  velocity  component  at 
X/D^ax  =  0.0825  ■ 


z/D„.,  0.5 


M.  =  0.8  ,  NPR  =  4.8  ,  T,  =  935K  ,  x/D„„  =  1.2871 


M.  =  0.8  ,  NPR  =  4.8  ,  Ty  *  935K  ,  x/D^„  «  0.4840 


experiment 


*  outer  flow  seeding 
o  jet  seeding 
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Fig.  A.2.20  ■  Test  Case  A.2J;  :  Hot  jet.  Profile  of 

the  mean  radial  velocity  component  at  X/D^^x  =  1.2871 


Fig.  A.2.23  -  Test  Case  A.2.2  :  Hot  jet.  Profile  of 
the  fluctuating  longitudinal  velocity  component  at 
X/D„ax  =  0.4840 


A-15 


M.  =  0.8  ,  NPR  =  4.8  ,  T„  =  935K  ,  x/D„„  =  1.2871 


Fig.  A.2.24  -  Test  Case  A.2.2  :  Hot  jet.  Profile  of 
the  fluctuating  longitudinal  velocity  component  at 
X/D„^x  =  1-2871 


M.  =  0.8  ,  NPR  =  4.8  ,  T„  =  935K  ,  x/D^  =  0.0413 


Fig.  A.2.25  -  Test  Case  A.2.2  :  Hot  jet.  Profile  of 
the  fluctuating  radial  velocity  component  at 
2^/Dmax  =  0.0413 


M.  =  0.8  ,  NPR  =  4.8  ,  T„  =  935K ,  x/D„„  =  0.082S 


Fig.  A.2.26  -  Test  Case  A.2.2  :  Hot  jet.  Profile  of 
the  fluctuating  radial  velocity  component  at 
X/D„,ax  =  0.0825 


M.  =  0.8  ,  NPR  =  4.8  ,  T,  =  935K ,  x/D^,  =  0.4840 


0  0.5  1.0 


Fig.  A.227  -  Test  Case  A.2.2  :  Hot  jet.  Profile  of 
the  fluctuating  radial  velocity  component  at 
=  0.4840 


0.5  1.0 


Fig.  A.2.28  -  Test  Case  A.2.2  :  Hot  jet.  Profile  of 
the  fluctuating  radial  velocity  component  at 
X/D„ax  =  1-2871 


M.  =  0.8  ,  NPR  =  4.8  .  =  935K  ,  x/D^,  =  0.0413 


Fig.  AJ.29  -  Test  Case  A.2.2  :  Hot  jet.  Profile  of 
the  turbulent  shear  stress  at  X/D^j^^x  =  0.0413 
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M.  =  0.8  ,  NPR  =  4.8  ,  T,  =  935K  ,  x/D„„  =  0.0825 
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Fig.  A.2.30  -  Test  Case  A.2.2  :  Hot  jet.  Profile  of 
the  turbulent  shear  stress  at  =  0.0825 


M,  =  0.8  ,  NPR  =  4.8  ,  T,|  =  935K  ,  x/D„„  =  0.0413 
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Fig.  A233  -  Test  Case  A.2.2  :  Hot  jet.  Profile  of 
the  turbulent  kinetic  energy  at  =  0.0413 

(estimated  value) 


M.  =  0.8  ,  NPR  =  4.8  ,  T„  =  935K  ,  x/D„„  =  0.4840 
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M.  =  0,8  ,  NPR  =  4.8  ,  T„  =  93SK  ,  x/D„„  =  0.0825 


z/Dm.x 


Fig.  A.231  -  Test  Case  A.2.2  :  Hot  jet.  Profile  of 
the  turbulent  shear  stress  at  X/D^^g^  =  0.4840 


Fig.  AJ234  -  Test  Case  A22  :  Hot  jet.  Profile  of 
the  turbulent  kinetic  energy  at  X/D^^g^  =  0.0825 
(estimated  value) 


M.  =  0.8  ,  NPR  =  4.8  ,  T,j  =  935K  ,  x/D„„  =  1.2871 


Fig.  A.232  -  Test  Case  A.2.2  :  Hot  jet.  Profile  of 
the  turbulent  shear  stress  at  =  1.2871 


M.  =  0.8  ,  NPR  =  4.8  ,  T,,  =  935K  ,  x/D^  =  0,4840 
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Fig.  A.235  -  Test  Case  AJ22  :  Hot  jet.  Profile  of 
the  turbulent  kinetic  energy  at  X/D^^g^j  =  0.4840 
(estimated  value) 


M.  =  0.8  ,  NPR  =  4.8  ,  =  935K  ,  x/D„„  =  1.2871 
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experiment 

*  outer  flow  seeding 
0  jet  seeding 


z/D„..  0.5 


Fig.  A.236  -  Test  Case  \22  :  Hot  jet.  Profile  of 
the  turbulent  kinetic  energy  at  =  1.2871 

(estimated  value) 


A. 3.  A3  Test  Cases  (Twin  Jet  Afterbody) 

A.3.1.  Test  Case  A. 3.1  (Moo=  0.85) 

A. 3. 1.1.  Surface  Pressure  Distribution 

Rows  A  and  c  Rows  B  and  d 


Rows  C  and  e 


Row  A 

X/Ln 

35 

-3.65 

-0.271 

34 

-2.42 

-0.270 

33 

-1.07 

-0.307 

32 

-0.40 

-0.328 

Row  c 

12 

0.11 

-0.290 

11 

0.38 

-0.220 

10 

0.63 

-0.186 

9 

0.74 

-0.176 

Row  F  and  b 


Row  F 

X/Ln 

55 

-3.65 

-0.257 

54 

-2.42 

-0.285 

53 

-1.07 

-0.282 

52 

-0.40 

Row  b 

8 

0.11 

-0.272 

7 

0.38 

-0.216 

6 

0.63 

-0.219 

5 

0.74 

-0.233 

Row  B 

X/Ln 

39 

-3.65 

38 

-2.42 

37 

-1.07 

36 

-0.40 

Row  d 

16 

0.11 

15 

0.38 

14 

0.63 

13 

0.74 

Row  D 


Row  D  I  X/Lf4 


47  -3.65 

46  -2.42 

45  -1.07 

44  -0.40 


Row  C 

X/Ln 

43 

-3.65 

42 

-2.42 

41 

-1.07 

40 

-0.40 

Row  e 

20 

0.11 

19 

0.38 

18 

0.63 

17 

0.74 

Row  E 

Row  E 

X/Ln 

51 

-3.65 

50 

-2.42 

49 

-1.07 

48 

-0.40 

Base  region 


Row  a 

X/Ln 

4 

gn 

-0.211 

3 

-0.234 

2 

is 

-0.259 

1 

0.74 

-0.264 

ZILn 

-0.75 

-0.218 

0 

-0.198 

+0.75 

-0.173 

Y/Ln 

Cp 

-0.12 

-0.178 

+0.12 

-0.182 

Y/Lm 

-0.27 

-0.175 

0 

-0.173 

+0.27 

-0.185 

-  0.85  ,  NPR  ■  S  ,  270^  .  Aff  rbody  fow  A,  Nozzia  row  C 


M.  a  0.85  ,  NPR  s  5 , 4pa  150* ,  Afterbody  row  C,  Nozzle  row  e 


-3  -2  -1  0 
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Fig.  A3.1  -  Test  Case  A3.1  :  Mach  number  0.85. 

Static  pressure  coefficient  on  the  afterbody  and  nozzle. 
Rows  A  and  c 


Fig.  A33  -  Test  Case  A3.1  :  Mach  number  0.85. 

Static  pressure  coefficient  on  the  afterbody  and  nozzle. 
Rows  C  and  e 


M.  a  0.85  ,  NPR  B  5  ,  fa  210*  ,  Afterbody  row  B,  Nozzle  row  d 


M.  a  0.85  ,  NPR  a  5  ,  fa  0* ,  Afterbody  row  F,  Nozzle  row  b 


0.3  h  *  experiment 


Fig.  A33  ■  Test  Case  A3.1  :  Mach  number  0.85.  ^^>8*  ■  Test  Case  A3,l.:  Mach  number  0.85. 

Static  pressure  coefficient  on  the  afterbody  and  nozzle.  Static  pressure  coefficient  on  the  afterbody  and  nozzle. 

Rows  B  and  d  Rows  F  and  b 


A-19 


M.  =  0.65  ,  NPR  =  5  ,  Afterbody  row  D  M.  =  0.65  ,  NPR  •  5  ,  Base  region  ,  Orltlees  N'  21  ,  22 , 26 


Fig.  A3.5  -  Test  Case  A3.1  :  Mach  number  0.85.  Fig.  A3.8  -  Test  Case  A.3.1  :  Mach  number  0.85. 

Static  pressure  coefficient  on  the  afterbody.  Row  D  Static  pressure  coefficient  on  the  base.  Orifices  N°  21 , 

22  and  26 


Fig.  A3.6  -  Test  Case  A3.1  :  Mach  number  0.85.  Fig.  A3.9  -  Test  Case  A3.1  :  Mach  number  0.85. 

Static  pressure  coefficient  on  the  afterbody.  Row  E  Static  pressure  coefficient  on  the  base.  Orifices  N°  23 

and  24 


Fig.  A3.7  -  Test  Case  A3.1  :  Mach  number  0.85.  Fig.  A3.10  -  Test  Case  A3.1  :  Mach  number  0.85. 

Static  pressure  coefficient  on  the  nozzle.  Row  a  Static  pressure  coefficient  on  the  base.  Orifices  N°  25  , 

26  and  27 
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A. 3. 1.2.  Flow  Visualizations 


Test  Case  A.3.1  :  Mach  number  0.85.  Schlieren  photograph  of  the  jets 


Test  Case  A.3.1  :  Mach  number  0.85.  Surface  flow  pattern.  Windward  side 


Windward  side  Leeward  side 

Test  Case  A.3.1  :  Mach  number  0.85.  Surface  flow  pattern.  Close-up  of  nozzle  region. 


A-22 


A. 3. 2.  Test  Case  A. 3. 2  (Moo=  0.8) 
A. 3.2.1  Surface  Pressure  Distribution 


Rows  A  and  c 


Row  A 

X/Ljs, 

35 

-3.65 

34 

-2.42 

33 

-1.07 

32 

-0.40 

Row  c 

12 

0.11 

11 

0.38 

10 

0.63 

9 

0.74 

Row  F  and  b 

Rows  B  and  d 


Row  B  X/Ln 


39  -3.65 

38  -2.42 

37  -1.07 

36  -0.40 

Row  d 

16  0.11 

15  0.38 

14  0.63 

13  0.74 


Row  D 


Rows  C  and  e 


-0.127 

-0.098 

-0.082 

-0.082 


Row  C 

X/Lm 

43 

-3.65 

-0.159 

42 

-2.42 

-0.138 

41 

-1.07 

-0.119 

40 

-0.40 

-0.127 

Row  e 

20 

0.11 

-0.114 

19 

0.38 

-0.139 

18 

0.63 

-0.165 

17 

0.74 

-0.170 

Row  E 

Row  a 


Base  region 


Fig.  A3.11  ■  Test  Case  A3.2  :  Mach  number  0.80.  Fig.  A3.14  ■  Test  Case  A3.2  :  Mach  number  0.80. 

Static  pressure  coefficient  on  the  afterbody  and  nozzle.  Static  pressure  coefficient  on  the  afterbody  and  nozzle. 

Rows  A  and  c  Rows  F  and  b 


Fig.  A3.12  -  Test  Case  A32  :  Mach  number  0.80.  Fig.  A3.15  -  Test  Case  A33  :  Mach  number  0.80. 

Static  pressure  coefficient  on  the  afterbody  and  nozzle.  Static  pressure  coefficienton  the  afterbody.  Row  D 

Rows  B  and  d 


Fig.  A3.13  -  Test  Ca.se  ,A.3A:  Mach  number  0.80.  Fig.  A3.16  -  Test  Case  A3.2  :  Mach  number  0.80. 

Static  pressure  coefficient  on  the  afterbody  and  nozzle.  Static  pressure  coefficient  on  the  afterbody.  Row  E 
Rows  C  and  e  .  . 


Fig.  A3.17  -  Test  Case  A3.2  :  Mach  number  0.80. 
Static  pressure  coefficient  on  the  nozzle.  Row  a 


Fig.  A3.20  -  Test  Case  A.3.2  :  Mach  number  0.80. 
Static  pressure  coefficient  on  the  base.  Orifices  N  25  , 
26  and  27 


Fig.  AJ.18  -  Test  Case  A3.2  :  Mach  number  0.80. 
Static  pressure  coefficient  on  the  base.  Orifices  N°  21 , 
22  and  26 


M.  =  0.80  ,  NPR  =  5  ,  Bas«  region  ,  Orlllces  N‘  23 , 24 
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Fig.  A3.19  -  Test  Case  A3.2  :  Mach  number  0.80.^ 
Static  pressure  coefficient  on  the  base.  Orifices  N  23 


.-ai 


vector  scale: 


Fig.  A3.2S  -  Test  Case  A.3.2  :  Mach  number  0.80.  Mean  velocity  field  in  the  backflow 
Component  projected  in  the  (X,Y)  plane  located  at  Z  =  4mm 


vector  scale:  —  =  lOOm/s 


Fig.  AJ.26  -  Test  Case  A.3.2  :  Mach  number  0.80.  Mean  velocity  field  in  the  backflow  region 
X-wise  component  in  the  plane  located  at  Z  =  -  4mm 


Fig.  A3.29  -  Test  Case  A.3.2  :  Mach  number  0.80.  Mean  velocity  field  in  the  backflow  region. 
X-wise  component  in  the  plane  located  at  Z  =  2mm 


Fig.  A330  -  Test  Case  A3.2  :  Mach  number  0.80.  Mean  velocity  field  in  the  backflow  region. 
X-wise  component  in  the  plane  located  at  Z  =  4mm 


B. 


APPENDIX  B:  EXPERIMENTAL  DATA  FOR  GROUP  B.  TEST  CASES 


B.l  B.l  Test  Cases  -  Axisymmetric,  Single-Engine  Body  with  No  Tails 

B.1.1  Test  Case  B.1.1  (M^  =  0.901, 

NPR  =  2.033) 

B.l. 1.1  Surface  Pressure  Distribution 


x/L 

Cp 

x/L 

Cp 

x/L 

Cp 

0.584 

-0.019 

0.724 

-0.055 

0.891 

-0.130 

0.598 

-0.029 

0.738 

-0.063 

0.916 

-0.148 

0.612 

-0.032 

0.752 

-0.055 

0.928 

-0.164 

0.626 

-0.028 

0.766 

-0.071 

0.940 

-0.154 

0.640 

-0.039 

0.793 

-0.068 

0.952 

-0.088 

0.654 

-0.045 

0.807 

-0.073 

0.962 

0.011 

0.668 

-0.042 

0.821 

-0.080 

0.974 

0.107 

0.682 

-0.046 

0.835 

-0.094 

0.986 

0.167 

0.696 

-0.050 

0.849 

-0.103 

0.996 

0.196 

0.710 

-0.051 

0.863 

-0.115 

External  pressure  distributions  for  test  case  B.1.1  at  <l>  =  108°. 


M  =  0.901,  NPR  =  2.033,  <!>  =  108° 


x/L 


Figure  B.1-1  -  Static  pressure  distribution  on  single-jet  test  case  B.1.1  at  $=  108°.  Tails  off. 
B.l  .1 .2  Experimental  Pressure  Drag  Coefficient  Buildup 


x/L 

Cdp 

x/L 

Cdp 

x/L 

Cdp 

x/L 

Cdp 

0.570 

0 

0.717 

.001969 

0.856 

.014397 

0.991 

.038178 

0.591 

.000024 

0.731 

.002508 

0.870 

.017648 

1.000 

.027577 

0.605 

.000085 

0.745 

.003119 

0.884 

.021106 

0.619 

.000145 

0.759 

.003737 

0.905 

.029093 

0.633 

.000238 

0.773 

.004807 

0.922 

.038258 

0.647 

.000450 

0.786 

.005727 

0.934 

.046009 

0.661 

.000623 

0.800 

.006784 

0.946 

.055758 

0.675 

.000827 

0.814 

.007978 

0.957 

.061536 

0.689 

.001129 

0.828 

.009679 

0.968 

.060392 

0.703 

.001559 

0.842 

.01 1729 

0.980 

.050918 

:2_:  Experimental  pressure  drag  coefficient  buildup  for  test  case  B.1.1. 


0.901 ,  NPR  =  2.033 


Ckjefficient  0-04 


Figure  B.1-2-  Drag  coefficient  buildup  for  test  case  B.  1. 1. 


B.1.1.3  Experimental  Pressure  Drag  Coefficients 


NPR 

Cdpn 

Cdpa 

Cdpt 

1.111 

0.0164 

0.0306 

0.0470 

2.033 

-0.0015 

0.0291 

0.0276  (B.1.1) 

3.061 

-0.0011 

0.0289 

0.0278 

4.991 

-0.0095 

0.0286 

0.0191  (B.1.2) 

Experimental  pressure  drag  coefficients  for  tail  off  (B.l)  configurations 


Figure  B.1-3-  Variation  of  pressure  drag  coefficients  with  NPR. 
Tail  off  (B.1)  configurations. 


B.1.1.4  Experimental  Total  Drag  Coefficients 
NPR  ^DTT 


1.111 

0.0735 

2.033 

0.0500 

(B.1.1) 

3.061 

0.0515 

4.991 

0.0423 

(B.1.2) 

Table  B.1-4:  Experimental  total  drag  coefficients  for  tail  off  (B.l )  configurations. 


0.12 
0.1 
0.08 

^DTT  ® 

0.04 

0.02 
0 

1  2  3  4  5  6 

NPR 

Figure  B.1-4-  Variation  of  total  drag  coefficient  with  NPR. 

Tail  off  (B.  1)  configurations. 


M  =0.901 


ee 


B.l. 2  Test  Case  B.1.2  (M«,  =  0.901, 

NPR  =  4.991) 


B.1.2.1 


Surface  Pressure  Distribution 


x/L 

Cp 

x/L 

0.584 

-0.022 

0.724 

0.598 

-0.030 

0.738 

0.612 

-0.027 

0.752 

0.626 

-0.028 

0.766 

0.640 

-0.040 

0.793 

0.654 

-0.051 

0.807 

0.668 

-0.043 

0.821 

0.682 

-0.043 

0.835 

0.696 

-0.052 

0.849 

0.710 

-0.047 

0.863 

Cp 

x/L 

Cp 

-0.050 

0.891 

-0.125 

-0.064 

0.916 

-0.142 

-0.056 

0.928 

-0.155 

-0.074 

0.940 

-0.147 

-0.067 

0.952 

-0.066 

-0.068 

0.962 

0.033 

-0.077 

0.974 

0.129 

-0.088 

0.986 

0.183 

-0.099 

-0.109 

0.996 

0.207 

Table  B.l -5:  External  pressure  distributions  for  test  case  B.1.2  at  (j>=  108°. 
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M  =0.901,  NPR  =  4.991,(1)=  108° 


-0.3 


0.5  0.6  0.7  0.8  0.9  1 

X/L 

Figure  B.1-5-  Static  pressure  distribution  on  singie-jet  test  case  B.1.2at<j)=  108°.  Tails  off. 


B.l  .2.2  Experimental  Pressure  Drag  Coefficient  Buildup 


x/L 

Cdp 

x/L 

CdP 

x/L 

Cdp 

x/L 

Cdp 

0.570 

0 

0.717 

.001968 

0.856 

.014280 

0.991 

.030455 

0.591 

.000026 

0.731 

.002492 

0.870 

.017475 

1.000 

.019117 

0.605 

.000089 

0.745 

.003094 

0.884 

.020811 

0.619 

.000145 

0.759 

.003729 

0.905 

.028571 

0.633 

.000234 

0.773 

.004788 

0.922 

.037412 

0.647 

.000447 

0.786 

.005672 

0.934 

.044828 

0.661 

.000632 

0.800 

.006716 

0.946 

.053603 

0.675 

.000842 

0.814 

.007906 

0.957 

.058269 

0.689 

.001137 

0.828 

.009548 

0.968 

.055606 

0.703 

.001561 

0.842 

.011573 

0.980 

.044438 

Table  B. 1-6:  Experimental  pressure  drag  coefficient  buildup  for  test  case  B.l. 2. 


Drag 

Coefficient 

Buildup 


x/L 


Figure  B.l -6  -  Pressure  drag  coefficient  buildup  for  test  case  B.l. 2. 

B.l  .2.3  Experimental  Pressure  Drag  Coefficients 
See  Table  B.l -3  and  Figure  B.l -3 

B.l. 2. 4  Experimental  Total  Drag  Coefficients 
See  Table  B.l -4  and  Figure  B.l -4 
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B.2  B.2  Test  Cases  -  Axisymmetric,  Single-Engine  Body  with  Staggered  Tails 

B.2.1  Test  Case  B.2.1  (M«,  =  0.900, 

NPR  =  2.027) 

B.2. 1.1  Surface  Pressure  Distribution 


x/L 

Cp 

x/L 

Cp 

x/L 

Cp 

x/L 

0.584 

-0.010 

0.724 

-0.150 

0.863 

-0.103 

0.996 

0.598 

-0.009 

0.738 

-0.174 

0.877 

-0.113 

0.612 

0.010 

0.752 

-0.165 

0.891 

-0.160 

0.626 

0.051 

0.766 

-0.177 

0.916 

-0.149 

0.640 

0.072 

0.779 

-0.143 

0.928 

0.654 

0.011 

0.793 

-0.136 

0.940 

0.668 

**!)<** 

0.807 

-0.133 

0.952 

0.682 

-0.077 

0.821 

0.962 

0.033 

0.696 

-0.103 

0.835 

-0.107 

0.974 

0.120 

0.710 

-0.127 

0.849 

-0.099 

0.986 

0.173 

External  pressure  distributions  for  test  case  B.2.1  at  (])  =  18°. 


x/L 

Cp 

x/L 

S 

x/L 

Cp 

x/L 

0.584 

0.724 

-0.085 

0.863 

-0.226 

0.996 

0.598 

-0.020 

0.738 

0.877 

-0.224 

0.612 

-0.012 

0.752 

-0.079 

0.891 

-0.243 

0.626 

-0.009 

0.766 

-0.060 

0.916 

0.640 

-0.014 

0.779 

-0.012 

0.928 

-0.120 

0.654 

-0.021 

0.793 

-0.059 

0.940 

-0.078 

0.668 

-0.035 

0.807 

-0.099 

0.952 

-0.019 

0.682 

-0.048 

0.821 

-0.149 

0.962 

0.052 

0.696 

-0.062 

0.835 

-0.171 

0.974 

0.126 

0.710 

-0.068 

0.849 

-0.205 

0.986 

0.178 

External  pressure  distributions  for  test  case  B.2.1  at  <])  =  72°. 


x/L 

Cp 

x/L 

Cp 

x/L 

Cp 

x/L 

0.584 

-0.009 

0.724 

-0.066 

0.863 

:|c  ^  sfc 

0.996 

0.598 

-0.016 

0.738 

-0.068 

0.877 

0.612 

-0.008 

0.752 

-0.055 

0.891 

0.626 

-0.009 

0.766 

-0.032 

0.916 

-0.162 

0.640 

-0.018 

0.779 

0.155 

0.928 

-0.100 

0.654 

-0.034 

0.793 

0.940 

-0.060 

0.668 

-0.030 

0.807 

0.952 

-0.008 

0.682 

-0.045 

0.821 

0.962 

0.060 

0.696 

-0.052 

0.835 

0.974 

0.124 

0.710 

-0.062 

0.849 

0.986 

0.168 

External  pressure  distributions  for  test  case  B.2.1  at  <])  =  90°. 
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Figure  B.2-3  -  Static  pressure  distribution  on  single-jet  test  case  B.2.1  at  =  90°.  Staggered  tails. 


X/L 


Figure  B.2-4  -  Static  pressure  distribution  on  single-jet  test  case  B.2.1  at  ^  =  135°.  Staggered  tails. 
B.2.1 .2  Tail  Pressure  Distributions 


Horizontal  tail 

Upper  surface 

Vertical  tail 

Yt/bt  =  0.1 

z^/b(  =  0.1 

Xt/C 

Cp 

Cp 

0.05 

-0.112 

-0.069 

0.10 

-0.129 

-0.085 

0.20 

-0.179 

-0.124 

0.30 

-0.227 

-0.175 

0.40 

-0.289 

-0.216 

0.50 

-0.318 

-0.209 

0.60 

-0.286 

-0.177 

0.70 

-0.151 

-0.144 

0.80 

-0.051 

-0.093 

0.90 

0.034 

-0.040 

Table  B.2-5:  Tail  pressure  distributions  for  test  case  B.2.1. 


Figure  B.2-5  -  Tail  pressure  distributions  for  test  case  B.2. 1.  Staggered  tails. 


B.2.1 .3  Experimental  Pressure  Drag  Codficients 


NPR 

Cdpn 

Cdpa 

1.113 

0.0022 

0.0428 

2.027 

-0.0130 

0.0410  (B.2.1) 

2.997 

-0.0121 

0.0410  (B.2.2) 

5.033 

-0.0196 

0.0404  (B.2.3) 

Table  B.2-6:  Experimental  pressure  drag  coefficients  for  tail  on  (B.2)  corfigurations. 


0.08 
0.06 
0.04 

Cpp  0.02 
0 

-0.02 
-0.04 

NPR 

Figure  B.2-6  -  Variation  of  pressure  drag  coefficients  with  NPR.  B.2  configurations. 
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B.2.1 .4  Experimental  Total  Drag  Coefficients 
r^R  ^DTT 

1.113  0.1270 

2.027  0.1055  (B.2.1) 

2.997  0.1060  (B.2.2) 

5.033  0.0960  (B.2.3) 

IffBk  B2-7:  Experimental  total  drag  coefficients  for  tail  on  (B.2 )  configurations. 
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Figure  B.2-7  -  Variation  of  total  drag  coefficient  with  NPR.  B.2  configurations. 


M  =0.900 


B.2.2  Test  Case  B.2.2  (M«,  =  0.900, 

NPR  =  2.997) 


Surface  Pressure  Distribution 

Cp  x/L 

Cp 
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Cp 
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-0.106 
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0.877 
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0.940 
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0.807 
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0.682 

-o.on 
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0.962 

0.034 

0.696 

-0.108 

0.835 

-0.099 

0.974 
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0.710 

-0.126 

0.849 

•  -0.089 

0.986 

0.173 

Jj^k  B,2-^:  External  pressure  distributions  for  test  case  B.2.2  at  (j)  =  18  °. 
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Cp 

x/L 

Cp 

x/L 

Cp 

x/L 

0.584 

***** 

0.724 

-0.081 

0.863 
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0.996 

0.598 
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0.738 

0.877 

-0.228 

0.612 
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0.752 
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0.640 
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0.793 
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0.940 
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0.696 
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0.974 
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0.710 
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0.986 
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2-9:  External  pressure  distributions  for  test  case  B. 2. 2  at  (p  =  72  ° 


x/L 

x/L 

Cp 

x/L 

Cp 

x/L 

0.584 

-0.013 

0.724 

-0.065 

0.863 

0.996 

0.598 

-0.026 

0.738 

-0.076 

0.877 

***** 

0.612 

-0.013 

0.752 

-0.053 

0.891 

i/iilniitifiiti 

0.626 
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0.766 
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0.916 

-0.172 

0.640 

-0.023 

0.779 
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0.928 
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0.654 
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0.793 

0.940 
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0.668 
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0.807 
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0.682 
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0.821 

0.962 
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0.696 
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0.835 
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0.710 

-0.060 

0.849 

0.986 

0.174 

Table  B.2-10:  External  pressure  distributions  for  test  case  B.2.2  at  (j>  =  90  ° 


x/L 

Cp 

x/L 

Cp 

x/L 

Cp 

x/L 

0.584 

-0.017 

0.724 

-0.041 

0.863 

-0.205 

0.996 

0.598 

-0.014 

0.738 

-0.052 

0.877 

0.612 

-0.010 

0.752 

-0.037 

0.891 

-0.224 

0.626 

-0.019 

0.766 

-0.052 

0.916 

-0.161 

0.640 

-0.024 

0.779 

-0.026 

0.928 

-0.150 

0.654 

-0.036 

0.793 

-0.040 

0.940 

-0.115 

0.668 

-0.028 

0.807 

-0.055 

0.952 

-0.043 

0.682 

-0.042 

0.821 

-0.091 

0.962 

0.048 

0.696 

-0.048 

0.835 

-0.125 

0.974 

0.125 

0.710 

-0.044 

0.849 

-0.160 

0.986 

0.169 

[:  External  pressure  distributions  for  test  case  B.2.2  at  <j)  =  135°. 


Figure  B.2-8  -  Static  pressure  distribution  on  single-jet  test  case  B.2.2  at^  =  18°.  Staggered  tails. 
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Figure  B.2-11  -  Static  pressure  distribution  on  single-jet  test  case  B.2.2  at  <p  =  135°.  Staggered  taiis. 
B. 2.2.2  Tail  Pressure  Distributions 


Horizontal  tail 

Upper  surface 

Vertical  tail 

yt/bf  =  0.1 

Z{A)t  =  0.1 

Xt/c 

Cp 

Cp 

0.05 

-0.112 

-0.088 

0.10 

-0.139 

-0.092 

0.20 

-0.181 

-0.123 

0.30 

-0.222 

-0.175 

0.40 

-0.300 

-0.220 

0.50 

-0.314 

-0.218 

0.60 

-0.300 

-0.188 

0.70 

-0.158 

-0.147 

0.80 

-0.050 

-0.103 

0.90 

0.035 

-0.048 

Table  B.2-12:  Tail  pressure  distributions  for  test  case  B.2.2. 

M  =  0.9,  NPR  =  2.997 
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Figure  B.2-12  -  Tail  pressure  distributions  for  test  case  B.2.2.  Staggered  tails. 


B.2.2.3  Experimental  Pressure  Drag  Coefficients 
See  Table  B.2-6  and  Figure  B.2-6 

B.2.2.4  Experimental  Total  Drag  Coefficients 
See  Table  B.2-7  and  Figure  B.2-7 


B.2.3  Test  Case  B.2.3  (M^  =  0.900, 

NPR  =  5.033) 

B.2.3. 1  Surface  Pressure  Distribution 
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Cp 
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Cp 
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Cp 

x/L 
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-0.164 
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0.916 
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0.779 
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0.654 
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0.793 
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0.807 

-0.120 
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0.821 

:1c 

0.962 
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0.696 
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0.835 

-0.097 

0.974 

0.139 
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-0.124 
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-0.089 
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External  pressure  distributions  for  test  case  B.2.3  at  ((>  =  18°. 


x/L 

Cp 

x/L 

Cp 

x/L 

Cp 

x/L 
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0.863 

-0.215 

0.996 

0.598 

-0.026 

0.738 
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0.612 
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0.752 
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0.891 
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0.626 

-0.006 
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-0.062 

0.916 

:lc:lc:lc:fc% 

0.640 

-0.014 

0.779 

-0.013 

0.928 
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-0.020 

0.793 

-0.051 

0.940 
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-0.032 

0.807 
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-0.202 
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0.190 

External  pressure  distributions  for  test  case  B.2.3  ax^-72  °. 


x/L 

Cp 

x/L 

Cp 

x/L 

Cp 

x/L 

0.584 

-0.014 

0.724 

-0.061 

0.863 

0.996 

0.598 

-0.015 

0.738 

-0.067 

0.877 

***** 

0.612 

-0.016 

0.752 

-0.053 

0.891 

***** 

0.626 

-0.017 

0.766 

-0.032 

0.916 

-0.156 

0.640 

-0.021 

0.779 

0.153 

0.928 

-0.093 

0.654 

-0.035 

0.793 

0.940 

-0.042 

0.668 

-0.037 

0.807 

0.952 

0.011 

0.682 

-0.047 

0.821 

:4c:tc:^:(c:fc 

0.962 

0.073 

0.696 

-0.049 

0.835 

0.974 

0.138 

0.710 

-0.053 

0.849 

tfc  :fc  :jc 

0.986 
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Table  B.2-15:  External  pressure  distributions  for  test  case  B.2.3  at  tj>  =  90°. 
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Figure  B.2-15  -  Static  pressure  distribution  on  single-jet  test  case  B.2.3  at4>  =  90“.  Staggered  tails. 
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Figure  B.2-16  -  Static  pressure  distribution  on  single-jet  test  case  B.2.3  at<l>  =  135°.  Staggered  tails. 
B.2.3. 2  Tail  Pressure  Distributions 
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[:  Tail  pressure  distributions  for  test  case  B.2.3. 
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Figure  B.2-17  -  Tail  pressure  distributions  for  test  case  B.2.3.  Staggered  tails. 


B.2.3.3  Experimental  Pressure  Drag  Coefficients 
See  Table  B.2-6  and  Figure  B.2-6 

B.2.3. 4  Experimental  Total  Drag  Coefficients 
See  Table  B.2-7  and  Figure  B.2-7 


B.3  B.3  Test  Cases  -  Twin-Jet  Body,  =  0.90,  NPR  =  3.4 


Note  that  by  using  the  model  centerline  as  a  plane  of  symmetry,  the  orifice  rows  are  numbered  in  ascending 
order  as  if  all  orifices  were  on  right  side  of  model  and  0  is  defined  as  positive  in  a  counterclockwise  direction 
about  the  right  hand  nozzle  centerline. 


Vertical  tail  Vertical  tail 

span  station  span^station 


Figure  B.3-1  -  Definition  of  twin-jet  test  case  B.3  external  pressure  orifice  rows. 


B.3.1  Test  Case  B.3.1  (Mid  horizontal  tails 
Mid  vertical  tails,  =  0.901, 

NPR  =  3.407) 

B.3. 1.1  Surface  Pressure  Distribution 
See  Table  B.3-1 
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B.3.3 

Figure  B.3-1-  Static  pressure  distributions  on  twin-jet  test  cases  B.3  at  (j)  =  0.3  row  1. 
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=  0.90,  NPR  =  3.4,  =  314.5° 
O 


o  B.3.1 
D  B.3.2 
O  B.3.3 


0.68  0.72  0.76  0.8  0.84  0.88  0.92  0.96  1 

x/L 

Figure  B.3-8  -  Static  pressure  distributions  on  twin-jet  test  cases  B.3  at  (j)  =  314.5°,  row  12. 


B.3.1. 2  Experimental  Pressure  Drag  Coefficients  on  Nozzle  and  Total  Drag  Coefficients  on  Afterbody. 
Reference  area  =  =  664.4  in^ 
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liZ:  Experimental  drag  coefficients  for  test  cases  B.3. 
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Figure  B.3-9  -  Experimental  drag  coefficients  for  test  cases  B.3.  M  =  0.90,  NPR  =  3.4. 


B.3.2  Test  Case  B.3.2  (Mid  horizontal  tails, 
Aft  vertical  tails,  =  0.899, 

NPR  =  3.400) 
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B.3.2.1  Surface  Pressure  Distribution 

See  Table  B.3-3  and  Figures  B.3-2  to  B.3-8 

B.3.2.2  Experimental  Pressure  Drag  Coefficients  on  Nozzle  and  Total  Drag  Coefficients  on  Afterbody. 
Reference  area  =  Ay^if^g  =  664.4  in^ 

See  Table  B.3-2  and  Figure  B.3-9 


B.3.3  Test  Case  B.3.3  (Mid  horizontal  tails, 

Forward  vertical  tails,  M^o  =  0.899, 

NPR  =  3.402) 

B.3.3.1  Surface  Pressure  Distribution 

See  Table  B.3-4  and  Figures  B.3-2  to  B.3-8 

B.3.3. 2  Experimental  Pressure  Drag  Coefficients  on  Nozzle  and  Total  Drag  Coefficients  on  Afterbody. 
Reference  area  =  A.^^,ifig  =  664.4  in^ 

See  Table  B.3-2  and  Figure  B.3-9 
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B.4  B.4  Test  Cases  -  Single  jet,  nonaxisymmetric  2-D  C-D  Nozzle  with  No  Tails 

B.4.1  Test  Case  B.4.1  =  0.600, 

NPR  =  4.00) 

B.4.1 .1  External  Surface  Pressure  Coefficient  Distribution 

z 


View  looking  upstream  from  rear 


Test  Case  B.4.1  Test  Case  B.4.2 
Moo  =  0.600  Moo  =  0.938 

NPR  =  4.003  NPR  =  4.017 
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2.45358 

0.9442 

-0.0466 

-0.1081 

1 

60.14 

0.00000 

2.25736 

0.9540 

0.0244 

-0.1014 

1 

61.38 

0.00000 

1.86491 

0.9737 

0.1143 

-0.0719 

1 

62.62 

0.00000 

1.47246 

0.9933 

0.1747 

-0.0101 

1 

BASE 

1.0000 

0.1653 

0.0479 

2 

55.80 

1.70000 

3.09933 

0.8852 

-0.2333 

-0.1901 

2 

58.28 

1.58900 

2.81304 

0.9245 

-0.2677 

-0.1775 

2 

59.52 

1.51400 

2.45358 

0.9442 

-0.0580 

-0.1201 

2 

61.38 

1.40100 

1.86491 

0.9737 

0.0947 

-0.0768 

3 

55.80 

3.18763 

2.83000 

0.8852 

-0.1767 

-0.1682 

3 

56.42 

3.18233 

2.82800 

0.8950 

-0.2215 

-0.2715 

3 

57.04 

3.16545 

2.82200 

0.9048 

-0.2500 

-0.3898 

3 

58.28 

3.12765 

2.73800 

0.9245 

-0.2683 

-0.4545 

3 

59.52 

3.00800 

2.40700 

0.9442 

-0.2078 

-0.1431 

3 

61.38 

2.79131 

1.81500 

0.9737 

0.0129 

-0.0535 

3 

62.62 

2.64577 

1.42300 

0.9933 

0.1090 

0.0063 

3 

BASE 

1.0000 

-0.0583 

-0.0296 

-  External  static  pressure  coefficients  on  single-jet,  2-D  C-D  nozzle  test  cases  B.4.1  and  B.4.2. 


57.04 

3.32897 

1.51400 

0.9048 

-0.2225 

58.28 

3.17851 

1.40700 

0.9245 

-0.1314 

59.52 

3.02780 

1.22700 

0.9442 

-0.0716 

61.38 

2.80175 

0.93200 

0.9737 

0.0267 

55.18 

3.40000 

0.00000 

0.8753 

-0.1271 

55.80 

3.40000 

0.00000 

0.8852 

-0.2104 

56.42 

3.38229 

0.00000 

0.8950 

-0.2798 

57.04 

3.32898 

0.00000 

0.9048 

-0.2256 

58.28 

3.17851 

0.00000 

0.9245 

-0.1120 

59.52 

3.02780 

0.00000 

0.9442 

-0.0640 

61.38 

2.80175 

0.00000 

0.9737 

0.0201 

62.62 

2.65104 

0.00000 

0.9933 

0.0383 

BASE 

1.0000 

-0.0293 

Table.  B.4-1  -  Concluded 


0.4 

0.2 

0 

Cp  -0.2 

-0.4 

-0.6 

-0.8 

0.84  0.88  0.92  0.96  1 

x/L 

Figure  B.4-1-  External  static  pressure  coefficieru  distributions  for  test  case  B.4.1. 


B.4.1 .2  Internal  Surface  Pressure  Ratio  Distribution 


z 


-0.4547 

-0.4009 

-0.1416 

-0.0072 

-0.0952 

-0.2005 

-0.4026 

-0.5292 

-0.3812 

-0.1498 

0.0068 

0.0300 

0.0023 


View  looking  upstream  from  rear 
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Row 

X,  in. 

y.  in. 

z,  in. 

6 

55.800 

0.00000 

1.94400 

6 

56.730 

0.00000 

1.31107 

6 

57.223 

0.00000 

1.04000 

6 

58.280 

0.00000 

1 .08683 

6 

60.140 

0.00000 

1.17013 

6 

62.620 

0.00000 

1.28119 

7 

57.223 

2.47500 

0.00000 

7 

58.280 

2.47500 

0.00000 

7 

60.140 

2.47500 

0.00000 

7 

62.620 

2.47500 

0.00000 

Test  Case  B.4.1 

Test  Case  B.4.2 

=  0.600 

M^  =  0.938 

NPR  =  4.003 

NPR  =  4.017 

x/L 

P/Ptj 

Q. 

0.8852 

0.959 

0.958 

0.8999 

0.868 

0.868 

0.9077 

0.251 

0.253 

0.9245 

0.413 

0.412 

0.9540 

0.343 

0.344 

0.9933 

0.241 

0.245 

0.9077 

0.575 

0.604 

0.9245 

0.302 

0.308 

0.9540 

0.284 

0.284 

0.9933 

0.240 

0.243 

Table  B.4-2.-  Internal  static  pressure  ratios  on  single-jet,  2-D  C-D  nozzle  test  cases  B.4.1  and  BA. 2. 


x/L 

Figure  B.4-2  -  Internal  static  pressure  ratio  distributions  for  test  case  B.4.1. 


B.4.1 .3  Pitot  Pressure  Ratio  Distributions  in  Free-Stream  and  Jet  Flow  Field 
See  Tables  B.4-3,  B.44  and  B.4-5 


y.  in. 

2,  in. 

Pt,p/Pt,» 

r,  in. 

i'.  deg 

-.016 

-.003 

2.726 

.005 

24.3 

.080 

.040 

2.727 

.110 

24.3 

.156 

.074 

2.728 

.193 

24.3 

.252 

.118 

2.731 

.299 

24.3 

.351 

.163 

2.736 

.407 

24.3 

.439 

.203 

2.731 

.505 

24.3 

.535 

.246 

2.739 

.610 

24.3 

.611 

.281 

2.752 

.693 

24.3 

.7O8 

.324 

2.762 

.799 

24.3 

.806 

.369 

2.793 

.907 

24.3 

.895 

.409 

2.841 

1.005 

24.3 

.991 

.451 

2.839 

1.110 

24.3 

1.067 

.487 

2.836 

1.193 

24.3 

1.163 

.530 

2.831 

1.299 

24.3 
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y.  in. 

m 

M 

())',  deg 

.575 

2.829 

BR 

IRffH 

.615 

2.828 

1.447 

.657 

2.829 

1.522 

.693 

2.829 

bH 

1.619 

.736 

2.832 

1.799 

1.717 

.781 

2.831 

1.907 

24.3 

1.806 

.821 

2.827 

2.005 

24.3 

1.902 

.863 

2.820 

2.110 

24.3 

1.978 

.899 

2.816 

2.193 

24.3 

2.074 

.942 

2.814 

2.299 

24.3 

2.173 

.987 

2.803 

2.407 

24.3 

2.262 

1.027 

2.769 

2.505 

24.3 

2.358 

1.069 

2.724 

2.610 

24.3 

2.433 

1.105 

2.637 

2.693 

24.3 

2.530 

1.148 

1.264 

2.799 

24.3 

2.629 

1.193 

.852 

2.907 

24.3 

2.717 

1.233 

.863 

3.005 

24.3 

2.814 

1.275 

.898 

3.110 

24.3 

2.889 

1.311 

.921 

3.193 

24.3 

2.985 

1.355 

.948 

3.299 

24.3 

3.084 

1.399 

.969 

3.407 

24.3 

3.179 

1.442 

.985 

3.512 

24.3 

3.259 

1.473 

.992 

3.597 

24.3 

3.362 

1.521 

.996 

3.711 

24.3 

3.446 

1.557 

.996 

3.802 

24.3 

3.635 

1.648 

.998 

4.012 

24.3 

3.715 

1.679 

.998 

4.097 

24.3 

3.818 

1.727 

.998 

4.211 

24.3 

3.901 

1.763 

.998 

4.302 

24.3 

4.091 

1.855 

.997 

4.512 

24.3 

4.171 

1.884 

.995 

4.597 

24.3 

4.274 

1.932 

.998 

4.711 

24.3 

4.357 

1.968 

.998 

4.802 

24.3 

4.546 

2.061 

1.000 

5.012 

24.3 

4.627 

2.090 

1.000 

5.097 

24.3 

4.730 

2.138 

1.000 

5.211 

24.3 

4.813 

2.174 

.999 

5.302 

24.3 

5.002 

2.267 

.998 

5.512 

24.3 

5.083 

2.295 

.998 

5.597 

24.3 

5.185 

2.344 

.998 

5.711 

24.3 

5.269 

2.379 

.998 

5.802 

24.3 

5.457 

2.473 

.998 

6.012 

24.3 

5.538 

2.501 

.998 

6.097 

24.3 

5.641 

2.549 

.998 

6.211 

24.3 

5.725 

2.585 

.998 

6.302 

24.3 

Tabl^B.4.1-^;  Experimental  pitot  pressure  ratio  data  for  test  case  B.4.1  atx  =  63.04  in.  and  nominal  values 

of  =  24.3°  and  69.2°. 
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Table  BA. 1-4:  Experimental  pitot  pressure  ratio  data  for  test  case  B.4.1  atx  =  68.176  in.  and  nominal  values 

of  <!)'  =  24.7°  and  60.2°. 
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2.633 

-.001 

60.2 

2.640 

.105 

60.2 

2.652 

.206 

60.2 

2.668 

.318 

60.2 

2.679 

.400 

60.2 

2.717 

.499 

60.2 

2.733 

.605 

60.2 

2.722 

.706 

60.2 

2.610 

.818 

60.2 

2.517 

.900 

60.2 

2.035 

.999 

60.2 

1.755 

1.105 

60.2 

1.531 

1.206 

60.2 

1.281 

1.318 

60.2 

1.201 

1.400 

60.2 

1.021 

1.499 

60.2 

.980 

1.605 

60.2 

.965 

1.706 

60.2 

.963 

1.818 

60.2 

.965 

1.900 

60.2 

.975 

1.999 

60.2 

.983 

2.105 

60.2 

y,  in. 

HBW 

</,  deg 

WBm 

2.013 

.989 

2.206 

60.2 

■Bln 

2.111 

.993 

2.318 

60.2 

1.078 

2.181 

.996 

2.400 

60.2 

1.128 

2.268 

.997 

2.499 

60.2 

1.181 

2.359 

.997 

2.605 

60.2 

1.230 

2.447 

.997 

2.706 

60.2 

1.286 

2.545 

.997 

2.818 

60.2 

1.327 

2.615 

.997 

2.900 

60.2 

1.377 

2.701 

.999 

2.999 

60.2 

1.429 

2.793 

1.000 

3.105 

60.2 

1.478 

2.881 

.999 

3.206 

60.2 

1.534 

2.978 

.999 

3.318 

60.2 

1.576 

3.049 

.999 

3.400 

60.2 

1.619 

3.124 

.997 

3.487 

60.2 

1.686 

3.241 

.997 

3.621 

60.2 

1.724 

3.307 

.997 

3.697 

60.2 

1.798 

3.404 

.997 

3.818 

59.9 

1.868 

3.558 

.998 

3.987 

60.2 

1.935 

3.675 

.998 

4.121 

60.2 

1.973 

3.740 

.998 

4.197 

60.2 

2.048 

3.836 

.998 

4.318 

59.9 

2.117 

3.991 

1.000 

4.487 

60.2 

2.184 

4.108 

1.000 

4.621 

60.2 

2.221 

4.174 

1.000 

4.697 

60.2 

2.298 

4.269 

1.000 

4.818 

59.9 

2.366 

4.425 

.999 

4.987 

60.2 

2.433 

4.542 

.998 

5.121 

60.2 

2.470 

4.608 

.999 

5.197 

60.2 

2.549 

4.702 

.999 

5.318 

59.9 

2.614 

4.859 

.997 

5.487 

60.2 

2.681 

4.976 

.997 

5.621 

60.2 

2.719 

5.041 

.997 

5.697 

60.2 

2.799 

5.135 

.997 

5.818 

59.9 

2.863 

5.293 

.999 

5.987 

60.2 

2.930 

5.410 

.999 

6.121 

60.2 

2.968 

5.475 

.999 

6.197 

60.2 

3.050 

5.567 

.999 

6.318 

59.9 

Concluded. 
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y.  in. 

Bi 

r,  In. 

deg 

y,  in. 

z,  in. 

(j.^  deg 

.007 

Hinni 

2.681 

■rsH 

-.5 

4.623 

Hil 

.996 

4.623 

-.6 

.108 

2.694 

■fiSSH 

-.6 

4.706 

.997 

4.706 

-.6 

.201 

-.104 

2.700 

-.6 

4.813 

.998 

4.813 

-.6 

.305 

-.106 

2.707 

-.6 

5.018 

WSSM 

.999 

5.018 

-.6 

.410 

-.107 

2.713 

.410 

-.6 

5.123 

-.155 

.998 

5.123 

-.6 

.507 

-.106 

2.699 

.507 

-.5 

5.206 

-.156 

.998 

5.206 

-.6 

.608 

-.109 

2.715 

.608 

-.6 

5.313 

-.157 

.998 

5.313 

-.6 

.701 

-.110 

2.724 

.701 

-.6 

5.518 

-.159 

.998 

5.518 

-.6 

.805 

-.111 

2.736 

.805 

-.6 

5.623 

-.160 

.998 

5.623 

-.6 

.910 

-.112 

2.747 

.910 

-.6 

5.706 

-.161 

.997 

5.706 

-.6 

1.007 

-.111 

2.747 

1.007 

-.5 

5.813 

-.162 

.998 

5.813 

-.6 

1.108 

-.114 

2.768 

1.108 

-.6 

6.017 

-.164 

.999 

6.018 

-.6 

1.201 

-.115 

2.784 

1.201 

-.6 

6.123 

-.165 

.999 

6.123 

-.6 

1.305 

-.116 

2.799 

1.305 

-.6 

6.206 

-.166 

.998 

6.206 

-.6 

1.410 

-.117 

2.813 

1.410 

-.6 

1.507 

-.115 

2.807 

1.507 

-.5 

-.068 

2.764 

.011 

7.6 

1.608 

-.119 

2.790 

1.608 

-.6 

.113 

2.765 

.116 

7.6 

1.701 

2.688 

1.701 

-.6 

.217 

2.766 

7.7 

1.805 

2.508 

1.805 

-.6 

-.029 

2.762 

■OH 

1.910 

-.122 

2.261 

1.910 

-.6 

.404 

-.015 

2.768 

.410 

2.007 

-.119 

1.908 

2.007 

-.5 

.504 

-.002 

2.781 

.511 

bib 

2.108 

-.124 

1.699 

2.108 

-.6 

.609 

.012 

2.784 

.616 

2.201 

-.125 

1.496 

2.201 

-.6 

.712 

2.789 

.721 

7.7 

2.305 

-.126 

1.354 

2.305 

-.6 

.796 

2.788 

.805 

2.410 

-.127 

1.231 

2.410 

-.6 

.900 

2.798 

.910 

BB 

2.507 

-.124 

1.111 

2.507 

-.5 

1.000 

.064 

2.821 

1.011 

BB 

2.608 

-.129 

1.054 

2.608 

-.6 

1.104 

.078 

2.828 

1.116 

2.701 

-.130 

1.013 

2.701 

-.6 

1 .208 

2.836 

1.221 

7.7 

2.805 

-.131 

.997 

2.805 

-.6 

1.291 

^Biu9 

2.838 

1.305 

7.7 

2.910 

-.132 

.992 

2.910 

-.6 

1.395 

.119 

2.849 

1.410 

7.7 

3.007 

-.128 

.995 

3.007 

-.5 

1.495 

.131 

2.867 

1.511 

3.108 

-.134 

.996 

3.108 

-.6 

1.600 

.145 

2.854 

1.616 

3.201 

-.135 

.998 

3.201 

-.6 

1.703 

.160 

2.795 

1.721 

Bb 

3.305 

-.136 

.999 

3.305 

-.6 

1.787 

.172 

2.707 

1.805 

mSoM 

3.410 

-.137 

.999 

3.410 

-.6 

1.891 

.186 

2.516 

1.910 

BB 

3.518 

-.139 

.999 

3.518 

-.6 

1.991 

.197 

2.181 

2.011 

Bb 

3.623 

-.140 

.998 

3.623 

-.6 

2.096 

.211 

1.916 

2.116 

mSM 

3.706 

-.141 

.998 

3.706 

-.6 

2.199 

.227 

1.720 

2.221 

7.7 

3.813 

-.142 

.998 

3.813 

-.6 

2.282 

.238 

1.579 

2.305 

4.018 

-.144 

.996 

4.018 

-.6 

2.386 

.252 

1.416 

2.410 

^^B 

4.123 

-.145 

.996 

4.123 

-.6 

2.486 

.263 

1.266 

2.511 

■b 

4.206 

-.146 

.997 

4.206 

-.6 

2.591 

.277 

1.178 

2.616 

7.6 

4.313 

-.147 

.995 

4.313 

-.6 

2.694 

.294 

1.147 

2.721 

4.518 

-.149 

.997 

4.518 

-.6 

2.778 

.305 

1.114 

2.805 

WSbm 

2.882 

.319 

1.080 

2.910 

BIB 

2.970 

.346 

3.001 

BB 

Tahla  BA. 1-5:  Experimental  pitot  pressure  ratio  data  for  test  case  B.4.1  at  x  =  73.275  in.  and  nominal  values 

of(p’  =  -0.6°,  7.8°,  15.9°,  25.8°,  28.4°,  30.0°,  38.4°,  45.8°,  61.0°,  76.1  °,  and 90.6°. 


y.  in. 

r,  in. 

deg 

1.544 

1.626 

.406 

.429 

2.822 

2.817 

■QQII 

1.742 

.463 

2.779 

1.821 

15.9 

1.828 

.487 

2.719 

1.910 

15.9 

1.925 

.515 

2.559 

2.011 

15.9 

2.025 

.544 

2.400 

2.115 

15.9 

2.107 

.565 

2.225 

2.200 

15.9 

2.223 

.600 

2.026 

2.321 

15.9 

2.309 

.625 

1.883 

2.410 

15.9 

2.406 

.652 

1.719 

2.511 

15.9 

2.506 

.681 

1.602 

2.615 

15.9 

2.588 

.702 

1.499 

2.700 

15.9 

2.704 

.737 

1.403 

2.821 

15.9 

2.789 

.762 

1.339 

2.910 

15.9 

2.887 

.790 

1.266 

3.011 

15.9 

2.987 

.818 

1.208 

3.115 

15.9 

3.069 

.839 

1.156 

3.200 

15.9 

3.184 

.875 

1.102 

3.321 

15.9 

3.270 

.899 

1.067 

3.410 

15.9 

3.374 

.929 

1.045 

3.518 

15.9 

3.476 

.958 

1.019 

3.624 

15.9 

3.564 

.983 

1.007 

3.716 

15.9 

3.657 

1.010 

1.000 

3.812 

15.9 

3.855 

1.066 

.996 

4.018 

15.9 

3.957 

1.095 

.996 

4.124 

15.9 

4.045 

1.120 

.996 

4.216 

15.9 

4.138 

1.147 

.996 

4.312 

15.9 

4.335 

1.203 

.997 

4.518 

15.9 

4.438 

1.232 

.998 

4.624 

15.9 

4.526 

1.258 

.998 

4.716 

15.9 

4.619 

1.284 

.997 

4.812 

15.9 

4.816 

1.340 

.999 

5.018 

15.9 

4.919 

1.370 

.998 

5.124 

15.9 

5.006 

1.395 

.999 

5.216 

15.9 

5.099 

1.421 

.999 

5.312 

15.9 

5.297 

1.478 

.998 

5.518 

15.9 

5.399 

1.507 

.998 

5.624 

15.9 

5.487 

1.532 

.999 

5.716 

15.9 

5.580 

1.559 

.998 

5.812 

15.9 

5.778 

1.615 

1.000 

6.018 

15.9 

5.880 

1 .644 

.998 

6.124 

15.9 

5.968 

1.669 

.999 

6.216 

15.9 

6.061 

1.696 

.999 

6.312 

15.9 

-.013 

.003 

2.695 

.011 

25.4 

y.  in. 

z.  In. 

(),'  deg 

y.  in. 

z.  In. 

Pt.p/Pt.oo 

<p',  deg 

.078 

2.694 

.110 

25.4 

4.507 

2.160 

.998 

25.5 

All 

.093 

2.701 

HUH 

25.4 

4.576 

2.210 

.998 

25.7 

.255 

.130 

2.706 

25.4 

4.640 

2.326 

.999 

26.5 

.349 

.175 

2.713 

.411 

25.4 

4,742 

2.349 

.999 

26.2 

.439 

.217 

2.723 

.511 

25.4 

4.958 

2,375 

.998 

5.518 

25.5 

.529 

.260 

2.723 

.610 

25.4 

5.026 

2.426 

.998 

5.602 

25.7 

.629 

.307 

2.721 

.721 

25.4 

5.088 

2.549 

.997 

5.711 

26.5 

.707 

.344 

2.717 

.807 

25.4 

5,190 

2.570 

.998 

5.812 

26.2 

.801 

.389 

2.715 

.911 

25.4 

5.410 

2.590 

.998 

6.018 

25.5 

.891 

.432 

2.675 

1.011 

25.4 

5.477 

2.643 

1.000 

6.102 

25.7 

.981 

.474 

2.651 

1.110 

25.4 

5.535 

2.772 

1.000 

6.211 

26.5 

1.081 

1.159 

.522 

.559 

2.603 

2.564 

1.221 

1.307 

25.4 

25.4 

5.639 

2.791 

1.000 

6.312 

26.2 

1.252 

.603 

2.530 

1.411 

25.4 

-.018 

2.692 

.011 

28.7 

1.343 

.646 

2.395 

1.511 

25.4 

.075 

2.701 

.116 

28.1 

1.433 

.689 

2.327 

1.610 

25.4 

.167 

.114 

2.705 

.221 

28.3 

1 .533 

.736 

2.229 

1.721 

25.4 

.335 

2.720 

.411 

28.1 

1.610 

.773 

2.146 

1.807 

25.4 

.420 

2.720 

.511 

28.7 

1.704 

.817 

2.072 

1.911 

25.4 

.516 

2.723 

.616 

28.1 

1.794 

.860 

1.951 

2.011 

25.4 

.607 

.351 

2.717 

.721 

28.3 

1.885 

.903 

1.859 

2.110 

25.4 

,776 

.437 

2.699 

.911 

28.1 

1.984 

.950 

1.738 

2.221 

25.4 

.859 

,496 

2.629 

1.011 

28.7 

2.062 

.987 

1.632 

2.307 

25.4 

.957 

.534 

2.593 

1.116 

28.1 

2.156 

1.032 

1.533 

2.411 

25.4 

1,048 

2.529 

1,221 

28.3 

2.246 

1.074 

1.368 

2,511 

25.4 

1.217 

2.414 

1.411 

28.1 

2.336 

1.117 

1.297 

2.610 

25.4 

1.297 

.736 

2.234 

1.511 

28.7 

2.436 

1.164 

1.218 

2.721 

25.4 

1.398 

.770 

2.164 

1.616 

28,1 

2.514 

1.201 

1.163 

2.807 

25.4 

1.488 

.824 

2.054 

1.721 

28.3 

2.608 

1.246 

1.119 

2.911 

25.4 

1.658 

.908 

1.884 

1.911 

28.1 

2.698 

1.289 

1.062 

3.011 

25.4 

1,736 

.976 

1.746 

2.011 

28.7 

2.788 

1.331 

1.046 

3.110 

25.4 

1.839 

1 .006 

1.670 

2.116 

28.1 

2.888 

1.379 

1.030 

3.221 

25.4 

1.928 

1.061 

1.560 

2.221 

28.3 

2.966 

1.416 

1.024 

3.307 

25.4 

2.099 

1.144 

1 .393 

2.411 

28.1 

3.060 

1.460 

1.012 

3.411 

25.4 

2.175 

1,216 

1.252 

2.511 

28.7 

3.224 

1.560 

1.011 

3.602 

25.7 

2.280 

1.241 

1,189 

2.616 

28.1 

3.298 

1.657 

1.004 

3.711 

26.5 

2.368 

1.298 

1.122 

2.721 

28,3 

3.396 

1.686 

1.000 

3.812 

26.2 

2.540 

1.379 

1.054 

2,911 

28.1 

3.605 

1.729 

.995 

4.018 

25.5 

2.613 

1.456 

1.014 

3.011 

28.7 

3.674 

1.776 

.996 

4.102 

25,7 

2.721 

1.477 

1.006 

3.116 

28.1 

3.745 

1.880 

.996 

4.211 

26.5 

2.809 

1.535 

1.000 

3.221 

28.3 

3.845 

1.907 

.996 

4.312 

26.2 

2.982 

1.615 

1.000 

3.411 

28.1 

4.056 

1.944 

.997 

4.518 

25.5 

3.161 

1,729 

1.000 

3.622 

28.3 

4.125 

1.993 

.997 

4.602 

25.7 

3.233 

1.774 

.999 

3.708 

28.4 

4.193 

.997 

4.711 

26  ;5 

3.322 

1.840 

.998 

3.817 

28.6 

4.293 

.996 

4.812 

26.2 

3.502 

1.929 

.996 

4.018 

28.5 

3.601 

1.966 

.995 

4.122 

28.3 

fnniRMsi 
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z,  in. 

I^D 

if,  deg 

y.  in. 

bb 

wm 

— 

r,  In. 

deg 

2.012 

.995 

4.208 

28.4 

2.195 

1.373 

1.123 

2.608 

mmm 

2.079 

.996 

4.317 

28.6 

2.274 

1.421 

1.082 

2.699 

KnM 

2.167 

.996 

4.518 

28.5 

2.364 

1.472 

1.046 

2.803 

31.2 

4.041 

2.203 

.996 

4.622 

28.3 

2.470 

1.503 

1.019 

2.910 

30.7 

4.113 

2.250 

.996 

4.708 

28.4 

2.537 

1.581 

.994 

3.007 

31 .3 

4.200 

2.319 

.996 

4.817 

28.6 

2.623 

1.633 

.992 

3.108 

31 .3 

4.381 

2.406 

.998 

5.018 

28.5 

2.701 

1.680 

.990 

3.199 

31 .3 

4.481 

2.441 

.999 

5.122 

28.3 

2.791 

1.731 

.993 

3.303 

31 .2 

4.553 

2.488 

.998 

5.208 

28.4 

2.900 

1.759 

.997 

3.410 

30.7 

4.639 

2.559 

.999 

5.317 

28.6 

3.013 

1.779 

.999 

3.518 

30.1 

4.820 

2.645 

.998 

5.518 

28.5 

3.117 

1.839 

.997 

3.638 

30.1 

4.921 

2.678 

.999 

5.622 

28.3 

3.176 

1.874 

.997 

3.707 

30.1 

4.992 

2.726 

.998 

5.708 

28.4 

3.272 

1.933 

.997 

3.819 

30.1 

5.078 

2.798 

.998 

5.817 

28.6 

3.445 

2.030 

.996 

4.018 

30.1 

5. -259 

2.884 

.999 

6.018 

28.5 

3.549 

2.090 

.996 

4.138 

30.1 

5.361 

2.916 

.999 

6.122 

28.3 

3.609 

2.125 

.995 

4.207 

30.1 

5.432 

2.963 

.999 

6.208 

28.4 

3.705 

2.184 

.996 

4.319 

30.1 

5.517 

3.038 

.999 

6.317 

28.6 

3.878 

2.281 

.996 

4.518 

30.1 

d  .o41 

.996 

4.638 

30.1 

-.027 

.023 

2.659 

.007 

31.3 

4.042 

2.375 

.996 

4.707 

30.1 

.059 

.075 

2.664 

.108 

31.3 

4.137 

2.435 

.997 

4.819 

30.1 

.137 

.123 

2.673 

.199 

31.3 

4.310 

2.531 

.998 

5.018 

30.1 

.226 

.176 

2.683 

.303 

31.2 

4.415 

2.592 

.998 

5.138 

30.1 

.320 

.227 

2.690 

.410 

30.7 

4.474 

2.626 

.998 

5.207 

30.1 

.400 

.283 

2.688 

.507 

31.3 

4.570 

2.686 

.999 

5.319 

30.1 

.486 

.335 

2.686 

.608 

31.3 

4.743 

2.782 

.998 

5.518 

30.1 

.564 

.382 

2.684 

.699 

31.3 

4.847 

2.842 

.997 

5.638 

30.1 

.653 

.435 

2.675 

.803 

31.2 

4.907 

2.877 

.999 

5.707 

30.1 

.750 

.482 

2.660 

.910 

30.7 

5.002 

2.937 

.998 

5.819 

30.1 

.827 

.542 

2.566 

1.007 

31.3 

5.176 

3.033 

.999 

6.018 

30.1 

.913 

.594 

2.508 

1.108 

31.3 

5.280 

3.093 

.999 

6.138 

30.1 

.991 

.642 

2.454 

1.199 

31.3 

5.339 

3.128 

.999 

6.207 

30.1 

1.081 

.695 

2.387 

1.303 

31.2 

5.435 

3.188 

1.000 

6.319 

30.1 

1.180 

.737 

2.316 

1 .410 

30  7 

1.255 

.802 

2.101 

1.507 

31.3 

-.043 

.048 

2.657 

38.3 

1.341 

.854 

2.003 

1.608 

31.3 

.030 

.106 

2.666 

38.4 

1.419 

.901 

1.922 

1.699 

31.3 

.107 

.167 

2.675 

38.4 

1.509 

.954 

1.837 

1.803 

31.2 

.189 

.232 

2.684 

38.4 

1.610 

.993 

1.757 

1.910 

30.7 

.276 

.300 

2.690 

.415 

38.3 

1 .682 

1.061 

1.609 

2.007 

31.3 

.349 

.358 

2.680 

.509 

38.3 

1.768 

1.114 

1.524 

2.108 

31.3 

.422 

.416 

2.673 

.601 

38.4 

1.846 

1.161 

1.457 

2.199 

31.3 

.499 

.477 

2.658 

.700 

38.4 

1.936 

1.213 

1.385 

2.303 

31.2 

.582 

.542 

2.623 

.805 

38.4 

1.248 

1.312 

2.410 

30.7 

.669 

.610 

2.571 

.915 

38.3 

mm. 

1.321 

1.178 

2.507 

31.3 

.742 

.668 

2.431 

1.009 

38.3 
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y.  in. 


.814 

.891 

.974 

1.061 

1.134 

1.206 

1.283 

1.366 

1.454 

1.526 

1.598 

1.675 

1.758 

1.846 

1.919 

1.990 

2.068 

2.150 

2.238 

2.318 

2.383 

2.472 

2.549 

2.631 

2.711 

2.775 

2.864 

2.941 

3.103 

3.167 

3.256 

3.333 

3.495 

3.559 

3.648 

3.726 

3.887 

3.951 

4.040 

4.118 

4.280 

4.343 

4.433 

4.510 

4.672 


z,  in. 


.726 

.787 

.852 

.920 

.978 

1.036 

1.097 

1.163 

1.230 

1.288 

1.347 
1.408 
1.473 
1.539 
1.598 
1.657 
1.718 
1.783 
1.849 
1.914 

1.968 
2.038 
2.096 
2.159 
2.224 

2.278 

2.348 
2.406 
2.534 

2.588 
2.659 
2.716 
2.844 
2.898 

2.969 
3.026 
3.154 
3.209 

3.279 
3.336 
3.464 
3.519 

3.589 
3.646 
3.774 


Pt.p/Pt,« 


2.343 
2.248 
2.117 
1.996 
1.791 
1.690 
1 .603 
1.498 
1.414 
1.316 
1.258 
1.203 
1.144 
1.097 
1.039 
1.017 
1.002 
.990 
.988 
.984 
.986 
.987 
.991 
.998 
.996 
.998 
.997 
.998 
.995 
.996 
.997 
.996 
.996 
.997 
.997 
.997 
.999 
.998 
.998 
.999 
.999 
.998 
.997 
.998 
.999 


r,  in. 


1.101 

1.200 

1.305 

1.415 

1 .509 
1.601 

1.700 

1.805 

1.915 
2.009 
2.101 
2.200 

2.305 

2.415 

2.509 
2.601 

2.700 

2.805 

2.915 
3.018 

3.102 

3.216 

3.312 

3.415 

3.518 

3.602 

3.716 

3.812 
4.018 

4.102 

4.216 

4.312 

4.518 

4.602 

4.716 

4.812 
5.018 

5.102 

5.216 

5.312 

5.518 

5.602 

5.716 

5.812 
6.018 


deg 


38.4 

38.4 

38.4 

38.3 

38.3 

38.4 
38.4 
38.4 
38.3 

38.3 

38.4 
38.4 
38.4 
38.3 

38.3 

38.4 
38.4 
38.4 
38.3 

38.3 

38.4 
38.4 
38.3 
38.3 

38.3 

38.4 
38.4 
38.3 

38.3 

38.4 
38.4 
38.3 

38.3 

38.4 
38.4 
38.3 

38.3 

38.4 
38.4 
38.3 

38.3 

38.4 
38.4 
38.3 
38.3 


y,  in. 

2,  in. 

BB 

deg 

■Esa 

3.829 

.999 

38.4 

3.900 

.999 

38.4 

mm 

3.956 

1.000 

38.3 

-.064 

2.691 

.010 

2.700 

.082 

2.707 

46.2 

.140 

2.711 

45.5 

.220 

.357 

2.714 

.411 

45.4 

.281 

.438 

2.700 

.512 

46.5 

.358 

.508 

2.684 

.616 

46.0 

.428 

.587 

2.643 

.721 

46.2 

.490 

.634 

2.601 

.798 

45.5 

.571 

.713 

2.518 

.911 

45.4 

.625 

.801 

2.299 

1.012 

46.5 

.705 

.868 

2.194 

1.116 

46.0 

.773 

.948 

2.053 

1.221 

46.2 

.841 

.991 

1.948 

1.298 

45.5 

.922 

1.799 

1.411 

45.4 

.969 

1.164 

1.564 

1.512 

46.5 

1.052 

1.227 

1.476 

1.616 

46.0 

1.119 

1.309 

1.378 

1.721 

46.2 

1.191 

1.347 

1.312 

1.798 

45.5 

1.273 

1.426 

1.231 

1.911 

45.4 

1.313 

1.526 

1.139 

2.012 

46.5 

1.400 

1.587 

1.101 

2.116 

46.0 

1.465 

1.670 

2.221 

46.2 

1.541 

1.704 

2.298 

45.5 

1.624 

1.782 

1.018 

2.411 

45.4 

1.657 

1.889 

1.000 

2.512 

46.5 

1.747 

1.947 

'  .998 

2.616 

46.0 

1.811 

2.031 

.996 

2.721 

46.2 

1.892 

2.061 

.995 

2.798 

45.5 

1.974 

2.138 

.996 

2.911 

45.4 

2.058 

2.223 

.995 

3.031 

45.4 

2.123 

2.289 

.996 

3.123 

45.4 

2.183 

2.350 

.996 

3.208 

45.4 

2.254 

2.424 

.998 

3.312 

45.5 

2.325 

2.494 

.999 

3.411 

45.4 

2.409 

2.579 

.997 

3.531 

45.4 

2.474 

2.645 

.996 

3.623 

45.4 

2.534 

2.706 

.998 

3.708 

45.4 

2.605 

2.780 

.998 

3.812 

45.5 

2.760 

2.936 

.995 

4.031 

45.4 

2.825 

3.001 

.995 

4.123 

45.4 
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y,  in. 

z,  in. 

r,  in. 

deg 

y,  in. 

z,  in. 

r ,  in. 

4.'  deg 

2.885 

3.062 

.995 

4.208 

45.4 

1.137 

2.395 

.998 

2.615 

61.3 

2.956 

3.137 

.996 

4.312 

45.5 

1.209 

2.472 

.998 

2.718 

60.8 

3.111 

3.292 

.995 

4.531 

45.4 

1.251 

2.557 

,999 

2.812 

60.9 

3,175 

3.357 

.996 

4.623 

45.4 

1.246 

2.671 

.999 

2.910 

62.0 

3.235 

3.418 

.997 

4.708 

45.4 

1.356 

2.734 

.997 

3.018 

60.8 

3.307 

3.493 

.998 

4.812 

45.5 

1.407 

2.826 

,997 

3.123 

60.8 

3.462 

3.648 

.998 

5.031 

45.4 

1.451 

2.901 

.998 

3.210 

60.7 

3.526 

3.714 

.997 

5.123 

45.4 

1.500 

2.985 

.997 

3.306 

60.7 

3.586 

3.775 

.999 

5.208 

45.4 

1.481 

3.113 

.999 

3.410 

62.0 

3.657 

3.849 

.997 

5.312 

45.5 

1.600 

3.171 

.999 

3.518 

60.8 

3.813 

4.004 

.998 

5.531 

45.4 

1.651 

3.263 

.998 

3.623 

60.8 

3.877 

4.070 

.997 

5.623 

45.4 

1 .696 

3.337 

.998 

3.710 

60.7 

3.937 

4.131 

.999 

5.708 

45.4 

1.744 

3.421 

.998 

3.806 

60.7 

4.008 

4.206 

.998 

5.812 

45.5 

1.844 

3.607 

.995 

4.018 

60.8 

4.163 

4.361 

.999 

6.031 

45.4 

1.895 

3.699 

.995 

4.123 

60.8 

4.228 

4.426 

.999 

6.123 

45.4 

1.940 

3.773 

.995 

4.210 

60.7 

4.288 

4.487 

.999 

6.208 

45.4 

l',989 

3.857 

.995 

4.306 

60.7 

4.359 

4.562 

.998 

6.312 

45.5 

2.088 

4.044 

.996 

4.518 

60.8 

2.139 

4.135 

.996 

4.623 

60.8 

-.114 

.112 

2.686 

.012 

61.4 

2.184 

4.209 

.998 

4.710 

60.7 

-.064 

.203 

2.702 

.115 

61.3 

2.233 

4.293 

.995 

4.806 

60,7 

-.012 

.291 

2.710 

.218 

60.8 

2.332 

4.480 

.999 

5.018 

60.8 

.034 

.373 

2.718 

.312 

60.9 

2.383 

4.572 

.999 

5,123 

60.8 

.071 

.465 

2.714 

.410 

62.0 

2.429 

4.646 

.997 

5.210 

60.7 

.125 

.551 

2.669 

.512 

61.4 

2.478 

4,729 

,998 

5.306 

60.7 

.176 

.641 

2.629 

.615 

61.3 

2.576 

4.916 

.999 

5.518 

60.8 

.233 

.727 

2.558 

.718 

60.8 

2.628 

5.008 

,999 

5.623 

60.8 

.277 

.810 

2.451 

.812 

60.9 

2.673 

5.082 

.998 

5.710 

60.7 

.306 

.906 

2.326 

.910 

62.0 

2.722 

5.165 

,998 

5.806 

60.7 

.364 

.990 

2.055 

1.012 

61,4 

2.820 

5.353 

.999 

6.018 

60.8 

.416 

1.080 

1 .917 

1.115 

61.3 

2.872 

5.444 

.999 

6.123 

60.8 

.477 

1.163 

1.773 

1.218 

60.8 

2.918 

5.518 

.997 

6.210 

60.7 

.520 

1.247 

1.626 

1.312 

60.9 

2.967 

5.601 

.998 

6.306 

60.7 

.541 

1  348 

1.501 

■KM 

62.0 

.604 

1.429 

1.307 

■EM 

61.4 

.134 

2.693 

.011 

76.2 

.656 

1.518 

1.227 

61.3 

MM 

2.704 

76.1 

.721 

1 .600 

1.158 

■bm 

60.8  , 

■iM 

.327 

2.712 

hm 

76.1 

.764 

1.683 

1 .096 

1.812 

60.9 

-.102 

.419 

2.716 

76.1 

.776 

1.789 

1.052 

1.910 

62.0 

-.076 

2.704 

.410 

76.1 

.843 

1.868 

1.013 

2.012 

61.4 

-.053 

,619 

2.652 

.511 

76.2 

.896 

1.957 

1.003 

2.115 

61.3 

-.030 

.708 

2.589 

.602 

76.1 

.965 

M  JliJi  m 

.998 

2.218 

60.8 

.813 

2.478 

.710 

76,1 

1.007 

.997 

2.312 

60.9 

,018 

.905 

2.342 

.805 

76,1 

1.011 

2.230 

.999 

2.410 

62.0 

.044 

1.007 

2.164 

.910 

76.1 

1.082 

2.307 

.998 

2.512 

61.4 

.067 

1,104 

1.897 

1.011 

76.2 

Table  B.4.1-S:  Continued. 
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y.  in. 

z,  in. 

Pt.p^Pt.oo 

r,  in. 

■)>'  deg 

y,  in. 

z,  in. 

Pt.p/Pt.oo 

r,  in. 

<t>'  deg 

.090 

1.193 

1.762 

1.102 

76.1 

1.295 

6.072 

.999 

6.128 

76.1 

.116 

1.298 

1.612 

1.210 

76.1 

1.317 

6.159 

1.000 

6.217 

76.1 

.138 

1.390 

1.481 

1.305 

76.1 

1.333 

6.234 

1.000 

6.294 

76.1 

.164 

.187 

1.492 

1.590 

1.349 

1.196 

1.410 

1.511 

76.1 

76.2 

-.231 

.142 

2.695 

.012 

90.3 

.210 

1.678 

1.134 

1.602 

76.1 

-.232 

.244 

2.706 

.114 

90.3 

.236 

1.784 

1.077 

1.710 

76.1 

-.241 

.330 

2.717 

.200 

91.5 

.258 

1.875 

1.039 

1.805 

76.1 

-.243 

.426 

2.719 

.296 

91.5 

.283 

1.978 

1.009 

1.910 

76.1 

-.233 

.539 

2.706 

.409 

90.3 

.306 

2.075 

.999 

2.011 

76.2 

-.234 

.642 

2.641 

.512 

90.3 

.329 

2.164 

.997 

2.102 

76.1 

-.234 

.744 

2.565 

.614 

90.3 

.356 

2.269 

.998 

2.210 

76.1 

-.254 

.829 

2.459 

.700 

91.5 

.378 

2.361 

.999 

2.305 

76.1 

-.256 

.925 

2.302 

.796 

91.5 

.403 

2.463 

.998 

2.410 

76.1 

-.236 

1.039 

2.122 

.909 

90.3 

.426 

2.561 

.999 

2.511 

76.2 

-.236 

1.142 

1.846 

1.012 

90.3 

.449 

2.649 

.999 

2.602 

76.1 

-.237 

1.244 

1.700 

1.114 

90.3 

.475 

2.754 

.998 

2.710 

76.1 

-.266 

1.329 

1.566 

1 .200 

91.5 

.498 

2.846 

.999 

2.805 

76.1 

-.269 

1.425 

1.430 

1.296 

91.5 

.523 

2.948 

.998 

2.910 

76.1 

-.238 

1.539 

1.306 

1.409 

90.3 

.550 

3.054 

.997 

3.019 

76.1 

-.238 

1.642 

1.155 

1.512 

90.3 

.576 

3.159 

.997 

3.128 

76.1 

-.239 

1.744 

1.099 

1 .614 

90.3 

.597 

3.246 

.997 

3.217 

76.1 

-.279 

1.829 

1.055 

1.700 

91.5 

.614 

3.321 

.997 

3.294 

76.1 

-.282 

1.925 

1.023 

1.796 

91.5 

.643 

3.434 

.998 

3.410 

76.1 

-.240 

2.039 

1.003 

1.909 

90.3 

.670 

3.540 

.997 

3.519 

76.1 

-.241 

2.142 

.998 

2.012 

90.3 

.696 

3.645 

.996 

3.628 

76.1 

-.241 

2.244 

.998 

2.114 

90.3 

.717 

3.732 

.997 

3.717 

76.1 

-.292 

2.329 

.999 

2.200 

91.5 

.734 

3.807 

.997 

3.794 

76.1 

-.294 

2.425 

.999 

2.296 

91.5 

.789 

4.025 

.996 

4.019 

76.1 

-.243 

2.539 

.998 

2.409 

90.3 

.816 

4.130 

.996 

4.128 

76.1 

-.243 

2.642 

.999 

2.512 

90.3 

.837 

4.217 

.996 

4.217 

76.1 

-.244 

2.744 

.999 

2.614 

90.3 

.854 

4.292 

.996 

4.294 

76.1 

-.305 

2.829 

.999 

2.700 

91.5 

.909 

4.510 

.997 

4.519 

76.1 

-.307 

2.925 

.999 

2.796 

91.5 

.935 

4.616 

.996 

4.628 

76.1 

-.245 

3.039 

.998 

2.909 

90.3 

.957 

4.702 

.997 

4.717 

76.1 

-.237 

3.127 

.996 

2.997 

90.1 

.974 

4.777 

.997 

4.794 

76.1 

-.212 

3.232 

.998 

3.102 

89.7 

1.029 

4.996 

.998 

5.019 

76.1 

-.245 

3.338 

.998 

3.208 

90.2 

1.055 

5.101 

.998 

5.128 

76.1 

-.247 

3.442 

.998 

3.312 

90.3 

1.077 

5.188 

.999 

5.217 

76.1 

-.248 

3.539 

.999 

3.409 

90.3 

1.094 

5.263 

.997 

5.294 

76.1 

-.239 

3.627 

.998 

3.497 

90.1 

1.149 

5.481 

.997 

5.519 

76.1 

-.209 

3.732 

.998 

3.602 

89.7 

1.175 

5.586 

.998 

5.628 

76.1 

-.247 

3.838 

.998 

3.708 

90.2 

1.197 

5.673 

.999 

5.717 

76.1 

-.250 

3.942 

.998 

3.812 

90.3 

1.213 

5.748 

.997 

5.794 

76.1 

-.240 

4.127 

.995 

3.997 

90.1 

1.269 

5.967 

1.000 

6.019 

76.1 

-.206 

4.232 

.995 

4.102 

89.7 

Table  B  .4.1 -5:  Continued. 


B-40 


6 

5 

4 

r,  inches  3 
2 

1 

0 

5 

□  O  Ptp/Pt. 

Figure  B. 4-5  -  Pitot  pressure  ratio  distributions  atx  =  73.275  in.  (xJL  =  1. 16)  for  test  case  B. 4.1 


B.4.1 .4  Pitot  Pressure  Ratio  Contours  in  y-z  Plane 
See  Table  B.4-5 


=  0.6,  NPR  =  4.0 
X  =  73.275  in.,  x/L  =  1.1624 


Figure  B.4-5  -  Contour  plot  in  y-z  plane  ofptp/ptoo<ttx=  73.275  in.  for  test  case  B.4.1 

B.4.2  Test  Case  B.4.2  (M„o  =  0.938, 

NPR  =  4.02) 

B.4.2.1  External  S urface  Pressure  Coefficient  Distribution 
See  Table  B. 4-1 
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Appendix  C  -  CFD  Usage  Notes 


Tte  organizations  which  contributed  predictions  for  this 
assessment  also  were  invited  to  provide  comments  on  the 
generation  of  grids  and  the  execution  of  the  flowfield 
solutions.  These  comments  are  presented  next. 

The  requested  information  included  a  discussion  of  the 
basic  approach  with  particular  attention  to  variations  for 
particular  aspects  of  these  cases;  discussion  of  operational 
issues  such  as  convergence  criteria  and  any  anomalies 
noted  during  the  coiuse  of  the  solution;  and,  an  estimate  of 
the  time  required  by  a  skilled  practitioner  to  produce  the 
equivalent  of  these  results  (this,  of  course,  requires  an 
estimate  by  the  contributor). 


Zone  No, 

I  X  J 

Grid 

Dimension 

Points 

1  -  forebody 

45  X  49 

2,205 

2  -  afterbody 

121  X  49 

5,929 

3  -  internal  noz- 

49  X  79 

3,871 

zle  and  plume 

4  -  aft  of  tlie 

37  X  31 

1,147 

model 

TOTAL 

13,152 

C.l  Test  Case  Series  A 
C.1.1  Test  Case  Series  A.2 

C.l.  1.1  Contribution  N06  (RoUs-Royce  FAN SI) 

Grid  Description  -  The  JA46  2-D/axisyminetric  algebraic 
nozzle  grid  generator  was  used.  The  grid  was  generated  in 
three  blocks:  core  region  124x34,  viscous  region  betiind  the 
blunt  base  45x5,  and  external  region  129x55.  85  axial 

points  were  used  on  the  external  wall  and  80  axial  points 
were  used  on  the  inside  wall. 

flow  Solution  Description  -  Flow  solutions  were  executed 
using  FANSI  with  the  Cebeci-Smith  and  k-e  turbulence 
models.  Tliese  cases  were  run  on  an  Amdahl  computer. 
Convergence  was  established  by  monitoring  the  maximiun 
change  and  RMS  error  for  the  variables.  When  the  RMS 
error  appeared  to  level  off  or  remain  periodic  the  case  was 
considered  converged.  No  unusual  events  were  noted  in 
running  these  cases. 


C.l. 1.2  Contribution  N09  (McDonnell  Dottglas  NASTD) 

Grid  Description  -  The  MACGS  grid  generation  system 
was  used.  To  reduce  the  computational  cost,  a  2  D 
(axisymmetric)  grid  was  generatetl  and  nin  with  the 
axisymmetric  mode  of  the  NASTD  code.  The  grid  con¬ 
sisted  of  four  zones,  with,  the  sizes  shown  in  the  table, 
following. 


2k)ne  1  surrounds  the  forebody  surface,  Zones  2  and  3 
cover  the  afterbody  and  downstream  regions,  which  are  the 
main  areas  of  interest.  Zone  4  represents  the  internal  flow 
of  the  hot  jet.  The  outer  boundaries  of  Zones  1,2,  and  3 
were  extended  outward  away  from  the  surface  to  an 
approximate  distance  of  20  times  the  b<  «ly  radius. 

Flow  Solution  ■  A  characteristic  boundarv’  condition  was 
assumed  for  all  the  farfield  boundaries.  Zero mder  ex¬ 
trapolation  was  used  for  the  outflow  boundary,  An 
arbitrary  inflow  condition  was  specified  for  Zone  4  (the  jet 
inflow,  inside  the  nozzle),  and  this  botmdary  was  frozen  at 
the  specified  conditions.  The  vehicle  surface  was  set  to  a 
viscous  wall.  The  boimdaries  were  coupled  with  an  option 
that  communicates  Roe  left-and  right-states  across  tlie 
interface  to  the  neighbor  grids. 

Axisynunetric  viscous  solutions  were  obtained  using  tlie 
NASTD  code.  Three  different  tiubulence  models  were 
employed  in  this  study:  the  one-equation  Baldwin-Barth 
and  Spalart-AUmaras,  and  the  two-equation  Chien  k-€. 
Each  solution  was  nm  using  tlie  thin  shear  layer  Navier- 
Stokes  equations,  with  the  upwind  Rw  algorithm. 

The  total  ntunber  of  iterations  in  each  solution  is  shown  in 
the  table,  following.  The  number  of  iterations  to  obtain 
comparable  levels  of  convergence  varied  significantly 
among  tlie  turbulence  models.  The  solutions  using  the  one- 
equation  models  (Spalart-Allmaras  and  Baldwin-Barth) 
typically  required  about  5  CPU  hoius  on  an  H-P  755 
computer.  The  k-e  solution,  however,  took  about  22  CPU 
hoius. 


Turbulence  Model 

No.  of  Iterations 

Spalart-Allmaras 

about  4,500 

Baldwin-Barth 

about  4,500 

Chien  k-e 

about  14,000 

C-2 


Solutions  were  obtained  in  the  standard  mode,  of  running 
the  code  with  one  of  the  turbulence  models  applied 
throughout  the  flowfield,  during  the  entire  course  of  the 
solution.  These  solutions  for  the  A. 2. 2  test  case  were 
presented  in  the  main  body  of  this  report.  Generally,  the 
accuracy  of  these  solutions  was  only  fair,  and  poor  near  the 
nozzle  exit.  Too  much  recompression  was  predicted  in 
these  solutions,  indicating  that  the  botmdary  layer  interac¬ 
tion  with  the  freestream  was  predicted  too  weakly.  All 
three  turbulence  models  gave  similar  results. 

With  the  advantage  of  having  access  to  the  experimental 
pressure  data,  we  noted  that  there  was  a  drop  in  the  slope 
of  the  pressure  coefficient  with  respect  to  the  axial  coordi¬ 
nate,  near  the  nozzle  exit.  This  circumstance  suggested 
that  there  might  be  a  separation  bubble  in  that  region.  To 
trigger  a  separation  in  the  CFD  analyses,  we  executed  first 
a  laminar  solution,  then  used  that  data  as  initialization  for 
a  Navier-Stokes  solution  (using  the  Spalart  AUmaras 
turbulence  model).  The  laminar  solution  indeed  produced 
a  predicted  separation  bubble,  which  became  smaller  but 
was  not  eliminated  in  the  subsequent  turbulent  Navier- 
Stokes  solution.  The  second  set  of  results,  obtained 
through  this  two-stage  approach,  are  in  very  good  agree¬ 
ment  with  the  experimental  data. 

C.  1.1.3  Contribution  N1 3  (Dassault  MELISSA) 

The  solution  was  initiaUzexl  by  an  Euler  solution,  using 
Method  EOS.  Since  the  EOS  solution  was  viewed  as  simply 
an  intermediate  position,  no  results  from  EOS  were  pre¬ 
sented. 

Euler  Initializing  Solution  -  The  geometrv’  was  modeled 
as  axisymmetric,  using  an  tmslrucbired  grid  of  7,400  points 
generated  by  CUBE.  Ihe  flow  solver  (method  EOS) 
produced  an  axisymmetric  Euler  solution.  Molecular 
vibrational  effects  were,  taken  into  accotmt  in  the  modeling 
of  the  hot  jet. 

This  Euler  solution  was  executed  on  an  IBM  RS/6000,  in 
abotit  4S  minutes  of  CPU  time.  Convergence  was  estab¬ 
lished  by  monitoring  aerodynamic  coefficients  and  residu 
als. 

Navier-Stokes  Solution  The  Navier-Stokes  solution, 
using  Method  N13,  was  startexl  from  the  Euler  solution 
with  a  botmdary  layer  added.  As  before,  the  axisymmetiy 
in  the  geometry  was  recognized  and  used  to  simplify  the 
models.  An  unstmctured  grid  of  13,SOO  points  was 
generated  by  CUBE.  Tlie  points  are  packed  close  to  the 
wall  and  in  the  wake  region.  The  first  point  off  the  wall  is 
at  a  distance  of  20  (un. 

This  axisymmetric  Navier-Stokes  solution  was  executed 
with  a  two-layer  k-e  turbulence  model.  Molecular  vibra¬ 


tional  effects  were  taken  into  account,  in  modeling  the  hot 
jet. 

This  solution  was  executed  on  an  IBM  RS/6000,  requiring 
about  12  hours  of  CPU  time  for  each  case  in  the  A.2  series. 
Convergence  was  established  by  monitoring  the  evolution 
of  aerodynamic  coefficients  and  the  residuals. 

C.1.1.4  Contribution  N1 4  (ONERA  NASCA) 

Grid  Description  -  The  axisjinmetric  grid  was  generated 
in  one  block  with  120x140  points. 

FIom'  SoKer  Description  -  The  NASCA  code  was  used  for 
this  case,  with  both  the  Baldwin-Lomax  and  the  k-e 
turbulence  models.  The  case  was  executed  on  a  Cray- 
Y/MP  computer.  The  solution  was  initialized  by  nmning 
with  the  Baldwiti-Lomax  turbulence  model,  starting  from 
a  “rough”  data  field.  This  step  required  about  60  CPU 
minutes.  From  this  intermediate  result,  the  k-e  turbulence 
model  was  initialized  and  the  solution  was  continued  for 
about  120  CPU  minutes.  Convergence  was  established  by 
the  value  of  the  implicit  residual  toward  the  c.orresp<.inding 
value  of  10  ^ 


C.  1.1.5  Contribution  N1 5  (Aerospatiale  FLU3M) 

Grid  Description  The  grid  is  three  blocks,  axisymmetric, 
with  a  total  of  40,000  points.  Due  to  limitations  from  the 
turbulence  model  implementation,  the  grid  surface  J=1 
must  lie  in  the  walls,  and  in  the  jet  free  shear  layer.  Thus, 
the  grid  arrangement  is  as  presented  in  Figure  1. 


Figure  C-1.  Grid  Layout  for  Case  A.2. 2,  Contribution 
N15 


(Illustration  only,  drawing  not  to  scale) 


Flow  Solution  Description  -  The  Navier-Stokes  equations 
were  solved,  using  the  Baldwin-Lomax  turbulence  model. 
The  selected  algorithm  used  Osher  flux  and  the  Van  Leer 
limiter.  These  equations  were  solved  in  an  axisymmetric 
implicit  scheme. 
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C.1.2  Test  Case  Series  A.3 

C.  1.2.1  Contribution  N02  (Rolls-Royce  ANSE) 

Grid  Description  -  The  grid  generator  in  this  case  was  an 
unnamed,  purpose-written  FORTRAN  routine.  Subroutines 
were  used  from  JA  46  and  STACKER.  Two  inflow  and 
outflow  boundaries  are  defined.  Geometric,  grid  spacing 
can  be  adjusted  in  I  J  K  direction  and  the  final  grid  can  be 
refined  by  application  of  in-house  grid  manipulation 
routines.  Topologic  input  is  manually  added  to  define 
symmetry  planes,  repeats,  or  centerline  locations. 


Figure  C-2.  Surface  Grid  for  Configuration  A.2 
(Contribution  N02) 


The  resulting  grid  was  one  block  of  radial  construction 
similar  to  that  used  on  test  case  B.4.  The  principal  distin¬ 
guishing  feature  is  the  treatment  of  the  inter-nozde  base 
region.  Circumferentially  running  mesh  lines  on  leaving 
the  base  were  concentrated  in  a  thin  layer  adjacent  to  the 
outer  surface  of  the  nozzle.  This  concentrated  region  was 
terminated  at  the  plane  of  the  base  via  a  circumferentiaUy- 
running  point  singularity  with  the  then  unsolved  axially 
running  mesh  lines  continuing  forward  within  the  solid 
model  structure  in  common  with  those  running  through  the 
base  waU.  Much  effort  went  into  varying  the  number  of 
grid  lines  covering  the  base  region  and  adjusting  the  radial 
expansion  factors  to  minimize  the  grid  cell  size  discontinu¬ 
ities  caused  by  the  large  variations  in  circumferential  grid 
topology.  Axial  grid  spacings  were  adjusted  to  provide 
concentrations  at  both  external  and  internal  wall  shape 
discontinuities.  In  the  final  grid,  61  radial  points  were 
used,  33  circumferential  and  91  axial  giving  a  total  of 
183,183  grid  points. 


Flow  SolutioM  Description  -  The  ANSE  Navier  Stokes 
flow  solver  was  used,  with  tlie  Cebeci-Smith  turbulence 
model,  to  analyze  the  A.3.1  test  case.  The  solution  was 
executed  on  a  Convex  computer,  using  131  hours  for  4,300 
iterations.  A  memory  of  14  million  words  was  employed. 
Convergence  was  established  by  monitoring  the  maximum 
change  and  the  RMS  error  for  the  variables.  When  the 
RMS  error  appeared  to  level  off,  the  case  was  considered 
converged. 

Assessment  -  This  analysis  yielded  plausible  results  wliich 
along  many  of  the  lines  of  smfac.e  pressure  tappings 
compare  quite  closely  with  those  obtained  by  die  Euler 
code  FUTELFS  .  Both  solutions,  however,  deviate 
markedly  from  the  experimental  data.  The  experimental 
Cp's  appear  to  be  unreasonably  low  particularly  at  the  start 
of  the  afterbody  where  value  much  closer  to  Cp=0  wotild 
be  expected.  Unlike  the  Euler  solution,  there  is  also  poor 
agreement  with  pressures  in  the  base  region  where  the 
computed  values  look  ta>  low. 


C.1.2.2  Contribution  E07  (Rolls-Royce  FLITEJS  ) 

Grid  Description  -  The  grid  in  tliis  case  was  a  single 
completely  unstruebued  finite  element  bkx.k  constructed  of 
520,000  4-node  tetrahedra,  e<]uivalent  to  85,000  grid 
points. 

Flow  Solution  Description  -  The  flow  solver  FLITE.FS 
was  used.  This  code  solves  the  compressible  form  of  die 
steady-state  Euler  equations,  using  an  edge-based  finite 
element  scheme  with  explicit  time  marching.  Local  time 
stepping  is  used  for  fast  convergence,  with  the  option  of 
residual  smoothing. 

For  the  A.3.1  test  case,  probably  as  a  result  of  die  difficult 
flow  conditions  around  die  "cusped"  nozzle  throat,  conver¬ 
gence  proved  difficult.  Therefore,  residual  smoodiing  was 
not  used  and  1 -stage  e.xplicit  Runge-Kutta  time  stepping 
was  invoked.  The  Courant  number  was  reduced  to  aromid 
0.3  compared  with  the  more  typical  2.0. 

The  solution  was  executed  on  the  Silicon  Graphics  Indigo 
workstation  (R4000)  in  16  to  20  hoius,  using  11  miOion 
words  of  memory. 

Normal  praedee  is  to  judge  convergence  when  the  logjQ 
RMS  residual  in  p  has  fallen  by  at  least  4-5  orders  of 
magnitude  and  become  either  level  or  periodic.  In  diis  test 
case,  a  reduction  in  residuals  of  only  a  little  more  than  two 
orders  of  magnitude  was  achieved  before  the  solution 
leveled  out. 

Assessment  -  This  was  generally  judged  to  be  a  clean 
solution  yielding  plausible  results  which  along  many  lines 
of  surface  pressure  tappings  compare  quite  closely  with 


C-4 


these  obtained  from  use  of  the  Navier- Stokes  solver  ANSE. 
B<?th  solutions,  however,  deviate  markedly  from  the 
experimental  data.  The  experimental  Cp's  appear  to  be 
unreasonably  low  particularly  at  the  start  of  the  afterbody 
where  values  much  closer  to  Cp=0  would  normally  be 
expa:ted.  The  one  region  of  the  flow  w'here  there  is  good 
agreement  is  in  the  base. 

C.2  Test  Case  Series  B 
C.2.1  Test  Case  Series  B.l 

C.2.1.1  Contribution  N04  aiSAF  WL/HM,  COBALT 
Code) 

Grid  Description  -  The  grid  was  a  2-D  single-block, 
unstnictxu-ed.  grid,  created  on  a  quadrilateral  mesh  of  14,318 
grid  points.  The  2-D  unstructured  grid  was  constructed 
from  a  single  plane  of  the  original  densit}'  3-D  multiblock 
grid  used  for  cases  B.2.1  and  B.2.2, 

Flow  Solver  -  The  COBAI.T  code  was  used.  These 
solutions  were  second-order  in  time  and  space.  The 
second-order  Baldwin-Barth  turbulence  model  was  used. 
Solutions  were  executed  on  a  Cray~X/MP.  The  B.  1.1  test 
case  required  5.6  CPU  hottrs,  and  used  2.1  M  Words  of 
memory. 

The  solution  was  run  until  the  total  axial  force  varied  by 
less  tlian  1%  for  1,000  iterations.  At  this  point,  the 
average  y*=1.84  and  varied  by  0.4%  (over  the  final  200 
iterations?).  The  number  of  supersonic  cells  varied  by 
1.8%  (over  the  final  100  iterations?)  at  convergence. 

C.2.1. 2  Contribution  EOS  (Aermacchi,  FL067P) 

Grid  Description  -  The  grid  represents  a  45  degree  sector 
of  the  entire  model,  computed  using  symmetry  boundary 
conditions.  The  grid  consisted  of  five  blocks  with  a  total 
of  66,560  ceils.  Three  of  the  blocks  were  for  external 
flows  with  C-O  topology,  sized  at  177x33x9  points.  Two 
of  the  blocks  were  for  the  internal- external  jet,  using  H-O 
topology,  sized  113x25x9  f«ints.  The  boimdaries  of  Ore 
computational  domain  were  placed  as  follows  (L=model 
length,  71.7  inches): 

Upwtream  -  0.89  L  from  the  model 

Downstream  -  0.46  L 

Upper  far-field  -  0.9  L 

How  Solution  Description  -  Solutions  were  executed 
using  the  FL067P  code  in  its  Euler  mode.  These  cases 
were  run  on  an  IBM  RS/6000-540.  Convergence  was 


established  by  monitoring  maximum  and  mean  residuals, 
global  aerodynamic  coefficients,  and  the  number  of 
supersonic  points.  Generally,  a  two  order  of  magnitude 
reduction  in  residual  values  allows  flowfield  stabilitj'  and 
good  communication  between  the  blocks. 

Case  B.1.1  -  This  Euler  solution  required  1,500  iterations 
with  two  levels  of  multigrid  and  CFL=2.  The  obtained 
convergence  level  is  about  a  two  order  of  magnitude 
reduction  in  absolute  values  of  the  mean  residuals,  while 
the  drag  coefficients  oscillate  ±2  counts  without  any  further 
damping.  This  solution  required  7,562  CPU  seconds  on  the 
IBM  RS/6000-540. 

The  inviscid  solution  is  representative  up  to  X/L=0.9  and 
then  shows  a  negative  pressure  peak  and  a  much  higher 
base  pressure.  This  leads  to  unrealistic  drag  coefficients; 
for  this  reason,  we  prefer  to  avoid  the  presentation  of  the 
global  coefficients  data  which  are  strongly  affected  by  this 
approximation.  The  drag  coefficient  buildup  shows  a  good 
comparison  with  experimental  data  as  far  as  X/L=0.95. 
The  difference  in  pressiue  coefficients  with  experimental 
data  in  the  region  of  X/L  from  0.7  to  0.85  cannot  be 
explained  by  viscous  effects,  and  suggests  a  possible 
discrepancy  in  the  geometry. 

Case  B.1.2  -  The  identical  grid  from  the  B.1.1  case 
(immediately  prior)  was  also  used  for  this  case.  As  before, 
the  FL067P  code  w'as  used  in  its  Euler  mode,  nmning  on 
an  IBM  RS/6000-540  computer.  This  solution  required 
7,825  CPU  seconds. 

The  computation  strategy  (multigrid  levels,  and  CFL 
number)  is  the  same  as  the  B.1.1  case.  The  obtained 
convergence  level  is  about  two  orders  of  magnitude  in 
absolute  values  of  mean  residuals,  while  the  drag  coeffi¬ 
cient  oscillates  ±4  cotmts  witliout  any  further  damping. 

The  higher  value  of  NPR  generates  near  X/L^T  a  more 
positive  pressiue  distribution  and  thus  a  more  negative 
value  of  Cp  than  in  die  B.1.1  case.  The  computed  data 
reveal  the  same  trend  as  the  experimental  data,  as  the  NPR 
changes  from  2  to  5. 

C.2. 1.3  Contribution  NOS  (Aermacchi,  FL067P) 

Description  -  The  grids  for  Navier- Stokes  solutions 
are  very  similar  to  those  used  for  Euler  solutions  (Contribu¬ 
tion  E08)  with  the  addition  of  grid  points  in  both  the  axial 
and  normal  directions. 

The  grid  represents  a  45  degree  sector  of  the  entire  model, 
computed  with  appropriate  symmetry  boundary  conditions. 
The  grid  consisted  of  five  structiued  blocks  with  a  total  of 
221,774  cells.  Three  blocks  for  external  flow  used  a  C-O 
topology  and  were  sized  233x49x9.  Two  bhxks  for  the 


intemal-extemal  jet  used  H-0  topology  and  were  sized 
249x49x9  jxjmts.  The  limits  of  the  computational  domain 
were  the  same  as  in  Contribution  EOS. 

Flow  Solution  Description  -  The  FL067P  code  was  used, 
in  its  Navier-Stokes  version.  Solutions  were  executed  on 
an  IBM  RS/6000-540. 

Convergence  was  established  by  monitoring  the  maximum 
and  mean  residuals,  global  aenxlynamic  coefficients,  and 
the  number  of  supersonic  points.  An  overall  decrease  of 
four  orders  of  magnitude  in  the  residuals  allows  flowfield 
stability  and  good  communication  between  the  blocks. 

Case  B.1.1  -  The  solution  was  started  with  the  ih'wfield 
obtained  from  6(n)  iterations  on  a  coarse  grid  and  6(X) 
iterations  on  a  medium  grid.  1,500  iterations  were  nm  on 
the  fine  grid  at  CFL=2,  without  using  the  multigrid 
strategy.  The  obtained  convergence  level  is  about  four 
orders  of  magnitude  in  absolute  values  of  mean  and 
maxhmun  residuals.  This  solution  reqtiired  261,411  CPU 
seconds  on  the  IBM  RS/6000  540  computer. 

The  negative  pressure  peak  on  the  afterbody  is  mider- 
predicted,  while  the  maximum  C^  on  the  trailing  edge 
reaches  the  value  of  0.3,  higher  than  the  corresponding 
experimental  value.  This  effect  could  be  explained  with 
the  excessive  level  of  numerical  dissipation  introduced  in 
the  boundary  layer  region,  which  has  been  necessary  to 
coxmteract  the  destabilizing  effect  of  the  contact  discontinu¬ 
ity  at  the  edge  between  the  afterbody  and  the  nozzle. 

Case  B.1.2  -  The  same  grid  and  flow  solver  were  used  as 
in  the  B.1.1  case  (discussed  immediately  before  this  case). 
The  FL067P  code  was  nm  in  its  Navier-Stokes  mode,  on 
an  IBM  RS/6(KK)-540  computer,  requiring  262,070  CPU 
seconds  (72.8  CPU  hours). 


Figure  C-3.  Residual  Convergence  History 
Case  B.1.2,  Contribution  NOS 
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The  obtained  con'  ergence  level  is  about  foiu  orders  of 
magnitude  hi  absolute  values  of  mean  and  maximum 
residuals.  As  in  the  B.1.1  case,  the  negative  piressiue  peak 
on  the  afterbody  is  underestimated,  w'hile  the  maximum  Cp 
on  the  traOing  edge  is  higher  than  the  corresponding 
experimental  value.  Tlie  same  remarks  on  tlie  high  level  of 
niunerical  dissipation  made  for  the  B.I.I  case  can  be 
repeated  here;  this  could  also  explain  tlie  slight  influence 
of  different  NPR  on  the  pressure  distribution  on  the 
afterbody. 


C.2.1.4  Contribution  N09  (McDonnell  Douglas,  NASTD) 

The  computational  grid  for  cases  B.1.1  and  B.1.2,  usmg 
Method  N09,  are  presented  in  Figiues  C-S  and  C-6. 


Figure  C-5.  Full  Computational  Grid 
Case  B.  1.x,  Contribution  N09 
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Figure  C-6.  Grid  Cross-Section 
Case  B.  1.x,  Contribution  N09 


C.2.1.5  Contribution  NIO  (NASA  Langley  Research 
Center) 

Grid  Description  -  (jRIDGEN  was  used  to  generate  a  five- 
block  axisymmetric  grid  to  describe  tlie  axisynunetric 
single-jet  afterbody  configuration.  The  dimensions  of  the 
blocks  are  presented  below: 


Block 

Circum, 

Grid 

Axial 

Grid 

Norm. 

Grid 

Block  Location 

1 

2 

87 

1 

Upstream  and  nose 

2 

2 

59 

61 

Afterbody 

3 

2 

33 

101 

Initial  block  inside  noz¬ 
zle 

4 

2 

5 

41 

Nozzle  interior 

5 

2 

55 

41 

Downstream  and  plume 

The  single-cell  wedge  grid  was  placed  in  the  J,K-plane  to 
take  advantage  of  the  implicit  solver  scheme  in  the  same 
plane  for  the  PAB3D  code.  Grid  sequencing  with  a  factor 
up  to  four  in  the  J-  and  K-cUrections  can  be  used  for 
obtaining  the  solution. 

In  a  two-dimensional  grid  oriented  in  the  J,K-plane,  the 
PAB3D  code  required  separate  blocks  for  different  turbu¬ 
lence  models.  Laminar  viscosity  was  used  in  Blocks  1  and 
3,  the  low  Reynolds  number  k-e  tinbulence  model  was 
used  in  Blocks  2  and  5,  and  the  high  Reynolds  number  k-e 
turbulence  model  was  usi?d  in  Block  5. 

Flow  Solver  Description  -  A  grid  conntjctivity  pre-proces¬ 
sor  was  used  for  the  PAB3D  code.  In  this  pre-processor, 
patched  block  interfaces,  if  any,  were  treated  in  the  same 
manner  as  the  block  interfaces  with  one-to-one  cell  corre¬ 


spondences.  CeU-to-ceU  level  interface  data  base  tables 
were  generated  by  the  pre-processor.  These  data  tables 
were  read  and  used  by  the  PAB3D  code  at  c<xie  execution 
time.  This  approach  made  possible  the  implementation  of 
a  general  grid  sequencing  method  in  PAB3D  which 
allowed  independent  sequencing  for  each  bl<x:k  in  integral 
multiples  in  one  or  more  of  the  I,  J,  and  K  directions. 
Hence,  the  grid  sequencing  scheme  was  tailored  for 
accelerated  convergence  in  different  parts  of  this  configura¬ 
tion.  For  example,  grid  sequencing  of  2:1  in  both  direc¬ 
tions  was  first  used  to  establish  quickly  the  inviscid 
properties  of  the  flowfield.  Next,  fine  grid  was  used  in  the 
boundary  layer  direction  to  develop  the  details  of  the 
viscous  boundary  layer  and  shear  layers  in  the  flow  field. 
The  lull  fine  grid  was  then  used  to  complete  the  solution. 


Figure  C-7.  Example  of  Residual  Convergence  for  Test 
CaseB.l  (Contribution  NIO) 


Tlie  PAB3D  version  10  code,  developed  in  the  Propulsion 
Aerodynamics  Branch  (NASA  Langley  Research  Center), 
was  used  for  this  test  case.  The  Roe  scheme  solver  option 
in  PAB3D  was  used.  The  k-e  turbulence  variables  were 
initialized  by  setting  their  values  according  to  the  vorticity 
in  the  upstream  boiuidary  layer  which  was  computed  by 
using  a  laminar  viscosity  or  an  algebraic  turbulence  model. 
For  cases  B.1.1  and  B.1.2,  laminar  viscosity  was  used  in 
bhxks  1  and  3,  and  tlie  k-e  two-equation  turbulence  model 
was  used  in  bloc^ks  2,  4,  and  5.  In  the  freestream,  the 
Riematui  inflow  and  free  stream  boundary  conditions  were 
used.  The  extrapolation  boimdary  condition  was  used  at 
the  outflow  face.  In  the  nozzle  interior,  the  inflow  total 
temperature  and  pressure  were  given  at  the  inflow  face. 
Finally,  a  generated  symmetr)’  boundary  condition  was 
used  at  the  wedge  faces  of  this  single  layer  grid.  A  sample 
history  of  residual  convergence  for  a  case  in  this  B.  1  series 
is  presented  m  Figure  2. 

The  aerodjuiamic  performance  computation  is  part  of  the 
PAB3D  code.  When  the  performance  calculation  option  is 
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activated  through  the  PAB3D  input  file,  the  force,  computa¬ 
tions  are  directed  by  a  small  input  file  specifying  integrated 
quantities  to  be  computed  and  the  control  surfaces  in  the 
grid. 

Post-Processor  Descriptfon  -  Since  the  axkvmmetric 
configuration  was  relatively  simple,  no  post-processing 
steps  were  involved  for  the  B.1.1  and  B,1.2  cases.  The 
drag  components  were  computed  within  the  PAB3D  code. 
The  PLOT3D  software  system  was  used  for  tlie  presenta 
tion  of  color  graphics. 

As  mentioned  in  the  solver  descriptions,  a  pre  processor 
was  used  to  establish  block  interface  connectivity.  The 
pre-processor  was  developed  by  the  Propulsion  Aenady- 
namics  Branch  at  NASA  Langley  Research  Center  for 
conservative  patched  interface  applications.  However,  this 
pre-prcxiessor  treated  one-to-one  block  interfaces  in  the 
same  manner  as  a  patched  interface.  Hence,  it  was  possible 
to  establish  a  unified  conservative  block  interconnect 
database  for  the  entire  grid.  This  unified  block  interface 
approach  was  incorporated  in  PAB3D  as  a  standard  feaUue. 
The  general  grid  sequencing  procedure  in  PAB3D  was 
made  possible  by  this  unified  conservative  block  interface 
database  approach, 

C.2.1.6  Contribution  N16  (USAF/NASA  Lewis,  NPARC) 

Grid  Description  -  Computational  grids  were  provided  by 
McDonnell  Douglas.  Therefore,  the  grids  were  the  same  as 
were  used  in  Contribution  N09,  except  in  the  following 
elements.  Because  the  NPARC  code  requires  grid  blocks 
that  overlap  at  block  interfaces,  the  grids  were  modified 
with  the  I3G  interactive  grid  generator  developed  by  the 
US  Air  Force  at  Wright-Patterson  Air  Force  Base.  13G  was 
used  to  add  an  additional  grid  plane  at  each  interface  to 
create  the  required  overlaps.  For  the  B.l  configuration, 
three  overlap  planes  were  added.  The  grid  contained 
11,647  grid  points  dividetl  into  four  grid  blocks.  The 
largest  concentration  of  grid  points  was  located  in  the 
vicinity  of  the  nozzle  afterbody. 

Flow  Solution  Description  -  The  test  cases  were  nui  with 
NPARC  on  the  Cray-Y/MP  at  NASA  Lewis  Research 
Center.  A  total  of  30,000  iterations  were  required  for 
convergence  in  each  case.  For  the  B.l  cases,  three  CPU 
hoitrs  were  required  to  obtain  a  converged  solution  from 
uniform  initial  conditions.  The  grid  bloc;ks  containing  the 
internal  nozzle  flow  converged  rapidly  and  were  subse¬ 
quently  turned  off  to  save  CPU  time.  A  solution  was 
considered  to  be  converged  when  the  difference  between 
the  minimum  and  maximum  presstue  coefficient  at  each 
grid  point  was  within  one  percent  of  the  average  pressure 
coefficient. 

Assessment  -  For  the  B.l  cases,  the  pressure  distributions 


indicate  relatively  go<xl  agreement  between  the  NPARC 
calculation  and  the  experimental  data.  The  minimum 
pressure  predicted  by  the  calculation  was  somtjwhat  higher 
than  the  presstue  obtained  from  the  experiment. 

C.2.2  Test  Case  Series  B.2 

C. 2.2.1  Contribution  N04  aiSAF  Wl./ITM,  COBALT 
Code) 

Grid  Description  -  The  grid  was  a  single  block,  unstn,tc- 
tured,  hexahedral  mesh  with  134,952  grid  points.  The 
unstnictured  grid  was  constnicted  from  a  multiblock 
structured  grid.  Note  -  this  grid  was  originally  2x  more 
dense  in  each  direction,  but  this  size  was  reduced  due  to 
memory  requirements  of  single  bloc-k  grid  and  the  resulting 
difficidty  in  obtaining  CPU  time  on  currently  available 
computer  resources. 

Flow  Solution  Description  Tire  COBALT  code  was 
executed,  second-order  accurate  in  space  tind  time,  using 
the  sec'ond-order  Baldwin-Bartli  tiubulence  model. 

Solutions  were  executed  on  the  Cray  C-90  computer.  The 
B.2.1  case  required  39  CPU  hours,  and  the  B.2.2  case 
required  33  CPU  hours.  For  this  latter  case,  an  additional 
25  hours  were  run  to  check  the  higher-order  turbulence 
model.  These  solutions  requirexl  23.8  M  Words  of  mem¬ 
ory. 

The  solutions  were  run  imtil  the  total  axial  force  varied  by 
less  than  1%  for  1,000  iterations.  At  this  convergence 
point; 

B.2.1;  Average  y'"=9.07  and  varied  by  less  than  0.2%.  The 
number  of  supersonic  ceUs  varied  by  0.5%. 

B. 2.2;  Average  y*=10.14  and  varied  by  less  than  0.2%. 

The  number  of  supersonic  cells  varied  by  0.1%. 

C. 2.2. 2  Contribution  EOS  (Aermacchi,  FIX)67P) 

Grid  Description  -  The  grid  represents  a  90  degree  sector 
of  the  entire  model.  The  surface  grid  (body  and  vertical 
tad)  was  sent  to  Aermacchi  by  DEI  (Dynamic  Engineering 
Inc.).  Then  Aermacchi  redistributed  the  points  for  multi¬ 
level  and  multi-grid  computation.  The  total  grid  consisted 
of  sixteen  blocks  with  206,592  cells  in  an  H-O  topology. 
Eight  blocks  defined  the  external  outer  flow  with 
261x17x17  points,  and  eight  blocks  defined  the  external 
inner  flow  with  261x21x17  p<5ints.  Two  additional  blocks 
defined  the  intemal/extemal  jet  with  149x25x17  points. 
The  outer  boundaries  of  the  computational  domain  were 
placed  as  follows  (L=71.7  inches,  total  model  length); 
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Upstream  -  0.558  L  from  tiic  model. 

Downstream  -  0.56  L. 

Upper  farfield  -  0.94  L  to  1.32  L  (conical  shaped 
toundar)') 

Flow  Solutbn  Description  The  FL067P  code,  in  its 
Euler  mode,  was  used  to  obtain  these  solutions.  The  cases 
were  run  on  an  IBM  RS/6000-540  computer. 

Convergence  was  established  by  monitoring  the  maximum 
and  mean  residuals,  the  global  aerodynamic  coefficients, 
and  the  inunber  of  supersonic  points.  GeneraUy,  a  two 
order  of- magnitude  reduction  in  re,sidual  values  allows 
flowfield  stabflity  and  good  communication  between  the 
blocks. 

Case  B.2.1  -  The  calculation  strategy  was  based  on  using 
both  multi-level  and  multi- grid  techiiiqmjs.  200  iterations 
were  performed  on  a  coarse  grid,  and  500  iterations  on  the 
fine  grid  with  three  levels  of  multigrid  and  CFL=3.  The 
obtained  convergence  level  is  about  two  orders  of  magni¬ 
tude  in  absolute  values  of  mean  residuals,  wliile  the  drag 
coefficient  oscillates  ±4  cotmts  without  any  further  damp¬ 
ing.  Tliis  solution  required  26,214  CPU  seconds  (7.3  CPU 
hours)  on  tlie  IBM  RS/6000-540  (mmputer. 

The  small  irregularities  in  the  surface  pn^siue  distributions 
are  due  to  slightly  imperfect  communiention  between  the 
blocks.  The  predictions  for  the  vertical  tail  are  in  closer 
agreement  with  the  exp>erimental  data  than  (lie  predictions 
for  the  horizonhil  tail.  For  X/O0.5  the  horizontal  tail 
experimental  data  show  a  change  in  ciurvatuie  which  is  not 
detected  by  the  solution.  This  could  be  caused  by;  (1) 
insufficient  local  grid  refinement,  (2)  any  problem  in 
geometry  definition,  or  (3)  a  problem  in  experimental  data 
acquisition. 

Case  B.2.2  -  For  this  computation,  tlie  solution  strategy 
was  changed  to  acliieve  a  CPU  time  reduction  with  the 
same  solution  quality  as  in  Case  B.2.1.  400  iterations  were 
executed  on  the  coarse  grid,  and  350  iterations  on  the  fine 
grid.  The  obtained  convergence  level  is  about  two  orders 
of  magnitude  in  tlie  absolute  valuers  of  the  mean  residuals, 
while  the  drag  coefficient  oscillates  ±2  counts  without  any 
further  damping.  This  solution  required  20,598  CPU 
seconds  (5.7  CPU  hours)  on  the  IBM  RS/6000-540  com 
puter. 

Tlie  computed  pressure  distributions  over  the  afterbody 
have  the  same  trend  as  the  experimental  data  as  NPR 
changes  from  2  to  3,  however  the  variations  are  very  small. 
This  is  not  true  for  the  tails.  As  was  seen  in  the  previous 
case,  better  agreement  between  CFD  predictions  and 
experimental  data  is  seen  for  the  vertical  tails,  rather  than 
tlie  horizontal  tails. 


Case  B.2.3  -  For  this  case,  the  same  solution  strategy  was 
used  as  in  Case  B.2.2.  The  obtained  convergence  level  is 
about  two  orders  of  magnitude  in  absolute  values  of  mean 
residuals,  while  the  drag  coefficient  oscillates  ±2  counts 
without  any  further  damping.  This  solution  required 
19,860  CPU  seconds  (5.5  CPU  hours)  on  the  IBM 
RS/6000-540  computer. 

The  computed  pressure  distributions  on  the  afterbody  are 
essentially  identical  to  those  of  tlie  B.2.2  case,  up  to 
X/L-0.9.  For  X/L  from  0.9  to  1.0,  tlie  trend  of  tlie  com¬ 
puted  NPR  variation  is  the  same  as  that  in  the  experimental 
data.  No  significant  NPR  effect  was  seem  over  the  tails. 

C.2.23  Contribution  NIO  (NASA  Langley  Research 
Center) 

GRIDGEN  was  used  to  generate  a  five  block  grid  for  the 
single-engine  afterbody  with  staggered  tail  surfaces.  An  H- 
O  topology  was  used  for  this  configiuation,  and  one-to-one 
cell  correspondence  was  used  at  all  block  interface's.  The 
bhxik  dimensions  were  chosen  as  follows; 


Block 

Circum. 

Grid 

Axial 

Grid 

Norm. 

Grid 

Block  Location 

1 

63 

81 

61 

Upstream  and  nose 

2 

123 

41 

61 

Above  horizontal  tail 

3 

123 

41 

61 

Below  horizontal  tail 

4 

33 

81 

101 

Downstream  and  plume 

5 

59 

81 

41 

Engine  interior 

TTie  total  number  of  grid  points  was  1,4(X),000.  The 
staggered  tail  surface  hx'.ations  were  as  follows: 


Tail  Surface 

Block 

1 

Range 

J 

Range 

K 

Range 

Vertical 

2 

13-68 

1 

1-40 

Horizontal  Upper 

2 

43-98 

61 

1-40 

Horizontal  Lower 

3 

43-98 

1 

1-40 

For  the  initial  part  of  the  computations,  a  coarse  grid 
containing  only  one  fourth  of  the  total  grid  points  was  used 
to  save  time  and  computer  memory  during  execution. 
Once  a  converged  coarse  grid  solution  was  obtained,  the 
restart  file  was  expanded  to  the  full  grid  size  for  final 
computations. 


Figwe  C-S.  Compiitational  Grid  for  Case^  B.2.X 
(Contribution  NIO) 


Flow  Solver  Description  -  A  grid  connectivity  pre-proces 
sor  was  used  for  the  PAB3D  code.  In  this  pre-processor, 
patched  block  interfaces,  if  any,  were  treated  in  the  same 
manner  as  the  block  interfaces  with  one-to-one  cell  corre¬ 
spondences.  Cell-to-cell  level  interface  data  base  tables 
were  generated  by  the  pre-processor.  These  data  tables 
were  read  and  used  by  the  PAB3D  code  at  code  execution 
time. 


"^0  1.00010"  2.00010"^  3.000  10^  4.00010" 

CPU  Seconds 

Figure  C-9.  Example  of  Residual  History  for  Test  Cases 
B.2  (Coiitributifm  NIO) 

The  PAB3D  version  10  code,  developed  in  the  Propulsion. 
Aerodynamics  Branch  at  NASA  Langley  Research  Center, 
was  useri  for  these  test  cases.  The  Roe  scheme  solver 
option  in  PAB3D  was  used.  Ihe  Baldwin-Lomax  algebraic 
turbulence  m<xlel  was  used  in  block  1,  and  tlie  k-e  turbu¬ 
lence  model  was  used  in  the  remaining  four  blocks.  In 
addition,  laminar  viscosity  W'as  used  in  the  first  few  grid 
planes  in  block  5  to  initialize  the  k-e  turbulence  variables 
in  the  nozzle  interior  flow  domain.  At  the  freestream 
boundaries,  the  Riernaim  characteristics  boimdary  condition 
was  used.  The  extrapolation  boundary  condition  was  used 
at  the  outflow'  face.  In  the  nozzle  interior,  the  inflow  total 
temperature  and  pressure  were  given  at  the  inflow  face.  A 
typical  histoiy  of  residual  convergence  for  the  B.2  series  of 
test  cases  is  presented  in  Figure  3. 

A  multi-stage  grid  sequencing  was  used  during  the  compu¬ 
tation.  The  general  grid  sequencing  metluxl  in  PAB3D 
allows  independent  sequencing  for  each  block  in  integral 
multiples  in  one  or  more  of  the  I,  J,  and  K  directions. 
Hence,  the  grid  sequencing  scheme  was  tailored  for 
accelerated  convergence  in  different  parts  of  Oils  wanfigura 
don. 

For  further  enhancement  of  computational  efficiency,  the 
original  grid  was  cut  to  one- fourth  of  its  original  size  for 
the  initial  stages  of  grid  sequencing.  The  interface  comiec 
dvity  database  and  the  multi-block  input  files  for  PAB3D 
code  exec.udon  were  rewritten  automatically  for  this  smaller 
grid.  Once  a  converged  ecsarse-grid  solution  was  obtained 
by  using  grid-sequencing  in  the  smaller  grid,  the  restart  file 
was  then  expanded  to  the  full  grid  size. 

The  computations  w'cre  then  continued  to  completion,  'fhe 
computations  were  conducted  by  using  a  single  proi  essor 
on  the  Cray-Y/MP  supercomputer  at  the  NASA  Imigley 
Research  Center.  The  core  memory  reciuirements  for  the 
smaller  and  the  full  grid  compuGtions  were  8,000,000  and 
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27, 000, (XX)  words,  resi»ctively.  Approximately  half  the 
computational  time  was  spent  on  tlie  smaller  grid. 

The  aerodynamic  performance  computation  is  part  of  the 
PAB3D  c<xie.  When  the  performance  calculation  option  is 
activated  through  the  PAB3D  input  file,  the  force  computa¬ 
tions  are  directed  by  a  small  input  file  specifying  integrated 
quantities  to  be  computed  and  the  control  surfaces  in  the 
grid. 

It  should  be  noted  tliat  solutions  were  obtained  only  for 
cases  B.2.1  and  B.2.3.  The  flow  field  for  case  B.2.2  was 
similar  to  that  for  case  B.2.3  as  indicatexl  by  the  given 
experimental  data.  Therefore,  case  B.2.2  was  omitted  from 
the  NASA  Langley  computations, 

Post-Processor  Description  -  Two  post-pnx-.essing  pack¬ 
ages  were  used  to  examine  the  converged  solutions  B.2.1 
and  B.2.3. 

A  performance  computation  module,  developed  by  the 
Propulsion  Aerodynamics  Branch  at  the  NASA  Langley 
Reseandi  Center,  was  incorptjrated  in  the  PAB3D  cixle  as 
a  standard  option  to  compute  quantities  such  as  thrust, 
normal  forces,  moments,  skin  friction,  lift,  drag,  and  heat 
transfer.  This  module  was  designed  to  handle  multi-stream 
propulsion  system  and  multiple  component  aerodynamic 
configurations.  The  performance  module  was  recently 
upgraded  to  be  compatible  with  the  grid  sequencing 
procedure  in  the  PAB3D  version  10  code.  If  the  perfor¬ 
mance  calculations  were  activated  in  parallel  to  the  solver 
iterations,  a  history  of  the  performance  calculations  would 
be  kept.  It  could  be  used  as  monitoring  criteria  for  solu¬ 
tion  convergence.  For  the  present  set  of  calculations,  the 
performance  module  was  activated  as  a  one-time  event  after 
the  converged  solutions  were  obtained.  In  either  case,  the 
performance  calculations  were  directed  by  a  small  input  file 
containing  locations  for  the  control  surfaces  in  the  grid  and 
specifications  of  the,  integrated  quantities  to  be  computed. 

A  software  package,  "LOCATE,"  was  used  for  selecting 
point-wise  flow  quantities  from  the  CFD  solution.  This 
package  was  developed  by  the  Propulsion  Aenxlynamics 
Branch  at  NASA  Limgley  Research  Center.  It  was  de¬ 
signed  to  attain  a  high  level  of  spatial  resolution  such  that 
quantities  such  as  botnidary  layer  profiles  above  curved 
surfaces  can  lie  extracted  from  grid  and  solution  files. 
Points  can  be  located  on  either  two-dimensional  block 
faces  or  three-dimensional  grid  volumes.  User  input 
raptirements  were  simple,  flexible,  and  almost  grid  inde¬ 
pendent.  Grid  and  solution  files  in  PLOT3D  format  were 
required  by  the  LOCATE  code.  The  pressure  coefficient 
comparisons  between  the  experimental  data  and  the 
computational  solution  for  cases  B.2.1  and  B.2.3  were 
made  using  the  LOCATE  post  processor. 

It  should  be  mentioned  that  the  grid  block  interconnect  pre- 


pr<x;essor,  as  described  imder  cases  B.1.1  and  B.1.2,  was 
also  used  as  a  standard  procedure  for  PAB3D  version  10. 
In  addition,  two  intermediate  processing  steps  -  namely, 
grid  size  reduction  during  the  initial  stages  of  the  iterative 
solution  process,  and  solution  expansion  from  a  coarse  grid 
to  a  finer  grid  -  were  also  written  as  standard  software 
packages  to  support  the  PAB3D  code  system.  These  were 
important  elements  in  the  Propulsion  Aerodynamics  Branch 
CFD  working  environment  which  ensured  a  smooth  and 
efficient  process  for  CFD  applications  to  complex  geome¬ 
tries. 

C.2.3  Test  Case  Series  B.3 

C.23.1  Contribution  N 10  (NASA  Langley) 

Grid  Description  -  Grids  were  generated  for  only  the  B,3,l 
(mid  vertical  tail)  and  the  B.3.3  (forward  vertical  taU)  con- 
figttrations,  using  GRIDGEN.  H-0  topologies  were  used, 
and  the  grid  block  interfaces  were  one-to-one.  A  total  of 
1 1  blocks  were  used  to  describe  either  of  the  B.3.1  or  the 
B.3.3  geometries.  The  block  dimensions  and  relative 
positions  were; 


Block 

Circum. 

Grid 

Axial 

Grid 

Norm. 

Grid 

Block  Location 

1 

23 

65 

5 

Upstream  and  nose 

2 

23 

161 

57 

Upstream  and  nose 

3 

15 

161 

61 

Forebody  before  wing 
root 

4 

21 

73 

61 

Above  the  wing 

E 

21 

89 

61 

Below  the  wing 

6 

23 

49 

61 

Between  vertical  tails 

7 

53 

49 

61 

Above  horizontal  tail 

8 

53 

65 

61 

Below  horizontal  tail 

9 

29 

145 

33 

Nozzle  interior 

10 

17 

145 

33 

Plume 

11 

17 

161 

61 

Downstream 

The  grid  contained  approximately  1,500,(X)0  points.  All 
blocks  except  6,  7,  and  8  were  identical  for  both  the  B.3.1 
and  the  B.3.3  grids.  The  wing  surface  positions  in  these 
grids  were. 
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Wing  Surface 

Block 

1 

Range 

J 

Range 

K 

Range 

Wing  Upper 

4 

1-20 

73 

1-50 

Wing  Lower 

5 

1-20 

1 

1-50 

The  tail  surface  positions  for  the  B.3.1  case  (mid- location 
of  the  vertical  taU)  were: 


Tail  Surface 

Block 

1 

Range 

J 

Range 

K 

Range 

Vertical  Inboard 

6 

13-32 

49 

1-40 

Vertical  Outboard 

7 

13-32 

1 

1-40 

Horizontal  Upper 

B 

13-38 

49 

1-40 

Horizontal  Lower 

8 

13-38 

B 

1-40 

The  tail  siuface  positions  for  the  B.3.3  case  (forward 
location  of  the  vertical  tail)  were: 


Tail  Surface 

Block 

1 

Range 

J 

Range 

K 

Range 

Vertical  Inboard 

6 

6-29 

49 

1-40 

Vertical  Outboard 

7 

5-29 

1 

1-40 

Horizontal  Upper 

7 

13-38 

49 

1-40 

Horizontal  Lower 

8 

13-38 

1 

1-40 

For  the  initial  part  of  computations,  a  coarse  grid  contain¬ 
ing  only  one-fourth  of  the  total  grid  points  was  tised  to 
save  computer  time  and  memory  dming  execution.  Once 
a  converged  coarse-grid  solution  was  obtained,  the  restart 
file  was  expanded  to  the  full  grid  size  for  final  computa¬ 
tions. 

Flow  Solver  Description  -  A  grid  connectivity  pre-proces¬ 
sor  was  used  for  the  PAB3D  code.  In  this  pre  processor, 
patched  block  interfaces,  if  any,  were  treated  in  the  same 
manner  as  the  block  interfaces  with  one-to-one  cell  corre¬ 
spondences.  CeU-to-cell  level  interface  data  base  tables 
were  generated  by  the  pre -processor.  These  data  tables 
were  read  and  used  by  the  PAB3D  code  at  code  execution 
time. 

The  PAB3D  version  10  code,  developed  in  the  Propulsion 
Aerodjmamics  Branch  at  NASA  Langley  Research  Center, 
was  used  for  these  test  cases.  The  Roe  scheme  solver 
option  in  PAB3D  was  used.  The  Baldwin-Lomax  algebraic 
turbulence  model  was  used  in  blocks  1  and  3,  and  the  k-e 
turbulence  model  was  used  in  the  remaining  nine  blocks. 
In  addition,  laminar  viscosity  was  used  in  the  first  few  grid 
planes  in  block  9  to  initialize  the  k-e  turbulence  variables 
in  the  nozzle  interior  flow  domain.  At  the  freestream 


boundaries,  the  Riemann  characteristics  bomidary  condition 
was  used.  The  extrap<.dation  boundary  condition  was  used 
at  the  outflow  face.  In  the  nozzle  interior,  the  inflow  total 
temperature  and  presstne  were  given  at  the  inflow  face. 


Figme  C-10.  Representative  Residual  Convergence 
History  for  Test  Cases  B.3  (Contribution  NIO) 


A  multi-stage  grid  sequencing  was  used  during  the  compu¬ 
tation.  The  general  grid  sequencing  me.th<xl  in  PAB3D 
allows  independent  sequencing  for  each  block  in  integral 
multiples  in  one  or  more  of  the  I,  J,  and  K  directions. 
Hence,  the  grid  sequencing  scheme  was  tailored  for 
accelerated  convergence  in  different  parts  of  this  configura¬ 
tion. 

For  further  enhancement  of  computational  efficiency,  the 
original  grid  was  cut  to  one-fotufh  of  its  original  size  for 
the  initial  stages  of  grid  sequencing.  The  interface  connec¬ 
tivity  database  and  the  multi-bloirk  input  files  for  PAB3D 
code  execution  were  rewritten  automatically  for  this  smaller 
grid.  Once  a  converged  coarse-grid  solution  was  obtained 
by  using  grid-sequencing  in  the  smaller  grid,  the  restart  file 
was  then  expanded  to  tlie  full  grid  size.  Ihe  computations 
were  then  continued  to  completion.  The  computations 
were  conducted  by  using  a  single  processor  on  the  Cray- 
Y/MP  supercomputer  at  the  NASA  Langley  Research 
Center,  The  core  memory  requirements  for  tlie  smaller  and 
the  full  grid  computations  were  8,000, OtX)  and  32,000,000 
words,  respectively.  Approximately  half  the  computational 
time  was  spent  on  the  smaller  grid.  A  representative 
history  of  residual  convergence  for  this  series  of  test  cases 
is  presented  in  Figure  4. 

The  aerodynamic  performance  computation  is  part  of  the 
PAB3D  code.  When  the  performance  calculation  option  is 
activated  through  the  PAB3D  input  file,  the  force  computa 
tions  were  directed  by  a  small  input  file  specifying  inte¬ 
grated  quantities  to  be  computed  and  tlie  control  siufaces 
in  the  grid.  It  should  be  mentioned  also  that  a  grid  study 


C-12 


for  the  CFD  solution  was  hnplicit  in  tlie  NASA  Langley 
compulations  as  a  result  of  using  grid  sequencing.  It  was 
noted  that  both  grid  resolution  and  grid  quality  had  effects 
on  the  accuracy  of  the  solutions, 

Post-Processor  Description  -  Two  separate  p(»t-processing 
packages  were  used  to  examine  the  converged  solutions 
B.3.1  and  B.3.3. 

A  performance  computation  module,  developed  by  the 
Propulsion  Aenxiynamics  Branch  at  the  NASA  Langley 
Research  Center,  was  incorp<trated  in  the  PAB3D  code  as 
a  standard  option  to  compute  quantities  such  as  thrust, 
normal  forces,  moments,  skin  friction.,  lift,  drag,  and  heat 
transfer.  This  nK^dule  was  dijsigned  to  liandle  multi  stream 
propulsion  system  and  multiple  component  aerodynamic 
configmadons.  The  performance  module  was  recently 
upgraded  to  be  compatible  with  the  grid  sequencing 
procedure  in  tlie  PAB3D  version  10  cijde.  If  the  perfor¬ 
mance  calculations  were  activated  in  parallel  to  the  solver 
iterations,  a  history  of  the  performance  calculations  would 
be  kept.  It  could  be  used  as  monitoring  criteria  for  solu¬ 
tion  convergence.  For  the  present  set  of  calculations,  the 
perfonnance  module  was  activated  as  a  one-time  event  after 
the  converged  solutions  were  obtained.  In  either  case,  the 
performance  calculations  were  directed  by  a  small  input  file 
containing  locations  for  the  contri-il  surfaces  in  the  grid  and 
specifications  of  the  integrated  quantities  to  be  computed. 

A  software  package,  "LOCATE,"  was  used  for  selecting 
point-wise  flow  quantities  from  the  CFD  solution.  Tliis 
package  was  developed  by  the  Propulsion  Aerodynamics 
Branch  at  NASA  Langley  Research  Center.  It  was  de¬ 
signed  to  attain  a  high  level  of  spatial  resolution  such  that 
quantities  such  as  boimdarj'  layer  profiles  above  curved 
surfaces  can  be  extracted  from  grid  and  solution  files. 
Points  can  be  located  on  either  two-dimensional  block 
faces  or  three-dimensional  grid  volumes.  User  input 
requirements  were  simple,  flexible,  and  almost  grid  inde¬ 
pendent.  Grid  and  solution  files  in  PLOT3D  format  were 
required  by  the  LOCATE  code.  Tlie  pressure  coefficient 
comparisons  between  the  experimental  data  and  the 
computational  .solution  for  cases  B.3.1  and  B.3.3  were 
made  using  the  LOCATE  post-processor.  Since  the 
pressure  tap  positions  and  the  grid  topologies  were  the 
same  for  these  two  configurations,  only  one  set  of  user 
input  files  was  needed  for  both  the  B.3.1  and  B.3.3  cases. 

It  should  be  mentioned  that  the  grid  block  intercoimect  pre¬ 
processor,  as  described  under  case,s  B.1.1  and  B.  1.2,  was 
also  used  as  a  standard  procedure  for  PAB3D  version  10. 
In  addidoE,  two  intermediate  processing  steps  -  namely, 
grid  size  reduction  during  the  inidal  stages  of  the  iteradve 
soludon  process,  and  solution  expansion  from  a  coarse  grid 
to  a  finer  grid  -  were  also  written  as  standard  software 
packages  to  support  the  PAB3D  code  system.  These  were 
important  elements  in  the  Propulsion  Aerodynamics  Branch 


CFD  working  environment  which  ensured  a  smrxith  and 
efficient  process  for  CFD  applicadons  to  complex  geome¬ 
tries. 

C.2.4  Test  Case  Series  B.4 

C. 2.4.1  Contribution  N02  (Rolls-Royce  ANSE) 

One  grid  block  68x29x63  was  used.  30  radial  points  were 
used  in  both  the  core  and  external  regions.  39  axial  points 
were  used  on  the  external  wall  and  30  axial  points  were 
used  on  the  inside  wall.  The  surface  grid  for  the  external 
and  internal  nozzle  surfaces  is  illustrated  in  Figure  .S;  the 
full-domain  external  grid  is  seen  in  Figure  6. 

Axial  region  grid  spacing  was  tailored  to  match  the 
external  flow  with  clustering  around  the  external  wall 
shape  discontinuities.  This  gave  rise  to  sparse,  grid  spacing 
in  the.  core  region  adjacent  to  the  nozzle  throat.  Widi  such 
a  grid  it  was  not  expected  to  model  the  internal  nozzle 
flow  well.  The  extent  to  which  this  affects  the  ability  to 
model  the  external  flow  to  any  useful  level  of  accuracy  is 
a  contendous  point  which  may  be  illuminated  by  compari¬ 
son  of  the  results  of  this  solution  with  others  where  larger 
grids  have  been  use^  to  fully  resolve  the  internal  and 
external  flow  features. 


Figure  C- 1 1 .  External  and  Internal  Surface  Grids  for 
Case  B.4  (Contribution  N02) 
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The  ANSE  flow  solver  was  used,  with,  tlie  Cebeci- Smith 
and  k-e  turbulence  models.  Solutions  were  executed  on  the 
Cray-Y/MP  in  9  hours,  and  on  the  Silicon  Graphics  Indigo 
workstation  in  6  days.  Solutions  were  run  for  12,000 
iterations,  but  they  were  converged  in  8,000  iterations. 
Eleven  million  words  of  menior>'  were  used.  Convergence 
was  established  by  monitoring  the  maximum  change  and 
the  RMS  error  for  the  variables.  When  the  RMS  change 
appeared  to  level  off,  the  case  was  considered  converged. 

Little  difference  is  seen  between  the  pressure  distributions 
produced  by  the  k-e  and  Cebeci- Smith  hnbulence  models 
for  either  of  the  two  test  cases  (B.4.1  and  B.4.2).  What 
difference  there  is  translates  into  a  pressure  drag  delta 
approaching  10%  in  the  case  of  the  higher  Mach  number, 
partially  separated  flow.  However,  in  the  case  of  the  lower 
Mach  number,  fully  attached  case  (B.4.1),  differences  along 
the  txxiy  compensate,  to  yield  exactly  the  same  drag. 


Figure  C-12.  External  Computational  Domain  for  Case 
B.4  (Contribution  N02) 


Unfortimately,  no  experimental  force  data  are  available  for 
comparison. 


C.2.4.2  Contribution  M03  (SNFGMA,  CANARI) 

Grid  Description  The  grid  was  generated  in  three  blocks; 

Block  1  -  interior  of  the  nozzle  and  the  plume,  sized 
200x30x49  with  90x30x49  for  the  phune. 

Block  2  -  exterior  of  the  nozzle  and  the  plume,  sized 
1 86x40x49,  with  90x40x49  for  the  plume,  and, 


Block  3  -  large  outer  domain,  20x10x15. 

A  point-match  interface  was  used  between  blocks  1  and  2, 
and  a  non-point-match  interface  was  employed  between 
blocks  2  and  3.  Mesh  orthogonality  has  been  imposed  on 
the  walls. 


Figtue  C  13.  Computational  Grid 
Case  B.4.X.  Contribution  NOS 


Flow  Solution  Description  -  The  code  CANARI  was  used, 
with  the  Baldwin-Lomax  turbulence  m<3del.  Solutions  were 
executed  on  a  Cray-Y/MP.  These  solutions  required  40 
hours  for  case  B.4.1,  and  60  hours  for  case  B.4.2. 

Evaliiatiop  -  An  Euler/thin-layer  calculation  on  the 
forebody  has  been  carried  out  for  the  B.4.2  case,  to  predict 
the  shape  of  the  thin-layer  in  due  entry  plane  of  the  after¬ 
body  Navier- Stokes  calculation. 


C.2.4.3  Contributions  E04  and  N04  (USAF  WL/HM, 
COBALT) 

Grid  Descriptioii  -  This  contribution  is  based  on  tlie 
unstructured  grid  code,  COBALT.  The  grid  is  a  single¬ 
block,  unstnictured,  hexahedral  mesh  with  764,187  grid 
points  (fine  grid)  and  99,783  points  (coarse  grid).  The  grid 
was  constnicted  from  a  multi  block  structured  grid.  The 
coarse  grid  consisted  of  every  otlier  point  in  all  tliree 
directions  deleted  from  the  fine  grid. 

Flow  Solution  Description  The.  COBALT  code  was  run 
with  the  Baldwin-Barth  ttirbulence  mode).  Solutions  were 
executexl  on  a  Cray-Y/MP,  and  a  Cray  C-90.  On  tlie  C-90 
computer,  the  coarse  grid  required  20  CPU  hours,  and  the 
fine  grid  required  an  additional  25  CPU  hours.  The  fine 
grid  solutions  were  started  from  interpolated  coarse  grid 
solutions. 

The  procedure  for  coarse  grid  .solutions  was  as  follows; 

1)  Rim  first-order  Euler  for  25,0(X>  iterations. 

2)  Rim  turbulent  first-order  Navier-Stokes  for  25,000 

iterations. 

3)  Rim  turbulent  second-order  Navier-Stokes  until  conver- 
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geace  (approximately  15, (KK)  iterations). 

These  converged  solutions  were  then  interpolated  to  the 
fine  grid  and  used  as  a  starting  point  for  die,  fine  grid 
solutions.  Fine  grid  solutions  were  then  run  turbulent 
second-order  Navier- Stokes  until  convergence.  The 
computer  memory  requirement  was  18.5  M  Words  on  the 
coarse  grid,  and  134.6  M  Words  on  the  fine  grid. 

Convergence  was  established  by  monitoring  the  average  y* 
for  wall  cells,  drag  on  the  afterbody,  and  munber  of  cells 
with  supersonic  flow.  The  computation  was  stopped  when 
the  average  y*  had  been  constant  to  fom  decimal  places  for 
200  iterations,  drag  had  been  constant  within  2  counts  for 
100  iterations,  and  the  number  of  supersonic  cells  had  been 
constant  within  0.01  %  for  200  iterations. 

By  the.  nature  of  this  approach  (converge  on  a  coarse  grid, 
then  interpolate  and  converge  again  on  a  fine  grid),  a 
comparison  of  solutions  on  two  grid  densities  was  a  by¬ 
product  of  every  solution.  The  fine  grid  solutions,  in 
general,  more  closely  matched  experimental  data  than  did 
corresponding  coarse  grid  solutions. 

Values  of  average  y*  for  all  solutions  are  presented  in  the 
table  below.  The  average  y-r  values  for  both  the  coarse 
and  fine  grid  solutions  exceed  the  desired  threshold  values. 
For  both  of  the  test  cases  the  increased  accuracy  for  the 
fine  grid  solutions  can  be  attributed  to  the  increase  in  axial 
grid  density. 


Test  Case 

Threshold 
Average  y'^ 

Coarse  Grid 
Average  y* 

Fine  Grid 
Average  y* 

B.4.1 

6.0 

21.85 

12.16 

B.4.2 

6.0 

18,25 

9.95 

From  the  plots  of  Pitot  pressure  in  the  freestream/jet 
flowfield,  it  can  be  seen  that  the  jet  plume  is  not  accurately 
modeled  except  in  the  region  at  the  nozzle  exit  (x/L=1.0). 
It  was  the  objective  of  this  organization  to  accurately 
predict  the  model  surface  pressme  and  drag  cliaracteristics, 
and  tlierefore  n^omces  (grid  points  and  therefore  computer 
memory)  were  concentrated  to  accurately  model  the  nozzle 
and  aftb<x1y  geometry. 

C.2.4.4  Contribution  EOS  (Dassault,  EUGENIE) 

Unstnic. Cured  grids  used  in  the  solution  of  Cases  B.4.1  and 
B.4.2,  based  on  Method  £05,  are  presented  in  Figme  C-14, 
C-15,  and  CT6. 


Figure  C-14.  Unstructured  Grid  for  Cases  B.4.1  and 
B.4.1  (Contribution  E05) 


Figure  C  16.  Unstructured  Grid  for  Cases  B.4.1  and 
B.4.2  (Contribution  £05) 


C. 2.4.5  Contribution  NIO  (NASA  Langley  Rejsearch 
Center) 

Grid  Generation  Description  NASA  Langley  Research 
Center  used  a  cylindrical  grid  whose  axis  coincided  with 
the  model  axis  to  compute  test  cases  B.4.1  and  B.4.2.  To 
minimize  computer  resomces,  symmetrical  flow  was 
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assumed  about  the  vertical  plane  containing  the  model  axis; 
hence,  the  computational  domain  is  composed  of  only  one 
half  of  the  cylinder.  The  inflow  boundary  is  one  model 
length  (approximately  20  model  radii)  upstream  from  the 
model  nose,  while  the  outflow  boundary  is  approximately 
30  model  radii  from  the  model  surface. 


Figure  C-17.  Grid  Layout  for  Cases  B.4.1  and  B.4.2 
(Contribution  NIO) 

Grid  blocks  are  separated  for  clarity 


Figxire  C-18.  Afterbody  and  Nozzle  Grid  for  Cases  B.4.1 
and  B.4.2  (Contribution  NIO) 


The  computational  grid  was  generated  using  GRIDGEN 
(version  8).  The  grid  is  body-fitted  (grid  lines  coincide 
with  the  model  surface  and  other  boimdaries)  to  facilitate 
implementation  of  boundary  conditions.  The  grid  is 
composed  of  four  blocks  with  point-to-point  connectivity 
between  the  blocks.  Each  block  used  an  H-O  topology. 
The  mesh  density  for  each  block  is  given  in  the  following 
table: 


Block 

Location 

I 

Dim. 

J 

Dim. 

K 

Dim. 

1 

Upstream 

25 

63 

77 

2 

Model  External 

113 

53 

77 

3 

Downstream 

57 

53 

153 

3(a) 

Downstream 

81 

53 

153 

4 

Nozzle  Internal 

89 

53 

49 

Where, 

I  is  the  streamwise  direction; 

J  is  the  circumferential  direction,  and, 

K  is  the  radial  direction. 

Block  3(a)  is  a  substitute  for  block  3  with  a  modified  grid 
distribution  and  density.  Block  3(a)  was  tested  in  order  to 
improve  the  agreement  between  the  computations  and  die 
data  in  the  downstream  part  of  the  jet  plume.  However,  it 
had  a  negligible  effect  on  tlie  results.  The  results  presented 
at  Mj,=().60  were  computed  with  block  3(a)  substituted  for 
bl(X-.k  3.  In  order  for  the  grid  spacing  to  vary'  smoothly  at 
the  blocik  mterfaces,  the  cell  dimensions  normal  to  the 
block  interfaces  were  equal  for  opposing  cells  on  each  side 
of  the  interface. 

Grid  lines  are  clustered  near  the  body  surface,  on  tlie  after¬ 
body,  near  the  nozzle  exit,  and  at  the  nozzle  throat.  Tliey 
are  als<t  clustered  in  the  circumferential  direction  near  the 
comers  of  the  afterbody.  The  small  base  at  the  nozzJe  exit 
is  modeled.  It  has  29  grid  points  distributed  along  its 
height.  The  axial  spacing  of  die  grid  at  the  nozzle  exit  is 
20%  of  die  base  height.  Grid  cells  next  to  die  model 
surface  had  a  dimension  normal  to  the  surface  of  0.000300 
inches  on  the  external  surface,  and  0.000225  inches  on  the 
internal  nozzle  surface. 

Flow  Solutkui  Description  -  The  NASA  Langley  solutions 
were  obtained  with  the  multiple-block  version  of  the 
Navier-Stokes  code  PAB3D  (Ref.  C  l).  In  PAB3D,  the 
three-dimensional,  time  dependent,  Reynolds -averaged 
Navier-Stokes  equations  are  normalized  and  written  in 
strong  conseix'adon  form  for  a  Cartesian  coordinate  system 
(x,y,z).  Body  forces  are  neglected.  The  relations  between 
the  energy,  pressure,  and  enthalpy  for  an  ideal  gas  com¬ 
plete  the  system  of  equations.  Ihe  code  allows  for  laminar 
viscous  dissipation  in  all  diree.  directions.  Turbulent 
viscous  dissipation  can  be  modeled  in  two  directions, 
however  die  two  turlralent  terms  cannot  be  coupled  at  the 
present  time. 

PAB3D  employs  the  finite  volume  principle  where  the 
spatial  derivatives  in  the  equadons  are  evaluated  as 
conservative  flux  balances  across  die  grid  cells.  The  fluxes 
at  the  cell  interfaces  are  determined  with  Roe's  upwind- 
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biased  flux  difference  splitting  combined  with  tlie  min- mod 
gradient  liiniting  procedure  to  ensure  monotonicity  across 
discontinuities  such  as  shock  waves.  The  scheme  is 
spatially  third-order  accurate. 

'lire  time-difference  algorithm  used  in  the  computational 
procedure  is  an.  appro.ximately-factored  alternating-direction 
implicit  scheme  in  delta  form.  The  approximate  factor¬ 
ization  is  applied  in  the  two  cross -flow  directions,  while 
the  terms  in  tlie  axial,  or  main  flow,  direction  are  split  and 
added  to  the  two  resulting  factors. 

Tnrbulence  Model  -  Ttirbulence  viscosity  is  modeled  by 
several  formulations  in  the  code.  The  present  solutions 
used  the  standard  Jones- Launder  turbulence  model  (Ref.  C- 
2)  as  modified  by  Hamid  et.  al  (Ref.  C-3).  The  modifita- 
tions  consist  of  extending  the  turbulence  model  to  its  fully 
three- dimensional  form  and  also  writing  it  in  generalized 
coordinates  and  in  a  conservative  form  similar  to  the 
governing  equations. 

Boundary  Conditioas  -  Since  the  free  stream  is  subsonic, 
Riemann  invariants  for  a  one- dimensional  flow  were  used 
to  calculate  the  primitive  flow  variables  p,  u,  v,  w,  and  p 
at  the  computational  domain  inflow  and  far-fiekl  boimd- 
aries. 

Reflection  boundary  conditions  were  imp<3sed  at  the 
symmetry  boundaries  of  the  computational  domain  and  on 
its  centerline.  At  the  outflow  bormdary,  where  the  flow  is 
a  mixture  of  the  jet  exhaust  and  the  free  stream,  all  gradi¬ 
ents  were  set  to  zero  regardless  of  the  free  stream  condi¬ 
tions. 

At  the  jet  inflow  boimdary,  jet  total  pressure,  jet  total 
temperature,  and  flow  angle  were  specified.  Finally,  a  no¬ 
slip  and  an  adiabatic  wall  boundary  condition  were  im¬ 
posed  on  the  body  stuface. 

Boundary  conditions  for  the  ttu-bulence  model  consisted  of 
setting  tlie  turbulent  kinetic  energy  (k)  and  the  turbulent 
dissipation  (e)  equal  to  zero  at  the  w'all  boimdaries.  At  the 
syinmetry  and  outflow  boundaries,  the  gradients  of  these 
two  terms  were  set  equal  to  zero. 

At  the  far-field  boundary,  a  characteristic  boimdary  condi¬ 
tion  for  k  and  e  was  used,  similar  to  the  Riemaim-iavariant 
boimdary  condition  for  the  Navier-Stokes  equations. 
However,  the  turbulent  characteristic  condition  contains 
only  one  eigenvector. 

Transition  from  laminar  to  turbulent  flow  for  the  computa 
tions  was  fixed  at  the  third  grid  plane  downstream  of  the 
model  nose  (or  the  nozzle  inflow  station  for  the  internal 
flow).  The  boundary  conditions  for  the  turbulent  quantities 
at  this  tiansifion  plane  were  obtained  in  the  following 
manner.  First,  the  vorticity  was  computed  in  the  two 


preceding  laminar  planes,  and  the  turbulent  kinetic  energy 
(k)  was  scaled  to  the  shape  of  the  vorticity^  profiles.  The 
maximum  value  of  k  was  set  to  1%  of  the  square  of  die 
maximum  vehx'ity  in  the  plane.  The  turbulent  dissipation 
was  then  computed  from  the  relation  f;“f(k,e,u,v,w). 

Computer  Resources  Required  -  The  present  computa¬ 
tions  were  run  on  the  NASA  Langley  Research  Center 
Cray-Y/MP  supercomputer.  On  that  machine,  PAB3D 
required  the  following  resources: 


Mode 

Memory 
(Note  1) 

CPU  Time 
(Note  2) 

Laminar 

15 

33  ijs 

k-e  Turbulence  Model 

20 

44  /js 

Note  1  -  Words  of  memory  per  grid  point 
Note  2  -  CPU  time,  per  grid  point,  per  time  step. 


Solution  Strategy  -  Although  Roe-s  flux-difference  scheme 
is  user!  to  compute  fluxes  for  the  explicit  side  of  the 
equations,  van  Leer's  flux  splitting  scheme  is  used  for  the 
implicit  side.  This  procedtire  enliances  the  robustness  of 
the  code  while  accurately  capturing  discontinuities  with  the 
fewest  number  of  grid  points. 

The  inflow  grid  block  (block  1)  was  run  as  a  laminar  block 
with  the  viscous  dissipation  imp<3sed  only  in  the  radial 
direction.  Blocks  2,  3,  and  4  were  run  as  turbulent  blocks 
with  turbulent  dissipation  modeled  by  the  modified  Jones- 
Launder  k-e  turbulence  model.  For  blocks  2  and  4,  the 
thin-layer  assumption,  which  only  retains  tlie  viscous  terms 
normal  to  the  surface  of  the  model  (the  K  direction)  was 
made.  In  tlie  plume  (blot'k  3),  in  addition  to  imposing  the 
viscous  terms  only  in  the  radial  direction,  a  computation 
was  made  in  which  viscosity'  was  calculated  in  both  the 
radial  and  circumferential  directions  (the  K  and  J  direc¬ 
tions).  The  two  computations  gave  essentially  the  same 
results. 
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Figure  C-19.  Residual  Convergence  History  for  Case 
B.4.2  (Contribution  NIO) 


In  the  present  computations,  a  grid  sequencing  strategy  was 
followed  to  further  enhance  the  convergence.  The  solution 
was  run  on  the  coarsest  grids  almost  8,000  time  steps  for 
the  turbulence  to  develop  before  proceeding  to  tlie  finer 
grids.  The  complete  solution  for  test  case  B.4.2  took  a 
total  of  37  hours  on  the  NASA  I^ngley  Research  Center 
Cray  -Y/MP  supercomputer. 

Post-Processing  Description  -  In  post  processing  the 
solutions,  a  utility  code  was  written  to  integrate  the 
pressure-area  terms  for  afterbody  drag.  When  comparing 
the  solutions  to  the  experimental  data,  the  solutions  were 
interpolated  to  the  geometrical  coordinates  of  the  experi¬ 
mental  data.  The  interpolation  was  done  with  an  impub- 
lished  code  written  by  Jamshid  S.  Abolhassani  of  the 
GEOLAB  at  NASA  Langley  Research  Center.  Plotting  was 
done  with  TECPLOT  Version  6  and  FAST  Version  1.1. 


C.2.4.6  Contribution  Ell  and  Nil  (DRA/ARA,  SAUNA 
Code) 

The  case  of  the  rectangular  jet  geometry  (test  case  B.4)  has 
been  studied  for  the  two  freestream  Mach  numbers  of  0.60 
and  0.938  (cases  B.4.1  and  B.4.2  respectively).  The 
Structured  and  Unstructured  Numerical  Analysis  (SAUNA) 
package  has  been  used  for  this  study.  SAUNA  has  been 
imder  development  at  ARA  for  several  years  under  funding 
from  the  Defence  Research  Agency  who  are  currently  the 
main  users  of  the  facility.  It  is  an  extension  of  the  3-D 
structured  grid  multi-bhrck  approach  pioneereri  at  ARA  in 
the  early  1980's.  At  present  the  SAUNA  package  is 
primarily  used  for  modeling  complex  configurations  with 
the  Euler  equations  on  mixed  structtued  and  unstructured 
"hybrid"  grids.  A  further  facility  (to  be  released  in  April 
1994)  allows  for  the  zonal  solution  of  the  Navier  Stokes 
equations  within  selected  stmctiued  grid  blocks.  A  pre 


release  version  of  this  latter  prccedtue  has  been  used  in  this 
study  using  whoUy  structured  grids.  Both  inviscid  and 
viscous  flow  solutions  have  been  contributed,  on  appropri¬ 
ate  grids. 

Geometry  Modeling  -  The  two  test  cases  B.4.1  and  B.4.2 
have  the  body  set  at  nominally  zero  incidence  and  yaw. 
Therefore  the  CFD  representation  of  the  problem  has  used 
the  fact  that  two  symmetry  planes  exist  at  Y=0  and  Z“0  to 
model  just  the  starboard  upper  quarter  of  the  geometry, 
allowing  more  efficient  computer  storage  and  solution 
times.  The  complete  body  has  been  modeled  including  the 
nose  and  the  entirety  of  the  nozzle  so  that  realistic  boimd- 
ary  layers  are  pre.sent  upstream  of  the  critical  flow  regions. 
The  base  area  could  not  be  m(xieled  so  the  trailing  edge 
has  been  reduced  to  zero  tliickness  by  slight  modifications 
to  the  nozzle  geometry.  The  nozxle  effectively  has  8% 
more  cr(3ss- sectional  area  but  all  internal  angles  and  nozzle 
area  ratios  remain  unchanged.  The  throat  was  moved 
upstream,  away  from  the  exit  plane  by  0.17  model  inches 
to  achieve  this. 

Grid  Generation  -  Due  to  the  simplicity  of  the  configi na¬ 
tion  and  the  need  to  model  only  one-quarter  of  the  flow 
field,  a  specific  grid  generation  procedure  not  present  in  the 
SAUNA  system  has  been  used.  This  procedure  uses  the 
algebraic  teclmique  transfinite  interpolation  to  create  grids 
which  are  suitable  for  eitlier  viscous  or  inviscid  flow 
computations.  'Fhe  resulting  "tailor  made"  grids  are 
compatible  with  the  flow  solver  of  SAUNA  and  provide 
grids  with  three  levels  of  density,  which  can  be  used  in 
subsequent  grid  sequencing  and  multigrid  options  of  the 
flow  code.  The  grids  are  globally  polar  and  fill  the  upper 
starboard  quarter  of  the  flowfield.  Within  the  nozzle  and 
jet  a  strictly  polar  topology  does  not  exist  because  an  extra 
series  of  Cartesian  blocks  liave  been  included  at  die  model 
axis.  This  type  of  bltxk  arrangement  has  been  found  to  be 
more  robust  for  jet  flow  solutions.  Each  grid  is  initially 
generated  with  33  blocks  but  these  are  combined  to  form 
"macro -blocks"  for  more  efficient  use  of  vectorization  in 
the  flow  solver.  The  number  of  points  in  the  finest  Euler 
grid  is  220,000  and  in  the  finest  Navier-Stokes  grid  it  is 
340,000.  In  the  Navier-Stokes  grid  the  first  points  from  the 
solid  boundaries  are  set  at  a  constant  0.000830  model 
inches  from  die  surflice. 

ElRW._Splutipn  -  The  foUowing  code  features  are  common 
to  both  the  Eider  and  Navier-Stokes  capabilities  of  the 
SAUNA  flow  solver  and  have  been  used  here. 

•  Vertex  storage. 

•  Jameson  style  artificial  dissipation  and  enhancements. 

•  Explicit  Rimge-Kutta  time  matching  and  local  time 
stepping. 
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•  Multiple  boundary'  coaditiou  types,  e.g.,  jet  inflow  and 
outflow,  freestream  Riemann  invariants,  Rudy-Strik- 
werda  characteristic  outflow,  reflection,  etc. 

•  Grid  sequencing  and  muldgrid. 

•  Convergence  monitoring  by  continuity  equation  resid¬ 
ual  or  total  forces. 

Enlcr  Sohitions  -  The  blocks  were  combined  mt(5  three 
macro-blo4;ks  (one  for  the  external  flow  and  two  for  the 
nozzle  and  jet  flow)  for  the  solution  of  the  Euler  equations. 
All  three  grid  levels  were  used  in  the  multigrid  facility  and 
the  number  of  time  steps  completed  were  KX),  200,  and 
300  on  the  coarse,  medium,  and  fine  grid  levels  respec 
lively.  Enthalpy  damping  was  switched  off  (due  to  the 
slight  difference  between  the  nozzle  and  the  external  flow 
total  enthalpy)  but  all  other  nm  parameters  were  kept  to 
their  default  valms.  Each  flow  run  tcwak  7300  seconds  of 
CPU  time  on  a  Cray~2  computer  and  convergence  was 
achieved  in  each  case. 

Navier-Stokes  Soiutions  -  The  N a vier  Stokes  apiations 
were  only  solved  witliin  regions  next  to  solid  surfaces  and 
downstream  of  the  trailing  edge.  Eight  macro-blocks  were 
required,  three  of  which  define  the  zones  for  the  solution 
of  the  viscous  equations.  The  Baldwin  Lomax  tiubulence 
model  has  been  used  with  nicdifications  from  die  estab¬ 
lished  procedure  for  the  mficro-bl<Kk  containing  the  wake 
region.  The  procedure  for  getting  convergence  was  more 
complicated  than  for  the  Euler  eqttations  alone  and  was 
arrived  at  through  nimterir,al  experiment.  The  coarsest  grid 
level  was  not  used  and  lire  .solution  started  with  the 
calculation  of  laminar  flow  on  the  medium  grid  level  (3(X) 
steps).  A  few  time  steps  were  then  completed  on  the  finest 
grid  level,  agaiti  calculating  just  for  huninar  flow.  The 
procedure  was  completed  on  the  finest  grid  by  nmniitg  with 
the  Baldwm-Ix)max  turbulence  motlel  and  using  two 
multigrid  levels  (700  steps  for  M--0.6  and  1,0.50  steps  for 
M-0.938).  Convergence  was  judged  to  have  been  acliieved 
oEi:e  a  drop  in  the  density  residual  of  three  orders  of 
magnitude  on  the  finest  grid  level  had  been  reached. 
Entlialpy  damping  was  used  in  the  initial  stages  of  conver 
gence  to  achieve  stabilit)'.  Run  times  were  in  the  order  of 
30  secomls  per  step  on  the  finest  grid  level,  using  the  Cray- 
2,  yielding  total  nm  times  of  about  10  hours.  The  maxi¬ 
mum  computer  storage  necessary  when  running  the  flow 
solver  was  17.5  MWords. 


C.2.4.7  Contribution  N1 2  (Lockheed,  TEAM) 

Grid  Description  -  The  surface  grids  were  developed  using 
the  Interactive  Graphical  Grid  Generation  (I3G)  program 
(Ref.  C-4).  Within  I3G,  the  domain  was  split  into  three 
separate  zones.  The  six  faces  of  each  hexahedral  zone 
were  generated  in  I3G  and  output  for  vohmie  mesh  genera¬ 


tion.  Volume  mesh  generation  was  completed  using  the 
PLUT03D  code.  The  initial  volume,  mesh  was  calculated 
using  trans-finite  iaterprdation  (TFI)  with  Laplacian 
smoothing  invoked  as  required.  Due  to  geometric  symme¬ 
try,  only  a  single  quadrant  of  the  nozzle  was  modeled.  The 
final  CFD  grid  contained  194,695  nodal  points. 

To  minimize  computer  resources,  the  computational  grid 
did  not  include  the  entire  63.04-mch  model.  The  external 
computational  grid  began  at  fuselage  station  26.50  inches. 
This  is  the  beginning  of  the  constant  cross-sectional  area 
extending  to  the  nozzle  connect  station.  The  internal 
computational  grid  began  at  fuselage  station  52.87  inches. 
This  is  the  beginning  of  the  rectangular  cross  section. 

The  grid  block  stmcfure  is  presented  in  Figure  10  at  the 
vertical  plane  of  symmetry.  The  flowfield  domain  contains 
three  blocks.  Block  1  is  the  internal  region  of  the  nozzle. 
It  is  an  H-grid  tliat  also  extends  dowTistream  for  the  full 
length  of  the  flowfield.  Block  2  is  the  external  region  of 
the  nozzle.  It  is  an  0-grid  tliat  also  extends  downstre.am 
for  the.  full  length  of  the  flowfield.  Block  3  begins  at  the 
nozzle  aft  end  and  joins  bh^cks  1  and  2.  It  is  an  O-grid 
and  is  referred  to  as  the  "lip  zone." 


(Contribution  NI2) 

The  grid  dimensions,  alxvut  one-quarter  of  the  model,  are; 


Block 

Axial 

Size 

Circum, 

Size 

Radial 

Size 

1 

122 

31 

31 

2 

122 

16 

16 

3 

71 

31 

21 

The  nozzle  geometry  is  defined  by  the  first  52  axial  planes 
of  Blocks  1  and  2.  All  block  interfaces  used  point-to-point 
matcliing  to  eliminate  interpolation  as  a  potential  source  of 
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error  in  the  flow  solution.  The.  flowfield  points  were 
clustered  toward  the  nozzle  surface  and  the  surface  grid 
points  were  clustered  toward  the  nozzle  exit  plane.  Tlie 
grid  density  near  the  surface  normal  were  appropriately 
clustered  to  keep  the  non-dunensional  wall  coordinate  y* 
near  0.3. 

Flow  Solution  Description  Flowfield  analyses  were 
performed  using  the  TEAM  ccade  to  calculate  tlie  viscous 
flowfield  about  the  nozzle  boattail.  Flowfield  calculations 
were  performed  for  Case  B.4.1  (freestream  Mach  munber 
0.6).  The  nozzle  entrance  plane  was  modeled  with  a 
boundary  condition  imposuig  an  NPR  of  4.0,  an  exhaust 
temperature  ratio  of  0.987,  and  Mach  number  of  0.35. 

The  calculations  were  performed  on  Ixickheed's  Cray  Y- 
MP/8I  stipercomputer.  The  solution  converged  after  30,000 
iterations  utilizing  16.4  hours  of  Cray  CPU  time,  and 
requiring  9.8  M  Words  of  memory.  Criteria  used  to 
determine  convergence  included  the  relative  change  in  time 
of  the  number  of  supersonic  points,  the  values  of  integrated 
force  and  moment  quantities,  the  average  residual  of  the 
calculation,  and  tlie  l<x:al  pressure  distribution.  Figure  II 
presents  the  convergence  history  for  botli  the  average 
residual  and  the  munber  of  supersonic  points. 


Figure  C-21.  Convergence  History 
(Contribution  N12) 


For  the  present  computiUions,  the  four-stage  time-stepping 
scheme  was  invoked  with  a  modified  adaptive  dissipation 
scheme.  The  Reynolds  nmnber  was  17.3x10'^  (based  on 
model  length  from  the  nose  to  the  nozzJe  exit)  and  the 
turbulent  Prandtl  number  was  0.90.  No  initial  external 
nozzle  boundary  layer  thickness  was  specified.  Therefore, 
boundary  layer  growth  from  the  nose  to  fuselage  station 
26.50  inches  was  not  included. 

The  application  of  the  TEAM  code  to  this  B.4.1  test  case 
has  reinforced  prior  studies  on  die  inadequacy  of  the 
Baldwin- Lomax  algebraic  turbulence  model  to  properly 
predict  jet  w'ake/mixing  entrainment  phenomena.  Improved 
turbulence  models  are  required  for  exhaust  flowfields. 


Recent  studies  have  shown  significant  improvements  in 
plmne  predictions  using  two-equation  k-e  models  witli 
compressibility  corrections.  Additionally,  l.akashmanan 
(Ref.  C-5). 

Efforts  are  currently  undenvay  at  LASC  to  incorporate  a 
two  equation  turbulence  model  into  tlie  TEAM  code.  ITie 
Chien  low  Reynolds  number  m<xlel  lias  been  incorporated, 
and  gives  good  results  in  wall-bounded  flows.  It  will  next 
be  extended  to  wake  flowfields,  after  which  this  ca.se  will 
be  revisited.  TTie  lack  of  wake  spreading  across  the  wake 
block  interface  will  also  be  investigated,  beginning  with  a 
new  grid  topology. 

Additional  modeling  of  the  internal  nozzle  is  required  to 
accurately  capture  the  flowfield  immediately  downstream 
of  the  nozzle  exit.  The  non-uniformity  of  the  experimental 
total  pressure  field  indiiates  a  disturbance  has  been  caused 
in  tlie  mtemal  nozzle  due  to  either  geometry'  or  the  quality 
of  air  delivered  to  the  nozzle  enhance.  If  tlie  cause  of  this 
disturbance  was  known  prior  to  grid  generation,  more 
attention  could  have  been  paid  to  how  the  air  was  delivered 
to  the  nozzle,  internal  shapes  (model  hardw'are  versus  die 
provided  definition),  and  comer  radii. 

Properly  predicting  the  aftbody  boundary  layer  characteris- 
tic.s  is  required  to  match  the  pressure  distributions  and 
entrainment  of  the  problem.  Modeling  the  entire  boattail 
problem  from  nose  to  nozzle  exit  witli  the  proper  transition 
location  is  necessary  to  obtain  a  good  solution. 


C.2.4.H  Contribution  N16  (USAF/NASA  Lewis,  NPARC) 

Grid  Description  -  Computational  grids  were  provided  by 
McDonnell  Douglas.  Therefore,  the  grids  were  the  same  as 
were  used  in  Contribution  N09,  except  in  the  following 
elements.  Because  the  NPARC  code  requires  grid  blocks 
that  overlap  at  block  interfaces,  the  grids  were  modified 
with  the  I3G  interactive  grid  generator  developed  by  the 
US  Air  Force  at  Wright- Patterson  Air  Force  Base.  I3G  was 
used  to  add  an  additional  grid  plane  at  each  interface  to 
create  the  required  overlaps.  For  the  B.4  configuration,  six 
overlap  planes  were  added.  The  grid  contained  831,105 
grid  points  divided  into  seven  grid  blocks.  Ihe  largest 
concentration  of  grid  ijoints  was  located  in  the  vicinity  of 
the  nozzle  afterbody. 

Flow  Solution  Descrii)tk>n  -  The  test  cases  were  run  with 
NPARC  on  the  Cray-Y/MP  at  NASA  Lewis  Research 
Center.  A  total  of  30,000  iterations  were  required  for 
convergence  in  each  case.  For  the  B.4. 2  case,  approxi¬ 
mately  1 80  CPU  hours  were  required  to  obta.m  a  converged 
solution  from  uniform  initial  conditions.  Ihe  grid  blocks 
containing  the  internal  nozzle  flow  converged  rapidly  and 
were  subsequently  turned  off  to  save  CPU  time.  An 
oscillatory  behavior  w'as  otiserved  in  the  pressure  coeffi- 
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cient  of  Row  1  on  tlie  boattail  near  the  separated  flow 
region.  TTn?.  magnitude  of  the  oscillation  slowly  damped 
out.  Internal  nozzle  mass  flow  and  L2  residual  were 
monitored  to  determine  convergence.  A  solution  was 
considered  to  be  converged  when  the  difference  between 
the  minimum  and  maximunr  piressure  coefficient  at  each 
grid  point  was  within  one  percent  of  the  average  pressure 
coefficient. 

Assessment  -  For  the  B.4  cases,  the  location  of  the  mini- 
immi  pressure  obtained  with  the  Chien  k-e  and  the 
Baldwin-Barth  turbulence  models  agree  well  with  the 
experimental  data.  In  the  separated  flow  region,  neither 
model  agrees  very  well  with  the  expf-'rimental  pressure 
distribution,  with  the  Baldwin- Bartli  model  providing 
somewhat  closer  agreement.  The  internal  pressure  distribu 
tions  calculated  with  the  Chien  k-e  and  the  Baldwin  Barth 
models  are  ter)’  similar,  and  provide  relatively  gwxi 
agreement  with  die  experimental  data  along  the  boattail 
just  before  the  afterbody  shock. 

C.3  Post-Processing  Techniques 

C.3.I  Contribution  N04  (USAF  WL,  COBALT) 

Pressure  Drag  -  The  pressure  acting  on  any  given  bound¬ 
ary'  cell  face  centroid  is  known.  This  face  centroid  pressure 
is  taken  to  be  the  average  pressiue  acting  over  the  bound¬ 
ary  cell  face.  Pressure  drag  is  then  determined  by  multi¬ 
plying  the  cell  face  area  normal  to  the  drag  direction  by  the 
average  face  pressiue  and  summing  over  the  cell  faces  on 
the  boundary  of  interest. 

Skin  Friction  Drag  -  The  normal  derivative  of  velocity  at 
each  boundary'  face  centroid  is  known  to  second  order 
accuracy.  As  widi  pressiue,  the  velocity  derivative  at  the 
face  centroid  is  taken  to  be  the  average  value  for  the  cell 
face.  Friction  force  for  the  cell  is  then  determined  by 
multiplying  the  cell  face  siuface  area  by  the  average 
velocity  derivative  times  the  coefficient  of  viscosity. 
Friction  drag  is  determined  by  taking  the  component  of 
friction  force  in  the  drag  direction  for  each  cell  face  and 
summing  over  the  cell  faces  of  the  boundary  of  interest. 

C.5.2  Contribution  NIO  (NASA  Imigley  Research  Center, 
PAB3D) 

A  performance  computation  module,  developed  by  the 
Propulsion  Aerodynamics  Branch  at  the  Langley  Research 
Center,  was  incorporated  in  the  PAB3D  code  as  a  standard 
option  to  compiute  quantities  such  as  thrust,  normal  and 
side  forces,  three  components  of  moments,  skin  friction, 
and  heat  transfer.  High  level  capabilities  for  specialized 
applications  such  as  multi-stream  nozzle  and  internal  mixer 
configurations  were  included  as  part  of  the  performance 


module.  Mass  flux  is  computed  by  integrations  over  one 
or  more  cross  sections  in  the  flow  path. 

Force  and  moment  calculations  are  conducted  through  a 
combination  of  integration  of  pressure  and  skin  friction 
forces  over  solid  surfaces,  and  the  iutegration  of  momen¬ 
tum  flux  and  pressure  over  flie  flow  through  surface  of  the 
control  volume.  In  cases  of  skin  friction  calculations,  the 
gradients  of  the  local  velocity  in  a  direction  normal  to  the 
wall  and  the  local  viscosity  are  used.  Heat  transfer  is 
computed  in  a  similar  manner  by  using  the  local  tempera¬ 
ture  gradient  and  conductivity. 

These  calculations  can  be  performed  at  intermediate  steps 
throughout  tire  solution  procedure  to  provide  an  integrated 
flow  quantity  convergence  history  in  addition  to  monitoring 
the  computational  residuals  in  the  flow  solution  algorithm. 
For  the  present  set  of  flow  analyses,  the  performani:e 
module  was  activated  as  a  one-time  pr<x;ess  after  die 
numerically  converged  solutions  were  obtained.  The 
performance  calculation  was  directed  by  a  small  input  file 
containing  locations  of  the  control  surfaces  in  the  grid  and 
specifications  for  the  integrated  quantities  to  be  computed. 
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